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FOREWORD 

i us  Symposium  was  primarily  concerned  with  the  fluid  dynamic  aspects  of  predicting 
ciod;  >iamic  loads  on  aircraft  and  their  externa!  stores,  and  in  particular  those  loads  that 
represent  difficult  design  and  operating  problems.  Emphasis  was  on  theoretical  and  semi- 
■n.pirical  methods  for  determining  the  level  and  distribution  of  the  expected  loading,  and  on 
assessing  and  evaluating  the  accuracy  of  the  predicted  values  through  comparison  with  avail- 
able experimental  data  from  windtunnels  or  from  flight  tests. 

Four  sessions  were  conducted.  Experimental  and  Semi-Empirical;  External  Stores  and 
Vortex  Interactions;  Calculation;  Quasi-Steady  Loads;  and  Transient  or  Fluctuating  Loads. 
Following  the  last  session,  a Round  Table  Discussion  was  conducted,  led  by  session  Chairmen 
in  which  all  participants  were  invited  to  comment.  This  is  reported  here. 

The  Fluid  Dynamics  Panel  expresses  its  appreciation  to  the  United  States  National 
Delegates  to  AGARD,  who  were  the  hosts  for  this  Meeting,  and  are  grateful  for  the  provision 
of  tile  facilities  required  to  ensure  a successful  Meeting. 
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EXAMPLE?  Or  LOAD-PREDICTION  DIFFICULTIES 
C.  L.  Bor* 

Hawker  Siddsley  Aviation  Ltd.,  Kingston,  Surrey,  England. 


SUMMARY 

This  paper  diaousses  sob*  aspects  of  load-prediction  techniques  which  still  need  improvement,  in  an 
atteapt  to  oounter-balanoe  the  sucoess  stories  that  are  usually  the  main  subject  of  symposia. 

INTRODUCTION 

It  is  human  nature  to  be  proud  of  one's  positive  achievements,  and  this  pride  has  often  spurred  people 
to  accomplishments  far  beyond  their  nominal  duties.  W*  will  hear  of  some  suoh  feats  in  this  symposium, 
in  relation  to  load  prediction.  So  it  happens  that  we  beoom*  accustomed  to  hear  parades  of  triumphs, 
whioh  may  leave  some  of  us  wondering  if  there  is  any  scop*  left  to  devise  one  more  triumph  (even  a little 
one?)  before  the  field  is  completely  worked  out.  Perhaps  this  paper  may  bring  some  solace  in  this  respect! 

However,  although  vanity  is  a tremendous  incentive  to  worthy  achievements  (and  consequently  it  is  a 
substantial  virtue)  the  engineers  in  charge  of  industrial  enterprises  should  not  regard  glamorous  challenges 
as  the  "raison  d'etre"  of  industry.  Some  glamorous  challenges  may  not  be  worthwhile,  and  some  worthwhile 
challenges  may  not  be  glamorous.  So  it  can  be  useful,  occasionally,  to  consider  afresh  the  "aim  of  the 
game"  and  list  the  more  prominent  difficulties  hindering  econoadci’l  achievement  of  the  aims,  so  that  w*  may 
devise  ways  round  or  through  those  difficulties.  ftiat  is  the  main  aim  of  this  paper.  With  typical  modesty, 
I will  claim  no  responsibility  for  the  troubles  discussed. 

LOAD  PREDICTION 

Reasons 


There  are  basic  Cy  three  reasons  for  predicting  the  loads  on  aircraft. 

1.  Performance  : 

To  design  so  that  the  airaraft  will  carry  its  required  pay  load  over  the  specified  range  in  given  time. 

Few  loads  in  this  category  cause  much  trouble,  and  in  any  case  drag  and  lift  are  topics  best  dealt  with 
in  their  own  right. 

2.  Flying  Qualities  * 

To  ensure  that  the  manoeuvrability  shall  be  satisfactory  at  all  relevant  conditions.  In  this  category 
the  loads  arising  from  undemanded  manoeuvres  (such  as  wing  rocking,  nose  slice  and  other  departures) 
are  difficult  to  predict,  and  fin  loads  can  be  particularly  troublesome. 

3.  Structural  Integrity 

To  ensure  that  the  structure  of  the  airframe  will  stay  intact  until  the  scheduled  servicing.  In  this 
category  trouble  arises  from  problems  of  predicting  the  distribution  of  pressure,  and  the  magnitude  and 
frequency  of  repeated  or  fluctuating  loads. 

Underlying  all  these  technical  objectives  is  the  fundamental  economic  aim  of  producing  an  adequate 
aircraft  at  the  least  cost.  Because  modifications  rapidly  rooket  in  expense  as  the  manufacturing  programme 
prooeeds,  it  generally  follows  that  the  best  stage  to  predict  loads  is  the  earliest. 

DIFFICULT  CASES 

A.  Flying  Qualities 

Most  of  the  problems  in  this  category  arise  from  either  post-buffet  manoeuvxes,  local  boundary-layer 
separations,  from  transient  manoeuvres,  or  from  the  difficulties  of  predicting  fin  loads. 

1 . Post-buffet  manoeuvres 

A»f feting  is  usually  associated  with  fluctuating  separation  of  the  wing  boundary  layer,  over  a 
substantial  area.  The  pressure  fluctuates  end  consequently  fluctuating  forces  are  experienced,  super- 
imposed on  the  time-average  load,  and  thereby  posing  fatigue  problems.  If  the  forces  are  not  symmetrical, 
then  wing  rooking  motions  or  yawing  motions  may  develop,  which  can  generate  nutisymmetrical  tailplane  loads 
and  fin  loads  which,  in  some  cases,  are  not  predictable  even  with  knowledge  of  the  ration  and  the  quasi- 
steady aerodynamic  ooeffioients. 

i 

It  seems  likely  that  the  unsteady  boundary-layer  separations  generate  unsteady  wake  flow  fields  which 
substantially  affect  the  tail  (as  well  as  the  wing).  It  is  know,  that  in  some  cases  (e.g.  refs.  1, 

2,  3)  the  conditions  under  which  rooking  ooourred,  and  the  magnitude  of  the  motion  in  flight , correlated 
with  the  fluctuating  rolling  moments  measured  (at  constant  Mach  number  and  incidence)  on  a wind-tunnel 
model  of  normal  stiffness  (see  figs.  1,  2).  Thus  it  is  clear  that  such  rolling  moments  are  not  a 
consequence  of  the  notion  of  the  aircraft,  bat  must  be  regarded  as  fluctuating  forces  that  cause  the 
motion,  Suoh  eases  have  been  experienced  in  what  would  otherwise  be  the  light-buffet  to  medium-buffet 
band. 


i 
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rolling  moment 
C| 

1)  Pen  occasionally  moves  one  way.  roll  twtch.ng 

2)  Pen  stays  to  one  side:  wing  low 

3)  Pen  oscillates  continuously:  wing  rock 

4)  Narrow  band:  steady  in  roll. 


incidence,  Ct 


Fig.  1.  Interpretation  of  on-line  unsteady 
rolling  moment  charts. 


Fig.  2.  Flight  control  boundaries  as  indicated 

by  wind  tunnel  tests  - confirmed  in  flight. 


On  the  other  hand,  when  the  wing  flow  is  largely  separated  at  high  incidence,  it  is  possible  for 
coupled  rolling  and  yawing  notions  (Dutch  roll)  to  build  up,  which  are  explainable  <n  terms  of  the 
stability  coefficients.  More  research  is  needed  on  the  former  type  of  undemanded  manoeuvre. 

In  some  places  on  the  wing,  the  pressure  fluctuations  due  to  flow  separation  can  cause  major 
fluctuations  in  the  loads  on  such  components  as  flaps  and  ailerons  with  their  actuator  rods,  and  even 
outer  wing  panels  and  rear  spar  reaction  lugs.  The  flap  loads  are  leas  easily  predicted  in  Igss  Q 
familiar  circumstances,  such  as  intermediate  positions  ( on  civil  aircraft)  or  when  lowered  10  or  15 
for  high-speed  manoeuvring  (on  filters).  The  fatigue  damage  is  usually  associated  with  large  numbers 
of  moderate  loads  (which  may  occur  typically  at  frequencies  from  10  to  50  Hertz). 


2.  Manoeuvres  not  readily  predicted  in  number  or  magnitude 


The  number  and  magnitude  of  loads  can  be  specified  plausibly  by  estimating  the  proportions  of 
various  types  of  sortie  expected  - but  the  differences  of  fatigue  load  spectrum  thus  predicted  can  be 
quite  substantial  (fig.  3)-  Even  if  the  spectrum  of  sorties  and  manoeuvres  is  predicted  correctly, 
some  of  the  uncertainties  discussed  previously  still  remain  i fluctuating  loads  during  buffet,  fluctuating 
centre  of  pressure  and  so  on. 


'g'  Reached  or  Exceeded 


relative  fin 
fatigue  damage/hour 


* 

A 4? 

*4  * 


Training 


Fig  3. 


Fig.  4.  Relative  fatigue  damage  to  fin 
according  to  formation  duty 


Normal  force  spectre  for  two  ground-attack  aircraft 
and  two  trainer*. 

However,  there  are  further  problems,  even  for  specified  manoeuvres.  In  rapid  pull-ups,  for  example, 
the  transient  tailplane  load  is  not  well-defined,  and  in  rapid  pull-ups  into  buffet,  it  is  suspected  that 
the  maximum  time-average  load  may  exceed  the  value  given  by  the  downward-curving  lift-curve  (which 
corresponds,  of  oourse,  with  the  established  time-average  load). 


Fin  loads  oan  be  very  uncertain  for  various  reasons.  Since  my  firm  first  started  developing  and 
fitting  fatigue-life  gauges  (**,  5 ) it  has  been  shown  that  different  aircraft  of  given  type  on  ths 

same  aquadron  can  suffer  very  different'  fatigue  loading.  On  the  famous  "Bed  Arrows"  formation  team 
of  Onats,  for  example,  it  was  found- that  the  aircraft  "in  the  box"  of  the  formation  Buffered  much  more 
fatigue  loading  of  the  fin  (fig.  4).  - In  another  case,  it  was  found  that  fatigue  failure  of  a fin  was 
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accurately  explained  by  the  heavy-footed  rudder  control  of  a particular  pilot  l But  it  is  one  matter 
to  explain  a failure  after  it  has  happened,  and  quite  a different  matter  to  predict  the  whole  spectrum 
of  loads  at  the  drawing-board  stage  i Nevertheless , systematic  measuring  of  loads  in  flight  should 
be  part  of  a programme  to  achieve  a better  capability  of  prediction. 

The  difficulties  of  predicting  fin  loads  do  not  end  there,  for  if  the  model  fuselage  is  distorted 
to  accommodate  a sting  mounting,  the  flow  over  the  rear  fuselage  can  be  so  distorted  that  the  measured 
fin  effectiveness  bears  little  rasemblanoe  to  flight  values,  and  rudders  are  rarely  tested  in  the  tunnel. 
Furthermore,  boundary  layer  separations  arising  from  the  fuselage  or  fuselage-mounted  air  Intakes  may 
not  be  representative,  and  any  jet -efflux  effects  may  not  be  represented  properly  on  the  wind-tunnel 
model.  Moreover,  it  was  remarked  earlier  that  in  some  undemanded  wing-rock  manoeuvres,  even  full 
knowledge  of  the  motion  of  the  aircraft  and  the  quasi-steady  derivatives  did  not  afford  an  adequate 
link  between  calculation  and  flight  test. 

B.  Structural  Integrity 

1 . Store  Loads 

We  will  hear  later  on  about  some  fine  and  painstaking  work  on  how  to  predict  the  loads  on  external 
stores,  but  in  the  U.K.  at  present  the  feeling  is  that  any  large  store  of  unusual  shape  needs  specini 
high-speed  wind-tunnel  tests.  Remarkably  large  differences  of  load  have  occurred  for  given  stores  carried 
on  apparently  rather  similar  aircraft  (fig.  5) • How  much  of  these  differences  are  due  to  fundamental 
differences  and  how  much  due  to  details  and  tunnel  techniques  is  open  to  speculation. 


Fig.  S.  Store  load*  for  one  guided  weapon  with  reipecti /»  underwing  pylon, 
on  different  swept-wing  aircraft  M - 0.95 


CY 


\ 
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Similarly,  in  arrays  of  closely-spaced  stores,  the  loads  arising  on  stores  at  different  positions 
can  be  substantially  affected  by  interferences  (fig;  6). 


Sometimes  the  supercritical  flow  that  develops  at  the  back  of  large  stores  under  wings  has  induced 
strong  shock-waves  and  boundary-layer  separations  on  the  lower  surface  of  the  wing,  that  have  caused 
skin  craoking  on  the  ailerons.  The  concave  undersurfaces  now  contemplated  for  wing!)  with  substantial 
rear  loading  may  re-awaken  this  problem. 

In  one  case,  the  nose  of  a twin-store  carrier  bent  in  high-speed  flight,  partly  because  it  deflected 
under  load  and  thus  became  even  more  heavily  loaded. 


M 


2.  Proximity  of  Jets 

Jet  effluxes  passing  c? oie  to  tailplanes  ean  cause  both  stability  changes  and  large  unsteady  forces, 
and  similarly  fins  on  stores  can  be  affected.  If  the  efflux  passes  very  close  to  fuselage  or  other 
skin  panels  it  is  possible  to  get  cracking  of  the  skins  under  the  intense  pressure  fluctuations. 


3.  Panel  or  Bay  Venting 

In  a number  of  circumstances,  the  effective  structural  pressure  loading  depends  on  the  level  of 
pressure  that  pertains  to  the  "back"  of  the  panel  skin.  Often,  that  pressure  arises  as  an  intermediate 
pressure  consequent  upon  all  the  various  leakage  flows  into  and  out  of  the  bay  concerned,  and  clearly  this 
may  be  transient  with  a substantial  time  constant.  It  is  possible  to  provide  a vent  deliberately  placed 
to  minimise  the  loading,  but  the  problem  of  transient  conditions  remains.  Next,  a major  problem 
involving  bay  volume  venting  and  internal  flow  aerodynamics  will  be  described. 


4.  Air  Intake  Surge  Loading  (Concorde  Example). 

Engine  surge  causes  strong  pressure  waves  to  travel  up  the  air  intake  ducts,  which  act  to  slam  any 
auxiliary  intake  doors  forcefully,  and  which  can  impose  major  transient  loads  on  the  main  structure  of 
the  duct  and  on  such  components  as  variable  - angle  inlet  ramps.  Indeed,  in  the  case  of  Concorde  it 
was  the  surge  loadings  which  dictated  the  design  of  the  auxiliary  inlets  as  single  thick  vanes  with 
dampers,  rather  than  the  more  efficient  multiple-vane  design. 

The  case  described  (ref.  6)  preoccupied  the  Concorde  aerodynamics/structures  departments  over  the 
decade  1963-73,  and  involved  highly  instrumented  flight  testing  of  prototype  and  preproduction  aircraft 
and  the  flying  engine  testbed,  in  addition  to  full  scale  ground  tests  and  various  small  scale  model 
tests.  No  pre-existing  methods  were  able  to  predict  the  severity  of  the  transient  loads  eventually 
measured  in  flight. 

The  air  intake  structure  for  Concorde  (fig.  7)  had  to  be  defined  well  in  advance  of  reliable  engine 
surge  data  for  the  correct  engine,  and  at  that  stage  it  was  necessary  to  rely  on  a little  data  produced 
by  overfueling  an  earlier  Olympus  engine,  on  the  Vulcan  flying  test-bed.  The  scarcity  of  data  and 
inadequate  understanding  at  that  time  led  to  a significant  underestimate  of  the  surge  pressure  pulse, 
which  was  remedied  when  full  scale  engine  tests  in  the  NGTE  Cell  4 and  flight  test  data  became  available. 
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Fig.  8.  Instrumentation  in  Concorde  intakes,  for  surge  loading  investigation. 

An  empirical  relationship  was  eventually  derived  for  the  flight  engines  which  may  be  useful  for 
other  straight  jets  but  which,  it  is  felt,  may  not  be  appropriate  for  bypass  engines  (fig.  9).  Perhaps 
some  pooling  of  information  froai  various  sources  would  contribute  to  a wider  solution  of  the  basic  problem. 

The  first  attempt  to  understand  the  propagation  of  the  surge  pulse  used  a one-tenth  scale  model  with 
a cyclic  valve.  This  valve  matched  the  engine  surge  pulse  in  terms  of  waveform  and  frequency,  but  it 
was  incapable  of  producing  more  than  IOC#  flow  stoppage  - whereas  a surging  engine  produces  substantial 
reversal  of  the  flow.  Consequently  the  results  from  these  tests  needed  interpretation  to  full-scale, 
and  the  predictions  were  sometimes  optimistic.  About  two  years  later,  the  results  of  full-scale  engine 
tests,  in  Cell  4b,  became  available  (only  a year  before  prototype  flying)  and  even  these  did  not  reveal 
the  whole  story  that  was  subsequently  found  by  prototype  flight  testing. 

During  flight  122  of  the  prototype,  the  No.  4 engine  lost  its  forward  intake  ramp  a3  a result  of  a 
high-power  interactive  surge  at  Mach  2.0.  The  immediate  cause  of  this  surge  was  understood  » it  was 
associated  with  a transient  overspeeding  of  the  No.  J engine  when  reheat  wsb  cancelled,  causing  this 
engine  to  surge  - and  the  aerodynamic  interaction  in  turn  caused  No.  4 engine  to  surge. 

Careful  examination  of  the  damage  and  the  flight  recordings  of  pressure,  strain  and  ramp  position 
revealed  the  precise  sequence  of  failure.  There  was  nothing  new  about  the  initial  surge  : the  new 
and  hitherto  unsuspected  factor  was  the  possibility  that  Interaction  effects  could  lead  to  differential 
pressures  on  the  front  ramps  significantly  higher  than  had  been  measured  on  tests  of  isolated  intakes. 

The  consequence  of  that  experience  was  an  intensive  series  of  flight  tests  during  which  surges  were 
deliberately  induced  at  high  Mach  number  and  power,  while  the  intake  loads  were  measured  in  great  detail 
(fig.  8).  In  retrospect,  it  is  possible  to  isolate  the  interactive  effect  for  Concorde,  but  it  remains 
unclear  how  such  effects  could  be  predicted  at  an  early  3tage  for  other  aircraft. 


Simple  theoretical  solutions  were  used  as  part  of  the  design  process,  but  they  were  found  to  be 
unreliable  in  predicting  the  peak  pressure  loadings  in  at  least  three  key  areas  ! the  pressure  acting 
in  the  ramp  void,  which  largely  determines  the  link  loads;  the  transient  loads  imposed  on  the  reaps, 
and  the  loads  tending  to  slam  the  auxiliary  inlet  doors  during  low-speed  surges.  With  current  knowledge 
it  is  believed  possible  to  obtain  useful  solutions  using  time-dependent  finite-volume  methods,  Jtnd  suoh 
methods  are  under  development  at  Filton. 
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CONCLUDING  REMARKS 

This  interactive  engine  surge  example  of  a load-prediction  difficulty  serves  to  illustrate  how  a novel 
design  feature  may  cause  major  new  load-prediction  problems,  and  entail  a great  deal  of  expense  if  the 
methods  available  at  the  drawing-board  stage  prove  to  be  inadequate. 

Of  the  problems  discussed  earlier,  many  involve  transient  loadings  and  many  repetitions  of  loading. 
Loads  due  to  pressure  fluctuations  under  separated  boundary-layer  conditions  are  difficult,  and  so  are  the 
loads  arising  from  uncomoanded  manoeuvres.  Other  cases  which  are  difficult  to  predict  include  those  where 
the  control  actions  of  pilots  dominate  the  fatigue  load  spectrum,  and  various  aspects  of  fin  loads. 

It  is  hoied  that  these  discussions  will  help  to  reassure  aerodynamic’,  researchers  that  there  is  still 
work  to  be  done  in  this  field,  despite  all  the  triumphs  we  shall  hear  about  in  the  next  few  days. 

I wish  * thank  my  colleagues  in  the  U.K.  aircraft  industry  for  their  helpful  suggestions,  notably 
T.  ¥.  Drown  (of  B.A.C.  Filton)  for  the  Concorde  surge  problem,  - and  also  S.  F.  Stapleton,  E.  J.  Dailey, 

A.  Peacock,  and  J.  W.  H.  Thomas  (of  three  different  H.S.A.  design  teams)}  and  Mike  Salisbury  of  B.A.C. 
Weybridge. 
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SUMMARY 

During  the  development  of  the  VSTOL  Fighter  VAK  191  B wind  tunnel  measurements  were  carried  out  on  some  different  forward 
fuselage  configurations. 

In  comparison  with  the  wing  alone  characteristic  the  configuration  presented  a very  favorable  wing-body  interference  effect.  Most 
of  this  effect  was  lost  with  a shorter  forward  fuselage. 

These  results  finally  led  to  the  invention  of  the  Sectional  Load  Model  Technique  described  in  part  1 of  this  paper,  since  the 
well  known  technique  of  pressure  distribution  measurement  technique  was  too  expensive  for  tests  on  various  configurations.  With 
this  technique  the  aerodynamic  loads  of  nearlyarhitrarily  split  sections  of  the  model  are  measured  separately  by  means  of  strain  gage 
balances. 

This  technique  proved  very  effective  in  several  test  programs  because  the  loads  on  several  exchangeable  parts  could  be  measured 
directly  together  with  the  total  aerodynamic  forces  on  the  model  in  the  wind  tunnel. 

The  following  configurations  have  been  tested: 

• Original  VAK  191  B configuration 

• Derivatives  of  VAK  191  B forward  fuselage  configuration 

- forward  fuselage  of  less  width 

- short  foiward  fuselage 

• VAK  191  B fuselage  with  a larger  wing  in  three  different  longitudinal  positions  and  additional  small  forward  fuselage  strakes 

• Schematic  model  of  fighter  configuration  with  large  wing  and  strake 


In  all  cases  the  Sectional  Load  Model  Technique  allowed  the  evaluation  of  load  distribution  along  the  fuselage  and  detailed 
information  on  the  wing  body  interference. 

In  the  case  of  the  original  VAK  191  B configuration  it  was  found  that  the  wing  induces  a strong  additional  lift  on  the  fuselage.  It 
mainly  acts  on  its  central  part  and  is  insensitive  to  the  configuration  of  the  forward  fuselage. 

A much  larger  additional  lift  is  induced  by  the  fuselage  on  the  wing  and  this  lift  is  very  sensitive  to  the  forward  fuselage  length  and 
width.  The  non-linearity  of  the  fuselage-alone  lift  indicates  the  existence  of  fuselage  generated  vortices  which  are  responsible 
for  the  favorable  fuselage-wing  interference. 

It  is  well  known  that  the  advantageous  lift  characteristics  of  strake  conf, ...*'  ('ike  the  YF  16  e.g.)  are  the  results  of  strong 
vortices  generated  by  the  strake  leading  edge.  A sectional  load  test  was  carried  out  on  such  a model.  Herein  the  strake  was  mounted 
on  a separate  internal  balance,  making  an  exceptionally  detailed  analysis  of  the  body-str3ke-wing  load  interference  possible. 


It  is  shown  that  the  interference  mechanism  of  the  strake  configuration  is  not  unsimilar  to  the  behavior  of  the  VAK  191  B 
configuration  generated  by  its  forward  fuselage  with  intakes  at  the  fuselage  sides  and  that  in  this  sense  the  VAK  configuration  is  a 
forerunner  of  the  modern  strake  configuration 


Dlpl.-lng.,  Aerodynamics  Department 
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NOTATION 

Symbols: 

Subscripts 

A 

area 

OO 

free  stream  conditions 

b 

m 

span 

i 

internal 

E 

kg/mm^ 

module  of  elasticity 

B 

body 

f 

mm 

bending  of  a balance  beam 

W 

wing 

P 

kg/m  2 

static  pressure 

(B) 

in  presence  of  the  bod>< 

q 

kg/m^ 

dynamic  pressure 

(W) 

in  presence  of  the  wing 

D 

kg 

drag 

B1,  B2  . . . B5 

body  sections 

1. 

kg 

lift 

St 

strake 

M 

kg  m 

pitching  moment 

N 

kg 

normal  force 

T 

kg 

axial  force 

a 

0 

angle  of  attack 

Coefficie  its 

CD-CD 

drag  coefficient  (total,  sectional) 

cLB2'cLb2(W)  ■ 

. . / sectional  loads 

CL.CL 

lift  coefficient 

cMyy-  cM[J4  ■ ■ ■ 

( (model  parts) 

CM- CM 
CN,  cN 
CT.cT 

pitching  moment  coefficient 
normal  force  coefficient 
axial  force  coefficient 

A clB{W)  ■ ' - 
A CmW(B)  • ■ • 

j overall  interferences 
* (total  model) 

CL'  cLb(W)  ' ■ • j 
CM-  CMyy(g)  ■ • ■ ' 

overall  loads 
(total  model) 

AcLB3(W)-- 
A cmW(B)  ' ' • 

( sectional  interferences 
* (model  parts) 

Parti:  TEST  TECHNIQUE 
1.1  INTRODUCTION 

In  the  early  sixties  the  VAK  191  B was  designed  as  a part  of  the  VTOL/VSTOL  activities  in  Europe  (FIG  1).  The  VAK  191  B isa 
transonic  fighter  of  the  lift-lift/cruise  category  (2  lift  engines  and  1 lift/cruise  engine),  fitted  with  a high-wing  of  small  aspect  ratio, 
thin  profile  section,  large  sweep  and  large  wing  load. 

It  is  commonly  known  that  for  this  wing  arrangement  the  profile  does  not  play  a significant  part;  in  this  case  the  flow  is  for  the  most 
determined  by  the  planform.  The  influence  of  the  slender  wing  planform  does,  however,  include  the  influence  of  the  fuselage  on 
maximum  lift.  This  influence  increases  the  smaller  the  wing  span  is  in  comparison  to  fuselage  width  and  the  larger  the  fuselage  is  in 
comparison  to  the  wing  chord.  The  addition  of  the  lift  on  the  wing  alone  and  the  lift  on  the  fuselage  nowhere  nearly  yields  the  lift 
actually  measured  for  the  wing-fuselage  combination  with  large  angels  of  attack.  This  means  that  strong  lift  interference  forces  must 
still  be  active. 

The  conventional  method  used  for  an  analysis  of  the  interference  influences  of  the  individual  aircraft  components  is  the  pressure 
distribution  measuring  technique.  The  obvious  advantage  of  this  method  is  that  the  pressure  at  each  point  is  known.  The  high  costs 
for  the  model,  the  small  variation  potential,  the  necessary  density  of  the  measuring  points  and  the  extremely  large  accumulation  of 
test  data  are  on  the  other  hand  negative  aspects.  Furthermore,  the  pressure  data  must  be  reduced  and  integrated  for  valuation  of  the 
final  test  result. 

A new  experimental  technique  which  we  call  the  "Sectional  Loads  Technique"  was  introduced  to  reduce  the  extent  of  these 
disadvantages  (FIG  2). 

The  basic  principle  of  this  method  is  that  individual  sections  are  assembled  to  form  that  structural  member  which  is  to  be  examined, 
e.g.  the  fuselage.  These  sections  are  independently  supported  on  a central  beam  via  internal  strain  gage  balances.  Therefore  the 
aerodynamic  loads  on  these  sections  can  be  measured  separately.  The  overall  loads  are  synchronously  measured  by  the  external  wind 
tunnel  balance  via  the  central  beam  to  which  e.g.  the  wing  and  tail  planes  can  also  be  connected.  (FIG  3) 
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The  particular  advantage  of  this  test  method  is  the  direct  measurement  of  integral  loads  on  easily  exchangeable,  preselected  parts. 

One  disadvantage  of  the  Sectional  Loads  Technique  might  be  that  minute  gaps  are  required  between  the  components  so  as  not  to 
disturb  the  contour  and  air  flow  course,  although  more  flexible  balances  would  be  of  value  to  have  more  sensitive  balances. 
Unfortunately,  a higher  flexibility  effects  larger  gaps  between  the  parts.  Furthermore,  an  sir  flow  separation,  in  particular  at  the  tail 
section,  can  cause  the  associated  part  to  oscillate.  These  oscillations  have  to  be  damped,  separately.  Finally,  the  pressure  which  is 
actirg  in  the  interior  of  the  model  due  to  the  gaps  must  be  measured  and  used  for  corrections. 

The  procedure  of  the  Sectional  Loads  Technique  as  described  above,  has  in  the  meantime  been  successfully  applied  in  various  stages 
of  extension  on  various  model  configurations.  The  initial  breakdown  of  the  basic  fuselage  of  the  VAK  into  five  sections  with  five 
strain  gage  balances,  each  containing  the  three  components,  normal  force,  pitching  moment  and  axial  force,  has  in  the  course  of  time 
been  extended  and  altered  as  follows:  four  fuselage  sections  on  four  balances  each  with  five  components,  normal  force,  pitching 
moment,  axial  force,  side  force  and  yawing  moment  - as  well  as  a separate  pair  of  strakes  on  a special  four  component  strain  gage 
balance  (without  axial  force). 

fhe  largely  universal  design  of  the  model  skeleton  and  of  the  strain  gage  balance  ensure  that  this  test  technique  can  be  easily  applied. 

The  contour  shells  of  the  selected  structural  members  of  the  model  can  be  relatively  easily  manufactured,  modified  3nd  measured. 

There  is  also  enough  space  for  the  ducting  lines  of  boundary  layer  control,  span-wise  blowing,  engine  realization  etc.  in  the  hollow 
interior  of  the  model  fuselage. 


1.2  CONCEPT 

Extremely  large  interferences  were  seen  to  occur  between  the  fuselage  and  the  wing  of  the  VAK  191  B,  and  this  gave  rise  to  the  wish 
for  a more  detailed  analysis  of  the  flow  mechanism.  Modifications  on  the  forward  fuselage  section  were  to  sen/e  as  geometrical  aids  in 
changing  the  length/width  ratio  of  the  forward  fuselage;  the  slender  wing,  however,  staying  the  same.  An  Investigation  of  the 
aerodynamic  loads  on  these  exchangeable  fuselage  segments  seemed  to  be  an  obvious  way.  The  concept  led  to  the  following  model 
design:  A model  skeleton  is  connected  to  the  external  wind  tunnel  balance  by  means  of  a conventional  wire  suspension  in  wing  tips 
and  fuselage  nose.  The  skeleton  consists  of  a wing  spar  and  a rigid  fuselage  longeron.  The  almost  arbitrarily  split  components  - such 
as  the  fuselage  "slices",  wing  sections,  strakes,  fail  surfaces  and  external  loads  - are  then  individually  connected  to  the  skeleton  via 
separate  strain  gage  balances. 


The  model  set-up  as  described  hei ' and  the  measuring  equipment  with  internal  and  external  balances  are  used  to  establish  the 
interference  pattern  taking  the  wing-.'-idy  lift  coefficients  as  an  example  (FIG  4).  For  other  forces  and  moments  and  for  configure 
tions  with  tails,  strakes  and  external  loi  v the  interference  pattern  would  be  similar,  of  course. 

The  three  most  important  interferences: 


a Cl 

= CLwB  - ^C^W  + CLg’ 

A ClB(W) 

= Ct-B(W)  ~ Ct-B 

A cMw(b) 

= ClW(B)  - C*-W 

are  pictured  as  they  are  obtained,  taking  the  differences  of  the  test  results.  The  same  procedure  applied  for  determination  of  the  total 
loads  at  the  fuselage  can  also  be  applied  for  individual  fuselage  sections,  as  the  following  discussion  of  the  test  results  will  show. 


1.3  REALIZATION 

We  started  the  application  of  the  SECTIONAL  LOADS  TECHNIQUE  on  a 1/10  scale  model  of  the  VAK  191  B,  designed  for  the 
VFW-Fokker  low  speed  wind  tunnel  (max.  velocity  70  m/sec,  lest  section  2.1  m x 2.1  m).  The  fuselage  of  the  model  was  divided  into 
five  sections  and  the  exchangeable  wing  attached  directly  to  the  model  skeleton.  (FIG  5) 

With  consideration  for  the  proposed  modifications,  the  breakdown  of  the  fuselage  was  such  that  the  fuselage  could  oe  shortened  by 
removing  section  B2  from  the  basic  configuration  and  the  fuselage  width  reduced  in  the  region  of  the  LCE  inlet  ducts  by  exchanging 
the  fuselage  shells  B1,  B2  and  B3.  Thus  the  wing-body  combination  was  realized  by  varying  width  and  length  of  the  forward  fuselage 
but  leaving  the  wing  unchanged,  for  the  first  test  phase.  In  a subsequent  test  program  a second  wing  with  smaller  loading  and 
sweepback  was  mounted  to  the  basic  model  fuselage  and  tested  in  three  longitudinal  positions.  A comparison  of  the  geometrical 
model  wing  data  is  given  in  the  table  below. 


Wing 

1 

II 

LE  sweep 

45° 

30° 

span 

0.536  m 

0.794  m 

area 

0.125  m2 

0.179  m2 

aspect  ratio 

2.3 

3.5 

taper  ratio 

0.346 

0.342 

:-4 

In  both  these  test  phases  the  installed  strain  gage  balances  (FIG  6)  were  manufactured  from  a steel  alloy.  They  comprise  a balance 
unit  for  the  normal  fotce  N and  the  pitching  moment  M and  another  unit  for  the  axial  force  T.  Single-beam  balances  are  used  for  the 
N/M  system  within  the  limits 

tynax  = 5 kg 

Mmax  ~ 0.125  kg  m. 

Only  the  fuselage  tail  section  05  is  provided  with  a double-beam  N/M  unit  which  is  less  sensitive  to  torsional  oscillations.  This  balance 
system  is  dimensioned  for 

Nmax  = *0k9 

Mmax  = °-25  k9 m 

The  axial  force  balance  units  are  all  of  the  double-beam  type  with 
^max  “ 2 kg 


The  surface  of  cut  between  'wo  adjoining  fuselage  sections  must  be  provided  with  gaps  to  prevent  contact.  The  size  of  the  gaps 
must,  however,  no:  be  larger  than  required  for  the  static  deflection  of  the  loaded  strain  gage  balances.  Preceding  investigations 
have  shown  that  these  gaps  range  between  1 and  2 mm.  The  comparison  of  the  overall  force  measurement  with  the  sum  of  the 
partial  loads  gives  a reliable  possibility  to  check  the  gap  influence.  It  was  found  out  that  no  noticeable  measuring  errors  occur  at 
a horizontal  gap  v/idth  up  to  2 mm  and  a vertical  step  gap  up  to  nearly  1 mm  for  the  model  size  discussed  here.  (The  vertical  step 
between  adjoining  sections  is  the  result  of  the  flexibility  of  the  balances  loaded  with  a homogenous  pitching  moment.)  If,  however, 
the  vertical  step  exceeds  approximately  1 mm  it  will  no  longer  be  within  the  local  boundary  layer  thickness,  a disturbance  flow 
develops  which  tr  es  to  counter  rotate  the  associated  sections  and  thus  leads  to  a non-correctable  fault.  The  gap  between  adjoining 
sections  has  another  effect  apar>  from  the  possib'e  geometrical  disturbance  of  the  outer  flow:  a pressure  p|  is  formed  in  the  hollow 
interior  of  the  model  which  can  differ  from  the  ambient  pressure  Depending  on  the  shape  of  the  individual  sections,  additional 
foxes  act  on  the  fuselage  sections,  in  particular  on  nose  and  rear  sections.  These  additional  forces  are  also  measured  by  means  of  the 
associated  balances.  The  balance  output  signal  therefore  ,V  *'  to  be  corrected  by  subtraction  of  the  pressure  load  Ap*  » AA.  The 
interior  pressure  p,  is  determined  by  pressure  holes  in  several  small  pipes  inside  of  the  mode!.  If  these  measuring  points  indicate 
different  pressures  it  is  obvious  that  an  air  flow  exists  m the  hollow  model  fuselage.  This  especially  arises  when  the  gaps  between  the 
sections  are  too  big  or  the  local  pressure^  at  the  gaps  differ  very  much.  In  this  unfavorable  case  the  included  error  in  measurement  can 
not  be  corrected,  and  therefore  one  has  to  tiy  to  avoid  this  "air  passage"  by  means  of  labyrinth  seals  at  the  gaps  or  something  else. 


It  has  been  mentioned  that  the  optimum  gap  width  must  account  for  the  static  deflection  of  the  loaded  balances,  only.  Dynamic 
deflections,  as  they  occasionally  occur  when  measurements  of  this  kind  are  made,  must  be  avoided,  generally.  We  encountered 
just  these  difficulties  at  the  fuselage  tail  section  of  the  VAK  model  during  the  first  application  of  the  sectional  loads  technique. 
The  excitation  caused  b/  the  periodicity  of  the  separating  boundary  layer  at  the  fuselage  tail  section  as  well  as  the 
natural  frequencies  of  the  mass  spring  system  adjacent  to  the  excitation  frequency  resulted  in  a strong  vibration,  which  at  first  was 
limited  only  by  the  impact  of  the  tail  section  against  the  neighboring  part.  This  vibration  tendency  then  was  totally  eliminated 
by  installing  a simple  mechanical  oil  dampfc'  at  the  largest  possible  lever  arm.  After  that  all  four  and  five-component  balances 
were  equipped  with  oil  dampers.  Only  the  nose  section  balance  was  not  provided  with  an  oil  damper  since  tests  have  shown  that 
there  is  no  excitation  which  might  cause  vibrations  here. 


The  model  shown  in  FIG  7 has  a symmetrica!  fuselage,  because  this  makes  comparative  analytical  calculations  easier  and  a useful 
experimental  variation  of  wing  high  position  possible.  The  principal  data  of  the  wing  III  are. 


LE  sweep 

32° 

aspect  ratio 

3.2° 

taper  ratio 

0.3 

This  wing  can  also  be  provided  with  a pair  of  strakes.  Which  is  individually  mounted  on  a four-component  strain  gage  balance. 

These  new  four-  and  five-component  balances  are  manufactured  from  a copper-beryllium  alloy  "Co  Be  2".  A comparison  of  the  most 
important  characteristics 

• modulus  of  elasticity 

• machining  properties 

• weldability  (electron  beam  welding) 

• heat  treatment 

• hysteresis  and 

• resistance  to  corrosion 

proved  this  spring  material  most  suitable. 


i 


:-s 


The  lower  modulus  of  elasticity  of"Cu  Be2''in  comparison  with  steei  is  favorable  in  this  case.  If  the  cross-section  of  a cantilever 
beam  is  not  limited  by  a maximum  balance  diameter  requirement,  under  the  assumption  of  fixed  load,  length  and  sensitivity  the 
stiffest  balance  will  be  the  balance  whose  material  has  the  smallest  modulus  of  elasticity 


t <=■  const.* 


Of  course,  the  balance  with  the  highest  modulus  of  elasticity  then  will  be  the  stiffest  balance  when  the  cross-sections  are  fixed 
f = const.  * E-1 

The  modulus  E of  "Cu  Be  2"  is  only  approximately  65  % of  that  of  steel  alloys  and  therefore  m the  case  of  selectable  cross-sections 
the  deflection  of  the  "CuBe2"  is  only  about  86%  of  the  steel  balance  deflection,  that  means  the  material  ''CuBe2"  is  more 
favorable  with  respect  to  the  gaps  between  the  sections  which  cannot  be  avoided.  Although  the  modulus  of  elasticity  of 
aluminium  or  titanium  alloys  would  be  even  more  favorable,  some  '•*  the  other  characteristics,  such  as  weldability  and  hyste 
resis  are  comparatively  poor. 


I 

{» 

1 

* 
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t.4  CONCLUSIONS 

Application  of  the  Sectional  Loads  Technique  to  wind  tunnei  models  provides  both  the  overall  aerodynamic,  loads  acting  on  the 
model  and  the  integral  partial  loads  on  those  structural  components  of  the  airplane  which  are  of  parttculat  interest.  These  compo- 
nents can  be  exchanged  with  relative  ease,  The  design  of  an  aircraft  and  its  components  can  be  optimized  by  this  method  and  through 
proper  layout  of  the  sections. 

Tests  conducted  up  to  now  have  shown  that 

- copper  beryllium  alloy  is  the  most  suitable  material  for  the  strain  gage  balances 

- all  the  balances  should  be  of  the  six-component  type,  so  that  the  partial  lands  can  be  totally  transformed  in  the  aerodynamic 
system  of  coordinates 

- simple  hydraulic  dampers  are  quite  sufficient  to  avoid  vibrations 

- the  gap  width  between  sections  can  be  1 to  2 mm  without  disturbing  the  air  flow  and  the  results 

- the  step  height  of  the  gap  under  toad  must  not  exceed  about  f mm  for  the  size  of  mode! 

- pressure  measurements  in  the  interior  model  are  required  for  watching  the  air  flow  passage  and  for  correcting  the  partial  loads 
depending  on  pressure. 

After  the  initial  difficulties  were  overcome  the  Sectional  loads  Technique  has  al!  in  all  proved  to  yield  a very  good  efficiency  due  to 
the  expenditure  of  cost. 


( 
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P.ut  2 TEST  RESULTS 


2 I VAK  19)  B CONFIGURATION 

The  VAK  19!  B 'S  a VTOL  Ground  Attack  Fighter,  o(  which  three  piototypot  ha^e  been  built  ;na  flight  tested  FIG  1 1 k has  a 
small  tow  asttect  ratio  wing  with  45  degrees  leading  edge  sweep 

The  aerodynamic  chaiactenstics  of  this  configuration  witt  i*s  original  fuselage  configu.  ?ti  , n ffuseijgi;  contour  "A'  ; irn  shown  <n 
FIG  8 Compared  w'th  the  dean  wing  lift  (CLyy1  the  wing  body  combination  develops  much  more  eft  above  16°  angle  ot  attack  At 
' ege  angles  oi  attack  the  hft  increment  is  larger  than  the  I ft  of  the  body  alone  (C-Lg t , vj  there  must  be  a positive  wing  body  lift  inter- 
ference 

The  lift  curve  of  the  body  alone  shows  a nonhnea'  increase  beginning  at  12°  incidence  comr.  n«j  with  a reduction  of  the  unstable 
moment  The  reason  for  this  behavior  may  be  a vortex  separation  a*  tne  fuselage  s.des  At  the  same  angle  of  attack  the  l.rtear  lift 
curve  slope  of  the  wing  body  suddenly  decreases  The  influence  of  the  bodv  voit.ces .«!  the  behavior  o'  the  wing-body  combination  is 
thus  obvious 

In  subsequent  investigations  of  VAK  derivatives  with  shorter  and  smaller  foi  ward  'useiages  tne  favoraD.e  wing  body  li*t  nit  .rference 
was  lost  and  this  finally  gave  rise  to  the  development  of  the  test  technique  described  »t  part  I of  this  paper 

The  results  of  this  test  techmque  for  the  original  VAK  191  B configuration  ate  shown  in  FIG  G.  This  '•ywe  sb  ws  the  lift  increments 
induced  on  the  body  and  the  wing  due  to  the  presence  of  the  wing  and  the  body  respectively  The  wing-body  interference 
(A  C|_Q(yy),  increment  on  body  lift  due  to  presence  of  the  wing)  shows  an  almost  nnea:  increase  with  angle  of  attack.  The  body-wing 
interference  shows  a steep  decrease  with  angle  of  lttack  Above  12°  angle  of  attack  the  slope  changes  and  becomes  positive,  above 
27°  angle  of  attack  there  is  a posit  ve  body  wing  interference.  The  sum  of  both  interference  effects  A Cl  has  a negative  slope  at  low 
angles  of  attack.  The  interference  becomes  positive  at  22°  and  reaches  large  positive  values  at  h.gh  angles  of  attach. 

FIG  10  shows  the  local  lift  on  five  parts  of  the  fuselage  The  measurement  was  earned  out  with  the  fuselage  alone  and  with  the 
fuselage  in  presence  of  the  wing.  The  difference  be'wec'  the  two  curves  is  therefore  the  influence  of  the  wing  on  tne  fuselage  parts 

Without  the  wing  the  main  lift  acts  on  the  front  part  of  the  fuselage.  The  nonlinear  behavior  of  the  fuselage  total  lift  !see  FIG  Si 
above  12  degrees  is  obviously  produced  by  the  third  and  the  fourth  section.  At  this  location  the  voitex  separates  at  the  fuselage 
flanks. 

The  main  lift  increment  due  to  presence  of  the  wing  occurs  at  the  wing  location,  e g.  at  the  fourth  section  ano  at  the  sections  in  front 
of  and  behind  the  wing. 


2.2  FORWARD  FUSELAGE  VARIATIONS 

As  already  mentioned  above,  the  favorable  lift  behavior  of  the  wing  body  combination  was  lost,  when  shorter  and  more  slender 
forward  fuselages  were  tested  during  VAK  derivative  studies.  FIG  11  shows  a comparison  of  the  interference  behavior  of  three 
different  forwent  fuselage  combinations. 

At  angles  o*  attack  below  14°  the  fuselage  has  no  influence  on  the  lift  curve.  At  ugh  angles  cf  attack  tne  lilt  of  the  slender 
fuselage  con'igur3iion  is  slightly  lower  than  the  basic  configuration  lift.  The  lift  of  the  snorter  configuration  is  much  iower,  there 
is  almost  no  positive  interference  effect. 


The  bottom  diagram  m FIG  1 1 shows  the  interference  effects.  The  wing-body  interference  is  not  affected  by  the  different  fuselage 
configurations.  The  body-wing  interference  is  largely  affected  at  angles  of  attack  larger  than  20  degrees. 

The  large  influence  of  the  forward  fuselage  contour  on  the  body-wing  interference  mdicaies  the  importance  of  the  vortex  qevelop 
ment  at  the  fuselage  flanks  for  the  lift  increment  on  thp  wing.  Obviously  the  large  fuselage  side-mounted  intakes  of  the  basic 
VAK  191  B configuiation  promote  the  vortex  development.  On  the  other  hand  the  forward  fuselage  must  have  a certain  length  for 
this  vortex  development  as  shown  by  the  poor  result  of  the  short  fuselage. 


2.3  WING  PLANFORM  VARIATIONS 

During  further  VAK  191  B derivative  development  configurations  with  larger  wings  were  investigated.  FIG  5 shows  such  a configura- 
tion, designated  configuration  II  in  this  paper  Fuselage  and  fuselage  variations  A,  B and  C are  the  same  as  in  the  original  VAK 
configuration  I. 

The  influence  of  the  forward  fuselage  length  on  lift  and  lift  interference  is  shown  m FIG  12.  By  compaiisuu  with  FIG  1 1 it  is  obvious 
that  the  effects  are  similar  to  the  effects  of  the  small  wing,  but  the  total  interference  as  well  as  the  wing-bodv  and  body-wing 
interferences  are  much  smaller.  The  large  wing  more  or  less  suppresses  the  interference  effects.  This  becomes  even  more  evident  by  a 
direct  comparison  of  the  large  and  the  small  wing  both  with  fuselage  "A".  FIG  13  shows  that: 

- The  small  wing  has  --  due  to  its  larger  Ir  jding  edge  sweep  and  its  lower  aspect  ratio  - a higher  CLmax  and  a higher  ^CLmax. 

The  total  lift  intei  ference  of  the  small  wing-body  configuration  is  much  larger  at  angles  of  attack  larger  than  24  degrees. 

- Even  m terms  of  absolute  force  the  mt  jrference  effect  of  the  body  on  the  wing  is  much  smaller  in  the  C3se  of  the  larger  wing. 
This  is  demonstrated  in  the  bottom  diagram  of  FIG  13  by  a recalculation  of  the  body  wing  interference  ACLyy(g)  for  the  large 
wing  with  the  small  wing  reference  area,  see  dotted  line. 


2 4 STHAKH  CONFIGURATION 


The  fe-mer  partial  toad  tests  with  VAK  derivatives  described  above  clearly  showed  the  possibility  of  mcreasmg  the  lift  of  small  aspect 
ratio  swept  wings  by  vortex  separation  at  the  fuselage  flanks.  Extremely  stable  vortices  are  produced  at  the  leading  edges  of  highly 
swept  wings  This  led  to  the  development  of  the  "strake"-configuratirn  winch  is  realized  e.g,  in  the  f 16 

To  obtain  a deeper  understanding  of  the  interference  mechanism  ..nd  the  optimisation  possibilities  of  this  configuration,  a partial 
load  wmd  tunnel  model  was  tested  The  dimensions  are  given  in  f 1C  7 In  this  model  the  fuselage  was  cut  into  four  parts  a;  indicated 
in  FIG  15.  and  the  strake  was  mounted  on  a separate  strain  gage  balance.  The  necessary  cut  between  wing  and  strake  was  sealed  as 
good  as  possib'e. 

The  overall  interference  effects  of  this  configuration  are  shown  in  FIG  14.  The  interference  effect  of  the  wing  body  configuration 
is  onlv  moderate  as  was  to  bo  expected  with  the  size  of  the  viing  ano  the  fuselage  cross  section.  The  behavior  is  very  similar  to 
that  of  the  large  wing-VAK  fuselage  combination,  see  FIG  13  The  addition  of  (he  strake  largely  increases  the  overall  lift  at  angles 
of  attack  larger  than  >2°.  At  a *=  24°  the  increase  in  tilt  due  tr-  the  stiake  is  ACj_  = 0,47. 

Approximately  8 % of  this  increase  are  induced  by  the  strake  on  the  fuselage.  The  mam  contribution,  about  54  % is  induced  on  the 
wing.  About  38  % of  the  fdt  increment  ect  directly  on  the  exposed  strake  area 

The  VAK  tSf  8 fuselage  with  its  ound  flank  intake;  .needs  greater  angles  of  incidence  for  the  development  of  vortices  at  the 
fuselage  sides  than  the  sharp  leading  edge  of  a strake.  Sr.  the  positive  strake-wing  interference  becomes  evident  at  a = 12-  14° 
already,  while  the  VAK  I91  8 fuselage  need?  more  than  '4  (teqrees  of  incidence  to  develop  its  full  interference  effect  on  the  wing. 
This  difference  can  be  seen  by  comparison  of  the  bottom  diagrams  in  FIG  13  and  FIG  14. 

The  distribution  of  lift  on  the  four  fuselage  segments  and  on  the  exposed  strake  area  is  shown  in  FiG  15  In  the  diagram  partial  lifts 
and  moments  are  plotted  for  fuselage  alone,  fuselage  m presence  of  wing  and  fuselage  in  presence  of  wing  and  strake.  The  behavior  of 
the  fuselage  alone  is  not  unsimilar  to  that  of  the  VAK  191  B fuselage.  The  interference  effect  of  the  wing  on  the  fuselage  also 
concentrates  on  the  wing  intersection  part  of  the  fuselage  and  to  a .mailer  extent  on  the  fuselage  part  in  front  of  the  wing. 

The  positive  interference  effect  of  the  strake  oi.  the  fusolage  concentrates  on  tne  strake  intersection  part  of  the  fuselage.  A further 
small  additional  lift  is  induced  ori  the  front  fuselage. 

On  the  wing  intersection  part  of  the  fuselage  the  strake  induces  a lift  decrement,  which  in  its  trend  corresponds  exactly  to  the  lift 
increment  on  the  wmg  due  to  the  strake  (see  Fig.  14,  difference  between  the  curves  ACt_yy  (g)  end  AC^yy  (b  St)1-  This  le:lds  t0  *-he 
conclusion  that  in  parallel  to  the  Sift  increase  due  to  the  strake  the  lift  distribution  is  shifted  towards  the  outboard  part  of  the  wing 
span. 


The  far  right  diagram  in  FiG  15  shows  the  li't  force  oh  the  exposed  strake  area,  which  contributes  about  38  % to  the  total  strake 
effect  This  exposed  strake  area  <s  heavily  loaded,  which  is  demonstrated  by  a recalculation  of  the  lift  coefficient  with  the  exposed 
strake  ares  as  a reference  area  (see  the  scale  Cb*gt  on  the  right  side  of  this  diagram!).  The  maximum  lift  coefficient  reaches  1,95  at 
a * 2S°- 


A general  impression  of  the  strake  influence  Is  given  in  FIG  16,  in  which  the  relative  lift  is  plotted  against  angle  of  attack  The 
reference  !>f7  is  the  lift  af  the  clean  wing  and  is  set  tc  unity  for  all  angles  of  attack  'All  the  values  correspond  very  well  w.th  the 
slender  body  theory  below  a ~ 9°,  if  the  fuselage  width  is  used  as  fuselage  diameter  for  fh's  theory. 

The  hatched  areas  ep resent,  the  strake  influence  on  the  body  and  the  wing  respectively.  Together  with  the  direct  strake  lift  they  give 
the  total  strake  influence. 


2.5  CONCLUSIONS 

The  results  of  the  examples  for  the  V'FW  Fokker  Sectional  Loads  Technique  demonstrate  the  mechanism  of  wing  body  interference 
and  the  influence  of  fuselage  side  or  strake  generated  vortices  on  this  interference. 

The  results  further  demonstrate  the  possibilities  this  test  technique  provides  for  a betrer  understanding  ot  such  phenomena  and  the 
advantages  for  further  optimisation  work.  Changes  m strake  plan  form,  for  instance,  are  simple;  they  result  in  cheap  changes  on  the 
mode!  described  above  and  allow  very  useful  wind  tunnel  work. 
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Fig.  4 SCHEME  OF  INTERACTING  COMPONENTS 
(Shown  with  Total  Lift  Behaviour) 


Wing  Dimensions : 

Wing 

1 

II 

Area 

12,5 

17,9 

Aspect  Ratio  : 

2,3 

3,5 

Taper  Ratio 

0,346 

0.3< 

L.E.  Sweep 

45° 

30° 

Fig.  5 VAK  191  8 DERIVATIVE  WITH  LARGER  WING  AND  FORWARD  FUSELAGE  VARIATIONS 

Configurations  IIA,  IIB,  IIC 


aCl  = Cl  ~ ( + CLg  ) 

aCLB(W)=  ClB(W)_CI-B 
aCLW(B)  = ClW(B)~CS-W 


aCL  = aCLw(B)  + aC,-B(W) 


25  a [0]  30 


Fig.  9 WING-BODV”  INTE  ftfERENCE  BREAK-DOWN 
Ccnfiju  ration  I A 


Reference  Area  : 12,5  m2 
Reference  Length  : 2,52  m 
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Fig.  1 0 FUSELAGE  PARTI  L I FTS  AND  MOMENTS. 

Configuration  I A 
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SUMMARY 

Prediction  of  aerodynamic  loadings  on  leading-edge  slats  of  modern  airliners  is  a very 
complicated  process.  For  passive  components  , the  Isolated  critical  load  cases  on  the 
boundaries  of  the  field  of  flight  conditions  as  dictated  by  airworthiness  requirements 
are  readily  recognizable  and  their  loadings  need  only  to  be  specified  for  these  conditions. 
For  lift  carrying  components  , however  , matters  are  much  more  complicated  and  a load  case 
analysis  covering  the  complete  field  of  flight  conditions  must  be  conducted. 

Component  load  data  must  be  specified  for  this  , which  are  based  on  wind  tunnel  data  ; 
test  conditions  thereof  cover  only  a part  of  the  complete  field.  This  discrepancy  is 
bridged  by  data  extrapolation  , but  this  procedure  may  well  result  in  off-design  component 
loadings  which  are  no  longer  physically  sound  , in  particular  in  case  of  shock  effects. 

Determination  at  the  relevant  conditions  of  more  realistic  loadings  is  then  an  elaborate 
second  phase  of  the  prediction  process . 

The  whole  procedure  is  illustrated  for  the  slats  , introduced  on  later  versions  of  the 
F 28  airliner  , with  some  discussion  on  problems  for  that  particular  case. 

LIST  OF  SYMBOLS 

0C  aircraft  or  section  angle  of  incidence  , 0 
c section  chord 

C.  aircraft  lift  coefficient  . related  to  wing  area  S 
Cr  section  lift  coefficient  , related  to  section  chord  c 
C"*  section  moment  coefficient  , related  to  25  % section  chord 
C™  pressure  coefficient 

CJ;  slat  normal  force  coefficient  , related  to  airfoil  section  chord 
c”s  slat  tangential  force  coefficient  , related  to  airfoil  section  chord 
C*  slat  moment  coefficient  , related  to  airfoil  section  chord  + 

3™s  flap  deflection  , ® 

3S  slat  deflection  , 

M Mach  number 

n aircraft  acceleration  factor 

q dynamic  pressure 

Re  Reynolds ' number 

S wing  area 

V aircraft  speed  , kts.  EAS 

V 1.58  Vs 

speed  , at  which  aircraft  reaches  stall  in  66'  per  sec.  EAS  gust  encounter 
V"  diving  speed  ( 390  kts.  EAS  ) 

Vg  stalling  speed  with  slats  and  flaps  rstracted 

■f 

Cm  with  subscript  0 or  25  to  indicate  reference  point  at  0 or  25  % slat  chord 
s 

1.  INTRODUCTION 

Prediction  of  aerodynamic , loadings  on  leading-edge  slats  of  a modern  airliner  is  a very 
complicated  process.  For  passive  components  , the  isolated  critical  load  cases  on  the 
boundaries  of  the  field  of  flight  conditions  as  dictated  by  airworthiness  requirements 
are  readily  recognizable  and  their  loadings  need  only  to  be  specified  for  these  conditions. 
For  lift  carrying  components  , the  lift  distribution  over  the  component  and  the  weight  and 
c.g.  position  of  the  aircraft  are  co-determining  factors  , usually  yielding  different 
critical  flignt  load  cases  at  different  stations  ; in  particular  for  slats  , matters  are 
even  more  complicated  because  the  deformation  relative  to  the  wing  greatly  affects  the 
support  loads. 

In  such  cases  , the  load  case  analysis  must  cover  the  complete  field  of  flight 

conditions.  Component  load  data  must  be  specified  , as  functions  of  M and  Ct  , which  are 

based  on  wind  tunnel  data.  The  field  of  conditions  thereof  is  restricted 
. with  respect  to  0C  because  of  scale  effects  , 

. with  respect  to  M because  it  is  impractical  to  conduct  investigations  at  all  values  of 

M which  may  finally  be  of  interest. 

These  restrictions  may  be  overcome  by  data  extra-  and  inter-  pclat.ions  on  some 
analytical  basis  , but  this  procedure  may  well  result  in  off-design  component  load, 
predictions  which  are  no  longer  physically  sound  , in  particular  due  to  occurence  of 
shock  waves  , and  may  adversely  affect  the  conclusions  to  be  drawn. 

Reconsideration  - rather  construction  - of  physically  sound  component  loadings  at  such 
conditions  is  then  an  elaborate  second  phase  of  the  prediction  process. 

This  will  be  illustrated  for  the  slats  , introduced  on  later  versions  of  the  F 28. 
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Physical  aspects  of  the  general  load  data  will  be  discussed.  For  deflected  slats  at  low 
speeds  problems  , specific  to  the  aircraft  or  the  prediction  method  applied  , will  also 
be  considered.  An  m-f light  verification  of  the  load  predictions  was  possible  and  yielded 
a satisfactory  correlation. 

For  retracted  slats  at  high  speeds  , the  main  lines  of  the  loading  construction 
process  at  off-design  conditions  will  be  indicated. 

2.  THE  AIRCRAFT 

The  rokker  F 28  twin  jet  short  haul  airliner  is  available  in  six  versions  indicated 
m tabel  1.  The  increased  aspect  ratio  of  the  later  versions  was  obtained  by  addition 
of  larger  wing  tips  to  the  original  design.  The  F 28  family  is  shown  rn  fig.  1. 

Some  remarks  are  desirable  with  respect  to  the  wing  , which  reatures a distinct  kink 
in  the  leading  edge  at  some  40  % of  half  span.  The  wing  section  at  this  station  is  thus 
relatively  heavily  loaded  ; it  furthermore  features  a lower  lift  divergence  Mach  number 
than  the  other  sections  defining  the  wing  shape  and  a precisely  determined  amount  of 
inverse  camber.  By  these  measures  it  proved  possible  to  provide  the  aircraft  with  flight 
characteristics  eliminating  the  need  for  Mach  trim  compensation  at  speeds  ir.  excess  of 
the  maximum  operating  Mach  number  ( = .755  ). 

This  subject  is  brought  up  here  because 

. a section  close  to  the  kink  is  discussed  in  chapter  5 to  clarify  a peculiar  asnect  of 
retracted  slat  loads  at  transonic  speeds  , in  casu  at  M = .77  just  over  , 

. in  view  of  its  generally  satisfactory  behaviour  , it  was  decided  to  maintain  the  shape 
of  the  clean  wing  when  slats  were  introduced  . As  a result  , high-speed  wind  tunnel 
testing  for  the  Mks.  5/6,000  could  be  restricted  to  a bare  minimum  ; consequences  of 
this  fact  are  commented  upon  in  chapter  5 . 

Next  to  the  clean  wing  shape  , the  front  spar  position  of  the  original  design  was 
maintained  for  obvious  reasons.  This  advances  from  16  % chord  outboard  of  the  kink  to 
12^  l chord  at  the  root  , where  , consequently  , the  slat  chord  became  small  and  the 

slot  behind  the  deflected  slat  pronounced  oblique.  A part  of  the  wind  tunnel  efforts 

towards  slat  development  was  devoted  to  this  deviating  situation  at  the  root. 

3.  THE  WIND  TUNNEL  MODELS 

Two  wind  tunnel  models  provided  the  load  data  to  be  discussed. 

Tests  in  the  1.6  by  2 m.  NLR  high  speed  wind  tunnel  on  a l ; 20  scale  pressure  model 

of  the  F 28  Mk . 1.000  pressure  distributions  over  the  clean  wing  , for  the  full 

aircraft  M-range  of  .15  to  .83  and  theQ-range  as  far  as  realizable  at  the  relevant  Re- 
numbers. Within  these  limits  , fairly  accurate  spanwise  lift  distributions  were  thus 
obtained  as  well  as  leading-edge  pressure  distributions  for  the  retracted  slat  load  data 
required  later  on.  The  Q-range  at  M = .19  could  be  substantially  extended  , because  the 
relevant  wind  tunnel  can  be  operated  at  that  speed  with  a 4 atm.  stagnation  pressure. 

The  lift  distributions  thus  obtained  were  supplemented  by  results  of  lifting  line 
theory  ( Weissinger/de  Young  ) to  account  for  effects  of  span  extension  and  , at  M = .19  , 
of  flap  deflection. 

The  other  model  is  the  section  model  shown  in  fig.  2 , originally  applied  to  develop 
optimum  type  , shape  and  positions  for  the  trailing-edge  flaps.  It  was  tested  in  the  NLR 
2 by  3 m.  low  speed  tunnel.  The  test  section  was  provided  with  wall  blowing  to  suppress 
otherwise  large  wall  interference  effects  at  larger  angles  of  incidence. 

Two  test  slat/fixed  leading-edge  combinations  are  of  interest  here  ; one  - the  "normal" 
is  characteristic  for  a section  at  about  55  % half  span  of  the  F 28  wing  , the  other  - the 
"shortened"  - more  or  less  representative  for  the  root  section  commenced  upon  in  chapter  2. 

Pressure  recordings  in  the  tunnel  center  plane  over  the  several  model  components  - slat 
main  section  , vane  and  flap  - were  integrated  to  yield  the  forces  on  these  components  as 
functions  of  Q ( or  ) and  section  configuration. 

4.  AIR  LOADS  ON  DEFLECTED  SLATS 

Predictions  of  aerodynamic  loadings  on  deflected  slats  were  based  on  the  probaoly 
familiar  assumption  , that  the  relation  of  any  slat  load  coefficient  at  a given  wing 
station  to  the  local  C.  is  the  same  as  to  the  C.  of  the  section  model  with  the  same  slat 
and  flap  deflections. 

This  assumption  is  subject  to  somewhat  less  obvious  restrictions. 

In  the  section  tests  , variations  in  CL  are  caused  by  variations  in  either  Cf  or  3.. 

On  the  aircraft  , other  causes  are  possible  for  local  variations  in  C,  , in  particular 
interference  of  the  fuselage-mounted  nacelles  and  of  discontinuities  in  3,  at  flap  ends. 

The  different  character  of  the  latter  should  be  accounted  for  , a subject1 to  be  discussed 
later. 

The  slot  flow  might  affect  slat  section  load  data.  On  the  section  model  , a locked 
vortex  originates  in  the  slat  excavation  . On  the  aircraft  ( model  ) this  takes  the  shape 
of  a core  flow  , spiralling  outboard  with  a pitch  , about  proportional  to  ( local  ) sweep 
back.  For  the  F 28  , the  attendant  lateral  speed  is  too  small  to  lower  the  excavation 
pressures  significantly  , but  on  aircraft  with  larger  sweep  its  effect  may  become  of 


The  flow  pattern  in  the-  slot,  is  indicated  ir  fig.  3.  Fig.  4a..  shows  a dayglo 
visualization  of  the  core  flow  , tig.  4h.  one  of  the  disturbance  traces  over  the  wing 
slightly  outboard  behind  the  r^at-  suspension  brackets  ; these  onqinate  by  the  inter- 
action of  the  core  flow  with  the?''  brackets  and  indicate  some  .largely  inevitable  , 
parasite  drag  of  the  slat  suspension. 

52L'2i2lMload_guta^ 

Sets  of  deflected  slat  load  data  for  three  flap  deflections  on  the  "normal"  section 
model  are  snowr.  in  fig.  3.  They  are  shifted  to  feature  effective  (1  rather  than  C » as  a 
Parameter  and  as  such  are  virtually  identical  , in  representing  the  characteristics  of 
the  slat  section  as  an  air  foil  in  an  unusually  deformed  flow  field  , varying  mainly  with 
incidence.  This  fact  is  convenient  when  data  are  needed  for  a section  configuration  not 
covered  by  wind  tunnel  tests  ; it  facilitates  the  construction  of  such  data. 

The  data  for  the  'normal'1  model  section  v/ere  applied  on  the  F 26  wing  outboard  of  the 
kink  , those  of  the  "shortened*  section  at  the  .oot  , witn  linear  interoolation  between.- 
The  difference  between  the  two  sets  was  , otherwise  , small. 

Tne  slope  of  all  curves  increase  with  Q and  this  tendency  is  such  that  »,  for  constant 
lift  ( C -q.S  ) , the  heaviest  upward  loads  on  the  slats  < C.,.q.S  etc.  ) invariably  occur 
immediately  before  the  stall.  In  view  of  the  relative  identity  of  the  data  for  different 
flap  deflections  , the  largest  slat  loads  will  occur  immediately  before  t.ne  stall  with 
the  highest  speed  , i.  e.  with  retracted  flaps.  The  shape  of  the  curves  is  also  such  , 
that  the  situation  with  the  lowest  to  be  considered  will  yield  the  other  limitation  to 
tne  slat  loads. 

Airworthiness  requirements  dictate  consideration  of  flight  conditions  with  deflected 
high" lift  devices  up  to  n - 2 and  down  to  n = 0.  Hence  the  stall  just  mentioned  is  the 
2 a stall  with  3<-  = 0 and  the  other  limitation  is  related  to  C,  --  0 at  a relevant  placard 
speed  , either  for  slat  deflection  ( 220  kts.  EAS  ),  for  flap  deflection  up  to  3C  = 25° 

( 200  kts.  1 or  for  landing  flaps  ( 160  kts.  );  it  was  not  difficult  to  trace  th&  second  one 
as  critical. 

All  this  may  be  done  without  a real  load  case  analysis  , but  then  it  concerns  only  the 
slats  as  such.  For  the  suspension  , matters  are  less  simple  since  the  deformation  of  the 
slats  with  respect  to  the  wing  is  an  important  parameter  in  the  structural  analysis  ; this 
latter  is  so  difficult  to  oversee  that  a comprehensive  slat  load  data  specification  is  still 
indispensible.  Thus  , the  subject  of  local  Covariation  due  tc  downstream  influences  now 
enters  into  the  discussion.  14 

iL'terf  erence_ef  fects^ 

The  naceile  interference  effect  on  the  flow  field  is  most  evident  at  the  wing  root 
trailing  edge  and  gradually  damps  off  upstream  cind  in  spanwise  direction.  Sectionwise  , it 
causes  a lift  drop  ty  inducing  a virtually  constant  small  overpressure  at  the  upper  surface. 
Direct  application  of  the  decreased  CL's  found  on  the  pressure  model  with  nacelles  , in 
combination  with  section  data  from  the  other  model  { i.e.  attributing  the  decrease  to  a 
change  in  Q . which  Is  essentially  in  peak  suction  > would  yield  a too  low  local  slat  load. 
This  difficulty  may  be  overcome  by  neglecting  the  nacelle  interference  effect  , wnich  is 
slightly  conservative  ? on  the  F 28  this  wag,  also  logical  since  the  effect  is  different 
on  the  Mk.  5 .GOO  and  6,000. 

Slat  load  predictions  were  thus  based  on  the  wing  lift  distributions  established  on  the 
aircraft  pressure  model  wi  thou  t_nacell.es . See  fig.  6. 

Incidentally  , this  effect  tends  to  shift  further  outboard  the  lift  resultant  on  each 
half  wing  the  closer  the  nacelles  stand  uo  the-  wing.  Insertion  of  a fuselage  plug 
between  the  wing  trailing  edge  and  the  nacelles  on  a stretched  version  thus  brings  with 
it  some  wing  load  alleviation.  This  fact  kept  the  structural  modifications  , resulting 
from  the  span  extension  and  required  for  the  hea/icr  Mk,  6,000  , to  a minimum. 

The  lift  carry-over  effect  at  the  flap  ends  is  also  most  evident  at  the  adjacent  t.e. 
region  , but  not  neglectaale  at  the  l.e.  region  upstream.  As  in  the  case  of  the  nacelles  , 
the  interference  effect  cannot  be  considered  in  terms  of  local  C.  in  the  sense  of  section 
C-.  Here  , one  is  led  to  consideration  of  the  change  m incidence  of  the  section  ( *Q  ) , 
required  to  yield  the  same  cnange  in  leading-edge  auction  peak  as  is  caused  by  the  flap 
deflection  in  its  lift  carry-over  effect. 

On  the  "normal"  model .section  , it  was  found  that  - independent  of  3f  and  3 as  well  as 
and  within  remarkably  narrow  tolerances  (±1.5%)— 

AClp=.40*aL 

where  iCI^  is  the  change  in  section  incidence  equivalent  to  the  change  in  local  C. . On  the 
aircraft  EI§§sure_model  , which  featured  deflectable  ailerons  , the  aileron  lift  carry- 
over effect  could  25  studied  , albeit  on  a wing  without  slats.  Since  the  aileron-to-wing 
chord  ratio  here  *was  about  the  same  as  the  rlap-t.o-chord  ratio  of  the  section  model  with  all 
high-lift  devices  deflected  , it  nevertheless  yielded  a worthwile  contribution.  It  confirmed 
the  .40  ratio  for  the  three-dimensional  case. 

Fig.  7 shows  one  of  tne  cases  analyzed  from  section  model  results  , fig.  8 one  from 
aircraft  pressure  model  results. 

Consequently  , 40  % of  the  theoretically  derived  flap  lift  carry-over  effect  was  taken 
into  account  in  the  C^-disti ibuf ions  applied  for  slat  load  derivation  ( see  fig,  9 ).  This 
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simple  correct. ton  eliminated  the  need  for  far  more  complex  and  expensive  analyses  of  the 
sib^ed  problem. 

It  was  difficult  to  foresee  the  impact  of  the  adjustments  discussed  in  the  structural 
analyses.  Since  slat  deformation  - and  thus  primarily  bending  moment  - is  an  important 
parameter  , they  would  most  probably  affect  the  support  forces  of  the  slat  tracks  closest 
to  the  wing  root  ( nacelle  Interference  ) and  the  stations  where  the  flaps  end  ( flap  lift 
carry-over  effects  >. 

On  the  F ?.S  section  model  , some  research  was  conducted  at  reduced  tunnel  speeds.  This 
mainly  indicated  some  Re-effect  on  pitching  moments  , a finding  of  interest  with  respect 
to  the  t : 12  scale  force  m^del  , figuring  m figs.  4. 

No  effects  on  the  load, specif ications  were  established  for  Re  > 2.4  x 10  and  since  the 
normal  value  was  2.$  x 10°  , no  particular  problems  arose  here.  In  view  of  the  increase  in 
slope  of  all  slat  load  curves  with  . the  prediction  method  could  be  somewhat  vulnerable 
to  underestimation  of  local  immediately  before  the  stall3  , but  for  the  F 28  , the 
high-prer.surc  low  speed  tests  on  the  pressure  model  ( see  ch,3  ) practically  eliminated 
this  as  a.  problem. 

In  the  section  tests  at  very  low  Re  evidence  was  found  of  interference  in  the  lift 
development  due  *-o  occurence  of  a laminar  separation  bubble  behind  the  upper  surface 
discontinuity  inherent  to  slat  deflection  ; fig.  10  shows  an  example  of  relevant  data. 

This  effect  must  play  a role  whan  use  is  made  of  a low-speed  aircraft  pressure  model 
provided  witr,  deflected  high-lift  devices.  Such  £ model  , when  not  very  large  ana  then 
very  expensive  to  build  ana  to  test  , will  featu.e  lower  Reynolds’  numbers  than  those  in 
fig.  10  over  a substantial  part  of  the  wing.  ih„  test  results  must  then  be  difficult  to 
interprets  correctly  when  there  is  no  sec tig-^ model  test  material  at  sufficiently  high  Re 
when  there  is  , the  need  for  the  relevant  Ii~craf  t__model  is  subject  to  discussion. 
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Load  predictions  for  deflected  slats  have  been  checked  against  results  of  in-flight 
stra tri-gauge  measurements  on  suspension  components  and  spigots  of  the  slats.  Summation 
of  the  internal  forces  thus  measured  to  provide  external  loads  on  the  slats  yielded  a 
very  good  agreement  with  the  predictions  , as  shown  ir.  fig.  11.  Note  , that  the  scale 
for  the  moments  is  very  large  to  make  correlation  points  better  distinguishable. 

The  relevant  agreement  was  considerably  better  than  that  between  calculated  and 
measured  structural  stresses.  Of  course  , the  stress  calculations  were  kept  on  the 
conservative  side. 

The  correlation  of  the  slat  load  predictions  is  not  really  good  at  very  low  loads  and 
thus  not  with  respect  to  specifications  for  the  deflection/retraction  cycle.  This  is 
probably  a common  problem,  though  one  of  relatively  low  order. 


5.  AIR  LOADS  ON  RETRACTED  SLATS 
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Load  predictions  on  retracted  slats  were  obtained  by  d' rect  integration  of  the  appro- 
priate wind  tunnel  data  from  the  airs.  raft  pressure  model  , a relatively  simple  process  , 
though  elaborate  m view  of  the  amount  of  input  data.  Furthermore  , chordwise  Cp-plots 
were  found  to  be  necessary  for  data  checking  and  extrapolation  purposes.  1 

The  major  feature  of  these  load  data  is  connected  to  leading-edge  suction  peaks  and 
coherent  forward  shock  waves. 


At  high  Mach  numbers  , peak  suctions  increase  linearily  with  Cp,  only  as  Jong  as  local 
M remains  below  some  1.25  , at  least  for  the  "peaky"  sections  on  th » F 28.  Any  furtner 
increase  in  lift  goes  together  with  widening  of  the  peak  with  limited  further  growth  of 
0r  . This  obviously  causes  a quite  sudden  increase  in  the  rate  of  change  cf  CN  and  in 
particular  Cm  with  at  a specific  wing  station  ; both  coefficient.,  increase  sharply 
untill  the  shock  wave  , by  now  terminating  the  suction  peak  downstream  , reaches  the  local 
slat  trailing  edge. 


With  further  increase  in  CP  it  crosses  over  to  the  wing.  The  consequent  sudden  drop  in 
pressure  in  the  narrow  gap  between  the  retracted  slat  and  the  wing  causes  a sharp  decrease 
in  both  coefficients  mentioned.  This  course  of  events  is  illustrated  for  the  F 28  pressure 
model  section  nr.  3 in  figs.  12  and  13  , at  M = .77  distinctly  over-critical  for  this 
section  ( see  cn.  2 i< 


Occur! ng  only  locally  at  a specific  moment  , this  phenomenon  does  not  cause  sudden 
changes  in  over-all  slat  loads  , but  merely  a somewhat  unexpected  relation  with  a . At  the 
wing  root  , fuselage  interference  ties  the  forward  shock  wave  to  the  leading  edge  ; there 
the  load  variations  noted  above  do  not  occur  , but  the  development  of  the  shock  wave  can 
be  seen  in  the  load-versus-Q  curves  for  test  section  1 ( close  to  the  root  ) , which  show 
up  discontinuities  at  its  beginning.  This  can  be  seen  in  fig.  14  , which  also  shows 
idealized  shock  wave  pattern  on  the  wing  at  three  characteristic  a 's. 

At  suf f iciently  high  M , the  described  phenomenon  occurs  witnin  the  test  G -range.  Then 
determination  of  the  condition  at  which  it  occurs  ( per  section  ) is  arbitrary  only  within 
narrow  limits.  Firm  data  are  obtained  on  the  relation  between  M and  the  Cp  at  which  the 
suction  peak  starts  widening  ana  on  the  slope  of  Cp  with  C.  with  further  increase  in  a . 
These  may  well  be  extrapolated  to  lower  Mach  numbers  on  theoretical  basis. 
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As  will  be  discussed  next  , the  main  problems  arise  when  the  phenomenon  occurs 
beyond  the  wind  tunnel  teat  O -range. 

boad_cases^ 


The  load  case  analysis  scans  the  n-V-fields  for  manoeuvring  and  gusts  described  in  the 
airworthiness  requirements.  The  case  , initially  predicted  to  be  most  critical  for  the 
slats  was  M = .560  , a = 8° 

which  occurs  when  the  aircraft  , after  take-off  at  maximum  weight  , flies  at  18,000' 
altitude  with  a speed  v and  is  hit  fcy  an  upward  limit  gust  { 66'  per  set.,  EAS  ),  which 
brings  it  to  the  point  of  stalling.  The  adjacent  wind  tunnel  test  limits  were 

M =*  .45  , CS  = 7,5°  ( shock-free  } 

M = .65  , a « 3.2°. 

In  this  case  , the  M-margm  was  very  wide  , since  the  intermediate  range  was  of  minor 
interest  for  the  original  design  ; as  was  mentioned  in  chapter  2 , no  further  tests  on  the 
aircraft  pressure  model  were  conducted  on  behalf  of  the  slat  development.  However  , the 
real  problem  lies  not  in  interpolation  with  respect  to  M , but  in  extrapolation  with 
respect  to  Q . 

The  construction  of  the  slat  loads  at  off-test  conditions  of  the  sort  is  well  possible. 
Sources  of  information  available  for  construction  of  the  relevant  CD-distnbutions  over 
the  wing  leading-edge  are 

. high-speed  airfoil  section  data  , collected  during  the  original  F 28  development  , 

. general  wind  tunnel  data  of  the  aircraft  pressure  model  , from  which  the  characteristic 

variation  of  the  suction  peak  shape  at  any  Mach  number  can  be  derived  , 

. the  lift  distribution  , predicted  by  the  load  case  analysis  , which  should  be  in  harmony 

with  the  C_-distributicn  to  be  constructed. 

P 

In  the  subject  V -case  , where  shock  waves  were  found  to  be  mainly  behind  the  slat 
traili.ng-edge  , slat  loads  were  substantially  lower  than  predicted  beforehand  over  most  of 
the  span.  Then  , two  "next  critical"  conditions  emerged  from  the  load  case  analysis  , i.e. 

. V . n = 2.5  at  sea  level  ( M = .590  , a = 2.60°  ) , 

. VA  , n --  2.5  at  20,000'  altitude  ( M = . 504  , a = 7 . 95°  ) . 

Both  were  found  to  be  indeed  critical  over  part  of  the  span.  Similar  analyses  were 
conducted  for  load  cases  with  downward  limit  gusts  and  with  gust  encounters  at  i\]Q  . 

^2i§§_2D_£l3§_l}i9lJz5BS§^_i22ii_£23§i£!J£iJ:2D_i;£2£§§5§§i 

1.  Slat  load  extrapolation  should  be  in  harmony  with  extrapolation  of  Cp  test  data  , to 

account  for  v 

• stagnation  point  travel  with  a ; in  the  over-pressure  region  the  C-a-relatio.n  is  far 

from  linear  , e 

• hysteresis  effects  on  the  Cp's  close  to  the  slat  traili.ng-edge  in  transient  conditions  ; 
these  may  well  result  in  substantially  lower  slat  loads  than  for  static  conditions. 

2.  On  the  F 28  - slat  construction  limitations  togethei  with  anti-icing  hot  air  discharge 
requirements  - the  slot  seal  position  is  at  some  35  % slat  chord  , well  aft  of  the  optimum 
for  minimum  loads  on  the  retracted  slats.  However  , for  the  case  of  failed  ( removed  ) 
seal  , the  same  level  of  critical  slat  loads  was  found  as  for  the  case  with  effective 
seal.  This  will  be  coincidental  for  the  F 28. 

3.  Contacts  between  slats  and  wing  due  to  different  bending  of  the  two  prevents  checking 
of  retracted  slat  load  predictions  against  in-flight  strain-gauge  measurements  as  was  done 
for  deflected  slats. 

4.  Comparison  between  the  general  prediction  methods  discussed  in  chapteis  4 and  5 was 
possible  for  the  ‘'common"  case  of  retracted  slats  at  M - .19  , a subject  also  covered  in 
the  section  tests  to  survey  the  deflection/retraction  cycle.  Given  the  sober  character  of 
the  method  - based  on  data  for  only  two  sections  - used  in  chapter  4 , the  agreement  , as 
shown  in  fig.  15  ,can  be  considered  as  very  satisfactory. 


6.  CONCLUDING  REMARKS 

The  prediction  process  described  may  be  used  when  a restricted  amount  of  wind  tunnel 
test  data  is  available.  The  models  required  to  coliecc  these  data  are  usually  planned  for 
development  purposes  and  not  specifically  needed  for  load  prediction. 


There  appear  to  be  no  elements  , essentially  restricting  the  process  to  small  angles  of 
sweep  , provided  that  for  the  case  of  deflected  slats  the  influence  of  the  core  flow  in 
the  slot  is  accounted  for. 


Notes. 


An  adjustment  process  as  described  for  the  flap  lift  carry-over  effect  in  chapter  4 can 
also  be  derived  for  the  tip  alleviation  effect.  In  this  case  a slightly  higher  loading 
is  found  for  the  far  outer  part  of  the  slats. 

A minor  , but  intriguing  problem  is  connected  with  C , which  is  found  as  the  sum 


/ Cp  x dx  + / C. 
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It  is  in  a plane  in  flight  direction  , whereas  fhe  structural  analysis  works  with  planes 
perpendicular  to  the  elastic  axis  of  the  slats.  With  an  angle  of  sweep  {5  of  this  axis  , 
the  local  torsion  moment  coefficient  around  it  becomes 

/ Cp  x dx  cos  p t / Cp  z dz 

and  not  the  smaller  Cro  cos g . The  apparent  contradiction  in  this  st.. 1 • -'ent  disappears 
at  the  tips  of  each  slit  segment. 


Mark 
nr . 

seating 
( pass.  ) 

certified 

in 

~ 

wing 

aspect  ratio 

1 .e 
slats 

t .e 
flaps 

1,000 

2,000 

65 

79 

1969 

1972 

7.27 

no 

double 

slotted 

5.000 

6.000 

65 

79 

1975 

7.98 

yes 

3.000 

4.000 

65 

79 

1976 

1976 

7.98 

no 

Tabel  1. 
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15.  COMPARISON  BETWEEN  2D_ 
AND  3 D_  PR  EDICT  IONS  WITH 
SLATS  RETRACTED  AT  M=.19 
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SUMMARY 

In  work  from  the  authors'  laboratory  reported  at  an  AGARD  Conference  on  VSTOL  Aerodynamics  in  1974, 
three  theoretical  methods  were  described  for  the  prediction  of  aerodynamic  loading  on  two-dimensional  air- 
foils with  spoilers.  Two  were  thick-airfoil  theories  for  steady-state  pressure  distribution,  one  analytic 
and  the  other  numerical,  and  the  third  was  a thin-airfoil  theory  for  steady  and  transient  lift.  In  the 
present  paper,  the  above  work  is  extended  to  an  experimental  study  of  effects  of  base  venting  on  two- 
dimensional  spoiler  pertorr-ance,  and  to  a theoretical  and  experimental  study  of  effects  of  finite  span  of 
spoilers  and  wings.  The  effects  of  realistic  amounts  of  base  venting  on  lift  and  pressure  distribution 
proved  small,  so  that  unvested-spoiler  theory  can  be  used  with  acceptable  accuracy.  Lifting-line  theory, 
requiring  the  sectional  values  of  lift-curve  slope  and  zero-lift  angle  as  inputs,  was  used  for  the  finite- 
span  study,  and  the  theoretical  predictions  were  compared  with  experimental  data  from  reflection-plane 
wind  tunnel  tests.  Results  are  presented  for  lift  and  rolling  moment,  and  agreement  is  good.  The  overall 
result  is  that  the  performance  of  finite-span,  base-vented  spoilers  on  finite-span  wings  can  be  predicted 
with  acceptable  accuracy,  with  only  the  spoiler  base  pressure  as  an  empirical  input. 

SOMMAIRE 

Dans  un  travail  du  laboratoire  des  auteurs  presente  a une  conference  de  l'AGARD  sur  l'aerodynamique 
des  avionn  S d^collage  et  2i  atterrissage  court  ou  vertical  (V/STOL),  trois  methodes  theorlques  ont  ete 
decrites  concemant  devaluation  de  la  charge  aerodynamique  sur  les  profiles  d'aile  bidimens ionnels  muais 
d'aerofreins.  Deux  de  celles-ci,  l'une  analytique  et  1' autre  numerique,  relfevent  de  la  thlorie  des  pro- 
files epais  pour  un  etat  permanent  de  la  repartition  des  pressions  tandis  que  la  troisifeme  s' inspire  de 
la  theorie  des  profiles  minces  pour  determiner  la  portance  en  regime  permanent  et  transitoire. 

Dans  la  presente  communication  ces  travaux  ont  ete  etendus  a une  etude  experimentale  bldimension- 
neJle  de  l'effet  d'une  fente  a la  base  de  l'aerofrein  sur  les  performances  du  profil  d'aile  de  mSme 
qu'a  l'etude  theorique  et  experimental  des  effets  dus  aux  aerofreins  sur  une  alle  d'envergure  finie.  Les 
effets  sur  la  portance  et  la  repartition  des  pressions  se  sont  averes  minimes  de  sorte  que  la  theorie 
developpee  pour  les  aerofreins  sans  fente  peut  etre  utilieee  avec  un  degre  de  precision  acceptable.  La 
theorie  de  Frandtl  sur  l'aile  d'envergure  finie  a servi  de  tremplin  a l'etude  tridimensionnelle.  Cette 
approche  requiert  comme  parametres  d'entree  l’incidence  de  portance  nulle  ainsi  que  la  pente  de  la 
courbe  de  portance  pour  les  differentes  sections  constituent  l'aile.  Les  predictions  de  cette  theorie 
ont  ete  compares  avec  les  resultats  experimentaux  obtenus  au  moyen  d'une  maquette  utilisant  les  proprieties 
de  reflexion  du  mur  du  tunnel  7i  vent. 

Cette  communication  inclut  une  presentation  des  resultats  concemant  la  portance  et  le  moment  de 
roullis.  L'accord  entre  l'essai  et  le  calcul  semble  bon.  A titre  de  conclusion,  la  performance  des  ailes 
d'envergure  finie  munies  d'aerofreins  avec  fente  a la  base  peut  etre  predite  avec  une  precision  acceptable 
avec  comme  seule  donnfie  empirique  requise  la  pression  de  base  derrifere  u'afirofrein. 


NOTATION 

c airfoil  section  chord 
b wing  semi-span 

5 planform  area  for  half  wing 

bs  spoiler  span 

h spoiler  height 

E chordwise  spoiler  position 

6 spoiler  erection  angle 

a airfoil  geometric  angle  of  attack 

airfoil  zero-lift  angle 

- a - a^Q»  absolute  angle  of  attack 

x chordwise  distance  from  leading  edge 
y spanwlse  distance  from  mid-span 

0 ■ cos-1'  y/b,  spanwise  variable 


p air  density 
U free-stream  velocity 
T airfoil  section  circulation 

L’  sectional  lift 
L half-wing  total  lift 
R half-wing  roxllng  moment 
sectional  lift  coefficient 

CL  half-wing  lift  coefficient 

half-wing  rolling  moment  coefficient 

Cp  pressure  coefficient 

m sectional  lift  curve  slope 
o 

A Fourier  coefficient 
n 

( ) values  for  spoilered  sections 


Professor  of  Mechanical  Engineering. 

h 

Graduate  Student,  Department  of  Mechanical  Engineering. 
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1.  INTRODUCTION 

In  the  prediction  of  aerodynamic  loading  on  aircraft  surfaces,  the  occurrence  of  separated  flow 
creates  great  difficulties,  because  of  the  inadequacies  of  aerodynamic  theory  in  dealing  with  such  flows. 
As  a result,  design  information  on  the  aerodynamic  effects  of  spoilers  on  wings  has  been  obtained  entirely 
from  ad  hoc  testing,  and  prediction  of  loading  has  only  been  possible  approximately,  op  the  basis  of 
experience  with  similar  configurations.  Yet  spoilers  are  currently  of  great  importance  as  control 
devices,  whether  deployed  symmetrically  for  lift  and  drag  control,  or  asymmetrically  for  roll  control,  and 
the  development  of  prediction  methods  would  clearly  be  beneficial. 

For  the  past  eight  years,  there  has  been  a research  program  in  the  Mechanical  Engineering  Department 
at  The  University  of  British  Columbia  on  the  aerodynamics  ot  spoilers.  In  the  first  phase  of  this  pro- 
gram, three  new  theoretical  two-dimensional  potential  flow  methods  were  developed  for  the  prediction  of 
sectional  characteristics  of  airfoils  with  spoilers,  and  wind  tunnel  experiments  were  conducted  to  corre- 
late with  the  theoretical  predictions.  The  results  of  these  studies  were  reported  at  an  earlier  AGARD 
Symposium  on  V/STOL  Aerodynamics  [1].  Two  of  the  above  threo  theoretical  methods  were  for  the  prediction 
of  pressure  distribution.  One  was  an  analytic  method  involving  a combination  cf  Theodorsen's  [2]  con- 
formal mapping  of  an  arbitrary  profile  with  Parkinson's  (3)  wake  source  model.  It  coul ' be  used  for  any 
single-element  airfoil  with  a normal  spoiler,  and  a typical  comparison  of  predicted  and  measured  pressure 
distribution  is  shown  in  Figure  1. 


FIGURE  1.  Pressure  Distribution  on  Clark  Y Airfoil  with  Spoiler. 

The  airfoil  is  a 14%  thick  Clark  Y with  an  8.4%  normal  spoiler  at  70%  chord.  Angle  of  attack  a » 10.19°, 
and  the  experimental  Reynolds  number  was  5.3  (10)  . The  experimental  data  were  corrected  for  tunnel  wall 
effects,  and  the  resulting  agreement  with  the  theoretical  curve  is  seen  to  be  excellent,  except  for  the 
usual  disagreement  juat  upstream  of  the  spoiler.  Here  the  theory  predicts  a stagnation  point,  whereas 
the  actual  flow  separates  and  forms  a constant-pressure  bubble.  The  second  method  replaced  the  conformal 
mapping  by  the  surface  source  distribution  method  of  A.M.O.  Smith  and  his  colleagues  [4],  and  as  a result 
could  be  applied  to  multi-element  airfoils  with  inclined  spoilers. 

The  third  method  used  linearized  free-streamline  theory,  and  was  for  the  prediction  of  lift  and 
moment  on  an  arbitrary  single-element  airfoil  with  spoiler,  under  either  steady-state  or  transient  condi- 
tions following  spoiler  actuation.  A typical  comparison  of  predicted  and  measured  steady-state  lift  as  a 
function  of  angle  of  attack  is  shown  in  Figure  2.  The  airfoil  is  again  a 14%  thick  Clark  Y,  in  this 
example  with  a 10%  spoiler  inclined  at  60°  and  located  at  70%  chord.  The  test.  Reynolds  number  was  4(10) 
Agreement  of  the  theoretical  curve  with  the  experimental  data  is  seen  to  be  good.  The  nonlinear  increase 
of  the  experimental  lift  at  high  a is  a result  of  the  growth  of  the  separation  bubble  seen  in  Figure  1. 

In  the  above  theories,  the  only  empirical  input  needed  is  the  spoiler  base  pressure  coefficient. 

However,  in  these  theories  the  spoilers  are  impervious,  and  the  flows  are  cwc>  -dimensional,  whereas 
in  aircraft  practice  spoilers  are  vented  at  the  base  and  cover  only  part  of  the  finite  span  of  wings. 

The  current  phase  of  the  research  program  is  therefore  investigating  the  effects  of  base  venting  and 
finite  span  of  spoilers. 

2.  BASE  VENTING  EXPERIMENTS 

Two-dimensional  flow  conditions  were  retained  for  expet lmantal  investigations  of  spoiler  base 
venting,  so  that  direct  comparisons  could  be  mode  with  the  two-dimensional  theories,  and  with  previous 
sectional  measurements  for  unvented  spoilers  [1J.  The  experiments  were  performed  in  a low-speed,  low- 
turbulence  wind  tunnel  with  a test  section  915  mm  wide  and  687  mm  high.  The  test  airfoil  was  a Joukowsky 
section  11%  thick  with  2.4%  camber,  of  307  mm  chord.  It  was  constructed  mainly  of  wood,  with  an  aluminum 
section  at  mid-span  containing  37  pressure  taps,  of  which  24  were  distributed  on  the  upper  surtuce.  It 
was  built  with  end  plates  on  which  spanwise  metal  spoilers  could  be  mounted.  The  spoilers  ware  normal  to 
the  airfoil  surface,  and  of  10%  airfoil  chord  in  height  above  the  surface.  They  were  located  at  50,  60, 
70,  or  80%  chord.  The  spanwise  base  venf.  was  10,  ?0,  30  40,  or  50%  of  the  spoiler  height. 

The  test  airfoil  spanned  the  tunnel  test  section  vertically,  with  small  clearances  at  floor  and 
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ceiling,  and  was  mounted  on  the  yaw  turntable  of 
the  tunnel  balance,  located  under  the  test  section. 
For  each  spoiler  location  and  degree  of  base 
venting,  lift,  drag,  and  pitching-moment  measure- 
ments were  made  over  t.  full  range  of  angle  of 
attack,  using  the  tunnel  balance.  For  some  angles 
of  attack,  pressure  distributions  were  measured 
using  a multitube  manometer.  The  te-t  Reynolds 
number  was  4.4  (10) ■*. 

rigutes  3 and  4 show  some  of  the  results  of 
these  measurements  for  the  tests  with  the  3poiler 
located  at  70%  chord.  Table  1 Identifies  the 
symbols  used  in  the  Figures  for  the  different 
base  vent  depths  expressed  as  percentages  of  the 
spoiler  height . 

Figure  3 shows  airfoil  pressure  distributions 
at  a ■ 8°,  and  Figure  4 gives  the  variation  of 
lift  coefficient  Cl  with  a,  for  the  various 
degrees  of  spoiler  base  venting.  The  most  signi- 
ficant result  is  that  over  the  range  of  positive 
CL,  there  is  very  little  difference  in  airfoil 
loading  from  that  of  the  unvented  configuration 
for  vents  of  up  to  20%  of  the  spoiler  height  - 
the  range  of  practical  interest.  This  is  implied 
by  the  close  agreement  of  the  Cp-diatributions 
for  10  and  20%  vents  in  Figure  3 (the  unvente-J  Cp- 
dlstributlon  was  not  measured  at  a * 8°),  and  con- 
firmed by  the  Cl  data  of  Figure  4.  As  the  sire 
of  the  vent  is  Increased  above  20%,  the  airfoil 
upper-surface  suction  increases  ahead  of  the 
spoiler,  and  the  rower-surface  pressure  becomes 
more  positive,  so  that  the  lift  slowly  approaches 
the  value  for  the  basic  airfoil  without  spoiler. 

The  base  pressure  behind  the  spuller  remains 
fairly  constant  for  vents  of  10  and  20%,  but 
shows  the  effect  of  flow  through  the  vent  for  40 
and  50%  depths. 


FIGURE  2.  Lift  on  Clark  Y Airfoil  with  Spoiler. 
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Symbol 

Base  Vent  7. 
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□ 
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FIGURE  A.  1.1ft  on  Joukowsky  Airfoil  with  Base-vented 
Spoiler . 


3.  SPOILERS  OF  FINITE  SPAN 
3 • 1 Reflection-plane  Experiments 

For  experimental  investigation  of  effects  of  finite  span  of  spoilers  and  wings,  it  was  decided  to  use 
half  models,  as  shown  in  Figure  5,  in  order  to  accommodate  a good  range  of  wing  aspect  ratios  (A  to  8) 
with  as  large  a chord  and  Reynolds  number  as  possible.  For  such  tests,  the  floor  is  properly  a plane  of 
symmetry  for  cases  of  symmetrical  spoiler  deployment,  but  not  for  the  asymmetric  deployment  used  in  roll 
control.  The  use  of  the  reflection-plane  data  for  prediction  of  rolling  moment  is  considered  theoretically 
later. 

The  wings  were  tested  in  the  same  wind  tunnel  and  mounted  on  the  same  balance  system  as  described  in 
§ 2.  They  were  machined  from  solid  aluminum,  in  spanwise  sections  51  and  13  mm  long,  and  of  131  mm 
chord,  so  that  half-model  wings  of  equivalent  full  aspect  ratio  3.9,  A. 8,  5.8,  6.8,  and  7.7  could  be 
assembled.  Wings  spanning  the  height  of  the  test  section  could  Uso  be  assembled  for  two-dimensional 
tests.  The  airfoil  section  was  NACA  0015,  and  the  wings  could  be  fitted  with  10%  unvented  normal  spoilers 
located  at  A8,  58,  68,  77,  or  87%  chord.  Spoiler  spans  were  20,  30,  A0,  or  50%  of  the  span  of  each  half 
wing,  with  the  spoiler  inboard  tip  always  at  mid-span  of  the  half  wing.  Test  Reynolds  number  was  3(10)^. 
Force  and  moment  measurements  were  made  for  all  configurations  over  a full  range  of  angle  of  attack.. 

3 . 2 Llftlng-llne  Theory  - General  Formulation 

The  lifting-line  theory  as  formulated  by  Prandtl  [5],  is  applicable  to  unswept  wings  of  large  aspect 
ratio.  In  this  theory,  the  wing  is  replaced  by  a lifting  line  of  bound  vortex  filaments  at  the  one- 
quarter-chord  position,  and  a sheet  of  trailing  vortices  lies  in  the  plane  of  the  wing  and  the  free-stream 
velociiy.  The  trailing  vortices  induce  a downwash  over  the  wing,  which  alters  the  direction  of  the  flow 
approaching  the  wing  downward  by  an  Induced  angle  of  attack.  The  effective  angle  of  attack  and  the  corre- 
sponding sectional  lift  are  thus  reduced  below  their  two-dimensional  values,  although  the  relationship 
between  them  is  unchanged.  Also,  the  sectional  lift  L’  is  still  given  in  terms  of  local  circulation  f 
by  the  Kijtta-Joukowsky  law, 

L’  - pur  (3.1) 

so  that  the  unknown  spanwise  distributions  of  downwash  and  circulation  are  related.  An  additional  rela- 
tion between  them  is  found  by  using  the  Biot-Savart  law. 

Next,  it  is  assumed,  in  the  manner  of  Clauert  (6),  that  the  circulation  is  given  by  the  infinite 
Fourier  series, 
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FtGURE  5.  Wind  Tunnel  Test  Configuration  for  Finite-span  Spoilers. 


r - 4bU  51  A sin  ne  (3.2) 

n-1  n 

where  U is  Che  free-stream  velocity,  b the  wing  semispan,  and  8 is  defined  in  terms  of  spanwise  coordinate 
>'  by 

y » b cos  9 (3.3) 

Substitution  of  Equation  (3.2)  in  the  previous  relations  lead3  to  the  fundamental  equation  for  the 

unknown  coefficients  A : 
n 


Y A sin  n9 

i n 

n«l 


P^-  sin  6 + til  « a 

[v  J 3 


where  c,  m , and  a are  the  sectional  chord,  lift-curve  slope,  and  absolute  angle  of  attack.  Parameters 
c,  mQ.  and  aa  may  vary  along  the  span  depending  on  whether  or  riot  the  wing  has  section  changes,  taper  or 
twist.  The  equation  must  be  satisfied  for  all  points,  0 < 0 < rr. 

Solution  for  the  unknown  A 's  is  accomplished  by  considering  a finite  number  of  terms  of  the  Fourier 
series,  say  m terms.  By  choosing  the  number  of  values  of  span  variable  8 equal  to  m,  the  number  of  terms 
in  the  truncated  Fourier  series,  and  by  substituting  these  m values  of  8 into  Equation  (3.4),  a system  of 
m equations  in  a unknowns  is  obtained,  and  hence  a solution  for  the  An's.  Since  only  m terms  of  the 
Fourier  series  are  considered.  Equation  (3.4)  is  satisfied  only  at  the  in  positions  of  8. 

Kieselsberger  [7]  has  pointed  out  the  necessity  of  including  the  wing  tips  in  calculations  for 
flapped  wings.  Since  Equation  (3.4)  is  degenerate  at  the  tips  where  8 - 0 or  n,  h'Hopital's  rule  must  be 
applied  to  obtain  the  result 

a (0)  » ” n2  A 
a **.  n 

n‘1  > (3.5) 

a (tt)  « l n2  A (-l)n+1 
a n 

The  lift  L and  rolling  moment  R can  be  calculated  once  the  Fourier  coefficients  are  known.  Since 

dL  » pOF(y)dy 


dR  » ydL, 

by  integrating  across  the  span,  the  lift  and  rolling  moment  for  the  wing  can  be  obtained.  Since  the 
theoretical  results  were  to  be  compared  with  symmetric  reflection-plane  experimental  results,  the  inte- 
grations were  made  over  the  semi-span.  Thus, 
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and 


b 

f pU  r(y)  dy 


b 

y PU  T(y)ydy 
, _ R _ o 

R " 1 ..2  , " 1 2C. 

2 pU  Sb  y pU  Sb 


(3.6) 


(3.7) 


where  S is  the  planform  area  or  the  half  wing.  Upon  integration,  we  get 

cl-HTai  (3-8) 

CR  ” ~s~  A2i-i  T2r~^rhrTT)  (3,9) 

In  Equation  (3.9),  use  is  made  of  the  fact  that  only  the  odd  terms  of  the  Fourier  series  contribute  to  a 
symmetric  loading  distribution. 


3.3  Application  to  Wing  with  Part-span  Spoilers 

Experimental  and  theoretical  investigations  of  two-dimensional  airfoils  with  spoilers  (1)  have  shown 
that  the  effect  of  a spoiler  on  section  characteristics  is  to  alter  both  the  lift  curve  slope  m0  and 
zero-lift  angle  of  attack  an)-  (The  absolute  angle  of  attack  aa  is  related  to  the  geometric  angle  of 

attack  a by  a ■ a - O. „.)  let  m and  a be  the  sectional  lift  curve  slope  and  absolute  angle  of 
a LO  og  ag 

attack  of  the  spoilered  sections.  Then  in  applying  the  lifting-line  Equation  (3.4)  to  a wing  with  a 
part-span  spoiler, and  m^  must  replace  a ^ and  mQ  over  that  portion  of  the  wing  which  is  spoilered. 

This  results  in  a discontinuity  in  the  angle  of  attack  and  lift  curve  slope  distributions  across  the 
wing.  For  an  infinite  Fourier  series,  the  position  of  this  discontinuity  may  be  exactly  fixed,  since 
all  values  of  the  span  variable  0 are  covered  by  the  series.  For  a Fourier  series  with  a finite  number 
of  terms,  however,  the  values  of  lift  curve  slope  and  angle  of  attack  will  change  from  one  value  to 
another  between  two  adjacent  values  of  9.  This  represents  a gradual  change  in  sectional  lift  curve 
slope  and  angle  of  attack  over  a finite  range  of  the  span  variable  9,  and  is  an  approximation  of  the  real 
situation.  The  position  of  each  discontinuity  may  then  be  arranged  to  lie  midway  between  two  consecutive 
values  of  the  span  variable  0. 

Either  experimental  or  theoretical  values  of  m , m , a , and  a may  be  used  as  inputs  to 

S s 

Equation  (3.4).  In  this  paper,  experimental  data  was  used,  since  it  was  available.  The  two-dimensional 
experimental  data  must  first  be  linearised,  as  Equation  (3.4)  is  linear.  Straight  line  regressions  were 
made  on  the  data  and  the  resultant  values  of  mQ  and  are  given  in  Table  2.  An  example  of  the  linear 

approximation  to  the  experimental  sectional  data  is  shown  in  Figure  6,  for  the  NACA  0015  section  with  10'/. 
normal  spoiler  at  482  chord. 

Lift  coefficient  C^,  rolling  moment  coefficient  Cg,  and  spanwise  lift  distribution  in  the  form 
(T/4Ub)  were  calculated  for  symmetric  cases  corresponding  to  the  reflection-plane  experiments.  Calcula- 
tions were  also  made  for  aeymmetric  cases  of  full  wings  with  spoiler  erected  on  only  one  half.  A compari- 
son of  calculated  spanwise  lift  distributions  for  unspoilered,  asymmetrically  spoilered.  and  symmetrically 
spoilered  rectangular  wings  of  aspect  ratio  7.7  is  shown  in  Figure  7.  The  airfoil  section  is  again 
NACA  0015  and,  for  convenience,  calculations  were  made  for  an  angle  of  attack  of  1 radian.  Spoilers  were 
of  length  b equal  to  402  of  the  wing  semispan  b,  and  mounted  between  50  and  902  semispan.  The  chord- 
wise  location  E of  the  spoilers  was  at  482  chord  c. 

Examination  of  the  curves  shows  that  the  symmetric  loadings  differ  by  leos  than  22  from  the  asymmetric 
loading  at  the  wing  root,  and  the  two  spoilered  cases  are  in  progressively  closer  agreement  away  from  the 
root.  This  suggests  that  the  reflection-plane  tests  can  be  used  with  small  error  to  predict  the  charac- 
teristics of  an  asymmetrically  spoilered  wing. 


3.4  Comparison  of  Theoretical  Predictions  with  Experimental  Results 

Theoretical  values  of  half-wing  Cj_  and  Cg  were  calculated  for  all  wing-spoiler  configurations  tested 
in  the  wind  tunnel.  A typical  comparison  is  shown  in  Figures  8 and  9 for  the  rectangular  half-wing  of 
equivalent  full  aspect  ratio  7.7.  The  airfoil  section  is  NACA  0015  as  before,  and  the  spoiler  parameters 
are  6 ■ 90°,  h/c  * 0.10,  E/c  ■ 0.48,  bB/b  - 0..20,  with  the  inboard  spoiler  tip  at  mid-span  of  the  half- 
wing. 

The  agreement  of  the  predicted  and  measured  values  is  seen  to  be  quite  good,  both  for  Cl  and  Cg, 
although  the  sectional  input  data  for  the  NACA  0015  (both  spoilered  as  in  Figure  6 and  unspoilered) , for 
which  a linear  approximation  is  used  in  the  theory,  is  more  nonlinear  with  a than  usual.  The  same  non- 
linearity appears  in  the  experimental  finite-span  data  of  Figures  8 and  9,  and  accordingly  limits  the 
degree  of  agreement  with  the  linear  theory. 

Another  comparison  of  Interest  is  that  of  the  variation  of  the  predicted  and  measured  effective 
moment  arm  of  the  incremental  rolling  moment  caused  by  spoiler  erection.  Such  a comparison  is  presented 
in  Figure  10  in  the  form  6 Cr/ACl  as  a function  of  relative  spoiler  span  b3/b.  Again  the  half-witg  is 
rectangular,  of  equivalent  full  aspect  ratio  7.7,  with  NACA  0015  section  and  spoiler  parameters  6 « 90°, 
h/c  “ 0.10,  E/c  « 0.48.  The  spoiler  inboard  tip  is  again  at  mid-span  of  the  half-wing  for  all  cases. 

The  experimental  points  for  each  value  of  bs/b  represent  an  average  ACr/ACl  over  the  range  - 4°  < ct  < 14°. 
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FIGURE  8.  Half-wing  Lift  for  Wing  of  Aspect 
Ratio  7.7. 


FICURE  9.  Half-wing  Rolling  Moment  for  Wing  of 
Aspect  Ratio  7.7. 


The  dashed  line  in  the  figure  represents  the 
variation  that  would  occur  if  the  incremental 
lift  acted  at  mid-span  of  the  spoiler. 
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The  agreement  between  predicted  and  measured 
values  is  seen  to  be  good,  with  the  effective 
center  of  incremental  lift  lying  between  1/3  and 
1/2  the  distance  from  the  spoiler  mid-span  to  its 
inboard  tip. 

4.  DISCUSSION 
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Figures  8,  9,  and  J.u  indicate  that  good  pre- 
diction of  the  lift  and  rolling  moment  character- 
istics of  finite-span  wings  .fith  spoilers  can  be 
achieved  using  sectional  input  data  in  a lifting- 
line theory.  As  usual  with  lifting-line  theory, 
the  loading  is  somewhat  over  estimated,  but  the 
agreement  between  predicted  and  measured  values  is 
good,  and  would  have  been  still  better  if  an  air- 
foil section  with  a more  linear  basic  Cj,  - a 
variation  than  that  of  the  NACA  0015  had  been  used. 


Also,  as  Figure  2 indicates,  the  thin- 
airfoil  theory  of  Reference  1 would  give  at  least 
as  good  predictions  of  a , a,n  as  the  linear 
°S  L0S 


O EXPT 
THEORY 


approximation  to  experimental  sectional  data  I 

used  here.  This  thin-alrfoil  theory  of  course  U d - 

takes  no  account  of  the  nonlinear  effect  of  the 
separation  bubble  upstream  of  the  spoiler,  and  so 
would  produce  better  agreement  for  the  lifting- 
line theory  at  the  lower  angles  of  attack.  The  01" 

thin-airfoil  theory  wasn't  used  in  this  paper 
because  it  hasn't  been  worked  out  yet  for  the 
NACA  0015  section  with  spoiler. 


Figure  4 shows  that  Co  at  a given  ct  is  only 
slightly  higher  for  an  airfoil  with  spoiler  con- 
taining a 10  to  2071  base  vent  than  for  the  same 
;onfiguration  unvented.  Since  the  value  of  Cj 
predicted  by  the  thin-airfoil  theory,  as  in 
Figure  also  tends  to  be  slightly  higher  than 
the  experimental  value  for  the  unvented 
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FIGURE  10.  Effective  Moment  Arm  of  Incremental 
Rolling  Moment  from  Spoiler. 
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configuration,  it  appears  that  the  sectional  lift  of  actual  vented  configurations  will  be  accurately 
predicted  by  the  thin-airfoil  theory.  Figure  3 indicates  that  practical  amounts  of  spoiler  base  venting 
do  not  change  the  spoiler  base  pressure  significantly. 

The  theoretical  results  of  Figure  7 suggest  that  reflection-plane  wing  experiments  will  be  satis- 
factory for  wind-tunnel  investigations  of  asymmetric  wing-spoiler  configurations.  It  should  be  noted 
that  the  half-wing  rolling  moment  coefficient  Cg  used  here  is  not  the  rolling  moment  coefficient  as 
usually  defined  for  a wing  or  complete  aircraft.  Figure  10  indicates  tnat  the  effective  center  of  the 
incremental  lift  from  the  spoiler  lies  well  inboard  of  the  spoiler  mid-span. 

The  overall  result  of  the  paper  is  that  for  a finite-span  wing  without  slotted  flaps,  the  effect  of 
base-vented  part-span  spoilers  on  lift  and  rolling  moment  can  be  predicted  accurately  with  only  the 
spoiler  base  pressure  coefficient  as  a required  empirical  input.  It  seems  likely  that  an  adequate 
empirical  recipe  can  be  devised  for  predicting  this  base  pressure  coefficient  as  a function  of  wing 
geometry  and  incidence,  since  it  has  a very  limited  range  of  values. 

For  the  more  interesting  case  of  a wing  with  spoilers  in  the  presence  of  slotted  flaps,  a sectional 
thin-airfoil  theory  for  predicting  m and  a is  not  available.  However,  the  numerical  thick-airfoil 

°S  L0S 

theory  of  Reference  1,  in  its  so-called  2-source  model,  can  be  used  to  calculate  Cg  as  a function  of  i 
for  an  airfoil  with  spoiler  and  slotted  flap,  so  that  m and  a can  be  determined,  and  the  lifting- 

°S  L0S 

line  theory  can  then  be  used  as  in  this  paper.  This  form  of  theory  has  still  to  be  worked  out  and  tested 
against  experimental  data. 

ACKNOWLEDGEMENT 

The  work  described  here  was  supported  by  the  Defence  Research  Board  of  Canada  under  Grant  9551-13, 
and  by  the  National  Research  Council  of  Canada  under  Grant  67-0586. 

REFERENCES 

1.  Parkinson,  G.V.,  Brown,  G.P.,  and  Jandali,  T,;  'The  Aerodynamics  of  Two-dimensional  Airfoils  with 
Spoilers',  Proc.  AGARD  Conf.  or  V/STOL  Aerodynamics,  Delft,  April,  1974,  pp.  14-1  to  14-10. 

2.  Theodorsen,  T.;  'Theory  of  Wing  Sections  of  Arbitrary  Shape',  NACA  Rep.  411,  1931. 

3.  Parkinson,  G.V.  and  Jandali,  T.;  'A  Wake  Source  Model  for  Bluff  Body  Potential  Flow',  Jour.  Fluid 
Mech.,  40,  3,  1970,  PP.  577-594. 

4.  Hess,  J.L.  and  Smith,  A.M.O,;  'Calculation  of  Potential  Flow  About  Arbitrary  Bodies',  Prog,  in  Aero. 
Sci.,  ji,  Pergamon,  1966. 

5.  Prandtl,  L.;  'Applications  of  Modern  Hydrodynamics  to  Aeronautics',  NACA  Kept.  No.  116,  1921. 

6.  Glauert,  H.;  'Elements  of  Airfoil  and  Airscrew  Theory',  Cambridge  University  Press,  1927. 

/.  Wieselsberger,  C.;  'Theoretical  Investigation  of  the  Effect  of  the  Ailerons  on  the  Wing  of  an 
Airplane',  NACA  TM510,  1928. 


5-1 


A TECHNIQUE  FOR  PREDICTING  EXTERNAL  STORE 
AERODYNAMIC  LOADS 

A.  R.  Rudnickl , Jr. 

E.  G.  Waggoner,  Jr. 

R.  D.  Gallagher 
Vought  Corporation 
Systems  Division 
Dallas,  Texas  75222 


SUMMARY 


A technique  has  been  developed  under  U.S.  Air  Force  sponsorship  for  predicting  six-component  airloads 
on  captive  stores  for  single  and  multiple  carriage  configurations.  The  prediction  method  includes  tech- 
niques for  predicting  the  basic  airload  as  well  as  the  incremental  airloads  due  to  aircraft  yaw  and  adjacent 
store  interference.  The  single  carriage  prediction  technique  is  valid  for  the  Mach  number  range  0.5  to  2.0 
while  the  multiple  carriage  technique  was  developed  for  the  Mach  range  0.5  to  1.6. 

The  basic  approach  to  the  prediction  technique  was  a.i  empirical  correlation  of  a large  experimental 
data  base  consisting  of  literature  survey  data  and  data  obtained  from  a parametric  wind  tunnel  test. 

This  paper  summarizes  the  study  program,  presents  the  approach  and  major  variables  considered  in  the 
technique  development,  and  -Hscusses  the  prediction  results  achieved.  Comparisons  between  experimental 
data  and  predictions  for  the  s,A  airload  components  are  included  for  both  subsonic  and  supersonic  flight 
conditions. 


NOTATION 


b 

Aircraft  wing  span,  in. 

xB,YB*ZB 

Store  body  axis  coordinate  system 

s 

Side  force  coefficient.  -P — 
<%F 

X 

c 

Fraction  of  wing  chord 

d 

Store  maximum  diameter,  in. 

Z 

Distance  from  lower  surface  of  wing 
to  bottom  of  pylon  at  the  mid- lug 

K 

Generalized  factor  used  to  represent 
an  empirically  derived  correction. 
Descriptive  subscript  will  be 

a 

point,  in. 

Angle  of  attack,  deg. 

associated  with  this  factor. 

ai 

Local  angle  of  attack,  deg. 

kCsf 

Side  force  correlation  factor 

x. 

6,6,. 

Store  yaw  angle,  positive  nose 

kintf 

Interference  correction  factor 

outboard,  deg. 

^/C 

Correction  factor  based  on  store 

A 

Increment 

length  and  aircraft  wing  local  chord 
Store  nose  lift  efficiency  factor 

n 

j bl 

Fraction  of  wing  semi-span,  -m,  whe-e 
YBL  is  the  distance  from  the  aircraft 

^OSE 

centerline  to  the  centerline  of  the 

kwing 

Store  wing/fin  lift  efficiency  factor 

pylon,  measured  in  the  wing  plan  view. 

Kz 

Pylon  height  correction  factor 

A 

Aircraft  wing  quarter-chord  sweep 
angle,  deg. 

K 

n 

Wing  spanwise  correction  factor 

0 

Sidewash  angle,  positive  outboard,  deg. 

K. 

A1 

Aircraft  wing  sweep  correction  factor, 
sin  A 

Y 

Aircraft  yaw  angle,  positive  aircraft 
nose  right,  dec. 

sin  45* 

K 

Partial  derivative  of  sldewash  with 

Subscripts 

0 

respect  to  a,  3a 
3a 

A/C 

Aircraft 

L 

Store  length,  in. 

C 

Aircraft  local  wing  chord 

M 

Mach  number 

INTF 

Interference 

q 

Free-stream  dynamic  pressure,  Up- 

I  SOL 

Isolated 

PRED 

Predicted 

SF 

side  force,  lbs 

a 

Differentiation  with  respect  to 

SPA 

Side  projected  area,  in.2 

angle  of  attack 

SREF 

Store  reference  area,  ft2. 

Differentiation  with  respect  to  yaw  angle 
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1.0  introduction 

Determination  of  the  aerodynamic  forces  and  moments  acting  on  Individual  components  of  an  aircraft 
is  a part  of  the  design  process  to  assure  that  adequate  load  carrying  structure  is  provided  for  all  design 
flight  conditions.  Accurate  Information  on  the  aerodynamic  loads  Is  important  to  achieving  aerodynamic 
compatibility  between  the  aircraft  and  stores.  The  flow  environment  in  which  external  stores  are  immersed 
is  generally  highly  complex  and  affected  by  many  uariables;  e.g.,  flight  conditions  and  physical  charac- 
teristics of  the  aircraft,  store  installation,  and  adjacent  stores.  Successful  theoretical  prediction 
of  quantitative  data  has  proven  to  be  difficult,  although  some  techniques  have  been  used  successfully  to 
predict  qualitative  trends.  The  strong  Influence  of  viscous  flow,  particularly  at  transonic  speeds  with 
multiple  carriage  store  arrangements,  has  made  current  methods  inadequate  for  many  applications.  The  most 
reliable  method  by  which  the  engineer  can  provide  store  airloads  continues  to  be  through  wind  tunnel  testing. 
This  latter  process  is  normally  complex  and  expensive  and  too  often  provides  airloads  data  late  in  the 
design  effort,  after  many  decisions  influencing  aircraft/store  compatibility  have  already  been  made. 

A study  program  was  conducted  by  Vought  Corporation,  Systems  Division  under  sponsorship  of  the  Air 
Force  Armament  Laboratory  (DLJC),  Eg! in  AFB,  Florida  to  develop  a generalized  technique  to  predict  aero- 
dynamic loads  acting  on  airborne  external  stores.  As  a consequence  of  the  relatively  low  effectiveness 
and  inherent  limitations  of  present  theoretical  methods,  an  experimental  data  correlation  approach  was 
selected  for  developing  the  prediction  technique.  The  major  objective  of  this  program  was  to  provide  a 
prediction  technique  that  is  rapid  and  easy  to  use,  versatile  in  application  to  various  aircraft  and  store 
configurations,  applicable  to  maneuvering  flight  conditions  at  subsonic,  transonic,  and  low  supersonic 
speeds,  and  sufficiently  accurate  for  store/store  installation  design  purposes. 

Objectives  of  this  program  were  accomplished  in  two  phases.  The  initial  phase  involved  the  collection, 
documentation,  and  correlation  of  existing  airloads  data  upon  which  to  initiate  the  technique  development 
and  preparations  for  wind  tunnel  testing.  The  second  phase  of  the  program  consisted  of  conducting  the 
wind  tunnel  test  program  to  complete  the  requiredi supporting  data,  performing  detailed  data  correlations, 
and  developing  the  final  prediction  technique. 

This  paper  describes  the  work  performed  anli  the  results  obtained  during  all  phases  of  the  study 
program.  The  various  sections  delineate  specific  tasks  which  were  performed.  Descriptions  of  both  the 
technical  information  survey  and  wind  tunnel  test  planning  and  preparations  are  included.  A discussion 
of  the  approach  to  the  prediction  technique  including  the  dominant  parameters  is  also  presented.  Finally, 
the  capabilities  and  nominal  accuracies  of  the  method  are  assessed,  including  some  comparisons  with  experi- 
mental data. 

2.0  TECHNICAL  INFORMATION  SURVEY 

An  extensive  data  survey  was  performed  by  Vought  Corporation  to  locate  and  acquire  data  and  related 
information  on  captive  store  and  store  installation  airloads.  Acquiring  these  data  was  necessary  to  de- 
velop correlations  essential  to  the  prediction  technique  development  and  to  provide  guidelines  in  planning 
the  wind  tunnel  test  program.  Although  data  were  known  to  exist  on  numerous  store  types  and  store 
installations,  problems  in  acquiring  useful  airloads  data  were  apparent.  These  problems  included:  the 

inter-industry  and  inter-service  dispersion  of  data,  the  diverse  origin  of  airloads  data,  and  the  assorted 
approaches  used  in  measuring  airloads.  The  following  paragraphs  explain  the  general  survey  approach,  the 
type  of  data  solicited  and  the  broad  survey  results. 

2.1  Survey  Procedure 

Early  survey  planning  indicated  three  primary  avenues  by  which  the  required  technical  data  could  be 
identified.  Selection  of  these  avenues,  which  were  chosen  to  encompass  the  majority  of  data  sources,  also 
provided  a built-in  cross-reference  system  which  minimized  the  possibility  of  overlooking  pertinent  data. 
Listed  below  are  the  primary  approach  avenues  followed: 

o Airframe  and  weapon  contractors  and  government  agencies 

o Aircraft/weapon  system  program  offices 

o Technical  literature  surveys 

Vought  had  compiled  a comprehensive  stores-  data  bank  through  continuing  in-house  efforts  and  systematic 
surveys  under  contract.  Hence,  data  sought  through  the  survey  were  the  most  recently  generated  data 
available  in  the  technical  community.  Although  all  the  data  identified  through  the  survey  were  not  ob- 
tained, efforts  to  acquire  those  data  deemed  most  relevant  to  the  program  were  highly  successful  - 

2.2  Nature  of  Data  Solicited 


Aerodynamic  data  and  information  as  summarized  in  this  section  were  requested  to  support  the  study. 

The  desired  data  involved  stores,  store  installations,  and  parent  aircraft.  This  information  is  classified 
in  three  broad  categories:  experimental  data,  existing  prediction  methods  and  data  correlations,  and 
related  literature  on  the  subject.  A further  breakdown  of  the  experimental  data  includes  aerodynamic 
force  and  moment  data,  both  wind  tunnel  and  inflight,  and  flow  field  information.  The  aerodynamic  force 
and  moment  data  include  those  obtained  for  individual  stores,  racks,  pylons,  or  aircraft,  such  that  air- 
loads on  individual  installed  stores  can  be  defined.  Free-stream  store  data  were  also  sought  to  be  used 
as  a base  in  isolating  store-aircraft  Interference  effects.  Data  for  all  types  of  store  loading  arrange- 
ments were  solicited.  These  Included  data  for  stores  mounted  singly  or  on  MER  or  TER  racks,  single  and 
multiple  rail  luanchers,  conformal  pallets,  etc.,  on  both  wing  and  fuselage  stations. 

Techniques  capable  of  predicting  airload  components  for  stores  carried  in  the  flow  field  of  aircraft 
were  also  solicited.  In  general,  these  prediction  methods  were  found  too  limited  to  meet  the  objectives 
for  preliminary  design.  However,  most  techniques  present  an  approach  to  the  treatment  of  certain  para- 
meters which  are  considered  primary  independent  variables  influencing  the  store  airloads.  These  include 
such  parameters  as  aircraft  attitude  and  flight  condition,  store  geometry,  location  and  installation,  and 
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adjacent  Interference.  Hence,  these  correlation  and  prediction  techniques  were  a useful  aid  in  the 
formulation  of  the  general  prediction  method. 

2 . 3 Survey  He suits 

The  data  survey  resulted  in  the  acquisition  of  a considerable  amount  of  data  pertaining  to  stores  and 
store  Installations  which  was  not  in  the  original  Vought  data  bank.  Much  of  the  experimental  data  acquired 
provides  total  aircraft  airloads  due  to  the  combined  aircraft-stor*  configuration.  While  useful  in 
determining  general  store  effects,  it  Is  difficult  to  Isolate  individual  store  or  store  installation 
airloads  from  these  data.  Extensive  indivudual  store  and  store  installation  airloads  data  were  made 
available  on  the  A-7,  F-4,  and  F-lll  aircraft.  The  majoiity  of  data  on  these  aircraft  consists  of  metric 
store  and  metric  pylon  airloads  where  a balance  mounted  internal  to  the  store  or  pylon  installation  measures 
the  applied  aerodynamic  forces  and  moments.  Other  aircraft  for  which  store  airloads  have  been  acquired 
are  the  A-4,  A-6,  F-5,  F-86,  F-105,  F-IOQ  and  various  wing-fuselage  combinations. 

The  following  summary  observations  are  made  concerning  the  specific  flight  condition  and  geometry 
variables  encompassed  by  the  survey  data  and  the  general  nature  of  the  data.  The  significance  of  tnese 
observations  is  best  realized  when  It  Is  understood  that  the  developed  prediction  capability  for  a given 
variable  :.nd  the  selected  conditions/configurations  for  wind  tunnel  testing  are  a direct  function  of  the 
available  data  quantity  and  quality. 

Data  coverage  for  the  desired  subsonic  to  supersonic  Mach  number  range  was  generally  acquired  with 
lesser  quantities  being  available  for  the  supersonic  region.  The  majority  of  acquired  data  defines  airloads 
in  the  subsonic  flight  regime.  In  the  supersonic  flight  regime  data  are  generally  limited  to  single  store 
carriage  installations;  however,  substantial  multiple  store  installation  data  were  obtained  well  into  the 
transonic  region.  F-4  and  F-lll  store  airloads  data  comprise  the  majority  of  the  supersonic  data.  The 
available  A-7  store  airloads  data  are  limited  to  subsonic  and  transonic  flight  although  considerable  A-7 
supersonic  data  were  acquired  in  wind  tunnel  tests  conducted  as  part  of  this  study. 

Store  and  score  Installation  airloads  were  acquired  for  a variety  of  store  types.  However,  there 
has  not  been  a great  quantity  of  data  acquired  for  any  one  store  type  mounted  on  various  aircraft.  These 
data  are  necessary  tc  Isolate  the  effects  of  certain  variables,  or  at  least  to  remove  the  variance  in 
store  geometry  as  an  independent  variable.  Considerable  free-stream  store  aerodynamic  data  were  also 
obtained  which  were  useful  in  isolating  aircraft/ store  interference  effects.  In  regard  to  store  installa- 
tion type,  the  bulk  of  the  data  acquired  were  for  single  and  multiple  stores  carried  on  wing  pylons, 
limited  data  are  available  on  fuselage  mounted  installations,  including  multiply  and  singly  carried 
stores,  both  tanqent  and  pylon  mounted.  Sparse  data  exist  for  TFR,  wing  tip  mounted,  fuselage  sem’- 
submerged,  wing  tangent  and  semi -submerged,  and  conformal  store  installations. 

3.0  WIND  TUNNEL  TEST  PROGRAM 

Early  in  the  study  it  was  recognized  that  sufficient  airloads  data  did  not  exist  for  developing  the  * 
prediction  techniques  from  empirical  correlations.  Also,  it  was  impractical  to  expect  that  data  accumulated 
from  the  varied  sources  would  be  thorough  enough  to  establish  predictible  trends  for  all  priority  variables 
whose  contributions  collectively  define  captive  store  airloads.  The  practical  solution  seemed  to  be  to 
compile  all  available  airloads  data,  review  these  data  to  identify  voids  where  additional  data  were 
needed,  and  then  perform  a wi"d  t"nnpi  program  to  acquire  complementary  airloads  data  through 
systematic  variations  In  aircraft  ana  store  configurations.  Vought  possesses  unique  wind  tunnel  model 
instrumentation  and  Hardware  capable  of  acquiring  extensive  store  airloads  data  in  n single  run.  Much 
of  the  model  nardware  needed  to  test  a wide  variation  of  instrumented  store  arr jngements  was  already 
available  tor  nigh  speed  testing.  It  was  decided  to  adapt  this  hardware  to  existing  F-4  and  A-7  wind 
tunnel  models  for  a test  program  which  would  technically  and  economically  satisfy  the  cirrent  study  needs. 
The  following  sections  describe  the  test  program  and  include  a description  of  test,  hardware,  variables 
encompassed,  and  related  test  preparation. 

3 . 1 Program  Description  and  Test  Capabilities 

The  wind  tunnel  test  program  consisted  of  instrumenting  0.05  scale  models  of  both  the  A-7  and  F-4 
aircraft  to  measure  Individual  store  airloads  for  both  single  and  multiple  carriage  stores.  In  addition, 
the  A-7  parent  aircraft  model  was  instrumented  to  obtain  six-component  aircraft  force  and  moment  data 
simultaneously  with  the  Instrumentd  store  data. 

Five  component  balances  (excludes  axial  force)  were  used  on  both  F-4  and  A-7  test  programs  to 
obtain  multiple  carriage  store  airloads  data.  The  instrumented  MER  is  designed  to  carry  six  of  these 
balances  simultaneously,  one  on  each  of  the  six  MER  stations.  Data  were  obtained  at  all  six  MER  stations 
continuously  during  a run.  The  H IT 7 (MAU-103A/B  fin)  and  BLU-27/B  (finned  and  unfinned)  firebomb  stores 
were  utilized  In  obtaining  multiple  carriage  rack  airloads.  Instrumented  multiple  carriage  racks  were 
capable  of  being  tested  on  all  right-hand  wing  store  stations  and  on  fuselage  centerline  store  stations 
on  both  the  A-7  and  F-4  aircraft  models.  All  multiple  carriage  store  airloads  data  for  the  wind  tunnel 
test  program  were  obtained  using  an  instrumented  MER  since  no  instrumented  TFR  hardware  was  available. 

Six  component  balances  were  used  on  both  aircraft  models  to  obtain  individual  store  airloads  for  the  single 
carriage  stores.  The  300  gallon  fuel  tank  and  the  Walleye  (AGM-62A)  store  models  were  used  to  obtain  the 
single  carri  >ge  airloads.  Instrumented  single  carriage  stores  had  the  capability  of  being  mounted  at  any 
wing  store  station  on  both  the  A-7  and  F-4  models.  The  illustrations  presented  in  Figure  1 provide  a 
summary  description  of  instrumented  single  and  multiple  store  testing  capabilities. 

Another  test  capability,  which  Is  not  obvious  from  Figure  1,  permits  ^12  inch  (full  scale)  longitudinal 
shift  relative  to  the  pylon  in  the  Instrumented  F-4  single  carriage  store  position  for  both  inboard  and 
outboard  wing  pylon  stations.  It  provided  additional  parametric  type  store  airloads  data  for  the  300 
gallon  tank  and  Walleye  stores  by  providing  captive  airloads  data  at  several  chordwise  positions.  These 
data  were  of  considerable  value  to  the  technique  development. 
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3.2  Test  Variables 

Any  prediction  technique 
derived  through  an  empirical 
correlation  of  data  requires  an 
adequate  data,  base  to  be  meaning- 
ful. The  data  base  must  span 
the  range  of  variables  that 
dominate  captive  store  airloads. 
These  dominant  parameters  include 
store  configuration;  store  span- 
wise,  chordwise,  and  vertical 
position;  aircraft  configuration 
(wing  sweep  angle,  high/low  wing, 
etc.);  aircraft  attitude;  and 
flight  conditions. 

Many  of  the  variables 
examined  during  the  wind  tunnel 
test  program  concerned  with 
aircraft/ store  configuration 
effects  were  included  in  the 
discussion  of  test  capabilities 
above  (aircraft  type,  chordwise 
position,  spanw'se  position, etc). 
Remaining  variables  include  the 
range  of  flight  conditions  tested. 
The  Mach  number  range  for  sing'e 
carriage  configurations  varied 
from  0.5  to  2.0  with  data  ob- 
tained specifically  at  M=0.5, 

0.7,  0.9,  1.05,  1.2,  1.6,  and 
2.0.  The  Mach  number  range 
for  multiple  carriage  configura- 
tions varied  from  0.5  to  1.6 
with  data  obtained  at  the  same  Mach  numbers  as  single  carriage  excluding  Mach  2.0.  Difficulties  were 
encountered  with  model  dynamics  when  testing  multiple  carriage  configurations  at  Mach  2.0;  therefore,  this 
higher  Mach  number  was  deleted  from  the  test  pregram.  The  angle  of  attack  range  for  all  test  data  varied 
from  -4  to  +12  degrees  while  the  yaw  angle  range  varied  from  -8  to  +8  degrees  in  four  degree  increments. 

4.0  PREDICTION  TECHNIQUE 

Development  of  the  prediction  technique  was  approached  as  an  empirical  correlation  of  all  available 
airloads  data.  The  parametric  type  wind  tunnel  data  obtained  from  tests  conducted  as  part  of  this  study 
were  used  to  complement  the  existing  data. 

The  question  of  how  to  correlate  these  data  into  a prediction  method  that  is  both  simple  and  accurate 
was  answered  by  preliminary  comparisons  of  captive  and  isolated  store  data.  Aerodynamic  characteristics 
of  the  captive  stores  were  observed  to  possess  much  the  same  linear  nature  as  isolated  stores.  The  isolated 
characteristics  are  presented  in  Figure  2 for  the  same  store  whose  captive  side  force  characteristics  are 
shown  in  Figure  3.  The  linear  approximation  is  indicated  in  each  figure  by  a dashed  line  anu  is  an  adequate 
representation  of  the  actual  quasi- linear  data. 


The  captive  yawing  moment  component  for  the  subject 
store  is  presented  in  Figure  4 along  with  the  linear 
Figure!  Typical  Isolated  Store  Aerodynamic  Characteristics  approximation  covering  the  largest  portion  of  the 


NOTES 

1.  INSTRUMENTED  MER  RACKS  CAN  BE  CARR'ED  AT  EACH  OF  THE  PYLON 
STATIONS  ON  THE  A-7  AND  F-4  AS  SHOWN  ABOVE,  BUT  NOT  AT  MORE 
THAN  ONE  STATION  SIMULTANEOUSLY 

2.  THE  INSTRUMENTED  SINGLE-CARRIAGE  STORE  CAN  BE  CARRIED  AT 
THREE  A-7  OR  TWO  F-4  PYLON  STATIONS  SIMULTANEOUSLY 


Figure  1.  A-7  and  F-4  instrumented  Store  Test  Capability 


5-5 


l 


5 

I 

| 


desired  ang^e  of  attack  range.  As  shown  in  the 
figure,  significant  errors  will  result  using  the 
linear  approximation  above  approximately  8 degrees 
angle  of  attack.  Even  so,  there  is  a linear  region 
to  represent  a significant  part  of  the  airplane's 
flight  envelope,  and  the  advantages  of  using  the 
linear  approximation  for  each  component  far  outweigh 
the  disadvantage  of  some  loss  in  accuracy  in  a 
portion  of  the  desired  angle  of  attack  range.  It 
should  be  noted  that  if  the  isolated  aerodynamic 
characteristics  of  the  store  are  non-linear  in  nature, 
then  this  non-linearity  should  be  expected  in  the 
captive  airloads.  The  advantages  of  linearizing  the 
data  base  are  (1)  a simple  representation  of  the 
component  airload  by  a y=mx  + b type  equation  and 
(2)  a major  variable,  aircraft  angle  of  attack,  is 
built  into  the  matliemat’cal  component  airload 
representation.  As  a resuit,  the  data  base  was 
linearized  so  that  each  airload  component  could  be 
expressed  as  a slope  (force  or  moment  ao  a function 
of  angle  of  attack) and  an  intercept  at  zero  any1*  of 
attack.  As  a result  of  the  linearized  data  base,  ail 
predictions  are  accomplished  in  the  form  of  a pre- 
dicted slope  and  intercept  for  each  of  the  airload 
components.  Because  of  increasing  nor.-l ineari ty 
at  the  larger  aircraft  angles  of  attack  and  yaw  angles, 
significant  errors  are  likely  outside  the  range  of  applicability  stated  for  these  variables.  A summary  of 
nominal  method  accuracy  including  some  comparisons  with  experimental  data  is  presented  in  Section  5.0. 

4.1  Basic  Approach 

A theoretical  method  must  rely  on  mathematical  descriptions  of  the  aircraft  components,  pylons,  racks 
and  stores  to  implement  potential  flow  solutions  of  the  store  airloads.  Any  corrections  for  viscous  effects 
must  be  handled  separately.  An  empirical  method  allows  much  simplification  to  that  approach.  The  basic 
approach  used  in  this  method  applies  the  concept  that  captive  airloads  are  the  result  of  a free-stream  flow 
plus  the  interference  effects.  In  this  way,  work  that  has  beer  previously  accomplished  for  free-stream 
aerodynamic  predictions  can  be  used  as  a base  on  which  to  relate  captive  airloads.  This  permits  the 
prediction  procedure  to  be  a summation  process  as  indicated  below.. 

Captive  Store  Airloads  = Isolated  Store  Airloads  + Interference  Effects 

Applying  the  summation  approach  to  interference  increments  depends  first  on  airloads  for  some  base 
configuration.  Corrections  can  then  be  added  to  these  initial  airloads  to  account  for  differences  between 
the  base  configuration  and  the  desired  configuration.  Predicting  these  initial  airloads  is  called  the 
initial  prediction.  It  involves  assuming  the  store  is  in  the  flow  field  of  a base  wing  with  45°  sweep 
and  Installed  at  a specific  spanwise,  chordwise,  and  vertical  location.  The  next  step  is  to  obtain  a 
final  prediction  by  applying  empirically  derived  corrections  to  the  initial  prediction  to  compensate  for 
aircraft  configuration  differences  and  to  account  for  the  effects  of  the  store  being  in  the  desired  span- 
wise,  chordwise,  and  vertical  location. 

This  approach  was  used  in  correlating  the  experimental  data  to  develop  the  prediction  method  presented 
here.  Correlations  to  identify  airloads  for  the  base  configuration  implement  the  initial  prediction  pro- 
cedure and  were  basic  to  the  entire  development  process.  These  correlations  were  performed  with  M=0.5 
data  to  avoid  the  increased  complexity  of  compressible  flow  corrections  and  shock  induced  effects.  This 
is  the  lowest  Mach  number  of  the  test  data  from  the  wind  tunnel  tests  of  this  program.  Because  compressi- 
bility effects  are  normally  small  at  speeds  below  M=0.5,  the  method  is  considered  valid  for  low  subsonic 
speeds  without  Mach  number  corrections. 

Correlations  of  the  data  to  identify  corrections  needed  to  account  for  Mach  number  and  configuration 

differences  were  much  more  d'Mcult  than  those  for  the  base  data.  This  greater  difficulty  results  from 

the  many  factors  which  contribute  to  the  aerodynamic  differences  between  the  various  store  installation 
configurations.  Some  of  these  factors  are  the  reason  rigorous  mathematical  solutions  are  not  yet  practical 
for  prediction  purposes  on  many  installations,  particularly  for  multiple  carriage  racks.  Fortunately, 
experimental  data  indicate  that  some  of  these  differences  are  either  small  or  compensating  so  that  empiri- 
cal exprsssions  are  possible  without  including  terms  which  evaluate  each  contributing  parameter.  A method 
has  been  developed  by  using  the  available  data  to  establish  predictable  trends  and  these  trends  are  expressed 
mathematically. 

To  apply  the  method,  the  Initial  prediction  of  captive  airloads  is  always  made  first  at  M-0.5  by 
assuming  the  store  is  inserted  into  the  flow-field  of  the  base  wing  (45°  sweep).  The  initial  prediction 
is  made  for  the  basic  airload  case  (l.e.,  the  captive  store  airload  generated  by  a zero-yaw  pitch  excursion 

of  the  parent  aircraft).  The  incremental  captive  airloads  due  to  aircraft  yaw  and  the  effects  of  adjacent 

store  interference  are  predicted  as  increments  to  be  added  to  the  basic  airload.  The  effects  of  Mach 
number  are  treated  as  an  Increment  to  be  added  to  the  prediction  at  M=0.5.  At  a particular  Mach  number 
the  total  captive  airload  experienced  by  a store  can  be  obtained  from  the  following  generalized  coefficient 
expression: 

C*  « C + AC  • 6 + AC 
TOTAL  BASIC  6 INTF 


EXPERIMENTAL  DATA 
LINEAR  APPROXIMATION 


Figure  4.  Captive  Store  Yawing  Moment  Characteristics 
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where : 

x - can  be  y,  n,  N,  M,  A,  or  t representing  side  force,  yawing  moment,  normal  force, pitching 

moment,  axial  force,  and  rolling  moment,  respectively. 

- Basic  captive  airload  generated  by  a zero  yaw  pitch  excursion  of  tne  parent  aircraft. 

SASIC 

AC  - incremental  airload  due  to  ait  craft  yaw  per  degree  store  yaw  angle,  B. 
xg 

B - Store  yaw  angle  equal  to  T.,..  for  a right  wing  store  installation  and  -T.,,.  for  a left 

wing  store  installation.  ' ' 

AC  - Incremental  airload  due  to  the  effect  of  adjacent  store  interference. 

INTF 

In  summary,  the  total  captive  airload  experienced  by  a store  can  be  calculated  by  incrementing  the 
isolated  store  aerodynamic  characteristics  through  the  initial  prediction  summation  procedure  for  the  base 
wing  (45°  sweep),  applying  empirical  corrections  to  arrive  at  the  final  prediction  for  the  subject  wing, 
and  using  the  generalized  coefiicient  expression  above  to  sum  the  major  cont-ibutions  to  the  installed 
airload. 


Figure  5.  Variation  of  o with  a for  a 45°  Swept  Wing 


NOSE 

BODY 

WING 


Figure  6.  Area  Segments  for  a Typical  Store 


since  aerodynamical ly  the  nose  and  wing  are  more  efficient  producing 
the  store  body.  Because  of  this  efficiency  distinction,  factors  have  been  defined  using  Reference  2 for 


4 . 2 Prediction  Equations 

The  variables  used  in 
deriving  the  final  prediction 
equations  for  both  single  and 
multiple  carriage  configura- 
tions were  essentially  the 
same.  These  variables  accounted 
ioi  store  configuration  charac- 
teristics (both  physical  and 
aerodynamic);  store  spanwise, 
chordwise.  and  vertical  location 
in  the  aircraft  flow-field;  the 
interference  effect  of  the 
aircraft  fuselage  ard  adjacent 
stores;  parent  aircraft  attitude 
(pitch  and  yaw);  and  Mach  number. 

As  a result  of  the  simi- 
larities in  the  equation  forms, 
only  the  single  carriage  M=0.5 
side  force  slope  prediction 
equation  is  presented  and  dis- 
cussed here.  The  intent  is  to 
describe  typical  procedures  used 
in  developing  the  prediction 
method. 


4.2.1  Initial  Airload  Prediction 

Initial  prediction  calculations 
begin  by  assuming  the  store  is  inserted 
into  the  flow  field  of  the  base  wing 
(45°  sweep)  at  the  mid-semispan  (n=0.5) 
position.  Longitudinally  the  store  is 
placed  at  the  true  captive  position 
and  the  local  wing  chord  is  assumed 
to  be  the  same  as  the  captive  position 
for  the  subject  aircraft  wing.  The 
sidewash  characteristics  of  the  base 
wing  are  known  from  an  analysis  of 
the  flow  field  data  presented  in 
Reference  1.  This  analysis  yielded 
the  rate  of  change  of  sidewash  angle, 
a,  with  respect  to  angle  of  attack, a. 
This  term,  3a  is  known  as  a function 
3a 

of  x/c  for  the  base  wing.  Figure  5. 

Several  definitions  concerning 
the  store  and  aerodynamic  character- 
istics must  also  be  made.  The  total 
store  planform  area  is  divided  into 
nose  area,  body  area,  and  wing  area 
as  shown  in  Figure  6.  The  distinc- 
tion in  planform  areas  is  required 
ift  (or  side  force  in  this  case)  than 
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for  the  store  nose,  K^gsg.  and  wing(s),  Kw...g,  to  weight  their  respective  planform  areas  in  relation  to 
the  store  body  planform  area.  r,‘!  ' 

With  a knowledge  of  the  store  geometric  end  isolated  aerodynamic  characteristics,  a summation 
procedure  is  performed  along  the  store  in  the  aircraft  flow-field  to  obtain  an  initial  prediction  of  side 
force  slope.  The  store  is  positioned  in  the  aircraft  flow  field  as  shown  in  figure  7.  The  planform  area 
of  the  store  is  projected  into  the  X3,  Zq  plane  and  is  defined  as  side  projected  area,  SPA.  The  store 
is  divided  into  constant  length  segments  from  nose  to  tall.  Figure  6, and  the  SPA  is  computed  for  each  of 
the  segments  with  distinction  made  as  to  nose,  body,  or  wing  areas. 


Figure  7.  Typical  Store  Immersed  in  Aircraft  Flow-Field 

With  the  segmented  side  projected  areas  defined  and  the  store  inserted  into  flow  field  of  the  base 
wing,  the  summation  procedure  is  given  by  the  following  relationship. 

m 

ADJUSTED  SPA  ■ J K W SPA„ 

" " (TAIL),, 

where : 

m - Number  of  constant  length  area  segments  as  computed  from  store  nose  to  tail. 

Ka  - Rate  of  sidewash  variation  with  angle  of  attack,  Figure  5. 

KN0SE  * Store  nose  lift  effectiveness. 

SilNG  * Store  wing  or  tail  lift  effectiveness. 

(TAIL) 

SPA  - Store  side  projected  area,  in2..  Figure  6. 


then: 


_ ADJUSTED  SPA 


SF 


sps 


‘TOTAL 


where: 


ADJUSTED  SPA  - Adjusted  side  projected  area  of  the  store  as  given  by  the  summation  equation  aLiove. 


SPA. 


TOTAL 


Total  side  projected  area  of  the  store.  The  sum  of  nose,  body,  and  wing  side  projected 
areas . 


The  initial  side  force  slope  prediction  is  given  by  the  following  equation: 


= K, 


m 


INITIAL 

PRED 


CSF  ^SO 
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where : 


Isolated  aerodynamic  characteristics  of  the  subject  store.  Equal  to  Ci  SRrr,  re- 
computed from  the  method  of  Reference  2.  aIS0  t 0 ® 


It  should  be  roted  that  if  exoerimental  isolated  store  characteristics  ere  used  in  the  above  equation, 
the  user  must  still  perform  most  of  the  computations  of  Reference  2 since  many  of  the  terms  of  the  computa- 
tion are  used  in  defining  the  store  nose  and  wing  weighting  factors. 

The  discussion  in  this  section  has  been  limited  to  the  single  carriage  side  force  slope  initial 
predictions.  Initial  predictions  of  normal  force,  pitching  moment,  and  yawing  moment  slopes  for  both 
single  and  multiple  carriage,  are  similar.  An  additional  term  is  added  to  the  summation  procedure  for 
the  moment  terms  to  account  for  the  displacement  of  the  area  segment  with  respect  to  the  moment  reference 
point.  Initial  predictions  of  axial  force  and  rolling  moment  are  somewhat  different  with  a complete 
discussion  included  in  Reference  3. 


4.2.2  Ai rcraft/Store  Interference  Prediction 


The  single  carriage  side  force  slope  prediction  equation  is  presented  below. 


KINTF  KL  KZ  \ 


The  initial  term,  Kr 


SF 


(f).  \ 

PRED  sr  ISO  C 

(— ) , in  the  above  equation  is  the  initial  prediction  discussed  in  Section 

v q 7IS0 


4.2.1.  The  remaining  factors  are  empirical  corrections  to  the  initial  prediction  to  compensate  for  the 
effects  of  the  parameters  previously  mentioned  in  this  section. 


The  first  empirical  correction,  term,  Kn,  is  a factor  to  compensate  for  the  spanwise  position  of  the 
subject  store.  This  factor  was  derived  from  three  independent  data  sources,  all  of  which  were  contained 
in  the  data  base  consisting  of  the  survey  data  and  the  wind  tunnel  test  data.  In  order  to  derive  a span- 
wise  correction  factor,  it  is  desirable  to  have  captive  airloads  data  for  several  store  types  on  all  wing 
pylons  for  as  many  parent  aircraft  as  possible.  Two  of  the  previously  mentioned  data  sources  came  from 
the  survey.  One  source,  Reference  4,  contained  the  BULLPUP  "A"  missile  on  F-4  inboard  and  outboard  wing 
pylons.  A second  source.  Reference  5,  came  from  the  test  program  in  which  the  300  gallon  tank  and  Walleye 
stores  were  tested  on  all  wing  pylons  of  both  the  A-7  and  F-4  aircraft.  The  third  and  final  data  source 
was  a flow-field  investigation  of  a wing-body  combination  at  low  subsonic  speeds  reported  in  Reference  1. 
The  flow-field  investigation  reported  flow  angularities  both  in  the  lateral  and  vertical  planes  for  semi- 
span stations  n-0.25,  .50,  and  .75  for  a number  of  chordwise  and  vertical  locations  beneath  the  test 
wing.  Ratloing  the  sidewash  flow  angularities  from  the  flow-field  data,  assuming  the  mid-semispan  position 
n=0.5,  as  the  base,  the  solid  curve  in  Figure  8 was  derived.  Through  a similar  analysis  the  data  points 
represented  by  symbols  were  derived  as  also  shown  in  Figure  8.  Hence,  from  three  independent  data  sources, 
essentially  the  same  spanwise  trends  were  obtained  for  single  carriage  side  force  slope.  The  final 
correlation  curve  presented  for  this  term  is  the  best  fairing  of  the  data  presented  in  Figure  8. 
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The  next  empirically  derived 
correction  to  the  initial  prediction 
is  the  factor  KlNTF.  This  term 
* accounts  for  the  interference  effect 
of  the  fuselage  on  the  captive  store 
side  force  slope  for  high-wing  air- 
craft. The  presence  of  the  fuselage 
near  the  installed  store  prevents  the 
full  development  of  a sidewash  flow- 
field  and,  therefore,  modifies  the 
spanwise  trends  established  earlier. 

The  term  KL/C  is  an  empirical 
factor  based  on  the  length  of  the 
store  divided  by  the  local  aircraft 
wing  chord.  In  addition  to  the  chord 
J wise  location  of  the  captive  store, 
i.o  this  factor  gives  an  indication  of 
the  amount  of  the  store  contained  in 
the  non-uniform  wing  flow-field. 


Figures.  Derivation  of  Side  Force  Slope  Spanwise  Correction  jhe  nex^  ^erm  |<y  the  si(je 

force  slope  equation  is  a factor  to 
account  for  pylon  height  variation. 

Sidewash  angularity  beneath  a swept  wing  is  strongest  near  the  wing  surface  and  decays  to  zero  at  some 
distance,  on  the  order  of  a local  wing  chord  length,  beneath  the  wing.  Experimental  flow-field  data 
Indicate  that  the  decay  is  exponentially  shaped.  Other  investigators  (Reference  6)  have  developed  an 
empirical  pylon  height  correction  factor  for  side  force  slope  which  is  presented  in  Figure  9 as  a function 
of  vertical  distance  beneath  the  wing  surface  to  the  store  longitudinal  axis.  Fiyure  9 also  presents  the 
pylon  height  correction  factor  for  side  force  slope  developed  from  the  present  study  for  comparative 
purposes  and  is  presented  as  a function  of  vertical  displacement  from  the  wing  lower  surface  to  the  pylon 
rack  mid-lug  point.  The  exponential  variation  with  pylon  height  Is  apparent  in  both  cases. 
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The  final  empirical  factor.  A) , is  a 
first  order  correction  for  aircraft  wing 
sweep  angle.  The  factor  is  defined  as 
sin  A/sin  ABASE  where  a is  the  quarter  chord 
sweep  of  the  subject  aircraft  wing.  The  base 
sweep  angle,  ABASE,  for  this  factor  is  45° 
since  the  initial  prediction  discussed  in 
Section  4.2.1  was  made  for  a base  wing  with 
45°  sweep  angle.  This  factor  has  been  sug- 
gested by  several  investigators  including 
those  of  Reference  6 and  is  adequate  for  wing 
sweep  angles  that  do  not  vary  significantly 
from  the  base  wing  sweep  (45°).  For  this 
reason  the  range  of  sweep  angles  for  which 
the  technique  is  recommended  is  limited  to 
quarter  chord  sweep  angles  between  30  and 
60  degrees. 

The  discussion  in  this  section  has  been 
limited  primarily  to  those  empirical  factors 
pertaining  to  the  single  carriage  side  force 
slope  prediction  for  M=0.5.  Presented  in 
Reference  3 are  the  prediction  equations  for 
all  applicable  rack  types,  store  carriage 
locations,  and  aircraft  speed  regimes.  In- 
spection of  these  equations  reveals  a large 
number  of  empirical  correction  factors  which 
have  not  been  discussed  here.  However,  the 
development  of  those  terms  was  similar  to 
those  presented  here,  and  detailed  descriptions 
of  these  terms  are  included  in  Reference  3. 

5.0  ASSESSMENT  OF  APPLICABILITY  AND  ACCURACY 
OF  THE  PREDICTION  METHOD 

In  undertaking  this  research  program, 
there  was  some  question  regarding  the  degree 
of  success  that  could  be  expected  from  a data 
correlation  approach  to  developing  a store 
airloads  prediction  technique.  Experience 
in  developing  other  empirical  methods  gave 
reasonable  assurance  that  a method  was 
possible.  However,  the  goal  for  this  program 
was  a method  that  was  easy  to  use  and  would 
provide  sufficient  accuracies  to  make  the 
predictions  suitable  for  preliminary  design 
purposes.  The  results  reported  in  Reference  3 indicate  that  this  goal  was  achieved.  One  of  the  important 
factors  influencing  these  results  was  the  quantity  and  quality  of  data  used  in  the  correlation.  Because 
of  the  limited  data  obtained  in  the  survey,  the  wind  tunnel  data  produced  as  part  of  the  program  made 
possible  the  versatility  which  was  accomplished. 

Simplicity  was  achieved  in  the  sense  that  there  are  no  complicated  steps  required  to  apply  the  method. 
There  are  many  factors  to  be  evaluated,  but  the  process  is  outlined  in  a systematic  sequence  of  simple 
steps.  Because  there  are  numerous  calculations  required  for  a complete  prediction  of  six  comporent  air- 
loads for  multiple  store  installations,  computerization  of  the  method  for  practical  applications  appears 
appropriate. 

The  method  has  a wide  range  of  applications  and  capabilities.  The  method  is  capable  of  predicting 
the  captive  airloads  for  single  carriage  and  multiple  carriage  store  configurations  for  a generalized 
aircraft  including  the  basic  airload  (that  airload  generated  by  a zero-yaw  pitch  excursion  of  the  parent 
aircraft)  and  the  Incremental  airloads  due  to  aircraft  yaw  and  adjacent  store  interference.  Establishing 
absolute  limits  of  applicability  is  difficult  since  this  is  often  a function  of  the  accuracy  that  is 
acceptable.  Recommended  limits  are  submitted  and  sufficient  data  are  presented  to  implement  the  method 
for  those  limits.  Applications  beyond  the  stated  limits  will  normally  mean  a decay  in  accuracy. 

The  single  carriage  method  Is  valid  over  the  Mach  number  range  0.5  to  2.0  while  the  multiple  carriage 
Mach  range  Is  from  0.5  to  1.6.  Both  single  and  multiple  carriage  prediction  techniques  are  valid  over  the 
angle  of  attack  range  of  -4  to  +12  degrees  and  the  aircraft  yaw  angle  range  of  -8  to  +8  degrees  although 
best  accuracy  for  the  Increments  due  to  aircraft  yaw  are  for  the  range  -4  to  +4  degrees.  The  aircraft  wing 
sweep  angle  (quarter  chord)  range  of  validity  is  from  30  to  60  degrees  although  the  method  can  be  applied 
to  a wider  sweep  angle  range  (say  20  - 70  degrees)  with  decreased  accuracy.  The  method  is  applicable  to 
all  wing/pylon  and  fuselage  centerline  carriage  configurations.  It  is  not  Intended  for  fuselage  configura- 
tions off  the  centerline  nor  to  semi -submerged  or  conformal  carriage. 

An  assessment  of  the  accuracy  of  the  method  has  been  conducted  through  comparisons  with  the  data  base 
used  in  the  technique  development.  The  first  accuracy  check,  and  possibly  the  most  meaningful,  was  a 
comparison  of  predicted  values  of  individual  airload  components  with  the  linearized  representation  of  the 
data  obtained  from  the  test  of  that  configuration  in  the  wind  tunnel.  This  check  is  meaningful  because 
accurate  linearized  representations,  like  those  shown  in  Figures  2 and  3,  are  adequate  for  most  engineering 
applications.  Wind  tunnel  tests  for  airloads  data  can  often  be  avoided  if  this  type  prediction  has 
sufficient  accuracy.  The  accuracy  comparisons  with  the  linearized  data  base  indicate  that  all  components 
for  both  single  and  multiple  carriage  configurations  are  nominally  within  tlO*  of  the  base  value. 
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Figure  9.  Comparison  of  Pylon  Height  Correction  Factors 


Additional  comparisons  were  made  to  check  predicted  values  with  specific  data  points.  This  check 
does  include  the  effects  of  scatter  in  the  wind  tunnel  data  which  is  not  necessarily  a true  test  of  the 
method.  However,  It  does  Indicate  something  of  the  data  non-linear  effects  on  accuracy.  Comparisons  with 
the  experimental  data  base  for  two  single  and  one  multiple  carriage  configuration  are  presented  in 
Figures  10  through  15.  These  comparisons  allow  the  reader  to  see  the  effects  of  data  non-linearity  on 
accuracy  in  portions  of  the  angle  of  attack  range. 

6.0  CONCLUSIONS  AND  RECOMMENDATIONS 

With  the  conclusion  of  the  program  we  are  left  with  a few  summary  comments  and  observations  which 
are  mentioned  here. 

o It  is  possible  to  take  experimental  captive  store  ait  loads  data  and  correlate  these  data  into 
mathematical  expressions  for  predicting  store  airloads  for  the  generalized  aircraft/store 
configuration. 

o Accuracy  is  sufficient  for  preliminary  design. 

o The  number  of  steps  required  for  a six  component  airloads  solution  suggests  that  computerization 
of  the  method  is  desirable. 

o Better  accuracy  is  attained  for  the  force  components  than  the  moment  components  due  to  the  sensi- 
tivity of  the  moment  components  to  the  factors  affecting  the  local  flow-field  such  as  viscous 
effects  and  adjacent  store  installations 

o Further  work  should  include  parametric  data  obtained  on  a generalized  wing/body  aircraft  model 
utilizing  generalized  store  shapes  to  generate  larger  ranges  of  data  for  the  most  influential 
variables.  An  improvement  in  accuracy  should  naturally  result. 

o Additional  work  should  consider  using  higher  order  curve  fits  of  the  data  base  for  possible 
accuracy  Improvements. 
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Figure  10.  Normal  Force  Prediction  Results 
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Figure  11.  Pitching  Moment  Prediction  Result* 
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Figure  12.  Side  Force  Prediction  Results 
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Figure  13.  Yawing  Moment  Prediction  Result! 
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Figure  14.  Axial  Force  Prediction  Results 
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Figure  15.  Rolling  Moment  Prediction  Results 
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PREDICTION  Or  EXTERNAL-STORES  AND  TIP-TANK  LOADS  ON  WING- EUSEI ACE  GGN FIGURATIONS 

S.R.  Ahmed* 

SUMMARY 

An  evaluation  of  a first  order  "panel"  method  to  predict  the  six-component  aerodynamic  forces  and 
moments  on  captive  stores  and  tip-tanks  mounted  on  a wing-fuselage  configuration  is  presented.  The  method 
has  been  tested  on  two  accounts:  prediction  of  surface  pressure  distribution,  and  estimation  of  the 
resulting  forces  and  moments. 

In  view  of  the  large  number  of  parameters  involved,  the  main  investigation  dealt  with  three  geometric 
parameters:  store  chordwise  and  spanwise  location  below  the  wing,  and  the  wing  mid-chord  sweep.  Influence 
of  Mach  numbe,'  was  investigated  separately  over  a range  of  0 to  0,9.  Gtore/pylon/ fin  and  wing/tip-tan1, 
interactions  were  studied  on  basis  of  calculated  surface  flow  patterns. 

The  method  was  next  applied  to  calculate  the  forces  and  moments  acting  on  an  extreme  forward,  central 
and  extreme  rearward  located  tip-tar.k  on  the  swept  wing-fuselage  configuration. 

Comparisons  between  wind-tunnel  data  and  results  of  inviscid  flow  analysis  are  included  for  high 
subsonic  speeds. 


NOTATION 

b 


c 

c 

a 


Ma 


P.  P0 
V„ 


wing  span 
local  wing  chord 

local  lift  coefficient,  based  on  store  maximum  frontal  area  F, 
lift  coefficient,  based  on  store  maximum  frontal  area 

pitching  moment  / q 7^^  , nositive  nose  upwards,  referred  to  store  mid-point 


yawing  moment  / q f X , positive  nose  inwards,  referred  to  store  mid-point 

static  pressure  coefficient  = (p  - pQ)/qo 

local  side  force  / q F.  , positive  towards  fuselage 

O n 

side  force  / qoF^  , positive  towards  fuselage 
store  maximum  diameter 


store  maximum  frontal  area  - 


" d. 


2 


4 


store  and  tip-tank  overall  length 


pylon  chord 

free  stream  Mach  number 
local  and  freestream  static  pressure 
freestream  dynamic  pressure 
freestream  velocity 


v , v , v 
x’  y ’ z 

V , V 
xy  * xz 


x,  y,  z 


velocity  components  in  x,  y and  z directions 
resultant  velocity  of  v^,  v ana  v^,  v^  components 

distance  measured  along  horizontal,  lateral  and  vertical  axis  of  right-handed  coordinate  system 


x 

x 


P 

S 


*TS 


distance  along  store  axis  from  nose,  lateral  and  vertical  distance  between  fuselage  centreline 
and  store  axis 

distance  along  pylon  chord  from  pylon  leading  edge 

chordwise  position  of  store  mid-point  from  local  leading  edge,  fraction  of  local  wing  chord, 
positive  aft 

spanwisw  position  of  store  mid-point  from  fuselage  centreline,  fraction  of  semispan 

chordwise  position  of  tip-tank  mid-point  from  leading  edge,  fraction  of  wing-tip  chord, 
positive  aft 

angle  of  incidence  (degrees),  positive  nose  up 
wing  mid-chord  sweep 


Dr. -Ing. , Research  Scientist,  Institut  fur  Aerodynamik  dor  DFVLR,  Braunschweig,  Germany. 
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1.  INTRODUCTION 

With  the  increasing  demands  made  on  the  manoevrability  and  stcre  carrying  capacity  of  combat  aircraft, 
the  aerodynamic  forces  and  moments  acting  on  individual  components  tend  to  be  relatively  large  compared  to 
the  aircraft  size  and  inertia  forces.  To  achieve  compatibility  between  aircraft  and  stores,  as  well  as  for 
a safe  structural  design,  a physical  insight  into  the  details  of  the  flow  field  and  accurate  prediction  of 
component  loads  are  needed  at  an  early  design  stage.  Information  about  carriage  loads  forms  also  the  basis 
for  the  initial  conditions  at  the  time  of  store  release. 

Host  of  the  present  day  combat  airplanes  have  stores  or  similar  bodies  mounted  externally  beneath  the 
aircraft  wing  and  are  thus  placed  in  a non-uniform  flow  field  of  curved  streamlines,  varying  velocity  and 
dynamic  pressure.  The  highly  complex  interference  phenomena  between  aircraft  and  store  assembly  components 
induce  sidewash,  up-  and  downwash,  and  angular  flow  displacements.  These  in  turn  cause  normal-  ar.d  side- 
forces,  and  pitching,  yawing  and  rolling  moments  on  the  components.  The  mutual  sunerimposition  of  the 
component  pressure  fields  and  that  of  the  parent  aircraft  has  a corresponding  influence  on  the  boundary 
layer  development,  often  enhancing  the  adverse  effects  leading  to  its  separation. 

The  complexity  of  the  problem,  the  strong  influence  of  viscous  effects  particularly  at  transonic  speeds 
and  by  multiple  store  arrangements,  makes  theoretical  prediction  of  store  loads  in  real  flow  extremely  diffi- 
cult. Earlier  effort  in  this  field  has  been  mainly  experimental  in  nature.  A comprehensive  review  of  both 
experimental  and  theoretical  work  till  1062  was  given  by  Marsden  and  Haines,  Ref.  1.  Based  on  this  they 
developed  an  empirical  method  to  calculate  aerodynamic  loads,  which  was  later  substantiated  by  more  measure- 
ments, Ref.  2,  and  updated.  Ref.  3. 

Existing  theoretical  methods  for  estimating  store/pylon  and  tip-tank  loads  use  approximate  analytical 
techniques  to  allow  for  the  interaction  among  configuration  components.  The  flow  field  around  the  wing- 
fuselage  is  most  commonly  determined  by  linear  theory.  Fernandes  (Ref,  4)  computes  the  load  along  store 
axis  by  applying  the  so  determined  local  field  conditions  to  the  load  distribution  obtained  in  uniform  flow. 
His  method  is  developed  for  subsonic  compressible  and  supersonic  flow.  Grose  and  Bristow  (Ref.  5)  use  singu- 
larities to  satisfy  boundary  conditions  on  store  surface.  Effects  of  pylon  and  fins  is  not  included  in  the 
reported  results.  Nielsen,  Goodwin  and  Dillenius  (Ref.  6)-  evaluate  store  loads  from  slender  body  theory  and 
f5n  loads  from  linear  theory.  Viscous  crossflow  effects  are  included,  the  results  however  seem  to  be  sensi- 
tive to  the  assumed  location  of  separation  point  Chadwick  (Ref.  7)  uses  non-planar  lifting  surface  theory 
to  calculate  pylon  loads  from  wing/pylon  analysis  for  incompressible  flow.  Interference  carryover  loads 
between  pylon  and  store  are  calculated  assuming  a constant  sidewash. 

The  present  approach,  the  so  called  "panel"  method,  permits  a detailed  simulation  of  the  aircraft  and 
store  geometry,  with  the  result  that  the  whole  can  be  considered  from  the  outset  as  a complete  entity. 

Both  the  displacement  effect  of  shape  thickness  and  lift  generation  is  accounted  for  within  the  frame- 
work of  potential  theory.  The  mutual  interference  of  all  configuration  components  is  simultaneously  con- 
sidered, and  exact,  not  linearized,  boundary  conditions  for  attached  flow  are  fulfilled  on  body  surface. 

Th»  validity  of  the  analysis  is  extended  to  the  high  subsonic  flight  regime  by  the  application  of  Gothert 
rule.  The  method  is  discussed  in  detail  in  Ref.  8. 

Output  data  of  a calculation  are  flow  quantities  over  the  entire  body  surface.  Integration  of  pressure 
over  the  surface,  part  or  whole,  yields  the  forces  and  moments  required. 

2.  BASIC  CONCEPTS  OF  THE  METHOD 

The  incompressible  potential  flow  around  an  arbitrarily  shaped  three  dimensional  body  is  considered  to 

be  formed  by  a linear  superposition  of  a known  uniform  onset  flow  and  an  unknown  perturbation  flow.  The  per- 

* 

turbation  flow  represents  the  amount  that  the  onset  flow  is  changed  by  the  presence  of  the  body  to  produce 
the  actual  flow  field.  The  perturbation  flow  fulfils  the  condition  of  irrotationality  and  continuity;  it  can 
therefore  be  expressed  as  gradient  of  a scalar  potential  function.  This  potential  function  represents 
a solution  of  the  Laplace  equation.  * 

In  the  flow  field,  perturbation  effects  vanish  at  distances  far  from  body  and  on  the  body  surface, 
flow  tangency  is  prevalent  everywhere.  These  two  boundary  conditions  are  imposed  on  the  solution  sought. 
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The  solution  of  the  Laplace  equation  is  constructed  by  arranging  a distribution  of  basic  singularities 
on  the  body  and  wake  surfaces.  Each  of  these  singularities  represents  by  itself  a solution  of  the  Laplace 
equation.  Effect  of  this  singularity  distribution  producing  disturbance  velocities  at  a point  on  body  sur- 
face is  evaluated  as  an  integral,  employing  Green's  theorem.  This  integral  expresses  the  induced  velocity 
at  a body  point  in  terms  of  the  known  body  geometry  and  the  unknown  perturbation  singularity  strength. 
Satisfying  condition  of  zero  normal  velocity  (i.e.  flow  tangency)  at  a surface  point  yields  a determining 
equation  for  the  singularity  strength.  The  procedure  has  been  developed  originally  by  Hess  and  Smith,  Ref.  9. 
Rubbert  and  Saaris  (Ref.  10)  added  the  capability  to  handle  problems  with  circulation  and  lift.  Detailed 
description  of  the  formulation  and  experience  gained  with  the  computing  routine  used  in  this  paper  are  given 
in  Refs.  8 and  11. 

3.  DESCRIPTION  OF  THE  THEORETICAL  MODEL  AND  SOLUTION  IMPLEMENTATION 

Simulation  of  flow  about  lift  generating  bodies  should  include  representation  of  trailing  vorticity, 
which  for  the  present  case  consists  of  contributions  from  wing,  fuselage,  pylon,  store,  fin  and  tip-tank. 

As  the  trailing  surface  is  treated  in  the  method  in  a similar  manner  as  the  body  surface,  its  geometry  needs 
to  be  known  in  advance.  The  definition  of  a trailing  surface,  especially  for  bluff  bodies,  and  its  disposi- 
tion with  change  of  aerodynamic  parameters  is  extremely  difficult  to  describe  quantitatively. 

A simplified  procedure,  meeting  practical  purposes,  is  adopted  to  enable  the  computation.  All  trailing 
surfaces  are  assumed  to  be  planar,  their  relative  position  with  body  geometry  remaining  constant  with  change 
of,  for  example,  incidence.  King,  pylon,  and  fin  trailing  surfaces  emanate  from  trailing  edge  and  extend 
planar,  in  direction  of  trailing  edge  bisector,  downstream.  Fuselage  and  store  trailing  surfaces  start  at 
the  bluff  aft  end,  fuselage  trailing  surface  coplanar  with  that  of  the  wing,  and  store  and  pylon  trailing 
surfaces  perpendicular  to  each  other  (see  Figs.  1 and  2). 

With  these  assumptions  body  and  trailing  surface  is  approximated  by  plane  quadrilateral  panels,  each 
carrying  a constant  singularity  distribution  over  its  surface.  Solid  surface  is  represented  by  a source  panel 
network.  Lift  and  sideforce  generation  is  accounted  for  by  multihorseshoe  vortex  system  on  the  camber  sur- 
face of  wing,  fuselage,  pylon,  store,  fins  and  tip-tank.  The  trailing  surface  is  represented  by  the  trailing 
vorticity  of  the  multihorseshoe  vortex  system  arranged  inside  the  body,  and  emanating  at  the  trailing  edges. 
The  numerical  model  so  developed  is  detailed  in  Figs.  1 and  2. 

The  integral  equation  for  perturbation  potential,  mentioned  in  Section  2,  reduces  through  the  surface 
discretisation  described  above,  to  a sum  of  integrals,  each  belonging  to  a panel.  The  integrals  are  essenti- 
ally functions  of  panel  singularity  strength  and  its  geometry.  Fulfilment  of  boundary  condition  at  a point 
on  body  or  wake  surface  yields  a linear  equation  relating  the  unknown  panel  singularity  strengths  with  the 
known  body  and  trailing  surface  geometry.  Solution  of  the  integral  equation  means  therefore,  the  solution 
of  a large  system  of  linear  equations,  the  number  of  unknowns  being  equal  to  the  number  of  points  where 
boundary  conditions  are  satisfied. 

Output  data  available  after  a computation  are  flow  quantities  at  a characteristic  point  of  each  panel, 
six-component  forces  and  moments  of  each  panel  obtained  from  integrated  surface  pressure,  and  finally  flow 
quantities  and  streamlines  in  flow  field  outside  the  body. 

4.  EXPERIMENTAL  INVESTIGATIONS 
9.1  Pressure  measurements 

The  experimental  pressure  distributions  for  comparison  with  theory  were  obtained  on  wind-tunnel  models 
shown  in  upper  half  of  Fig,  3.  The  straight  and  the  45°  sweptback  wing  were  alternatively  mounted  symmetri- 
cally on  a fuselage  of  fineness  ratio  8.  Both  wings,  of  aspect  ratio  6,  were  untapered,  unwarped,  and  had  a 
9%  thick  RAE  101  Section  profile.  Unswept  pylons  with  blunt  leading  and  trailing  edge  were  fixed  vertically 
without  skew  on  the  wing.  Stores  and  tip-tanks  had  identical  geometry. 

Closely  spaced  static  pressure  orifices  were  provided  on  the  wing,  fuselage,  pylon,  store  and  tip-tank 
surface.  All  test  data  was  obtained  at  a wing  chord  based  Reynolds  number  of  about  3. 3* 1C5.  A fuller  descrip- 
tion of  the  experiments  conducted  at  Deutsche  Forschungs-  und  Verouchsanstalt  fur  Luft-  und  Raumfahrt  e.V. 
(DFVLR) , in  Germany,  is  given  in  Ref.  11. 
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4.2  Storc/Pylon  load  measurements 

Principal  dimensions  of  the  wing- fusel age  model  used  at  Aeronautical  Research  Association  (ARA)  in 
England,  for  store/pylon  load  measurements  is  shewn  in  lower  half  of  Pig.  3.  The  results,  reported  in  Ref.  2, 
have  been  utilised  in  the  present  study  to  check  the  load  predictions  of  the  theory. 

The  wing  of  aspect  ratio  2.8,  taper  ratio  of  0.33,  a mid-chord  sweep  of  45°  and  a 6%  thick  RAE  102 
section  was  mounted  symmetrically  on  a fuselage  of  relatively  large  diameter.  Wing  planform  and  thickness/ 
chord  ratio  are  typical  of  aircraft  design  for  which  store  assembly  loads  are  require'.  Store  used  in  the 
tests  was  a simple  streamlined  body  of  revolution  of  fineness  ratio  0.3,  The  swept  forward  pylon  of  constant 
chord  could  be  placed  at  0.3,  0.5  and  0.75  semispan  locations  beneath  the  wing.  Slots  were  machined  at  these 
positions  on  the  wing  underside  allowing  a chordwise  displacement  of  store/pylon  assembly  to  positions  with 
X;.  - 0,  0.15  and  0.5.  lor  all  test  locations,  the  store  centreline  was  1.4  store  diameters  below  the  wing 
chordal  plane. 

Side  forces  and  yawing  moments,  for  the  store  in  the  presence  of  pylon,  and  for  the  full  store/pylon 
assembly,  were  measured  at  Mach  numbers  between  0.6  and  1.4.  The  store  was  tested  with  and  without  its 
cruciform  fins,  h'o  tests  were  conducted  with  a tip-tank  arrangement. 

5.  RESULTS  0E  THEORY  AND  COMPARISON  WITH  EXPERIMENT 

5.1  Surface  Pressure  Distribution 

Fie.  4 and  Fig.  5 show  a representative  result  of  the  comparison  between  computed  pressure  distribution 
anc  experimental  data  on  the  pylon,  store  and  tip-tank  of  the  straight  wing  and  swept  wing- fuselage  configu- 
rations. The  case  chosen  is  that  of  mid-semispan  location  of  store  under  the  wing,  the  tip-tank  mounted  flush 
with  wing  tip,  its  axis  lying  in  wing  chordal  plane  and  parallel  to  fuselage  axis. 

Notwithstanding  the  idealisation  of  flow  in  the  theoretical  model  used,  the  overall  agreement  between 
the  measured  and  calculated  pressure  distribution  is  good.  The  decelaration  of  flow  in  sections  1 and  8 along 
store  meridians  and  the  superimposition  of  wing  pressure  distribution  on  the  distributions  in  sections 
3 ana  4 along  tip-tank  meridians,  is  predicted  very  well.  The  pylon,  store  and  tip-tank  models  used  exhibited 
regions  of  separated  flow  at  the  aft  end  so  that  discrepancies  occur  in  this  region. 

5.2  Surface  Elow  Pattern  on  Store , Pylon  and  Tip-tank 

Pig.  6 ard  PiR.  7 show  examples  of  the  theoretical  study  that  explored  the  detailed  variation  of  flow 
on  the  store  ar.d  pylon  surface  with  incidence  and  store  chordwise  position.  The  theoretical  velocity  vector 
plot  for  the  inboard  side  view  in  Fig.  5 depicts  the  strong  influence  of  incidence  on  the  flow  pattern  of  the 
store  and  pylon.  Results  shown  are  for  store  on  port  wing.  Except  in  the  vicinity  of  the  fins,  the  entire 
surface  flow  is  affected  by  the  incidence  of  the  frecstream.  With  positive  incidp  ice  the  pylon  leading  edge 
experiences  a flow  from  the  inboard  to  outboard  face  as  evident  from  the  velocity  distributior  seen  from  top. 
With  negative  incidence  this  flow  pattern  is  reversed.  Displacement  of  store  along  the  wing  chord  induces 
change  of  the  sidewash  below  the  wing.  The  resulting  change  in  s’Tface  flow  over  store  and  pylon  is  depicted 
in  fig.  7.  Starting  with  the  store  chordwise  position  of  x,.  = C,  a rearward  movement  to  xg  “ 0.15  brings  the 
store  pylon  intersection  apparently  in  a region  of  higher  sidewash  as  seen  in  the  top  view.  With  a further 
displacement  to  xg  = 0.5,  the  flow  over  the  main  store  body  is  "straightened",  the  store  nose  experiencing 
now  the  region  of  high  sidewash. 

The  cnordwise  movement  of  a tip-tank  relative  to  the  wing-tip  and  the  subsequent  velocity  pattern  which 
develops  is  represented  in  the  illustrations  of  Fig,  8.  Shown  are  the  inboard  side  \itw,  tip-tank  on  starboard 
side,  and  topview,  tip-tank  on  port  side,  for  the  tip-tank  chordwise  locations  Xj.g  = 1,  0.5  and  0.  The  super- 
inposition of  wing  flow  field  on  the  tip-tank  flow  pattern  is  clearly  depicted  in  the  sideview.  In  the  top 
view,  the  wing  induced  inward  flew  over  the  tip-tank  periphery  can  be  seen. 

5.3  Variation  of  Side  force  and  Lift  distribution  with  various  para^ters 

The  influence  of  incidence  a,  store  chordwise  position  xg,  store  spanwise  position  yg  and  wing  mid-chord 
sweep  on  side  force  and  lift  distribution  along  store  axis  is  investigated  in  Fig.  9.  For  the  sake  of 
clarity  only  the  distribution  for  store  is  considered  with  pylon  and  fin3  present. 
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Khen  the  store  is  positioned  beneath  the  wing,  the  induced  side  force  on  the  store  at  n = 0°  is  already 
of  considerable  magnitude  and  positive.  Tig.  9a.  was  indicated  in  vt  locity  pattern  of  Pig.  6,  a slight  nega- 
tive sidewash  is  present  at  zero  incidence  which  causes  this  positive  side  force.  The  load  is  greatest  in  a 
region  corresponding  to  the  store/pylon  intersection.  The  store  side  force  distribution  changes  its  sign 
between  a - 0°  and  a = 10°;  the  negative  load  at  a = 10°  is  associated  with  the  large  positive  sidewash 
induced,  as  seen  in  the  corresponding  velocity  plot  of  Pig.  6.  host  of  the  side  force  in  this  example  con- 
sidered is  induced  near  the  store  mid-point,  so  that  the  resultant  store  yawing  moments  would  be  small. 

The  case  with  negative  incidence  is  characterized  by  a reversal  of  >ide  force  over  a sizable  rear 
portion  of  the  store. 

Store  side  force  distributioi  is  sensitive  to  the  store  chordwise  position,  as  demonstrated  by  the 
curves  of  Pig.  9b.  The  greatest  load  is  experienced  when  the  store  mid-poirt  lies  below  the  wing  leading 
edge  (x^  - 0) . A drastic  reduction  in  side  force  is  evident-  for  the  rearmost  store  location  of  xs  = 0.5. 

This  behaviour  is  confirmed  by  the  experimental  results  summarized  in  Ref.  1. 

The  nature  of  variation  of  store  side  force  with  spanwise  location  is  shown  in  Pig.  5c.  The  trend  is  for 
the  side  force  to  increase  with  distance  out  along  the  span,  the  greatest  change  being  effected  cn  the  rear 
half  of  the  store.  The  curves  shown  are  for  the  same  chordwise  store  location  of  x..  = 0,  so  that  with  store 
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moved  out  along  the  span,  the  trailing  edge  of  the  tapered  wing  comes  closer  to  the  store  aft  end.  This 
behaviour  of  side  force  change  with  store  spanwise  location  stands  in  qualitative  agreement  with  the  analysis 
of  experimental  results  of  Ref.  1. 

The  variation  of  store  side  force  distribution  suggests  that  the  store  yawing  mon^nt  may  vary  most  with 
spanwise  position. 

Variation  of  wing  mid-chord  sweep  between  the  values  of  0°  and  45°  appears  to  have  minor  influence  on 
the  side  force  distribution  of  the  store  at  the  chosen  chordwise  and  spanwise  location.  Fig.  9d. 

The  illustrations  9e  to  9h  depict  the  influence  of  the  four  investigated  parameters  on  the  lift 
distribution  axong  store  axis.  Also  here  the  greatest  changes  are  visible  in  the  region  of  store/pylon 
intersection.  !t  is  interesting  to  note  that  the  store  induces  a flow  acceleration  on  wing  underside  at 
zero  incidence,  causing  a negative  lift  on  store  none  and  a positive  lift  on  store  aft  portion.  Fig,  9e, 

Tftis  trend  is  maintained  also  for  negative  incidence.  The  major  affect  of  a positive  incidence  is  evident 
on  the  store  nose  and  aft  regions  which  causes  corresponding  variations  in  the  store  pitching  moment. 

Effects  of  3tore  chordwise  and  spanwise  displacement  on  lift  distribution  as  seen  in  Pigs . 9f  and  9g 

are  similar  to  those  on  the  side  force  distribution.  As  noted  earlier  for  the  yawing  moment,  the  changes  in 
lift  distribution  in  Fig.  Sf  and  9g  entail  changes  in  the  store  pitching  moment. 

The  lift  distribution  over  a major  part  of  the  store  rear  varies  with  the  wing  sweep,  changing  its  sign 

as  the  sweep  increases  from  0°  to  44°,  rig.  9h.  Although  in  this  investigation  the  relative  position  of  store 

mid-point  to  local  wing  leading  edge  is  retained,  the  change  in  y decreases  the  wing  leading  edge  and 
trailing  edge  sweep,  the  latter  becoming  negative  for  if ^ = 0°.  This  drastic  change  in  wing  plan  geometry 
overshadowing  the  store  aft  part  is  responsible  for  the  lift  distribution  change  with  An  interesting 
insight  into  the  side  load  distribution  over  the  pylon  height  is  afforded  by  the  parwneter  study  in  Pig,  10. 

As  earlier  in  Pig.  9 the  influence  of  the  4 parameters:  a,  x. , v,  and  cp  is  investigated.  The  side  force 
values  are  minimum  near  the  pylon/store  intersection  (z/zA  = -0.64)  which  for  potential  flow  could  be 
explained  by  the  "straightening"  effect  of  the  pylori/store  intersection  on  the  surface  flow.  The  values  of 
pylon  side  force  are  invariably  much  smaller  than  the  values  for  the  store.  The  most  pronounced  change  on 
pylon  side  loads  is  seen  from  Fig.  10  to  be  effected  by  incidence  and  spanwise  location.  Pylon  side  loads 
which  are  present  even  at  zero  incidence  increase  and  change  sign  with  a.  Tne  relative  increase  in  is 
much  stronger  with  negative  incidence  as  for  the  positive  values  of  u.  Another  important  parameter  which 
leads  to  a rapid  increase  in  pylon  side  loads  is  the  spar.w? so  positions.  However,  the  spanwise  position 
effects  are  of  consequer.ce  for  values  of  y^  above  about  0.75,  Chordwise  displactmurt  of  stcra/pylon  assembly 
on  the  wing  or  change  of  wing  sweep  have,  as  indicated  in  Fig.  10,  little  influence  over  pylon  side  loads. 


The  force  distribution  on  the  tip-tank  is  strongly  influenced  by  wing  pressure  distribution  as  borne  out 
by  the  curves  In  Fig.  11  which  show  the  effects  for  an  extreme  rearward,  central  and  extreee  forward  placed 
tip-tank.  The  tip-tank  geometry  chosen  in  the  study  is  identical  to  that  of  the  ARA  store  without  fins,  which 
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Highest  values  of  side  force  and  lift  are  obtained  for  the  extreme  forward  location  of  the  tank, 
whereby  the  maximum  is  located  near  the  tip-tank  mid-point  which  for  this  case  also  lies  in  the  vicinity  of 
wing  leading  edge.  As  thp  maximum  is  located  near  tip-tank  mid-point,  the  corresponding  yawing  and  pitching 
moments  can  be  expected  to  be  small.  Moving  the  tip-tank  rearward  to  the  central  position  shifts  the  location 
of  0^  and  cfl  maximum  towards  the  tip-tank  nose  which  is  a direct  consequence  of  the  location  of  wing  leading 
edge.  As  the  maximum  store  diameter  is  shifted  now  aft  of  wir.g  leading  edge,  the  absolute  values  of  c^  and 
cg  maximum  also  decrease.  The  curves  for  c and  for  the  central  tip-tank  location  are  asymmetric  so  that 
the  yawing  moment  ar.d  pitching  moment  values  would  be  high.  For  the  extreme  rearward  location  of  the  tip-tank 
the  side  force  over  the  whole  tip-tank  axis  rcmafr.s  negative  (nose  outwards)  with  a fairly  constant  value 
over  the  rear  half. 

5 .4  Variation  of  forces  and  moments  with  various  parameters 

The  force  and  moment  distributions  as  discussed  in  Figs.  S,  10  and  11  can  he  integrated  to  evaluate 
the  force  and  .moments  acting  on  the  store,  pylon  and  fins.  A comprehensive  representation  of  the  influence 
of  i-he  four  parameters  a,  Xg,  yg  and  on  tire  store,  pylon  and  fin  forces  and  moments  is  shuwn  in  Fig.  12. 
The  values  plotted  for  a component  include  the  induction  effect  of  the  other  two  components  of  the  store/ 
py.on  and  fin  assembly.  The  physical  quantity  most  sensitive  to  a parameter  change  turns  out  for  the  store 
to  be  the  side  force  Cy  as  inferred  from  Figs.  12a  to  d.  The  variation  cf  store  cy  with  the  parameters  a 
and  yg  is  non-linear,  especially  for  the  negative  incidence  range  and  for  outboard  locations  exceeding 
yg  - 0.7.  Lift  coefficient  for  the  store  remairs  practically  constant  between  the  values  of  a = -3°  to  3°. 
Moving  the  store  rearwards  along  chord,  outboard  along  span  or  decreasing  the  mid-chord  wing  sweep  decreases 
the  store  lift.  The  store  pitching  moment  c^  is  essentially  a function  of  a and  to  le3ser  extent  of  xg  and  ys 
Except  for  a change  of  sign  for  high  yg  values,  the  yawing  moment  c^  for  store  is  relatively  little  influ- 
enced by  the  parameters  under  study.  Variation  of  the  rolling  moment  c^  for  the  store  was  negligible  and 
its  absolute  value  very  near  zero,  so  that  the  result  has  been  omitted  in  the  Figs.  12a  to  d. 

Sizable  variation  was  observed  in  the  case  of  the  pylon  for  the  side  fc'ce,  for  the  parameters  a anj 
yg,  Figs.  12e  to  h.  It  is  interesting  to  note  the  high  value  of  pylon  side  force  for  negative  incidence. 

Pylon  yawing  moment  (cN)  behaviour  seems  to  be  of  consequence  for  high  values  of  yg  where  its  value  changes 
from  negative  to  positive. 

The  last  column  in  Fig.  12  shows  the  forces  and  moments  acting  on  the  four  store  fins.  Except  the 
rolling  moment  c^,  whose  value  remains  very  small,  the  contribution  of  the  fins  to  all  oi.ier  forces  and 
moments  is  very  high.  Major  part  of  the  lift  c^,  pitching  moment  and  yawing  moment  c^  of  the  store/pylon/ 
fin  assembly  would,  according  to  the  result  of  Tigs.  12i  to  1,  be  contributed  by  the  fins. 

Fig.  13  shows  the  variation  of  loads  and  moments  on  the  tip-tank  configuration  studied  earlier  in 
Fig.  11.  As  indicated  before,  the  central  tip-tank  location  results  in  lowest  side  force  value  but  highest 
values  of  pitching  and  yawing  moments.  Low  values  of  pitching  and  yawing  moments  are  obtained  for  the  forward 
tip-tar.k  location,  with  the  side  force  attaining  a high  negative  value  for  the  rearward  position. 

5.5  Comparison  with  experiment 

The  theoretical  prediction  method  has  been  tested  by  con^aring  the  computed  forces  and  moments  with 
the  results  of  a series  of  wind-tunneltests  conducted  at  the  ARA  in  England  (Ref.  2).  Fig.  14  shows  a 
representative  example  of  the  agreement  obtained  between  the  theory  and  experiment.  The  first  set  of  results 
are  for  three  chordwise  positions  Xg  = 0,  0.15  and  0.50,  and  the  second  set  for  the  two  spanwise  positions 
of  Vg  s 0.5  and  0.75.  In  the  first  set,  the  spanwise  store  location  was  yr  = 0.5  and  in  the  second  set  the 
chordwise  store  location  Xg  s 0. 

Except  for  the  h-gh  incidence  range  and  the  rearmost  store  location,  agreement  between  theory  and 
experiment  is  gooc..  Even  though  the  values  for  the  cas»  of  Xg  - o.5  and  negative  incidence  are  overestimated, 
the  non-linear  behaviour  of  experimental  results  is  also  exhibited  by  the  theory.  A rather  severe  test  for 
the  theory  is  the  comparison  of  yawing  moment  results.  The  basis  of  the  calculation  of  forces  and  moments  in 
the  prediction  method  is  the  assumption  of  constant  pressure  over  ihe  panel  surface  and  that  the  resultant 
force  ie  acting  at  a characteristic  central  point  ->  the  panel  surface.  The  approximation  of  the  continuous 
surface  by  plane  surface  elements,  the  ensuing  error  due  to  misalignment  of  resultant  force  direction  and  the 
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error  caused  by  the  assumption  of  the  force  acting  concentrated  at  a point  on  the  panel,  lead  to  discrepan- 
cies especially  in  the  prediction  of  moments. 

A typical  result  of  the  agreement  between  the  predicted  yawing  moments  for  the  store  assembly  compo- 
nents and  experiment  is  shown  in  Fig.  IS.  The  results  for  store  plus  pylon  and  store  alone  are  for  the  fins 
off  case,  whereby  the  computation  was  done  without  fins  in  the  theoretical  model,  to  conform  with  the 
experiments.  Tin  yawing  moment  was  obtained  as  the  difference  between  fins  on  and  fins  off  cases. 

Theoretical  prediction  of  store  plus  pylon  and  store  alone  yawing  moments  is  for  not  too  high  incidence 
satisfactory.  The  non-linear  trend  of  c^-variation  is  essentially  reproduced  by  the  theory. 

The  real  flow  over  the  sharp-edged  fins  bears  little  similarity  with  the  attached  potential  flow.  Side- 
wash  produces  separation  regions  near  the  ehsrp  fir.  loading  edges,  wnicn  is  one  of  the  main  causes  of  the 
discrepancy  between  the  experiment  and  predicted  results. 

Effect  of  compressibility  in  the  subcritical  Mach  number  range  is  allowed  for  in  the  method  by  the 
Gothert  rule.  Although  it  is  speculative  to  expect  a reasonable  prediction  beyond  a Mach  number  of  say  0.6 
by  this  method,  a sample  calculation  was  performed  for  a configuration  at  zero  incidence  between  Mach  numbers 
of  0 and  0.9.  The  values  of  computed  side  force  are  compared  with  experimental  data  in  Fig.  16.  Agreement  of 
theory  with  experiment  is  quite  satisfactory.  Increase  of  side  force  with  Mach  number  is,  in  its  trend, 
correctly  predicted. 

6.  CONCLUSIONS 

Six-component  aerodynamic  loads  and  moments  have  been  calculated  for  a wing/fuselage/py lon/store/fin 
and  a wing/fuselage/tip-tank  configuration  with  the  help  of  "panel"  method  for  high  subsonic  Mach  numbers. 

Some  results  of  pressure  distribution  on  a straight  wing  and  swept  wing-fuselage  configuration  with  pylon, 
store  and  tip- tank  are  also  included. 

Parameters  considered  are  incidence,  store  chordwise  and  spanwise  locations,  tip-tank  chordwise  location, 
and  Mach  number.  The  study  reveals  that  pylon  loads  and  moments  are  mainly  influenced  by  incidence,  chordwise, 
and  spanwise  location.  For  the  store,  the  wing  mid-chord  sweep  affects,  in  addition,  the  loads  and  moments. 
Contribution  of  fins  to  value  of  total  loads  and  moments  is  high  and  exceeds  in  most  cases  that  of  store  and 
pylon. 

Comparison  with  experiment  shows  that  for  attached  flow  conditions  the  estimation  of  forces  and  moments 
by  this  potential  flow  analysis  yields  adequate  agreement.  Accuracj  of  results  obtained  suffices  for  pre- 
liminary design.  Viscous  effects  present  in  the  real  flow  cause  a ron-linear  behaviour. 

The  predicted  force  and  moment  results  for  store  assembly  components  exhibit  non-linear  behaviour,  so 
that  non-linearity  observed  in  experimental  data  is  not  the  result  of  viscous  effects  alone. 
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SUMMARY 

Four  loaa  prediction  problems  of  the  more  intricate  kind  urt  treated  in  tr.is  paper.  In  the  tirut 
three  cases, 

• prediction  of  ioaus  on  wing  mounted  external  stores  during  rolling  pulj-o^ts, 

. prediction  of  fin  loads  during  fast  rolling  manoeuvres, 

• effect  of  airframe  elasticity  on  load  distribution, 

it  is  shown  how  windtunnel  data,  combined  with  fairly  simple  computation  procedure.,,  cur.  pr^vnic  uut— 
quate  load  predictions  that  are  in  good  agreement  with  l'lignt  test  results. 

In  the  fourth  problem  area, 

• loads  due  to  encounter  with  mg-ttp  vortices  fro..i  aircraft  at  hign  load  factors, 
results  from  the  first  stage  of  a fl’ght  test  program  that  has  been  started,  are  shown. 

INTRODUCTION 


The  importance  of  having  reliable  load  predictions  available  in  an  early  stage  of  tne  design  and  of 
avoiding  subsequent  flight  testing,  is  obvious.  The  aim  of  this  paper  is  to  i,xve  ^r.  account  of  a number 
of  capes  ’n  which  Saab-Scania1  s experience  indicates  that  loan  predictions  of  udeq-atu  reliability  car. 
be  obtained  by  windtunnel  testing  and  to  show  examples  of  the  agreement  with  flight  test  results. 

LOADS  ON  EXTERNAL  STORES 


Comparison  between  windtunnel  tests  and  flight  te3ts 


The  aerodynamic  load  on  the  Rb  27  (Falcon)  missile,  wing  mounted  on  the  Saab  3b  Lrakeri  aircraft,  te 
figures  1 and  2,  was  measured  in  the  1x1m2  transonic-supersonic  windtunnel  at  the  r’FA,  Aeronautical 
Research  Institute  of  Sweden.  The  tests  were  done  on  a 1:18  scale  model  at  !..ach  numbers,  .b  to  1.9, 
using  a five  component  strain  gauge  balance  inside  the  missile,  connected  to  the  pylon  by  means  of  a 
vertical  strut.  The  opposite  wing  station  was  utilised  for  a simultaneous  measurement  of  the  loading 
on  missile  plus  pylon  by  attaching  the  pylon  to  the  missne  and  attaching  the  strut,  through  an  opening 
in  the  pylon,  to  the  wing. 


In  a later  stage  of  the  program, 
loads  were  measured  in  flight 
tests  with  a special  dummy  mis- 
sile containing  a six  component 
strain  gauge  balance.  The  varia- 
tion of  the  air  loads  with  angle 
of  attack,  angle  of  sideslip  and 
Mach  number  showed  good  agree- 
ment with  the  windtunnel  test 
results. 

The  critical  loading  case  for  a 
wing  mounted  pylon  and  ito  attach- 
ment usually  i3  a rolling  pull-out. 
The  reason  fer  this  is  that  on  the 
downward  moving  wing  the  most  im- 
portant loading  components,  aide 
loads  and  rolling  moments,  due  to 
several  factors  all  act  in  the 
same  direction.  Loads  due  to 


• angle  of  attack,  inducing  sldewash, 

• rolling  velocity,  inducing  mas3  loads  and  a increase  in  local  angle  of  attack 

• angle  of  sideslip,  induced  by  aerodynamic  and  inertia  coupling, 
all  add  up  to  critical  loads. 
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it  would  be  a di3ti.nct  advantage  if  missile  loads 
during  a rolling  pull-out  could  be  predicted  ade- 
quately from  wind  tunnel  r. suits  witnout  recourse 
to  complicated  computational  methods,  'therefore, 
flight  test  measured  missile  loads  during  rolling 
pull-outs  were  compared  with  loads,  calculated 
from  wmctunnel  tests  by  using  the  flight  test 
values  ot  t.ach  number  and  angle  of  sideslip  and 
using  an  angle  of  attack  the  local  angle  of  attack 
at  the  mi3si?.e  station 
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<*»tssile  = °Vc  + ^/V- 

An  example  of  the  result  of  this  comparison  is 
shown  m figure  5 for  a 360°  rolling  manoeuver  at 
a load  factor  nz  = 2. 5 for  the  missile  on  the  down- 
ward moving  wing.  Completely  satisfactory  agree- 
ment was  obtained  consistently  for  the  missile  on 
the  downward  moving  wing.  The  loads  on  the  upwaru 
moving  wing  oid  not  show  quite  such  good  agreement.- 
During  a part  of  the  rolling  manoeuvre  better  agree- 
ment is  obtaineu  with  a calculation  ir.  wmch  the 
y cox/Y  - contribution  ,0  oC-m.asile  18  neglected,  out 
the  reuson  for  tins  is  not  clear.  As  the  loads  on 
the  downward  moving  wing  are  more  critical  than 
those  on  the  upward  moving  wing,  this  lesser  uegree 
of  agreement  is  not  of  great  importance. 

As  a consequence  of  the  good  prediction  that  was 
obtained  for  missile  loads,  even  during  complicated 
manoeuvres,  the  amount  of  flight  load  testing  of 
external  stores  at.  Saab-Scania  has  ceen  drastically 
reouced  and  replaced  by  wind  tunnel  tests  which  can 
be  done  in  an  earlier  design  stage.  A later  check 
of  wind  tunnel-measured  loads  on  the  lib  04  on  the 
Saab  37  Viggen,  for  which  especially  reliable  load- 
ing data  was  considered  desirable,  confirmed  the 
agreement  between  windtunnel  and  flight  tea*  re- 
sults. 

Effect  of  gap  between  missile  and  pylon 
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It  has  been  mentioned  above  that  the  strain  gcuge 
balance  in  the  Hb  27  windtunnel  model  was  attached 
to  the  pylon  und  not  to  a oeparute  sting.  Although 
the  torsional  flexibility  of  ouch  a strut  has  occa- 
sionally caused  excessive  deformation  in  yaw  of  the 
missile  model,  th«  strut-attachment  has  the  impor- 
tant advantage  that  accurate  control  of  the  gao  be- 
tween missile  und  pylon  is  possible.  A separate 
sting  almost  inevitably  .mpiles  a larger  gap  in  or- 
dei  to  avoid  contact  between  r..-ssile  and  pylon  and 
considerable  variation  of  gup  size  due  to  ilexibi- 
iily  under  the  varying  loaas  during  the  wins  tunnel 
teats. 


6 5 time  (see) 

3.  MISSILs  LOADS  DLfAINC  A RGLI  ills 

MAllGEL'Vlii.  A'f  M=.3t,  ;I-s  km, 


i'he  importance  of  the  3ize  of  t..e  gap  between  missile  and  pylon  is  iliustrateu  oy  figure  4 which  shows 
missile  rolling  moment  as  a function  of  gan  size  for  the  wing-mounted  Rb  71  \ Sparrow)  on  the  Saab  37 
Viggen  at  different  angles  of  attack.  1 igure  b shows  missile  rolling  moment  as  a function  of  missile 
forward  travel  for  different  gap  sizep.  Because  of  the  cap  size  effect,  the  Saab-Scania  windtunnel 
test  programs  that  use  sting  mounted  missile  models  for  the  measurement  of  aircraf t-missile  inter- 
ference for  separation  calculations  art  sually  complemented  by  measurements  with  the  missile  model 
strut-mounted  in  several  fixec  positions  to  obtain  accurate  loading  dutu  for  stressing  purposes  ns 
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..ell  as  accurate  interference  data  for  the  very  first  part  of  the  missile  path,  where  interference 
effects  are  most  important. 

PI”  LOADS 

lompanson  between  windtunnel  tests  and  flight  tests 

f'n  slender  delta  wing  configurations  such  as  the  Saab  35  Draken  and  37  Viggen,  appreciable  angles  of 
sideslip  occur  during  fast  rolling  manoeuvres  due  to  inertia  and  aerodynamic  coupling.  An  important 
cause  of  aerodynamic  coupling  on  these  aircraft  is  the  side  load  on  the  fin  which  is  caused  by  differ- 
ent elevon  angles  on  port  and  starboard  elevon  during  a rolling  manoeuvre. 

i n ;he  Saab  35  Dra Ken,  fin  loads  were  measured  on  a 1:18  scale  model  at  ’..acn  n. umbers  .5  to  1.5  m the 
1 x 1 m^  transonic-supersonic  windtunnel  by  mounting;  the  fin  on  a separate  three-component  strain 
( au*  c balance.  Besiue  the  usual  parameters,  angle  of  yaw,  angle  of  attack  and  rudder  angle,  that  de- 
fine fm  loading,  the  effect  of  aileron  and  elevator  angle  ( superimposed  to  elevon  angles)  on  fin 
loading  was  determined. 

I'm  load  measurements  in  flight  we  re  executed  in  a manner  very  similar  to  the  windtunnel  tests,  the 
nom.nl  fin  attachments  bemr  replaced  by  measuring  elements  wits  strain  gauges.  After  some  initial 
calibration  difficulties  caused  by  tnc  fairings  currying  more  load  than  was  expected,  good  agreement 
■•■as  obtained  with  tue  windtunnel  test  results  during  steady  sideslip  and  yawing  oscillations. 

He  "lain  air  of  ttie  flight  tost  progiam  was  the  measurement  of  fin  loads  during  fast  rolling  manoeu- 
vres as  a check  on  fin  design  loads.  Subsequently,  un  attempt  was  made  to  calculate  the  tin  loads  bur- 
in, ruen  roiling  manoeuvres  with  the  help  of  the  windtunnel  data,  using  the  test  flight  conditions  as 
a basis,  i’he  fin  loads,  side  force,  bcnomg  moment  and  torsion  moment,  were  determined  from  the  wind- 
tunnel  oata  for  the  flight  test  measured  angle  of  sideslip  at  the  corresponding  much  number,  angle  of 
attack  and  elevator  angle.  Corrections  were  then  applied,  for  the  effect  of  aileron  angle  and  rudder 
angle,  determined  from  windtunnel  data,  and  for  the  effect,  of  roll  rate,  determined  by  a simple  cal- 
culation of  the  load  distribution. 

An  example  of  the  resulting  comparison  is  shown  in  figure  6 for  fm  tending  moment  during  a 560°  roll 
at  = .93,  h = 6.b  km,  nz  = 3.  A slight  zero  shift  of  the  calculated  value  seems  to  be  present,  which 
is  due  to  rudder  angle.  As  the  cause  of  this  shift  could  not  be  determined  it  v/as  prefeirod  to  use  the 
mea3ureu  values  as  read  from  the  flight  tests  without  arbitrary  corrections,  although  these  would  im- 
orove  the  result. 

i'he  same  degree  of  agreement  that  is  shown  in  figure  6 was  obtained  in  other  cares.  For  each  rolling 
manoeuvre  for  which  fin  loads  were  calculated,  the  maximum  load  for  each  manoeuvre  was  compared  with 
the  flight  test  value.  In  figure  7 the  cumulative  probability  distribution  of  calculated  fin  load  ui- 
viGed  by  flight  test  measured  fin  load  has  been  plotted  on  normal  diotrioution  paper.  The  distribution 
is  seen  to  be  normal  with  a mean  value  of  .96  end  a standard  deviation  of  .075,  which  must  be  consid- 
ered satisfactory. 

Sides!. p curing;  rolling  manoeuvres 

For  both  missile  load  and  fin  load  calculations,  flight  test  measured  values  of  angle  of  attack  and 
sideslip  during  the  foiling  raanoe-uvro3  have  been  used.  It  would  of  course  be  advantageous  if  the  angle 
of  attack  and  sideslip  variation  during  rolling  manoeuvres  could  also  be  predicted.  Our  experience 
shows,  however,  that  theae  variations  only  can  be  computeu  when  very  accurate  aerodynamic  data  are 
available,  fne  degree  of  accuracy  that  is  necessary  has  thus  far  not  been  achieved  without  the  ex- 
tensive use  of  flight  test  results. 
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The  fastest  way  to  obtain  the  necessary  data  is 
therefore  often  to  measure  angle  of  attack,  side- 
slip etc  during  rolling  manoeuvres  in  flight  tests. 
The  fact  that  flight  tests  must  be  used  does  to  some 
degree  decrease  the  advantage  of  being  able  to  cal- 
culate missile  loads  and  fin  loads,  but  the  saving 
of  the  time  and  expense  involved  in  the  flight  test 
measurement  of  these  loads  is  still  considered  to  be 
a worthwile  advantage. 

.eynolds  number  effects 


The  agreement  between  windtunnel  and  flight  test 
results  indicate  that  no  significant  Reynolds  num- 
-ar  . ffects  are  present  on  the  missile  and  fin  ar- 
rangements that  are  considered  here,  even  though 
the  Reynolds  number,  based  on  aircraft  m.a.c.,  is 
below  5 x 106  in  the  windtunnel  tests  and  around 
65  x 10°  in  the  flight  tests.  Missile  configura- 
tions like  the  lib  27  are  usually  not  very  sensitive 
to  Reynolds  number  and  delta  wings  like  the  Saab 
J5  Draken  have  been  shown  in  ref  1 to  exhibit  good 
agreement  between  aerodynamic  data  from  flight  tests 
and  from  low  Reynolds  number  windtunnel  te3t. 


Possible  Reynolds  number  sensitive  has  certainly 
to  be  kept  in  mind,  while  on  the  other  hand  criti- 
cal loading  cases  often  occur  at  high  speeds  and 
low  or  medium  altitudes,  which  entails  moderate 
angles  of  attack  and  sideslip  where  Reynolds  number 
effects  may  be  neglectable. 


AEROELASTIC  EFFECTS  Oil  LOAD  DISTRIBUTION 


The  effects  of  airframe  elasticity  on  the  aerody- 
namics of  the  Saab  37  Viggen  (figure  8)  are  appre- 
ciable, sec  ref  2,  which  makes  aeroelastic  correc- 
tions of  the  load  distributions  necessary. 

The  basis  for  the  determination  of  all  aerodynamic 
loading  distributions  is  a windtunnel  pressure  meas- 
urement in  approximately  280  points,  distributed 
over  the  entire  aircraft  model.  The  correction  for 
aeroelastic  effects  was  computed,  using  a vortex 
lattice  method  for  subsonic  speeds  and  a panel  meth- 
od for  supersonic  speed  as  described  in  ref  2,  in 
the  following  way. 


Load  distributions  were  calculated  on  the  rigid  air- 
craft for  the  required  load  factor,  Mach  number, 
altitude  etc,  including  the  necessary  (rigid)  con- 
trol surface  angles  to  trim  the  aircraft.  Then  the 
same  procedure  was  repeated  for  the  elastic  air- 
craft, thus  resulting  in  tne  same  load  factor  but 
different  angle  of  attack  and  control  surface  ang- 
les. The  difference  bet ween  these  two  load  distri- 
butions, constituting  a load  distribution  that,  in- 
tegrated, yields  neither  loads  nor  moments,  was 
applied  33  a correction  to  the  distribution  derived 
from  windtunnel  data. 

Although  reductions  of  up  to  nearly  70  />  in  elevon 
effectiveness  compared  to  the  rigid  aircraft  do 
occur,  the  load  distribution  corrections  arc  small 
due  to  the  opposing  effect  of  elevon  angle  and  angle 
of  attack.  The  3mallneos  of  the  corrections  causes 
simplifications  in  the  computation  model  to  be  of 
less  importance,  thus  rendering  tne  moot  accurate 
result  for  the  effort  involved.  An  example  of  the 
correction  of  the  loud  distribution  on  the  main  wing 
in  a symmetric  pull  up  at  1.:  = .9,  !!  = 0 is  shown  in 
figure  9. 

Y/ing  and  canard  loads  were  checked  in  flight  tests 
by  strain  gauge  measurements.  Main  wing  bending 
moment  vs.  load  factor  accoraing  to  the  prediction 
is  compared  in  figure  10  with  flight  te3t  results, 
conf  inning  that  the  wind  tunnel  pressure  measurements 
with  the  computed  aeroelastic  corrections  predict 
correct  loitd  distributions. 


Ox  (dzg/sec) 


Fig  6.  Fill  BEDDING  MOMENT  DURING  A 360°  ROLLING 
MANOIiUVkK  AT  h=6.£J  kin,  r.z=y 
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Fig  7.  PROBABILITY  DISTRIBUTION  OF  CALCULATED 

FIN  LOAD  DIVIDED  BY  PLIGNf  TEST  MEASURED 
1'IrI  LOAD 
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LOADS  DUi.  TO  ENCOUNTER  WITH  WHIG  VII’  VORTICES 


An  estimate  of  the  vortical  velocity  of  the  air  between  the  wing  tip  vortices  of  an  aircraft  shows 
thnt  this  velocity  gives  rise  to  a load  factor  increment  on  a second  aircraft  (cane  typo  at  sane  speed) 
approximately  equal  to  the  preceding  aircraft's  load  factor  if  tue  encounter  is  relatively  symmetrical. 

During  dog  fights,  resulting  load 
factors  can  thus  be  very  high, 
yy  ly.  which  is  confirmed  by  overload 

/'  \ reports  from  Saab  3b P Draken  ope- 

//  -~“4  ration.  Although  high  load  fac- 

^ ~ tors  do  occur,  the  probability 
^ ( — j*  n.H  ( ' 1 _ ~~  |Q  [ Jill  of  their  occurrence  is  suffici- 

— ji-  r.I.Ji  4c=tj^fcid  ently  1 o v/.  The  probability  of 

I J " ~rnr;~  ^ exceeding  ultimate  load  factor 

| o due  to  vortex  encounter  is  well 

I u below  10"6  per  flight  hour. 

' 1 Another  simple  analysis  shows 

' | that  the  sidowach  of  one  tip 

II*1  ii1  *11  | vortex  may  cause  appreciable 

r*1  /y— • I side  load  if  the  second  aircraft's 

_Jj [jj] j}_  s'  I 1 //  1 I fjn  tip  is  near  the  vortex  core 

, / — \/',^_  a j | long  enough  for  a yawing  oscilla- 

— ^ — ~ — tion  to  develop. 

Q;  £7^  In  order  to  cheek  these  calcula- 

1 11  k ,T.  U~~  ' ~T  T tions,  a few  test  flights  were 

" V.  \ / j I conducted  in  which  the  leading 

i I uircraft  flew  at  load  factors  1, 

Fig  8.  SAAB  37  VIGGEK  ’ |_J  2 and  3 while  the  second  aircraft, 

'V-  I J at  the  same  speed  i.i  = .8  at  H = 4 

I km  made  3low  and  fast,  downward 

/ and  upward  symmetrical  passages 


mb-io“ 

(kpm) 


— PREDICTION 
x FLIGHT  TESTS 


Fig  9.  LOAD  corrections  due  to  aero- 

elastic  EFFECTS,  MAIN  KING  SAAB  37  VIGGEii 


Fig  10.  COMPARISON  OF  MAIN  WHIG  BENDING  MOMENT, 

PREDICTION  AND  FLIGHT  TEST  RESULTS,  ai=.8-.9, 
H=.5  km 

of  the  tip  vortices  and  also  tried  to  put  the  fin 
into  one  of  the  vortices. 

The  test  results  are  shown  in  figures  11  and  12. 

The  results  show  appreciable  scatter  because  the 
leading  aircraft's  vortices  were  not  visualized  by 
smoke.  The  envelopes  of  the  points  for  downward 
passage  and  upward  passage  in  figure  11  show  that 
the  simple  rule  Anz  £ r.a>ieaijing  a/c  is  reasonably 
correct,  although  higher  load  factors  do  occur.  The 
fast  passages  tend,  naturally  enough,  to  result  in 
the  highest  load  factors.  The  occasional  very  high 
load  factor  during  a alow  pussage  is  due  to  the  pi- 
lot keeping  the  aircraft  in  the  vortex  field  until 
it,  according  to  his  report,  was  thrown  out.  The 
effect  of  the  autopilot  is,  as  could  be  expected  for 
ouch  high-gradient  disturbances,  negligible.  The 
normal  load  factor  increments  in  the  fin-in-vortex 
case  are,  as  could  be  expected,  lower  than  during 
the  symmetrical  passages. 
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[■'igure  12  ohov/3  moderate  lateral  load  factors  during  the  (attempted)  symmetrical  passages,  but 
appreciably  more  vigorous  disturbances  in  the  fin-in-vortex  case.  In  fact,  the  envelope  gradient 
indicates  that  the  fin-m-vortex  case  may  result  in  damage  to  the  second  aircraft.  During  these 
preliminary  flight  tests  the  second  aircraft's  test  equipment  was,  however,  not  suitable  to  deter- 
mine the  load3  with  sufficient  accuracy.  Therefore,  preparations  have  been  started  for  additional 
flight  tests  during  which  loads  will  be  measured  at  the  main  fuselage  joint,  at  the  main  fin  bracket 
and  at  the  external  tank  pylon. 
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The  beneficial  effects  of  attached  vortex  flows  on  the  aerodynamic  characteristics 
of  swept  tapered  wings  at  high  angles  of  attack  is  being  investigated  by  theoretical  and 
experimental  techniques  under  a continuing  research  program. t 

It  has  been  determined  from  the  results  of  the  experimental  investigations  that  the 
maximum  lift  generated  by  a low  aspect  ratio  swept  wing  can  be  increased  by  60  percent 
due  to  the  suction  and  induced  effects  of  attached  vortex  flows.  The  manner  in  which  the 
vortex  flows  effect  the  performance  characteristics  of  the  lifting  surface  will  be  dis- 
cussed in  terms  of  the  measured  performance  characteristics,  surface  pressure  distribu- 
tion and  the  results  of  flow  visualization  studies.  On  the  basis  of  the  results  obtained 
during  this  research  investigation  methods  of  further  enhancing  the  performance  character- 
istics of  low  aspect  ratio  wings  by  means  of  controlled  vortex  flows  will  also  be  dis- 
cussed briefly.  In  addition,  the  correlation  of  theoretical  predictions  based  on  a 
refined  theoretical  analysis  technique,  now  under  development,  with  experimental  results 
will  be  presented. 

1.0  INTRODUCTION 

In  the  past,  emphasis  has  been  placed  on  maintaining  the  flow  over  lifting  surfaces 
fully  attached  in  order  to  achieve  benefits  in  the  performance  and  maneuvering  character- 
istics of  high  performance  aircraft.  It  has  been  found,  however,  that  leading  edge  sepa- 
ration and  the  resulting  nonlinear  incremental  lift  contribution  of  concentrated  vortices 
can,  if  properly  generated  and  controlled,  be  of  great  benefit  to  the  overall  performance 
characteristics  of  a low  aspect  ratio  lifting  surface.  Control  of  the  concentrated  vortex 
flow  by  devices  such  as  snags,  strakes,  and  canards  has  been  found  to  stabilize  the  local 
flow,  to  increase  the  maximum  lift  coefficient,  and  to  increase  the  subsonic  and  transonic 
maneuvering  capabilities  of  the  lifting  surface.  These  type  of  concepts  have  been  cited 
for  the  superior  performance  characteristics  of  the  YF-16,  YF-17  and  Saab  A37  aircraft. 

Under  the  sponsorship  of  the  Office  of  Naval  Research  (ONR) , the  RASA  Division  of 
Systems  Research  Laboratories,  Inc.  has  been  investigating  the  effects  of  vortex  flow  and 
vortex  flew  interactions  on  the  aerodynamic  performance  characteristics  of  various  types 
of  lifting  surface  configurations.  Initial  efforts  in  this  research  were  focused  on  the 
fundamental  interaction  mechanisms  of  concentrated  vortex  filaments  with  a finite  wing 
(Ref.  1) . In  this  initial  study,  a simplified  potential  flow  analysis  was  developed  to 
predict  the  incremental  lift  and  drag  contributions  resulting  from  the  interaction  of  a 
lifting  surface  with  a concentrated  vortex  filament  of  specified  strength,  orientation 
and  geometry.  The  basic  theory,  which  included  nonlinear  effects,  showed  positive  correl- 
ation only  in  predicting  the  trends  of  the  available  measurements  of  the  incremental  lift 
and  drag  resulting  from  wing/vortex  interaction  when  snags,  strakes,  and  canard  devices 
were  utilized  with  lifting  surface  configurations.  On  the  basis  of  the  results  that  were 
obtained  during  the  initial  effort,  it  was  concluded  that  the  efficiency  of  a vortex  formed 
in  the  pressure  field  of  a lifting  surface  in  generating  incremental  lift  was  by  far  the 
best  approach  as  the  suction  field  generated  by  this  type  of  wing/vortex  interaction  is 
far  in  excess  of  the  suction  field  associated  with  a free  vortex  of  the  same  strength 
interacting  with  a lifting  surface. 

Subsequently,  an  experimental  research  program  has  been  carried  out,  in  part  to 
demonstrate  and  to  verify  that  beneficial  incremental  lift  can  be  obtained  from  a controlled 
vortex  generated  by  and  interacting  with  a lifting  surface  and  also  to  determine  the 
mechanism  by  which  the  favorable  performance  gains  were  achieved.  In  this  program,  which 
is  summarized  herein,  studies  were  conducted  using  an  F-4  type  of  wing  planform  with  and 
without  leading  edge  vortex-control  devices  including  a strake,  a snag  and  combinations 
thereof.  Measurements  were  obtained  of  the  pressure  distributions  and  the  total  forces 
and  moments  on  the  lifting  surface.  Flow-visualization  studies  were  also  carried  out 
using  the  helium-bubble  technique  of  flow  visualization. 

in  conjunction  with  the  experimental  program,  effort  has  been  directed  toward  develop- 
ing a suitable  analysis  procedure  for  predicting  the  development  of  vortex  flows,  the 
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interaction  of  these  vortex  flows  with  the  lifting  surface  and  their  subsequent  effects 
on  the  performance  characteristics.  Since  the  prediction  technique,  by  necessity,  must 
consider  mixed  flow  regions  of  potential  flow,  separated  flow  and  vortex  induced  and 
suction  flow  effects,  its  successful  development,  while  a challenge,  is  showing  great 
promise  as  a useful  design  tool. 

This  paper  will  describe  the  results  of  both  the  theoretical  and  experimental  phases 
of  the  research  program  and  will  focus  on  the  advancement  of  vortex-control  technology  as 
a step  toward  its  successful  development  and  wide-scale  application  on  existing  and  future 
aircraft. 

2.0  DESCRIPTION  OF  MODEL  AND  TEST 

The  model  used  in  the  program  was  a swept,  tapered,  semispan  lifting  surface  similar 
in  geometry  to,  and  approximately  a 1/4-scale  version  of  the  F-4  Phantom  wing  planform. 
While  many  different  individual  and  combinations  of  leading  edge  vortex  generating  and 
control  devices  were  tested  in  the  program,  this  paper  will  deal  primarily  with  the  results 
that  were  obtained  by  the  use  of  an  outboard  leading  edge  snag  and  an  inboard  strake  both 
separately  and  in  combination.  A summary  of  the  results  obtained  for  all  of  the  configura- 
tions that  were  tested  can  be  found  in  References  2 and  3.  Figure  1 shows  a photograph 
of  the  model,  with  the  strake  attached,  mounted  in  the  wind  tunnel  as  well  as  a planform 
sketch  of  the  model  showing  the  dimensions  (in  inches)  of  the  basic  wing  and  leading  edqe 

vortex  generation  devices.  The  basic  wing  planform  is  shown  by  the  solid  lines  in  the 

figure  and  the  dashed  lines  show  the  removable  leading  edge  sr.ag  at  the  outboard  section 
of  the  wing,  and  the  removable  strake  at  the  wing  root. 

The  inboard  strake  modification  consisted  of  a triangularly-shaped,  leading  edge 
extension  which  increased  the  planform  area  of  the  model  by  6%.  The  strake  was  constructed 
of  1/4-inch  thick  metal  plate  with  a wedge-shaped  leading  edge.  The  leading  edge  wedge  of 
the  strake  had  a 6.4°  included  angle,  and  was  swept  75°  with  respect  to  the  free  stream. 

The  strake  also  had  the  capability  of  being  oriented  with  a relative  angle  of  attack  with 
respect  to  the  chordplane  of  the  wing. 

The  snag  consisted  of  a 6%  extension  in  the  local  chord  starting  at  the  68%  semispan 
location.  The  snag  was  tapered  linearly  from  this  point  to  the  tip  chord.  The  snag 

changed  the  profile  of  the  wing  slightly  and  the  extended  chord  was  faired  smoothly  to  the 

normal  wing  profile.  The  snag  increased  the  planform  area  of  the  wing  by  0.7%  and  was 
similar  in  geometry  to  the  wing  snag  found  on  the  F-4  Phantom  aircraft. 

In  order  to  measure  the  detailed  pressure  distributions  on  the  semispan  model, 
pressures  were  obtained  from  a total  of  255  static  pressure  taps  on  one  side  of  the  air- 
foil. Pressure  measurements  were  taken  at  both  positive  and  negative  angles  of  attack  and 
the  combined  measurements  were  then  used  to  compute  the  differential  pressure  coefficients 
and/or  the  loads. 

Forces  and  moment  on  the  semi span  model  were  measured  by  a six-component,  yoke-type 
balance  located  beneath  the  floor  of  the  test  section.  The  balance  measurements  were 
monitored  on-line  prior  to  off-line  computer  processing  into  the  lift,  drag  and  side 
force,  and  the  pitch,  roll,  and  yawing  moment  coefficients.  The  pitching  moment  was  taken 
about  an  axis  which  passed  through  the  quarter  chord  lire  of  the  mean  aerodynamic  chord, 
and  the  rolling  and  yawing  moments  were  referenced  to  tie  wing  root. 

Flow  visualization  of  the  vortex  flow  in  the  vicinity  of  the  model  was  provided  by 
neutrally-buoyant  helium  bubbles  which  were  released  upstream  of  the  model.  The  bubbles 
were  illuminated  by  a collimated  beam  of  light  and  were  observed  visually  and  photographed. 
A detailed  description  of  the  flow-visualization  system  and  technique  for  its  use  can  be 
found  in  Reference  4.  Visualization  of  the  surface  flow  was  obtained  by  means  of  tufts 
attached  to  the  wing  at  each  of  the  pressure  tap  locations. 

3.0  DISCUSSION  OF  TEST  RESULTS 

The  experimental  results  that  were  obtained  will  be  presented  and  discussed  in  two 
different  groupings,  first  the  measured  performance  results  which  are  the  integrated 
results  of  the  surface  pressure  distributions,  and  second,  the  surface  pressure  distribu- 
tions, which  give  some  insight  as  to  why  the  measured  integrated  performance  character- 
istics were  obtained,  will  be  discussed  in  conjunction  with  the  results  of  the  flow 
visualization  studies  which  provide  an  understanding  as  to  how  the  wing  vortex  flows 
interact  to  generate  the  measured  pressure  distribution. 

3.1  Performance  Characteristics 


The  basic  performance  results  which  are  additive  across  the  wing  span  and  are  of 
general  interest  are  the  lift,  drag  and  pitching  moment  which  are  presented  for  three  of 
the  configurations  which  were  tested  in  Figures  2,  3 and  4 respectively.  In  this  grouping 
of  results  the  only  configuration  of  interest  for  which  data  has  not  been  presented  is  that 
for  the  basic  wing  with  the  snag.  The  reason  that  it  has  not  been  presented  is  that  while 
the  snag  created  significantly  different  loading  distributions  than  those  for  the  basic 
wing  over  the  lifting  surface  below  the  stall  angle,  the  integrated  performance  character- 
istics were  almost  identical  to  those  of  the  basic  wing.  Above  the  stall  angle  of  attack, 
the  snag  vortex  separated  from  the  wing  surface  and  again  the  performance  characteristics 
of  the  wing  with  the  snag  added  were  almost  identical  to  those  presented  for  the  basic 
wing. 


The  addition  of  the  beveled  flat  plate  strake  to  the  lifting  surface,  while  not 
affecting  the  performance  characteristics  significantly  below  the  onset  of  leading  edge 
separation  {^13  degrees)  had  a very  large  effect  on  the  performance  characteristics  at 
higher  angles  of  attack.  As  can  be  seen  from  the  results  that  are  presented  in  Figure  2, 
the  effect  of  the  strake  and  its  vortex  flow  was  to  maintain  the  slope  of  the  lift  curve 
obtained  at  angles  of  attack  below  the  inception  of  leading  edge  separation,  up  to  an 
angle  of  attack  of  approximately  28  degrees.  The  lift  coefficient  at  this  angle  of  attack 
is  approximately  1.45  times  the  maximum  value  that  was  measured  for  the  basic  wing.  Since 
the  lift  coefficient  has  been  normalized  with  the  respect  to  the  appropriate  wing  planform 
areas,  this  demonstrated  increase  in  lifting  capabilities  is  due  to  a difference  in  the 
aerodynamic  flow  characteristics  of  the  two  configuration.  It  is  believed  that  the  signi- 
ficant difference  in  the  flow  characteristics  is  due  to  the  control  obtained  by  the  strong 
coupling  of  the  strake  and  leading  edge  vortex. 

The  addition  of  the  snag  to  the  wing-strake  configuration  had  a beneficial  effect  in 
the  high  angle  of  attack  range  in  that  it  increased  the  lift  at  a given  angle  of  attack  and 
yielded  a maximum  lift  coefficient  that  is  approximately  1.6  times  that  of  the  basic  wing 
configuration,  which  is  10  percent  higher  than  that  measured  for  the  wing-strake  configura- 
tion. It  is  believed  that  the  reason  the  snag  had  a beneficial  effect  for  this  configura- 
tion and  not  for  the  basic  wing,  is  that  the  interaction  of  the  stronger  leading  edge 
vortex  with  the  snag  vortex  strengthened  and  stabilized  the  leading  edge  vortex  whereas 
for  the  basic  wing  the  leading  edge  vortex  had  separated  and  burst  in  this  angle  of  attack 
range  and  thus  the  favorable  influence  of  the  snag-vortex  could  not  be  realized. 

The  effect  of  the  strake  and  snag  on  the  drag  characteristics  of  the  basic  lifting 
surface  are  shown  in  Figure  3.  The  results  presented  in  this  figure  show  that  the 
increased  lift  obtained  by  the  vortex  flows  also  increased  the  drag,  but  not  to  the  degree 
that  would  be  expected  based  on  a guadradic  variation  of  induced  drag  with  lift. 

While  the  lift  to  drag  ratio  L/ D for  the  various  configurations  are  approximately  the 
same  at  a given  angle  of  attack  in  the  angle  of  attack  range  of  20  to  35  degrees,  the  amount 
of  lift  obtainable  with  the  controlled  vortex  configurations  at  a given  value  of  aircraft 
drag  (power)  is  higher  than  the  basic  wing.  This  benefit  can  be  illustrated  by  using  the 
data  presented  in  Figures  1 and  2.  As  an  example,  at  the  same  drag  coefficient  measured 
for  the  basic  wing  at  an  angle  of  attack  of  28  degrees  the  lift  coefficient  of  the  strake- 
snag  configuration  is  1.36  times  that  of  the  basic  wing.  This  result  indicates  that  if 
an  aircraft  configuration  has  sufficient  installed  power  for  the  basic  aircraft  configura- 
tion at  an  angle  of  attack  of  28  degrees  then,  with  the  addition  of  a suitable  strake  and 
snag  the  aircraft  would  develop  36%  more  lift,  for  the  same  installed  power.  Since  the 
turning  radius  is  inversely  proportional  to  the  lift  coefficient,  the  increased  lift 
available  would  significantly  decrease  the  turning  radius.  This  performance  benefit  is 
obviously  very  desirable  as  regards  the  maneuverability  characteristic  of  an  aircraft. 

The  pitching  moment  coefficients  about  the  M.A.C.  for  the  various  configurations  are 
shown  in  Figure  4.  As  can  be  seen  the  vortex-generating  surfaces  have  a very  pronounced 
effect  on  the  pitching  moment  about  the  M.A.C.  For  the  basic  wing  the  nose  down  pitching 
moment  increases  in  a some-what  linear  fashion  until  the  angle  of  attack  at  which  leading 
edge  separation  and  the  attendent  formation  of  the  leading  edge  vortex  is  reached  at  which 
point  the  rate  of  increase  in  the  pitching  moment  with  angle  of  attack  becomes  much  less. 

As  the  angle  of  attack  is  increased  further,  however,  the  rate  of  increase  of  pitching 
moment  with  angle  of  attack  becomes  larger  until  it  becomes  approximately  equal  to  that 
obtained  below  the  initiation  of  the  leading  edge  separation.  Since  the  leading  edge 
vortex  is  formed  when  leading  edge  separation  occurs,  it  is  believed  that  the  break  in 
the  pitching  moment  curve  of  the  basic  wing  is  caused  by  the  formation  of  the  leading  edge 
vortex.  As  the  angle  of  attack  of  the  lifting  surface  i3  increased  further  the  effect  of 
the  weak  leading  edge  vortex  diminished  due  to  the  separation  from  the  wing  surface  and 
is  completely  gone  at  an  angle  of  attack  of  approximately  22  degrees. 

With  the  strake,  and  the  strake  and  snag  added  to  the  basic  wing  planform  the  trend  of 
the  pitching  moment  with  angle  of  attack  is  approximately  the  same  below  an  angle  of  attack 
of  13  degrees  a*-  that  of  the  basic  wing.  Above  13  degrees,  however,  the  trends  of  the 
pitching  moment  with  increasing  argle  of  attack  is  opposite  to  that  of  the  basic  wing. 

It  is  believed  that  the  reason  for  the  change  in  the  pitching  moment  characteristics  is 
that  when  the  leading  edge  vortex  is  formed,  its  infraction  with  the  strake  vortex  causes 
’.t  to  be  strengthened  and  stabilized  and  thus  it  continues  to  grow  in  strength  as  the 
angle  of  attack  is  increased  instead  of  separating  from  the  lifting  surface.  Since  the 
leading  edge  vortex  is  formed  over  the  inner  half  of  the  span,  ahead  of  the  M.A.C.,  it 
creates  a nose  up  pitching  moment  and  because  of  its  increased  strength,  it  dominates  the 
pitching  moment.  For  example,  at  30  degrees  angle  of  attack,  the  data  indicates  that  the 
pitching  moment  generated  by  the  leading  edge  vortex  is  1.5  times  greater  than  that 
generated  by  the  entire  lifting  surface.  It  is  noted  that  with  the  snag  added  to  the 
strake  configuration  the  leading  edge  vortex  moves  slightly  aft  and  the  pitching  moment 
variation  is  not  as  pronounced  as  it  was  for  the  just  wing-strake  configuration. 

Even  though  the  pitching  moment  is  destabilizing  in  the  post-leading  edge  stall 
region,  its  maximum  mignitude  is  less  than  one-third  of  that  which  was  measured  for  the 
basic  wing  and  should  therefore  be  controllable  with  a properly  placed  horizontal  tail 
surface.  The  proper  placement  of  the  horizontal  tail  surface,  however,  may  be  significantly 
different  for  this  configuration  than  it  would  be  for  the  basic  wing  because  of  the  vortex 
induced  flow  field  on  the  horizontal  tail  due  to  the  vortex  wake  of  the  wing.  It  is  of 
interest  to  note  that  since  the  vortex  lift  seems  to  dominate  the  pitching  moment  character- 
istics of  the  lifting  surfaoe,  that  with  the  use  of  proper  wing  planform  tailoring  to  obtain 
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an  optimum  vortex  placement,  it  might  be  possible  to  maintain  a constant  pitching  moment 
at  all  angles  of  attack  in  the  post  stall  region  which  would  be  highly  advantageous  as 
regards  the  stability  and  control  characteristics  of  the  aircraft. 

In  summarizing  the  performance  results  that  have  been  measured  for  a low  aspect  ratio 
lifting  surface,  the  addition  of  a strake  and  snag  to  the  basic  wing  planform,  a signifi- 
cant increase  in  the  maximum  C,  was  obtained  with  a less  than  anticipated  increase  in  the 
drag  coefficient.  Since  this  increase  in  the  lift  is  believed  to  be  associated  with  a 
strong  leading  edge  vortex,  the  pitching  moment  about  the  M.A.C.  while  becoming  distabiliz- 
ing  is  significantly  less  in  magnitude  than  that  of  the  basic  wing  and  should  be  easily 
overcome  by  a properly  placed  horizontal  stabilizer.  It  is  concluded  that  the  reason  for 
the  noted  gains  in  the  performance  characteristics  is  probably  due  to  the  fact  that  the 
vortices  generated  by  these  additional  surfaces  seem  to  strengthen  and  stabilize  the 
leading  edge  vortex  and  the  complex  mutually  interacting  vortex  flow  field  tends  to 
control  and  stabilize  the  flow  field  of  the  lifting  surface  above  the  stall  angle  of  attack. 

3 . 2 Analysis  of  the  Wing-Vortex  Flow  Characteristics 

The  manner  by  which  the  attached  vortices  control  the  flow  over  the  wing  surface  and 
thus  the  lift  at  angles  of  attack  below  and  above  the  angle  of  attack  at  which  leading 
edge  separation  occurs  can  be  deduced  from  the  measured  pressure  distribution  and  associated 
visualized  external  and  surface  flows.  The  surface  pressure  distributions  will  therefore 
be  compared  for  the  various  configurations  at  an  angle  of  attack  at  which  the  flow  is  fully 
attached  (13.1  degrees)  and  at  an  angle  of  attack  near  that  at  which  the  maximum  life  was 
obtained  with  the  modified  wing  configurations  (27.7  degrees).  At  this  high  angle  of  attack 
the  majority  of  the  lifting  surface  is  operating  in  separated  flow. 

Figure  5 presents  the  spanwise  distributions  of  the  surface  pressures  along  constant 
chord  lines  for  the  three  configurations  of  interest  at  an  angle  of  attack  of  13.1  degrees. 
It  is  interesting  to  note  that  while  the  total  lift  generated  by  each  configuration  is 
almost  identical  to  the  other  at  this  angle  of  attack  (Figure  2)  it  can  be  seen  tnat  the 
spanwise  loading  distributions  are  significantly  different  for  the  three  configurations. 

As  will  be  discussed  it  can  be  shown  that  these  differences  in  the  loading  distributions 
are  caused  by  the  vortex  flows  that  are  generated  by  the  lifting  surface  and  the  attached 
vortex  generators. 

In  analyzing  the  effect  of  the  attached  vortex  flows  on  the  pressure  distribution 
over  the  surface  of  the  wing,  both  the  induced  and  the  suction  effect  of  the  vortex  flows 
must  be  considered.  While  the  Induced  effect  is  generally  generated  at  spacial  locations 
greater  than  the  core  diameter,  the  vortex  suction  effect  occurs  at  spacial  locations 
associated  with  dimensions  on  the  order  of  the  vortex  core  diameter. 

The  sparwise  pressure  distributions  presented  in  Figure  5 for  the  basic  wing  at  an 
angle  of  attack  at  13.1  degrees  indicate  that  there  is  the  semblance  of  a leading  edge 
vortex  which,  after  its  formation  as  a coordinated  vortex  along  the  5%  chord  line,  trails 
outward  and  aft  and  leaves  the  trailing  edge  near  the  wing  tip.  (The  path  of  the  center- 
line  of  the  vortex  can  be  traced  by  the  peaks  in  the  pressure  distribution) . The  pressure 
distributions  also  indicate  that  a small  secondary  leading  edge  vortex  is  formed  at  the 
leading  edge  at  about  75%  span  location.  This  secondary  vortex,  which  is  probably  formed 
by  the  induced  effect  of  the  primary  leading  edge  vortex  as  it.  turns  in  the  chordwise 
direction,  is  quickly  separated  from  the  surface  of  the  wing  by  the  induced  upwash  of  the 
primary  vortex  flow.  Due  to  the  broadness  of  the  peaks  in  the  pressure  distribution  and 
the  rather  low  value  of  the  suction  pressure  of  the  main  leading  edge  vortex,  it  is  obvious 
that  the  leading  edge  vortex  at  this  angle  of  attack  is  rather  weak  and  diffuse.  This 
conclusion  is  supported  by  the  external  flow  visualization  pictures  that  were  taken  using 
helium  bubbles  as  only  a slight  large  diameter  swirling  flow,  that  might  be  associated 
with  a leading  edge  vortex,  was  indicated  in  the  pictures.  The  induced  effect  of  the 
leading  edge  vortex,  although  relatively  weak  at  this  angle  of  attack,  tended  to  reduce 
the  anyle  of  attack  over  the  inboard  sections  of  the  lifting  surface  which  inturn  reduced 
the  chordwise  gradient  of  potential  lift  in  this  region. 

The  pressure  distribution  for  the  configuration  with  the  straxe  added  while  showing 
some  overall  similarity  to  those  obtained  with  the  basic  lifting  surface,  are  significantly 
different  in  detail.  The  effect  of  the  strake  vortex,  while  small,  is  clearly  evident 
near  the  wing  root.  By  tracing  the  peak  pressures  associated  with  the  strake  vortex  it 
can  be  deduced  that  the  path  of  the  strake  vortex  over  the  surface  of  the  lifting  surface 
is  basically  in  the  chordwise  direction.  Since  the  magnitude  of  the  pressure  peak  associ- 
ated with  the  strake  vortex  decreases  as  it  traverses  the  chord  indicates  that  the  vortex 
is  moving  away  from  the  lifting  surface  as  it  moves  across  the  chord.  Both  of  these  con- 
clusions regarding  the  path  of  the  strake  vortex  are  shown  to  be  valid  by  the  photographs 
presented  in  Figure  6.  The  photographs  of  the  strake  vortex,  visualized  by  helium  filled 
bubbles,  show  that  the  strake  vortex  goes  directly  across  and  away  from  the  wing  surface 
as  it  moves  downstream.  The  induced  effect  of  the  strake  vortex  on  the  lifting  surface, 
while  relatively  weak,  is  such  as  to  create  a spanwise  loading  gradient  near  the  location 
at  which  the  leading  edge  vortex  has  its  initial  formation.  The  induced  effect  of  the 
strengthened  leading  edge  vortex  tends  to  reduce  the  potential  lift  over  the  inboard 
sections  of  the  lifting  surface  as  it  did  to  a lesser  degree  for  the  basic  wing  planform. 

In  addition,  the  upwash  induced  by  the  leading  edge  vortex  over  the  outboard  section  of 
the  wing  seems  to  have  separated  the  flow  as  the  surface  pressures  are  less  than  they  were 
for  the  basic  wing  in  this  region.  Due  to  the  induced  and  suction  effect  of  the  strake 
vortex  and  the  stabilized  flow  over  the  inboard  sections  of  the  lifting  surface,  the 
leading  edge  vortex  not  only  becomes  slightly  stronger  but  much  more  concentrated  and  thus 
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the  suction  peak  it  creates  over  the  outboard  sections  of  the  lifting  surface,  while 
narrower,  is  larger  in  magnitude.  It  can  also  be  seen  by  comparing  the  pressure  dis- 
tributions of  the  wing  with  and  without  the  strake,  that  once  the  leading  edge  vortex  of 
the  wing  strake  configuration  becomes  a "semi-free"  vortex  it  is  turned  in  the  free 
stream  direction  much  more  rapidly  than  it  was  for  the  basic  wing  configuration  thus 
creating  a rather  effective  aerodynamic  wing  fence  across  the  chord  at  approximately  the 
80%  span  location. 

The  surface  flow  for  this  configuration  as  depicted  by  tufts  is  shown  in  Figure  7. 

The  centerline  of  the  paths  of  both  the  strake  and  leading  edge  vortices  have  been 
indicated  on  those  photographs.  As  indicated  by  the  tufts  the  flow  inbetween  the  stream- 
wise  positions  of  the  two  vortices  is  in  the  spanwise  direction  indicating  that  potential 
flow  and  lift  are  being  developed  in  this  area.  While  there  is  some  effect  of  vortex 
induced  flow  inboard  of  the  strake  vortex  location,  the  flow  is  basically  potential  in 
nature  over  that  region  as  well.  Outboard  of  the  leading  edge  vortex  as  it  crosses  the 
chord,  however,  it  is  noted  that  the  flow  is  basically  in  the  spanwise  direction.  A 
closer  look  at  the  tufts  along  the  leading  edge  outboard  of  the  leading  edge  vortex 
indicated  that  this  area  is  stalled  and  the  flow  is  separated.  It  is  believed  that  the 
large  induced  effect  of  the  leading  edge  vortex,  which  creates  an  upwash  in  this  region, 
is  responsible  for  the  flow  separation.  Once  the  flow  over  the  surface  of  the  wing  has 
been  separated,  the  induced  velocity  of  the  leading  edge  vortex  creates  the  spanwise 
flow  in  the  low  velocity  region  of  the  separated  flow.  While  the  pressure  distributions 
presented  for  the  wing  with  both  the  strake  and  outboard  snag  added  is  considerably 
different  than  those  of  the  other  configurations,  the  same  total  lift  is  obtained.  The 
pressure  peaks  associated  with  the  strake,  leading  edge,  and  snag  vortex  are  clearly 
evident  in  the  distributions  that  are  presented  in  Figure  5.  As  can  be  seen,  the  charact- 
eristics of  the  strake  vortex  remains  about  the  same  as  they  were  for  the  previous  con- 
figuration and  the  leading  edge  vortex  has  been  weakend  and  moved  inboard  due  to  its  inter- 
action with  the  rather  strong  snag  vortex.  Since  the  strake  vortex  is  rather  far  removed 
from  either  the  leading  edge  or  snag  vortex,  there  is  little  evidence  of  interacting 
effects  of  the  strake  vortex  with  the  outboard  vortices.  In  fact  the  pressure  distribu- 
tions for  this  configuration,  except  for  the  independent  effects  of  the  strake  vortex  are 
almost  identical  to  those  of  the  basic  wing  with  just  the  snag  added.  On  the  basis  of 
the  pressure  distributions  obtained  for  the  various  configurations  at  a relatively  low 
angle  of  attack,  it  is  concluded  that  while  the  influence  of  the  rather  weak  vortex  flows 
did  not  alter  the  total  lift  that  was  generated,  they  did  alter  significantly  the  loadings 
distributions. 


At  angles  of  attack  much  greater  than  the  angle  at  which  the  basic  wing  stalls,  the 
influence  of  the  vortex  flows  on  the  total  lift  that  is  generated  is  much  more  significant 
as  is  shown  by  the  pressure  distributions  presented  in  Figure  8.  The  pressure  distribu- 
tions shown  for  the  basic  wing  indicate  that  except  for  a weak  pressure  peak  due  to  the 
leading  edge  vortex  near  the  wing  root,  the  entire  lifting  surface  is  completely  stalled 
as  indicated  by  pressure  coefficients  of  near  unity.  In  constrast,  the  pressure  distri- 
butions obtained  for  the  wing  with  the  strake  added  indicate  that  large  pressure  peaks 
are  obtained.  It  can  also  be  seen  that  not  only  has  the  peak  pressure  associated  with 
the  leading  edge  vortex  increased  but  the  position  of  the  vortex  has  moved  inward.  It  is 
believed  that  both  of  these  effects  are  due  to  the  interaction  of  the  two  vortices  and 
the  strengthening  of  the  leading  edge  vortex  by  the  loading  gradients  generated  by  the 
strake  vortex. 
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As  indicated  by  the  pressure  distribution,  the  strake  vortex  has  an  entirely  different 
path  over  the  surface  of  the  wing  at  27.7  degrees  than  it  did  at  13.1  degrees  angle  of 
attack.  This  difference  in  the  paths  of  the  strake  vortex  can  be  seen  by  comparing  the 
visualized  strake  vortices  in  Figure  9 with  those  in  Figure  6.  While  the  initial  rate  of 
movement  away  from  the  surface  of  the  strake  vortex  is  greater  at  27.7  degrees  than  it 
was  at  13.1  degrees,  the  strong  induced  effect  of  the  leading  vortex  moves  the  strake 
vortex  back  towards  the  surface  of  the  wing  as  well  as  outward  along  the  75%  chordline. 

As  shown  in  Figure  10,  the  leading  edge  vortex  moves  out  along  the  leading  edge  as  well 
as  away  from  the  lifting  surface  due  to  the  induced  effect  of  the  strake  vortex  until  it 
bursts.  After  bursting  the  leading  edge  vortex  becomes  turbulent  and  turns  in  the  stream- 
wise  direction.  Although  not  shown  in  these  pictures  the  strake  and  burst  leading  edge 
vortex  could  be  seen  to  mix  near  the  trailing  edge  of  the  lifting  surface  near  the  70% 
span  location  as  they  both  m.tved  in  the  downstream  direction. 


The  tuft  picture  visualizing  the  surface  flow  for  this  configuration  at  an  angle  of 
attack  at  27.7  degrees  is  shown  in  Figure  11.  The  small  areas  of  potential  flow  generated 

by  the  induced  effect  of  the  leading  edge  and  strake  vortices  can  be  seen  in  the  picture. 

It  can  also  be  seen  that  the  strong  induced  effect  of  the  leading  edge  vortex  as  it  moves 

over  the  chord  of  the  wing  has  completely  stalled  the  tip  region  and  generates  a strong 

gpanwise  flow  in  the  separated  flow  region  over  the  mid  span  portion  of  the  lifting  surface 
between  the  two  vortices. 

The  pressure  distributions  presented  for  the  wing  with  the  strake  and  snag  added 
indicate  that  at  this  high  angle  of  attack  the  primary  effects  of  the  snag  vortex  have 
disappeared  but  the  effects  of  the  strake  and  leading  edge  vortices  have  remained  about 
the  same  as  they  were  for  the  wing-strake  configuration. 


It  is  believed  that  the  pressure  distribution  presented  for  the  various  configuration 
at  27.7  degrees  clearly  indicates  the  strong  influence  of  the  vortex  flows  on  the  lift  that 
is  generated  by  the  wing.  As  will  be  verified  later  in  this  paper,  the  majority  of 
additional  lift  obtained  from  the  vortices  is  due  to  the  low  pressures  within  the  core  of 
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the  vortices  and  not  due  to  their  induced  effects  on  the  lifting  surface.  This  conclusion 
was  drawn  as  at  all  locations  outside  of  the  regions  of  the  influence  of  the  vortex  flow 
the  wing  is  completely  stalled. 

During  the  tests  the  conventional  leading  edge  snag  having  an  airfoil  section  was 
replaced  with  a sharp  edge  plate  to  determine  its  effect  on  the  loading  distributories 
over  the  tip  region.  Flow  pictures  taken  in  the  tip  region  for  this  configuration  are 
shown  in  Figure  12.  As  can  be  seen  from  these  flow  pictures*  a concentrated  leading 
edge  vortex  is  formed  at  a relatively  low  angle  of  attack  over  tne  flat  plate  snag  ana 
that  the  flow  on  the  wing  surface  behind  the  snag  vortex  is  unseparated.  As  the  angle  of 
attack  was  increased  the  leading  edge  and  turbulent  vortex  at  the  leading  edge  discontinu- 
ity get  stronger  but  an  angle  of  attack  of  27.7  degrees  the  vortices  no  longer  exist 
because  of  complete  flow  separation  caused  by  the  sharp  leading  edge  on  the  snag.  On  the 
basis  of  what  was  observed  for  this  configuration  it  was  deduced  that  a sharp  edge 
separator  plate  along  the  leading  edge  of  the  wing  might  generate  a leading  edge  vortex 
at  angles  of  attack  lower  than  those  at  which  the  leading  edge  of  the  contoured  airfoil 
separated.  If  this  could  be  accomplished,  it  was  reasoned  that  the  lift  at  low  angles  of 
attack  should  be  increased  due  to  the  vortex  that  would  be  generated  by  the  separator 
plate.  To  test  this  hypothesis  a 5%  chord  sharp  leading  edge  separator  plate  was  attached 
to  the  wing-strake  configuration  and  the  performance  characteristics  of  this  configuration 
was  determined  over  a range  of  angle  of  attack.  The  lift  coefficient  as  a function  of 
angle  of  attack  for  this  configuration,  is  compared  to  that  obtained  for  wing  with  just 
the  strake  in  Figure  13.  It  can  be  seen  from  the  data  presented  in  this  figure,  that  in 
the  angle  of  attack  range  of  5 to  24  degrees  an  increase  in  the  lift  coefficient  was 
obtained  with  the  maximum  increase  being  obtained  at  approximately  16  degrees.  While 
there  was  an  associated  increase  in  drag,  it  is  believed  that  the  increased  lift  can  be 
obtained  without  the  attendant  drag  increase  by  using  a small  boundary  layer  trip  instead 
of  the  separator  plate  to  initiate  the  formation  of  the  leading  edge  vortex. 

4.0  BRIEF  OUTLINE  OF  THE  THEORETICAL  PREDICTION  TECHNIQUE 

The  low  aspect  ratio  swept  wing-vortex  system  that  is  modeled  allows  for  six  vortices 
over  the  surface  of  the  wing  and  because  of  the  range  of  angles  of  attack  of  interest, 
the  analysis  considers  mixed  potential  and  separated-f lows  over  the  surface.  The  phenom- 
enon of  "vortex  bursting"  is  included  in  the  analysis  as  is  the  prediction  of  the 
important  effects  of  the  suction  pressures  generated  by  the  vortices  over  the  wing  surface. 
The  strengths  of  the  various  vortices  that  are  formed  by  the  lifting  surface  as  well  as 
their  force  free  positions  witn  respect  to  the  wing  are  obtained  by  an  iterative  procedure. 
In  general,  the  calculation  of  wing  loads  in  the  presence  of  vortices  generated  by  the 
lifting  surface  (e.g.  strake  vortex-leading  edge  vortex,  cip  vortex,  etc.)  involves  the 
computations  of  the  following  lift  components: 

1.  Potential  flow  lift  including  the  induced  effects  of  the  vortices 

2.  Lift  due  to  separated  flow 
and  3.  Vertex  suction  lift. 

The  definition  of  each  of  these  lift  components  and  the  general  procedures  followed 
for  their  determination  are  briefly  described  below: 

1.  Potential  flow  lift  is  the  lift  generated  by  the  wing  where  the  flow  remains 
attached  even  at  relatively  high  angles  of  attack  due  to  the  induced  effect  of  the 
vortices.  A modified  potential  flow  theory  (Surface  Lattice-Doublet  Method)  is  utilized 
for  the  computation  of  this  component  of  the  lift.  Since  the  areas  of  potential  flow 
vary  from  one  iteration  to  another,  the  computation  of  the  potential  lift  must  be  part  of 
the  iterative  procedure. 

2.  Lift  due  to  separated  flow  is  the  component  of  the  lift  where  the  flow  is  fully 
separated  from  the  upper  surface  of  the  wing.  The  program  computes  the  regions  of  the 
separated  flow  on  the  wing  surface  by  calculating  the  total  aerodynamic  angle  of  attack 
at  each  control  point  and  testing  to  determine  if  the  local  stall  angle  has  been  exceeded., 
This  is  accomplished  through  the  following  relationship: 

U sina  = U sina  - E E .p  rp 
3 pk  mnk1 k 

Where  U,  is  free-stream  velocity 

ag,  is  local  aerodynamic  angle 

a,  is  geometric  angle 

B mnk,  is  the  influence  coefficient  of  the  kth  element  of  pth  vortex  at  the  control 
point  mn 

r£,  is  the  strength  kth  element  of  the  pth  vortex. 

If  aa  exceeds  the  sepcified  stall  angle  at  any  control  point,  the  box  corresponding  to 
that  control  point  is  considered  separated  end  "ij  corresponding  to  that  control  box  is 
taken  to  be  zero.  The  pressure  coefficient  at  the  separated  points  are  then  determined 
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by  utilizing  empirically  obtained  cross-flow  force  coefficients  for  a three-dimensional 
lifting  surface. 

It  should  be  noted  that,  at  the  start  of  the  computation,  the  strength  of  the  vortices 
are  unknown  quantities  and  therefore  an  iterative  procedure  must  be  followed  for 
the  determination  of  the  separated  flow  boundaries  utilizing  the  above  relation. 

3.  Suction  lift  is  the  component  of  the  lift  generated  by  the  vortices  when  they  are 
in  the  proximity  of  the  wing  surface.  The  suction  effect  is  created  by  two  different 
flows  within  the  vortex  core.  The  first  is  the  suction  created  by  the  axial  flow  and  the 
second  is  that  suction  required  to  balance  the  centrifugal  forces  developed  by  the  swirling 
flow. 

The  amount  of  suction  lift  achieved  is  very  dependent  on  the  axial  flow  in  the  core 
of  the  vortex  as  well  as  the  strength  of  the  vortex.  Since  the  magnitude  of  the  axial 
flow  in  the  vortex  core  is  very  sensitive  to  the  distance  of  the  vortices  from  the  wing 
surface,  it  is  necessary  to  include  the  thickness  and  curvature  of  the  airfoil  for  the 
adequate  determination  of  the  suction  lift.  In  the  present  formulation  the  calculation 
of  the  suction  lift  is  the  only  lift  component  in  which  the  finite  thickness  effects  of 
the  lifting  surface  have  been  included. 

As  noted  previously,  for  the  correct  prediction  of  the  wing  loading  distribution  in  the 
presence  of  vortex  flows,  it  is  essential  that  the  force  free  positions  of  the  vortices 
with  respect  to  the  lifting  surface  be  determined.  In  the  present  analysis  control 
points,  in  addition  to  those  on  the  lifting  surface,  are  located  along  the  length  of  the 
vortex.  At  each  of  these  control  points  all  the  following  components  of  velocities  are 
predicted : 

a.  the  velocities  induced  by  the  wing  loads 

b.  the  self-induced  velocities  due  to  vortex  curvature 

c.  the  axial  velocity  in  the  core  of  the  vortex,  and 

d.  the  free-stream  velocity  component 

Since  a force-free  vortex  can  only  remain  in  a stationary  position  when  the  total 
flow  is  along  its  axis,  this  criterion  is  utilized  to  determine  when  the  vortex  has  reached 
a stationary  position  during  the  iteration  procedure.  As  might  be  expected,  it  was  found 
that  the  axial  velocity  in  the  core  of  the  vortex  was  of  primary  importance  for  the 
determination  of  the  force-free  positions  of  the  vortices,  and  therefore  it  must  be 
computed  accurately.  Because  of  this  requirement  it  i.  believed  important,  because  of 
its  effect  on  the  axial  velocity,  that  the  radial  coo.  onent  of  velocity  in  the  vortex  core 
be  included  in  the  improved  version  of  the  analysis. 

As  previously  noted,  the  effects  of  bursting  of  the  vortex  is  included  in  the  analysis 
since  it  greatly  affects  the  vortex  suction  characteristics.  A simple  criterion  is  used 
ir  the  present  analysis  to  account  for  this  effect,  that  is,  it  is  assumed  that  the  vortex 
bursts  when  the  core  velocity  is  in  a stagnation  condition  with  the  free  stream.  While 
this  simple  criterion  seems  to  agree  reasonably  well  with  experimental  observations  of 
vortex  bursting  and  also  with  the  bursting  of  the  leading  edge  and  tip  vortex,  it  is 
believed  that  a more  refined  representation  of  vortex  bursting  based  on  core  stagnation 
or  finite  transition  will  yield  more  realistic  vortex  bursting  criteria. 

5.0  CORRELATION  OF  PREDICTED  AND  MEASURED  RESULTS 

The  analysis  in  its  present  form  was  utilized  to  predict  the  performance  character- 
istics of  the  wing  strake  configuration  at  three  angles  of  attack:  13.1,  19.4,  27.7 
degrees.  A comparison  of  the  predicted  and  measured  Cl's  at  these  three  angles  of  attack 
are  presented  in  Figure  14.  The  various  components  of  the  lift  at  each  angle  of  attack 
are  indicated  in  the  Figure.  At  13.1  degrees  it  can  be  seen  that,  as  might  be  expected, 
the  lift  is  wholly  potential  in  nature  and  is  predicted  very  well  by  the  lattice-doublet 
potential  flow  analysis.  At  an  angle  of  attack  of  27.7  degrees  the  total  predicted  lift 
agrees  very  well  with  the  measured  results,  and  of  the  total  lift,  approximately  2/3  is 
due  to  cross  flow  and  the  other  third  is  dup  to  vortex  suction.  While  the  cross  flow  and 
potential  lift  have  been  lumped  together,  over  90%  of  this  lift  was  that  due  to  separated 
cross-flow.  At  an  angle  of  attack  of  19.4  degrees,  it  can  be  seen  that  the  various  com- 
ponents of  lift  are  about  equal  in  magnitude  and  that  the  total  predicted  lift  is  approxi- 
mately 8%  less  than  the  measured  lift.  It  is  in  this  angle  of  attack  range  in  which  there 
is  a strong  interaction  of  the  mixed  flows  that  the  analysis  procedure  is  somewhat  lacking 
at  the  present  time. 

A more  demanding  comparison  is  between  the  predicted  and  measured  pressure  distribu- 
tions over  the  surface  of  the  wing.  Comparison  of  the  pressure  distrioutions  along  5 
different  consistant  chordlines  at  an  angle  of  attack  of  19.4  degrees  are  presented  in 
Figure  15.  As  can  be  seen  the  correlation  between  the  predicted  and  measured  results  is 
rather  good  although  the  areas  of  potential  lift  and  the  transition  to  separated  flow  are 
not  being  predicted  as  accurately  as  desired.  It  is  believed  that  the  reason  for  this 
underestimation  of  the  potential  lift  is  ' aat  the  number  of  control  points  within  the 
area  of  influence  of  the  vortex  was  not  sufficient  and  therefore  the  separated  flow 
criterion  was  applied  over  too  large  an  area  in  the  areas  of  the  vortex  flows. 

Figure  16  shows  the  areas  over  which  the  wing  flow  is  predicted  to  be  separated  as 
well  as  the  predicted  paths  of  the  vortices.  It  is  noted  that  both  of  these  predicted 
characteristics  are  close  to  those  that  were  measured. 
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It  is  believed  that  the  correlation  that  was  obtained  between  the  predicted  and 
measured  performance  characteristics  and  pressure  distributions  indicates  that  with  the 
noted  improvements  in  the  theoretical  representation/  a relatively  accurate,  practical, 
and  useful  prediction  technique  will  be  available  for  use  for  optimizing  the  beneficial 
effects  of  attached  vortex  flows  by  wing  planforro  tailoring, 

5.0  CONCLUDING  REMARKS 

It  is  believed,  on  the  basis  of  the  results  of  the  experimental  investigations,  that 
the  potential  of  attached  vortex  flows  in  creating  beneficial  aerodynamic  performance 
benefits  has  been  conclusively  demonstrated  for  low  aspect  ratio  swept  wings  operating  in 
the  moderate  to  high  angle-of-attack  range.  It  remains  to  be  evaluated,  however,  what 
effects  these  vortex  flows,  generated  by  the  primary  lifting  surface,  might  have  on  the 
stability  and  control  characteristics  of  the  entire  aircraft  because  of  their  induced 
effects  on  the  tr.il  surfaces.  In  addition,  the  effects  of  compressibility  on  the  attached 
vortex  flow  remains  to  be  evaluated  before  they  can  be  utilized  with  confidence  to  improve 
the  transonic  maneuvering  capabilities  of  high  performance  aircraft. 

While  the  experimental  investigations  have  demonstrated  the  potential  of  attached 
vortex  flows,  they  did  not  determine  the  manner  by  which  the  wing-vortex  flow  character 
istics  can  be  optimized.  It  is  suggested  that  seeking  this  optimum  by  wing  planform 
tailoring  can  be  more  effectively  accomplished  by  the  use  of  a reliable  prediction  tech- 
nique rather  than  by  means  of  an  experimental  approach.  It  is  believed  that  the  prediction 
technique  that  has  been  discussed  herein,  once  the  noted  improvements  have  been  made,  can 
be  effectively  utilized  to  seek  the  desired  optimum  for  a given  aircraft  configuration. 
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Figure  1.  Wind  Tunnel  Model. 
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Figure  4.  Pitching  Moment  Coefficient  vs.  Angle  of  Attack. 


Figure  2.  Lift  Coefficient  vs.  Angle  of  Attack. 
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Figure  6.  Strake  Vortex,  a * 13.1  Degrees. 
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Figure  8.  Upper  Surface  Pressure  Distributions,  a » 27.7  Degrees. 
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SUMMARY 

A computational  model  has  been  developed  for  analyzing  the  flow  mechanism  of  vortex/wing/jet  interac- 
tions. The  model  is  applicable  to  a wide  class  of  viscous  flows  but  is  particularly  suitable  for  calculat- 
ing vortex-type  flows  near  no-slip  or  solid  boundaries.  Examples  are  leading  edge  vortices  formed  on  highly 
swept  delta  wings  or  on  moderately  swept  wings  with  acti.e  control  by  jets  or  passive  control  by  "strakes." 
The  model  is  based  on  reducing  the  full  Navier-Stokes  equations  to  parabolic  form  with  respect  to  one  of 
the  three  space  coordinates.  Computing  time  Is  in  minutes  rather  than  hours  bringing  the  solution  of  the 
iijvier-Stokes  equations  into  the  engineering  realm.  Examples  of  computations  for  various  vortex/wing/jet 
interactions  are  presented  in  the  report.  Experimental  pressure,  laser  velocimeter,  and  flow  visualization 
date.  are  presented  for  an  unswept  wing  with  leading  edge  vortex  control  by  spanwise  blowing.  These  data  are 
use!  to  analyze  the  formation  and  strength  of  the  leading  edge  vortex  and  as  examples  of  typical  input/out- 
put data  for  the  computational  model. 


LIST  OF  SYMBOLS 


U,  V,  w 

x,  y,  z 
C.  n,  c 


AR 

C 

*o 

S 

s 

t,  T 

Vj  - 

Vp  & V 


Mean  velocities  in  x,  y,  and  z 
directions,  respectively 

Spanwise,  normal  to  chord  and  chord- 
wise  coordinates,  respectively 

Vorticity  In  x,  y,  and  z directions, 
respectively 

Aspect  ratio 
Wing  chord 

Free  stream  dynamic  pressure 

Region  of  integration  containing 
vorticity 

Wing  area  or  Strouhal  number 
Length  of  vortex  feeding  sheet 
. Time 

Fully  expanded  Isentropic  jet 
" velocity 

Free  stream  velocity 

Total  velocity  vector  (x,  y,  z) 


V q Velocity  of  vortex  normal  to  line  through 

vortex  center 

w/g  Jet  mass  flow 

z Variable  of  integration  on  Y>*0  in 

Green's  function  Integral 

C]v  Lift  coefficient,  vortex  lift 

C(j  Wing  normal  force  coefficient 

Cn  Local  normal  force  coefficient 

Cp  Pressure  coefficient 

Cy  Momentum  coefficient  - wVj/gqs 

« Angie  of  attack  of  wing 

r Circulation 

6 Boundary  layer  thickness 

\ Taper  ratio 

v Kinematic  viscosity 

p Density  of  flow  in  wind  tunnel 

5 Vorticl ty  vector 


1-0  INTRODUCTION 

The  favorable  lifting  effects  of  leading  edge  vortices  on  delta  wings  have  been  under  investigation  for 
many  years.  More  recently,  Oth^r  types  of  favorably  interfering  vortices  have  been  noted.  These  consist  of 
streanwisc  vortices  forced  from  leading  edge  "strakes,"  outboard  leading  edge  extensions  ("snags")  as  on  the 
F-A  (aircraft)  and  trai I ing  vortices.  from  canard  configurations.  Now  that  interfering  vortices  are  recog- 
nized as  aids,  as  well  as  detriments,  jp  lift-arid  stability  augmentation,  considerable  emphasis  Is  being 
placed  on  gaining  knowledge  concerning  their  formal  ion  and  stability. 

Thera  have  been  magy  attempts  to  model  the  flow  for  delta  wings  with  leading  edge  vortices.  Hatoi  (Ref. 

...  I)  has  provided  a good  survey  of  many  of.  these  attempts.  The  efforts  of  most  have  been  limited  to  potential 
flow  models*  assuming  rotational  elements  for  viscous  effects  such  as  the  leasing  edge  feeding  sheet,  fhes 
basic  assumptions  of  slender  body,  conical  flow  have  tseen  followed  by  most  Investigators  such  as  Mangier  and 
Smith  (Ref,?) . Results  of  these  early  investigators  have  laid  a good  foundation  for  further  research,  but 
they. are  not  yuefessfu!  In  obtaining  forces  and  moments  over  a general  range  of  configurations,  Polhamus 
(Ref.  3),  with. the. leading  edge  suction  analogy,  has  good  success  in  predicting  vortex  lift  and,  in  later 
efforts,  -the.pomants,  HI s method  does  not  describe  the  pressures  or  flow  mechanism.  Good  results  were  ob- 
tained most-racently  by  Weber  at  a!  (Ref . 4)  and  Rso  and  Jones  (Ref.  5),  where  the  trailing  edge  conditions 
of  delta  wings  art  included  In  the  boundary  conditions.  The  latter  are  still  not  considered  satisfactory 
foran.arbi  trary.  range  of -Configurations,  and  flow  conditions.  Both  note  the  need  for  including  the  secondary 
•yorlcx  formatlcjn  in  the] r methods,  - 

The  Second  ry-vortex , ^along.wi th  leading  ?dge  separation,  and  the  vortex  core  are  all  highly  viscous 
flow  areas.  Aiso^t^vOfitex  axial  ye  loci  ty  and  Its  gradient  are  considered  very  important  in  determining 
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the  stability  of  the  vortex.  There  are  no  satisfactory  analytical  treatments  of  these  areas.  Neither  are 
there  any  experimental  results  that  provide  the  assurance  of  not  having  experimental  probe  interference. 
Knowledge  of  these  viscous  flow  areas  is  essential  to  defining  any  model  of  the  flow,  since  the  character- 
istics of  these  viscous  flow  areas  will  affect  portions  of  the  flow  field  such  as  the  feeding-sheet  shape, 
the  location  and  size  of  the  primary  vortex  core,  and  the  vortex  "decay"  or  "burst"  (vortex  instability); 
all  affect  tne  overall  force  and  moments. 

The  Lockheed-Georgia  Company  is  currently  developing  under  contract  with  the  Office  of  Naval  Research, 
a viscous  model  for  leading  edge  and  other  interfering  vortex  concepts.  Current  development  of  this  viscous 
model  is  presented  in  thi'  paper.  The  viscous  model  will  provide  knowledge  of  the  vortex  feeding  sheet, 
such  as  position  and  strength,  while  vertex  position  and  core  size  can  be  determined  as  a function  of  input 
conditions.  Contrary  to  the  potential  flow  solutions,  the  viscous  model  has  a no-slip  condition  at  the 
wing  surface.  This  should  have  significant  effect  on  vortex  shape  and  position.  The  viscous  model  can  in- 
clude effects  of  a sp^nwise  blowing  jet  (discussed  in  this  paper)  or  other  axial  velocity  along  the  axis  of 
the  vortex  core.  It  can  be  used  to  investigate  the  flow  for  "over-wing"  blowing  jets  also. 

A vortex  lattice  lifting  surface  theory  may  be  used  to  determihe  input  for  the  viscous  vortex  model  by 
iteration  procedure.  In  fact,  the  desired  end  result  of  this  vortex  analysis  program  is  a combination  of 
the  vortex  lattice  model  (potential  flow  model)  with  the  viscous  numerical  model.  This  should  be  an  itera- 
tive procedure  in  which  the  vortex  lattice  model  contains  free  line  vortices  connected  by  feeding  sheets  to 
the  bound  vortex  lattice  with  sources  and  sinks  representing  the  span  blowing  jet,  if  there  is  one.  Loca- 
tion and  strength  of  the  free  vortices  and  sources  and  sinks  are  determined  by  iteration.  Universal  pa- 
rameters may  be  determined  from  a parametric  study  of  the  input  characteristics  to  the  viscous  vortex  model. 
The  parameters  such  as  vortex  locations  and  strength  may  be  used  directly  in  the  potential  flow-vortex 
lattice  model.  Input  for  the  viscous  model  may  also  be  obtained  by  laser  velocimetry,  which  is  discussed 
subsequently. 


2.0  THEORY 


The  theory  is  based  on  the  assumption  that  for  a certain  class  of  flows  the  rate  of  change  of  viscous 
stresses  ir.  one  direction  is  small  compared  with  those  in  the  two  orthogonal  directions.  Limited  develop- 
ment of  this  concept  was  accomplished  in  earlier  work  (Ref.  6),  wherein  momentum  transport  normal  to  the 
surface  was  neglected.  The  present  approach,  which  remedies  this  weakness,  is  to  proceed  from  the  vortic- 
i ty  transport  equations  for  incompressible,  three-dimensional , steady  flow.  These  equations  are  obtained 
from  the  Navier-Stokes  equations  and  the  continuity  equation  by  noting  that 

5 “ curl  V (1) 

and  performing  differentations  appropriate  to  steady  flow  to  produce 

\ • grad  5 « S • grad  v + vV2C  . (2) 

The  velocity  is  determined  from 

V2V  „ - cur]  (3) 

Equation  (3)  is  derived  from  a vector  operation_on  Eq.  (1),  utilizing  the  continuity  condition  for  in- 
compressible flow:  div  v“0.  The  vorticity  S,  and  V,  compose  six  unknowns  governed  by  the  six  scalar 

equations  represented  by  Eqs.  (2)  and  (3).  Putting  the  equations  in  rectangular  cartesian  coordinates,  a 
direction,  say  the  x-dlrection,  may  be  taken  as  the  one  having  minimum  rate  of  change  of  viscous  stresses. 
Then,  the  last  term  in  Eq.  (2)  may  be  approximated  as  v(5yy+Szz).  Equation  (2),  written  in  scalar  form, 
now  appears  as 
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where  (5,n,c)  are  the  components  of  5 and  (u,v,w)  are  the  components  of  V.  Equations  (A)  through  (6)  may 
be  conveniently  represented  in  matrix  form. 


Fx  - AF  - BFZ  + CFy  + DFZZ  + DFyy  , (7) 

where  F»(5,q,c)^  and  the  three-by- three  matrices  A through  C contain  the  velocity  coefficients.  D Is  the 
1 dent  1 ty  matrix  times  v.  The  partial  differential  system  represented  by  Eq.  (7)  is  parabolic  in  the  x- 
dlrection  and  el.liptic  in  the  local  y-z  plane.  This  permits  the  use  of  forward-marching  techniques  to 
perform  the  numerical  integration,  wherein  the  solution  Is  stepped  progressively  in  x using  information 
from  the  previous  x-step  and  the  prescribed  boundary  values. 

Figure  1 depicts  the  arrangement  of  the  coordinate  system  and  the  domain  of  Integration.  The  solution 
is  started  in  some  Initial  plane,  x^O.  for  every  point  (y,z)  of  the  initial  domain  or  "cross-flow"  plane, 
a value  is  prescribed  for  the  vorticity  components  and  for  the  velocity  components.  The  velocity  compo- 
nents are,  of  course,  derivable  to  within  a constant  from  the  vorticity  and  must  be  thus  compatible.  In 
order  to  integrate  Eq.  (7)  for  vorticity,  it  is  necessary  to  simultaneously  solve  for  the  velocities.  The 
procedure  for  obtaining  velocities  will  be  discussed  subsequently.  The  finite  differencing  procedure 
finally  adopted-  for  Eq.  (7)  uses  the  following: 
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For  the  f i rst-y-derivati ves, 
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For  second  y-derivatives, 
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and  similarly  for  second  z-deri vatives.  All  first  differences  are  first  order  accurate  and  the  second  dif- 
ferences are  second  order  accurate.  The  "locally  upwind"  first  differences  in  equations  (9)  and  (10)  were 
chosen  because  the  resulting  finite  difference  equations  are  unconditionally  stable.  Centered  first  dif- 
ferences may  be  used  to  improve  accuracy,  but  a stability  limit  exists  in  that  case  in  the  form  of  a cell 
Reynolds  number. 


Substituting  Eqs.  (8)  through  (11)  into  Eq.  (7)  leads  to  a set  of  simultaneous  algebraic  equations  in- 
volving the  unknown  vorticity  vectors  at  the  five  forward  node  points  shown  in  Figure  1.  The  procedure 
used  for  solving  these  equations  is  an  Alternating  Direction  Implicit  (ADI)  sweeping  technique.  The  method 
proceeds  as  shown  in  Figure  2.  Points  along  a line  z»constant  are  solved  simultaneously  where,  if  M 
denotes  the  number  of  mesh  points  in  the  y-dlrectlon,  the  equations  take  the  form 
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The  a's  are  3x3  matrices,  the  F's  are  3x1  matrices,  and  the  G's  are  3x1  ano  are  known  on  any  solution. 
The  subscript  i has  the  value  of  M - 2 when  solving  implicitly  with  respect  to  y.  When  the.  solution  is  im- 
plicit with  respect  to  z,  i.e.  along  y»constant  as  shown  in  Figure  2,  then  i has  the  value  N-2,  where  N 
is  the  r.jmber  of  mesh  points  in  the  z-dlrectlon.  As  shown  in  Figure  2,  a solution  is  obtained  sequentially 
at  each  z-statlon  and  then  at  each  y-statlon.  The  process  of  sweeping  once  with  respect  to  z and  once  with 
respect  to  y constitutes  one  iteration  on  the  solution  in  the  local  cross-flow  plane.  The  values  of  vor- 
ticity either  to  the  left  and  right  or  above  and  below  a local  solution  line,  evident  from  the  molecule  in 
Figure  1,  are  obtained  from  the  previous  Iteration.  Each  implicit  solution  follows  from  Eq.  (12)  in  the 
form, 

F “ a_1G,  (13) 

where  a-1  is  the  inverse  of  either  an  (N-l)  or  an  iH  - 2)  x (M  - 2)  matrix.  The  a-matrix  is  solved  by  an 
efficient  successive  elimination  algorithm. 


In  order  to  close  the  Iterative  loop  at  a new  x-station,  it  is  necessary  to  have  starting  values  of 
vorticity  and  velocity.  The  values  are  input  as  initial  conditions  at  the  starting  plane;  at  successive 
planes  they  are  either  arbitrarily  guessed  or  taken  as  the  values  from  the  previously  converged  plane. 
Having  obtained  new  vortices  on  an  iteration,  it  is  necessary  to  obtain  updated  velocities  on  the  whole 
plane  and  establish  appropriate  values  of  boundary  vorticity.  Vorticity  is  prescribed  on  all  sides  of  the 
integration  domain  except  the  solid  boundary.  On  that  boundary  the  vorticity  cannot  be  specified  directly 
but  must  be  that  value  which  is  consistent  with  zero  velocity  at  the  wall. 

Since  the  flows  of  primary  concern  in  the  research  are  those  over  bounded  flat  surfaces,  it  was  found 
convenient  to  formulate  a Green's  function  integral  solution  for  velocity  in  terms  of  vorticity,  The  ad- 
vantage in  this  approach  Is  that  velocity  boundary  values  do  not  have  to  be  prescribed  on  the  free  bound- 
aries of  the  computing  mesh,  since  the  integral  solution  is  asymptotic  to  a constant  at  infinity.  The 
solution  appropriate  to  a bounded  no-slip  surface  with  V asymptotic  to  VM  for  (y2+z2)*/2  -*■«•  Is  a Green's 
function  solution.  The  sketch  below  depicts  the  boundary  value  problem.  It  is  required  to  solve  Eq.  (3) 
subject  to  the  conditions  in  the  sketch,  regarding  5 as  a known  point  function.  The  integral  solution 
satisfying  no-slip  on  the  surface  Is 
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where  rQ  = (y0,  z0)  and  r*  = (-y0,  z0) . 

Thus  on  each  Iteration,  Eq.  (14)  may  be 
used  In  a straightforward  manner  to  determine 
a velocity  field.  It  was  found,  however,  that 
exclusive  use  of  the  integral  form  for  all 
mesh  points  led  to  excessive  computing  time, 
so  the  method  is  only  used  on  the  boundaries. 

Having  thus  established  boundary  values  for 
the  velocity,  the  ADI  procedure  is  then  used 
In  the  interior  of  the  domain.  With  a 
velocity  field  known  after  each  iteration,  a new  value  of  wall  vorticity  is  found  by  using  a first  order 
accurate,  one-sided  difference  on  the  velocities.  The  integral  method  is  ideal  for  converging  the  critical 
wall  vorticity  since  the  velocity  is  forceJ  on  each  iteration  to  satisfy  no-slip.  Other  methods  require 
simultaneously  converging  wall  vorticity  to  its  correct  value  and  velocity  to  zero. 


Numerous  tests  have  been  run  on  the  convergence  behavior  for  flows  of  varying  degress  of  complexity. 

In  general,  for  planes  after  the  initial  one,  the  number  of  iterations  required  is  6 or  less.  For  the 
initial  plane,  up  to  12  iterations  were  found  to  be  necessary.  This  apparently  is  due  to  the  assumed 
initial  values  not  being  compatible  wi th  the  three-dimensional  requliements  of  the  flow.  Generally,  it  has 
been  found  that  a finer  mesh  requi-es  more  iterations  for  convergence  on  the  first  step  but  not  on  later 
steps.  It  is  also  noted  that  an  apparent  difference  exists  for  the  value  of  vorticity  obtained  with  dif- 
ferent mesh  sizes.  A finer  mesh  reduces  the  error  due  to  artificial  viscosity.  The  error  as  a function  of 
mesh  size  has  yet  to  be  fully  explored.  Most  of  the  calculations  reported  here  were  performed  with  an 
11  x21  mesh,  for  which  it  is  believed  that  inaccuracy  has  not  destroyed  the  general  validity  of  the  results. 

Except  for  the  effect  of  artificial  viscosity,  the  method  is  relatively  insensitive  to  step  length  in 
the  x-direction,  since  both  the  theory  and  the  numerical  integration  method  are  first-order  accurate  in  x. 
Consequently,  most  of  the  results  presented  were  computed  for  a Ax  of  1.  unit,  while  Ay  and  Az  were  .1 
units.  The  method  has  been  used  extensively  on  a CDC  6600  machine.  For  this  machine,  using  a cross-flow 
mesh  of  11  x21,  approximately  20  cpu  seconds  are  required  per  x-step  after  the  first  step.  The  first  step 
generally  will  require  more  time  because  more  iterations  are  required  to  converge.  For  a cross-flow  domain 
of  size  1.  unit  by  2.  units  (11x21  and  Ay-Az“.1  units),  stepping  5.  units  in  Ax  requires  approximately 
100  cpu  seconds  when  the  number  of  iterations  on  the  first  step  is  12  and  on  successive  steps  6.  The  com- 
puting time  per  second  increases  approximately  linearly  with  the  number  of  mesh  points  in  the  cross-flow 
plane. 


The  velocities  off  the  edge  of  the  plate  can  either  be  arbitrarily  prescribed  or  be  obtained  by  some 
coupling  scheme  whereby  the  flow  in  the  region  exterior  to  the  vorticity  box  is  calculated  by  some  other 
method. 


Theoretical  Results  for  Typical  No-slip  Flows: 

The  computational  method  has  been  used  to  calculate  a number  of  complex  vortical  flows  during  the  de- 
velopmental stage,  rig  .re  3 shows  the  interaction  of  a pair  of  streaming,  counter-rotating  vortices  with  a 
parallel  wall.  This  figure,  depicting  the  velocity  vectors  in  the  cross-flow  plane,  demonstrates  clearly 
thar  mich  more  than  potential  flow  is  involved  when  the  vortices  and  the  wall  interact.  High-energy  fluid 
is  entrained  from  the  irrotational  outer  flow  and  then  is  ejected  upward  bet.veen  the  vortices,  having 
suffered  an  energy  loss  due  to  interaction  with  the  outer  wall.  The  effect  of  this  energy  loss  is  reflected 
as  well  in  the  streamwise  component  of  velocity.  Figure  4 shows  the  wake  development  in  the  streamwise  ve- 
locity. The  low-energy  flew  between  the  vortices  is  reflected  in  a progressively  retarded  U-profile, 
similar  in  appearance  to  a boundary-layer  profile  approaching  separation. 

3.0  EXPERIMENT 

The  primary  objectives  of  the  experimental  efforts  have  been  to  obtain  additional  knowledge  of  leading 
edge  vortex  formation  and  realistic  Input  values  for  the  viscous  numerical  model.  Quantitative  and  quali- 
tative information  is  obtained  to  compare  with  the  theoretical  output. 

The  model  used  for  the  investigation  Is  a semi-span,  aspect  ratio  3>  rectangular  wing  of  zero  sweep. 

The  airfoil  section  is  an  advanced  transonic  airfoil,  12%  thick.  The  airfoil  was  chosen  because  of  its 

characteristic  leading  edge  separation  and  its  relatively  flat  upper  surface  which  corresponds  with  the 
fiat  surface  used  in  the  theory.  A spanwise  blowing  nozzle  is  installed  at  the  wing  root  for  active  con- 
trol of  this  leading  edge  vortex  formed  ct  high  angle  of  attack.  Fifteen  surface  static  pressure  taps  are 

installed  In  the  model  at  each  of  four  spanwise  stations. 

Tests  conducted  with  this  model  include  measurements  of  surface  pressures,  flow  visualization  with  a 
sage  action  helium  bubble  generator,  and  flow  field  velocities  measured  with  the  Lockhced-Georgia  laser 
velocimeter.  Surface  pressure  data  were  obtained  at  angles  of  attack  from  -3  to  30°  at  various  jet  momen- 
tum coefficients.  Laser  velocimeter  data  were  obtained  at  angles  of  attack  of  -3  and  30  degrees  only  and 
one  jet  momentum  coefficient.  Tj4'.  laser  velocimeter  is  capable  of  obtaining  two  component  velocity  time 
histories  and  all  the  resulting  statistical  analyses  of  turbulent  flow.  Reference  6 describes  the  laser 
system  in  devall  and  presents  results  for  the  turbulence  characteristics  of  the  wing  at  -3  degrees  angle 
of  attack  with  the  spanwise  blowing  jet  on. 


3.1  Experimental  Results  and  Analys’s 

This  paper  is  concerned  prlrnarP/  Wth  the  results  for  the  wing  at  30  degrees  angle  of  attack  where  a 
strong  leading  edge  vortex  is  formed.  At  this  angle  a limited  amount  of  laser  data  were  obtained  (mean 
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velocities  only),  but  with  the  pressure  data  and  flow  visualization,  considerable  Insight  to  the  vortex 
formation  is  provided. 

Surface  static  pressures  for  the  wing  at  30  degrees  angle  of  attack  and  a Cp  of  0.769  are  shown  in 
Figure  5-  The  artistic  concept  of  the  leading  edge  vortex  illustrated  in  the  figure  Is  approximately  in 
the  right  position,  but  later  data  indicate  the  shape  Is  differeit.  Figure  6 shows  the  leading  edge  vortex 
which  forms  with  spanv/ise  blowing  as  reflected  by  the  helium  bubble  flow  visualization.  Velocity  vectors 
obtained  by  the  laser  velocimeter  are  shown  in  Figure  7,  which  is  discussed  in  the  following. 

Figure  7 illustrates  a composition  of  the  results  as  just  discussed  for  the  flow  at  33?  span  and  the 
wing  at  30  degrees  angle  af  attack.  Based  on  these  available  data,  position,  size,  and  strength  of  the 
primary  and  secondary  vortices  are  approximated;  the  vortex  feeding  sheet  shape  and  strength  can  be 
determined;  and  total  circulation  available  from  the  leading  edge  vorticity  and  its  relation  to  wing  lift 
is  deduced.  Vorticity  contours  are  indicated  by  relating  the  experimental  results  with  available  theo- 
retical results. 

Development  of  the  vorticity  lines  (isovors)  of  Figure  7 is  based  on  linking  all  the  experimental  and 
available  theoretical  data  In  a logical  manner.  The  vortex  position  in  percent  chord  is  approximated  from 
Doth  the  pressure  data  and  flow  visualization.  Size  of  the  vortex  comes  primarily  from  flow  visualization. 
The  oval  shape  of  the  vortex  and  the  tilting  of  the  top  edge  is  based  on  flow  visualization  and  the  vor- 
ticity contours  of  the  theoretical  method.  Figures  9 and  11,  discussed  in  Section  b.0,  show  vorticity 
contours  for  two  of  the  theoretical  cases. 

Laser  data  shown  in  Figure  7 provides  the  slope  of  the  edge  of  the  shear  layer  (or  feeding  sheet)  and 
the  height  of  the  edge  above  the  wing  surface.  These  conditions,  the  height  of  the  vortex,  and  the  leading 
edge  proximity  allow  the  logical  approximation  of  the  edge  of  the  shear  layer  which  Is  shown  by  a line  as 
£ -*•().  5 rapidly  approaches  zero  outside  of  this  layer. 

The  thickness  of  the  vortex  sheet  is  linked  to  the  position  of  zero  velocity  along  the  vertical  ordi- 
nate from  the  wing  surface.  A line  through  the  lowest  laser  data  point  could  logically  pass  through  the 
zero  velocity  at  the  line  of  maximum  vorticity.  The  level  for  this  zero  velocity  should  be  about  halfway 
across  the  positive  vorticity  layer.  This  latter  criteria  allows  a reasonably  shaped  line  to  be  drawn  from 
the  separation  point  through  the  zero  velocity  point  and  into  the  primary  vortex.  Also,  straight  lines 
through  the  zero  velocity  point  and  the  lower  laser  data  points  for  w/VQ  and  V/VQ  are  nearly  the  same  line 
over  most  of  the  length  of  the  lines.  This  would  be  a logical  result. 

The  separation  point  Is  based  on  the  pressure  distribution  for  which  a portion  Is  plotted  on  Figure  7. 
At  the  leading  edge  the  velocity  has  Increased  from  stagnation  to  V/V0“2.86.  It  then  decreases  due  to 
adverse  pressure  gradient  until  separation  occurs  at  Zcosa«.25.  From  this  point  to  Zcosa  ■ 0 . kk , the  ve- 
locity indicated  by  the  pressure  Is  relatively  constant,  it  begins  to  rise  at  the  point  corresponding  to 
the  Intersection  of  the  airfoil  surface  and  the  line  on  which  laser  data  were  taken,  l.e.  Zcosn-0.50. 

It  is  probable  that  the  pressure  is  coming  under  the  influence  of  the  secondary  vortex  at  this  point; 
therefore,  it  is  reasoned  that  zero  vorticity  should  occur  at  or  near  this  point.  To  substantiate  this, 

It  can  be  shown  that  at  the  wall  the  change  in  pressure  with  chordwlse  direction  is  a direct  functicr.  of 
the  change  in  vorticity  with  direction  normal  to  the  chord,  l.e. 
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As  shown  in  Figure  7,  the  vorticity  does  not  change  much  with  Y at  tile  wall,  between  the  separation  point 
and  a small  distance  forward  of  the  zero  vorticity  line;  therefore,  the  pressure  should  not  change  much. 
Since  the  pressure  is  beginning  to  decrease  at  Zcosa“0.5Q>  it  Is  probable  that  the  zero  vorticity  line 
should  be  slightly  forward  and  the  secondary  vortex  slightly  aft  where  3E/3Y  is  negative  and  the  pressure 
decreases. 

It  should  be  noted  that  V/V0  from  the  pressure  distribution  at  Zcosa»0.50  agrees  quite  closely  with 
laser  velocity  U the  outside  edge  of  the  shear  layer.  This  implies  very  little,  If  any,  change  In  pres- 
sure across  the  entire  shear  layer.  This  Is  probably  true  only  for  the  flow  ahead  of  this  Z/C  station. 

The  pressure  distribution  shows  that  the  maximum  velocity  occurs  at  Z/C  »•  0.1 17  or  Zcosa  ■*  1 . 32 . This 
should  occur  at  a position  where  the  3E/3Y  is  changing  from  negative  to  positive,  l.e.  as  shown  In  Figure 
7.  The  lower  part  of  the  primary  vortex  should  be  near  this  point  since  the  maximum  velocity  due  to  the 
primary  vortex  Is  at  the  outer  edge  of  the  vortex  (the  bottom  of  the  oval  shape). 


3.2  Vorticity  and  Vortex  Strength 

With  the  geometry  of  the  vortex  established,  some  useful  quantitative  values  can  be  estimated.  The 
values  can  then  be  used  as  Input  to  the  theoretical  model  as  well  as  checks  on  the  output  of  the  model. 


3.2.1  Leading  Edge  Vorticity 

How  much  leading  edge  vorticity  makes  a primary  vortex?  This  can  be  estimated,  but  first  the  value 
of  the  leading  edge  vorticity  ..lust  be  estimated.  From  the  geometry  of  Figure  7,  the  thickness,  5,  of  the 
boundary  layer  Just  ahead  of  the  separation  point  Is  determined  to  be  approximately  0.30  inch  or  2.81  of 
the  wing  chord.  Assuming  a laminar  boundary  layer,  a linear  velocity  profile  allows  a convenient  calcula- 
tion of  the  slope  of  the  velocity  profile  3V/3n,  where  n is  the  distance  from  the  surface  along  a line 
approximately  normal  to  the  velocity  vectors  in  the  boundary  layer,  and  V is  the  magnitude  of  the  velocity 
vectors.  How  V at.  the  edge  of  the  boundary  layer  Is  obtained  from  the  pressure  distribution  at  the  point 
of  separation,  l.e,  Cp**-6,7.  Therefore,  V/V0“ 2.77  and  the  normalized  slope  Is: 
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The  above  Is  also  the  value  of  vorticity 


across  the  boundary  layer,  since 


3w  av*.  sy 

3Y  ‘ 32  “ 3n 


As  will  be  shown  later,  the 
separation  point  are  needed 


value  of  the  vorticity  and  the  boundary  layer  thickness  at  the  leading  edge 
for  input  to  the  viscous  numerical  model. 


3.2.2  Vortex  Strength 

It  is  interesting  to  analyze  the  primary  vortex  strength  as  a function  of  the  leading  edge  vorticity. 
To  do  this,  some  assumptions  based  on  vortex  shedding  from  a circular  cylinder  are  made.  First,  as  shown 
in  Ref.  7,  the  strength  of  the  vortex  shed  from  a cylinder  is  a function  of  the  length  of  the  feeding 
sheet.  As  the  vortex  sheds  from  the  surface,  its  strength  grows  until  the  feeding  sheet  separates  from 
the  cylinder.  At  this  point,  the  vortex  and  feeding  sheet  have  approximately  equal  circulation  strengths 
and  the  feeding  sheet  is  about  A. 8 cylinder  d:imeters  long.  The  total  circulation  in  the  vortex  and  sheet 
is  approximately  equal  to  the  circulation  emitted  from  the  boundary  layer  during  o^e  cycle  of  vortex 
shedding. 

Circulation  is  described  as  a function  of  boundary  layer  vorticity  as  follows: 

(2)  £ “ (f?  “ !l)W  dy  or  S-Vdn*  (3)r”j  | f^Vdndt 

o o 

where  r is  the  circulation  available  from  the  boundary  layer  for  a given  time,  T.  For  a laminar  boundary 
layer 
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) dzdy, 


(A)  n/V  » S/Vj 


where  6 is  the  toundary  layer  edge  and  Vi  is  the  velocity  at  the  edge.  Also,  where  T is  the  time  for  one 
cycle  of  vortex  shedding  and  S is  the  Strouhal  number  for  laminar  separation, 


T 


1 

j, 


and  f 


Vp  S V0  S 
d'  ° C sina' 


(5)  NowT 


C sina 
Vo 


I 


6 


(6)  or 


r sina 

V0C  “ 2 S 


2 


The  value  of  r/VQC  is  the  total  strength  of  the  vortex  and  sheet  combined.  This  value  provides  an  end 
point  for  computing  the  leading  edge  vortex  strength  as  a function  of  feeding  sh*et  length.  It  can  be 
shown  from  Ref.  7 that  the  vortex  strength  growth  follows  a relation  as  follows: 
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(*>(*) 


1.2 


The  growth  relation  (s/sp)l>2  is  valid  over  the  range  0<s/sp<0.A2,  where  s is  the  actual  length  of  the 
feeding  sheet,  and  sp  is  the  length  of  the  feeding  sheet  at  the  time  of  vortex  sheeding.  Since  sp“A.8, 
d'  -A. 8 c sina,  and  this  is  many  times  the  distance  for  the  leading  edge  vortex  sheet  on  an  airfoil,  the 
limit  s/sp  0.A2  Is  well  above  that  for  a leading  edge  vortex  formation. 

Geometry  in  Figure  7 shows  the  feeding  sheet  length  along  the  line  of  maximum  vorticity  prodjces  a 
value  of  s/sp«0.089.  For  a“30°,  S « .2,  and  Vi/V0  = 2.77,  the  strength  of  the  primary  vortex  is 
approximately 


-rf-f  = 0.26  or  r » 1A.9  ft2/sec. 
•o'' 


This  is  only  a fraction  of  the  full  potential  vortex  strength,  e.g.  If  s/sp«1.0,  then  r would  be  272 
ft.2/sec. 

A check  of  the  order  of  magnitude  for  r can  be  made  by  referring  back  to  the  geometry  of  Figure  7-  It 
is  logical  that  the  peak  pressure  coefficient,  Cp=-9.7  corresponds  to  the  peak  velocity  due  to  the  primary 
vortex  (assuming  negligible  total  pressure  loss).  Assuming  a distance  from  the  cente.  of  the  vortex  to  a 
point  near  the  airfoil  on  a line  through  the  z/c  “0.117  ordinate,  the  radius  of  the  vortex  is  approximately 
0.071  feet.  The  velocity  at  this  point  based  on  the  peak  Cp  is  208  ft/sec.;  therefore,  assuming  this  point 
is  outside  the  vortex  core: 

r “ V0r  = 208  x 0.071  = 1A.7  ft2/sec. 

This  is  amazingly  close  to  the  previously  computed  value  of  r,  and  of  course  it  does  confirm  the  order  of 
magnitude  strength  of  the  primary  vortex. 

As  a further  check  on  the  order  of  magnitude  vortex  strength,-  vortex  lift  is  extracted  from  lift  ob- 
tained by  Integrating  the  pressure  distributions  shown  In  Figure  5.  Total  lift  is  obtained.  Then,  the 
potential  flow  lift,  less  leading  edge  thrust  effect  at  a "30°,  is  subtracted  to  get  an  approximate  value 
for  vortex  lift.  At  33?  semi-span  the  rectangular  wing  vortex  lift  Is  C]v«1.02.  Since  C)v  = Arrv/VQC; 
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V0«63.6  ft/sec.,  and  C".892  ft.;  rv«4,60  f'2/sec.  This  value  must  represent  the  combined  circulation 
strength  of  primary  and  secondary  vortex  and  any  negative  circulation  effect  of  the  jet.  In  order  for  the 
primary  vortex  strength  to  be  14.9  ft2/sec.,  the  combined  secondary  and  jet  circulation  must  be  of  order 
-10.30  f:2/sec.  It  is  not  unlikely  the  secondary  vortex  is  of  this  magnitude  since  the  jet  does  create 
negative  vorticity  primarily  by  its  expansion  and  surface  shear  towards  the  wing  leading  edge. 

3. If. 3 Parameters  Affecting  Vortex  Strength 

From  the  preceding  discussion,  it  is  indicated  t.iat  the  vortex  strength  is  primarily  a function  of  the 
space  within  which  it  is  allowed  to  grow  or  the  length  of  its  feeding  sheet  and  the  vorticity  shed  at  the 
leading  edge.  It  indicates  that  once  these  confines  are  met  the  vortex  no  longer  grows,  and  the  excess 
vorticity  is  converted  downstream.  It  would  appear  that  due  to  reduced  local  angle  of  attack  on  the  out- 
board stations  of  the  unswept,  untapered  wing  the  value  of  Vi/V0  decreases  causing  a decrease  in  vortex 
strength,  but  this  is  compensated  with  increased  vortex  sheet  length  and  probably  by  jet  vorticity  as  well. 

All  of  the  above  reasoning  assumes  the  two-dimensional  effect  only.  Unfortunately,  the  leading  edge 
vortex  is  a three-dimensional  phenomena  and  the  vortex  cannot  exist  in  a stable  condition  without  spanwise 
flow.  It  has  been  shown  by  Campbell  (Ref.  8)  and  in  unpublished  works  of  Dixon  that  the  local  section  lift 
coefficient  increases  with  increasing  spanwise  blowing  momentum.  This  miqht  be  explained  as  an  effective 
increase  in  the  feeding  sheet  length  due  to  the  helix  angle  created  by  spanwise  blowing.  The  remaining 
effect  of  spanwise  velocity  is  the  stabilizing  effect  on  the  vortex.  Also,  the  velocity  gradient  in  the 
spanwise  direction  can  cause  decay  or  growth  of  the  vortex  (decreasing  velocity  decays  and  increasing  ve- 
locity causes  growth).  The  case  from  Ref.  9 for  outboard  blowing  shows  an  increase  in  vortex  strength  with 
span.  Based  on  the  above  analyses,  this  is  due  to  accelerating  jet  flow  (under-expanded  jet)  and  vortex 
feeding  sheet  increasing  in  length  as  i t marches  spanwise. 

Even  though  three-dimensional  effects  can  be  significant,  the  two-dimensional  analysis  provides  valu- 
able insight.  First,  the  value  of  Vj/V0  depends  not  only  on  angle  of  attack,  but  on  the  shape  of  the 
leading  edge  and  trailing  edge  recovery.  Reference  7 end  others  have  shown  the  value  of  Vi/V0  to  be 
approximately  1.4  at  the  separation  point  of  blunt  bodies.  A lifting  body  with  leading  edge  separation 
and  flow  recovery  at  the  trailing  edge  causes  V]/V0  to  be  much  higher  and  a function  of  angle  of  attack; 
therefore,  the  vortex  lift  is  a function  of  angle  of  attack  due  both  to  increasing  V i/i/0  and  length  of  the 
feeding  sheet. 

!r  conclusion,  the  analyses  of  experimental  results  have  resulted  in  both  a hypothesis  and  quantita- 
tive values  to  be  used  in  the  viscous  numerical  analysis.  Primarily,  the  order  of  magnitude  for  leading 
edge  vorticity  and  an  approximate  shape  of  the  input  velocity  is  determined.  The  theory  should  then  pro- 
duce primary  and  secondary  vortices  with  strengths  of  magnitude  as  computed  above.  The  analyses  also 
indicate  parameters  that  could  favorably  increase  vortex  strength  and  wing  lift.  These  are:  (1)  appro- 

priately shaped  leading  edge,  (2)  large  cavity  for  vortex  to  grow  or  longer  feeding  sheet,  and  (3) 
positive  spanwise  velocity  gradient. 

Shape  of  the  pressure  distribution  and  therefore  .he  pitching  moment  with  a leading  edge  vortex  will 
be  a stronq  function  of  the  position  and  strength  of  the  secondary  vortex.  This  evolves  since  the  secon- 
dary vortex  causes  the  negative  value  of  3E/3y,  i.e.  a reduction  of  the  pressure.  With  a tight,  strong 
secondary  vortex,  3?/3y  at  the  wall  is  negative  and  relatively  large  in  the  area  of  the  secondary  vortex. 

4.0  EVALUATION  OF  THEORY 

While  it  is  possible  to  compute,  via  the  numerical  method,  a wide  class  of  flows  of  practical  inter- 
est such  as  delta  wing  leading  edge  flows  and  fillet  flows,  it  is  the  primary  intent  here  to  address  the 
flow  associated  with  a laterally  blown  Jet.  In  this  case  the  primary  or  outer  irrotational  flow  is  not 
parallel  to  the  jet  direction  but  approximately  normal  to  it.  It  is  known  from  experimental  observation 
that  at  angles  of  attack  where  spanwise  blowing  is  effective,  there  is  lead*ng  edge  detachment  of  the 
streaming  flow  over  the  wing.  The  jet  then  penetrated  f3i  out  the  span  and  a spanwise  vortex  forms  in  the 
vicinity  of  the  jet.  It  is  valid  in  this  circumstance  to  apply  the  forward  marching  procedure  in  the 
spanwise  direction.  The  integration  is  confined  to  the  detached,  rotational  region  of  flow  over  the  sur- 
face, where  second  derivatives  with  respect  to  x are  much  smaller  thar*  those  with  respect  to  y and  z. 

As  noted  earlier,  the  method  of  Eq.  (14)  leaves  arbitrary  the  specification  of  the  velocity  vector 
along  y»0  for  all  points  not  on  the  no-slip  surface.  Thus,  it  is  possible,  via  the  Integral  method,  to 
represent  the  effect  of  the  outer  irrotational  flow  on  the  viscous  flow  nearer  the  surface.  For  the 
streaming  flow  past  a surface  with  leading  edge  separation,  the  velocity  distribution  is  not  generally 
known.  In  fact,  the  outer  potential  flow  and  the  inner  viscous  flow  are  strongly  coupled.  This  larger 
problem  is  not  addressed  In  the  present  investigation,  so  that  it  Is  necessary  to  approximate  the  affects 
of  the  surrounding  flow  field  on  the  Jet/vortex  formation  region.  The  angle  of  attack  in  the  cross-flow 
plane  is  fixed  by  specifying  W and  VM.  The  manner  in  which  these  velocities  approach  zero  near  the  plate 
from  upstream  and  downstream  a^ong  y«°0  serves  (as  discussed  in  Section  2.0)  to  specify  the  streaming  flow. 
The  Idea  Is  that  the  outer  flow  should  exhibit  sharp  turning  near  the  leading  edge  and  should  slowly  re- 
cover freestream  conditions  downstream.  Thus,  W and  V are  as  follows: 

, 1 , , 1 + zk 

for  Z <0:  w ■ ww  (1  - y ;■■-) , ar.d  v ■ v^  (1  - y) , for  z < Z|<,  and  v » - — j—  v^z,  z^  < z < 0. 


for  ZiC:  w * (z  - c) , and  v ■ ■ v_ ■-  (z  - c) , for  c s z i zj  and  w »w  , v « v for  z > z; 

ZjC  Z J “ V OOCD 

By  varying  Z|<  and  z)  a range  of  conditions  in  the  surrounding  flow  can  be  Imposed  on  the  Integration 
domain,  thus  allowing  a sensitivity  evaluation.  Having  a fixed  angle  of  attack  and  the  surrounding  flow. 
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the  remaining  parameters  relate  to  the  initial  data,  or  conditions  imposed  in  the  plane  x«0,  and  the 
boundary  values  of  vorticlty. 

As  noted  earlier,  the  mathematical  method  as  now  posed,  requires  the  vorticity  to  be  given  on  the  free 
sides  of  the  c^oss-flow  plane.  The  upper  face  and  the  downstream  face  were  fixed  in  all  cases  at  zero  vor- 
ticlty. The  face  along  the  leading  edge  however  requires  a representation  of  the  vorticity  associated  with 
leading  edge  separation.  This  region  of  flow  is  important  in  any  coupling  with  potential  flow  representa- 
tion, and  its  criticality  wilt  be  revealed  In  the  example  calculations  to  follow. 

For  all  cases  presented  here,  the  Integration  domain  was  fixed  at  two  units  of  length  chordwise  and 
one  unit  of  depth,  normal  to  the  surface.  T'-e  mesh  is  11  x21  so  that  y«z«.t.  In  the  initial  plane,  the 
u-profile  of  the  Jet,  when  it  is  used,  is  of  .he  form 


u *> 


umaxe 


rJ/a 


.2 

J 


where  r Is  the  distance  from  the  jet  center  and  aj  is  a constant  fixing  the  init'al  jet  diameter.  The 
Initial  vortex  Is  assumed  to  have  the  form  of  a Lamb  rortex.  If  denotes  the  axisyirmetric  velocity 
vector,  the  vortex  is  of  the  form, 


where  kv  fixes  the  strength  of  the  vortex  and  av  its  core  diameter.  The  angle  of  attack  for  all  cases  is 
approximately  25°,  with  w«1,  v».47»  and  uM*-.1.  The  small  value  of  is  necessary  to  ensure  no  flow 
reversal  occurs  in  the  x-direction.  The  value  assigned  to  may  be  .onsldered  to  represent  a wing  sweep 
angle.  Unless  otherwise  noted,  the  following  values  apply  for  the  various  eases:  umax  = 1.0,  a j “ . 1 5 » 

av*>.!5,  kv«20.  Using  the  freestream  values  of  velocity  and  the  two-unit  chordlength  as  references,  the 
Reynolds  number  is  approximately  2200  for  all  the  examples  in  this  section. 

It  became  apparent  after  a few  trials  and  analysis  of  the  experimental  data  that  the  initial  estimate 
of  leading  edge  vorticity  distribution  was  a critical  factor.  Using  z»2  units  as  a length  scale  for  chord 
and  appealing  to  experimental  results,  It  became  clear  that  the  leading  edge  vorticity  should  not  extend 
upward  more  than  .1  or  .2  units  and  should  have  a max  Imam  value  very  near  the  surface.  The  separation 
profile  distributes  vorticity  too  diffusely  for  effective  capture  to  be  made  by  the  Initializing  vortex. 
Thus,  the  vortex.  In  proceeding  outboard,  loses  strength  rather  than  holding  constant  or  Increasing  in 
strength. 

Figure  8 shows  an  Interesting  result  obtained  with  no  downstream  recovery  (i.e.  zj  very  large).  The 
vorticity  distribution  at  the  leading  edge  has  a maximum  of  5=45,  at  y«*0.1.  The  initial  position  of  the 
;et  Is  at  z *■  1 and  that  of  the  vortex  at  z«  5. 

At  three  units  outboard  a secondary,  counter-rotating  vortex  has  formed  behind  the  jet.  At  this  point 
the  jet  Is  still  centered  very  near  z’1.  Apparently,  since  very  little  convection  exists  downstream  of 
the  jet,  vorticity  of  opposite  sign  builds  up  in  an  otherwise  stagnant  region  and  forms  its  own  vortex 
flow  field.  This  vorticity  of  opposite  sign  is  generated  at  the  wall,  Induced  by  the  primary  vortex,  and 
is  then  convected  by  the  primary  vortex  and  the  outer  flow  into  the  stagnant  region.  The  anomalous  be- 
havior of  the  leading  edge  velocity  at  ’,'“0.1  appears  to  be  due  to  numerical  Inaccuracy  caused  by  the 
large  gradients  of  vorticity  in  tne  neighborhood  of  the  leading  edge. 

Figure  9 presents  the  results  for  a flow  with  recovery  of  freestream  conditions  k.5  chordlengths  down- 
stream of  the  trailing  edge.  Maximum  leading  edge  vorticity,  £“25,  Is  at  y“0.1.  The  £-component  vor- 
ticity contours  indicate,  at  least  for  the  X“3  spanwise  location,  that  the  vortex  is  capturing  leading 
edge  vorticity.  Th's  is  approximately  sustained  at  least  through  x”5. 

Since  3(P/p)/3z  • v3£/ay,  an  examination  of  the  sign  and  strength  of  3£/3y  presents  an  interesting  re- 
sult assuming  the  3P/3X  is  not  significant.  Starting  with  the  leading  edge,  there  is  a low  pressure  due 
to  the  flow  around  the  leading  edge  (a  high  negative  Cp) , then  a rapid  increase  to  about  Z“0.2  where  the 
pressure  continues  to  increase,  but  slowly  until  Z ■ 0.6  where  the  Increase  becomes  slightly  more  rapid 
because  3£/'3y  becomes  more  positive.  About  Z»1.0  the  pressure  reaches  a high  and  thus  starts  decreasing 
rapidly  under  the  jet  at  Z-1.1.  The  decrease  continues  to  Z-2.0,  therefore,  the  jet  has  an  effect  of 
increasing  lift.  This  has  been  noted  in  experimental  data. 

Figure  10  depicts  the  u-component  contours  Imposed  on  the  vector  plot  of  Figure  3.  This  defines  the 
location  of  the  jet  relative  to  the  vortex.  The  mutual  interaction  of  the  vortex  and  jet  is  obvious.  Note 
the  3u/3z  across  the  vortex  center  is  small,  but  3u/3y  is  not  and  peak  u occurs  below  the  center  of  the 
vortex. 

All  examples  so  far  presented  have  been  initialized  with  a vortex  and  then  allowed  to  develop  span- 
wise.  While  this  allows  more  control  In  studying  the  interaction  between  the  various  flow  components,  the 
question  still  remains  whether  a voi tex  is  Induced  by  the  combined  action  of  separated  flow  and  jet  or 
whether  at  least  a small  vortex  is  already  present  and  is  merely  amplified  through  these  mechanisms.  A 
series  of  runs  were  made  to  search  for  condltlo-s  leading  to  the  natural  formation  cf  a vortex.  Figure  11 
shows  one  of  the  better  results  obtained.  It  was  found  that  strong  recovery  to  freestream  was  required 
(two  chordlengths),  along  with  an  Increased  vorticity  at  the  leading  edge.  The  leading  edge  vorticity  in 
this  case  is  £“1l5  at  y It  is  noted  that  the  results  of  Figure  11  are  for  five  units  outboard.  This 

was  the  first  station  for  which  a vortex-like  structure  appeared.  Presumably  this  structure  would  become 
better  defined  further  outboard,  but  the  calculations  were  not  carried  beyond  five  units  of  span.  A 
drastic  loss  of  Jet  velocity  is  apparent,  the  Initial  jet  peak  velocity  having  been  20,  thus  the  jet  is 
swept  more  rapidly  off  the  surface.  For  the  given  starting  and  boundary  conditions  then,  the  jat  may  not 
remain  over  the  surface  much  more  than  five  units  outboard. 
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Further  examination  of  the  leading  edge  criteria  produced  the  results  of  Figures  12  and  13,  It  was 
determined  from  analysis  of  the  experimental  data  that  a strong  positive  value  of  vortlcity  should  occur 
on  the  surface  at  the  leading  edge.  Figures  12  and  13  show  this  to  be  true.  Ail  input  is  the  same  for 
these  two  fiqures  except  the  vorticity  at  z^y^O.  Figure  12  has  a value  of  vorticity,  E,  *■  43  at  z«y*0 
and  Figure  has  5“0  at  z*y**0.  The  strong  recovery  of  flow  behind  the  Jet  (input  at  z“1.0,  y».4)  in 
Figure  12  contrasts  significantly  with  the  vortex  roll-up  in  Figure  13.  The  strong  value  of  leading  edge 
vorticity  decays  to  zero  on  the  surface  within  less  than  0.1  unit  of  z,  but  its  influence  over  the  whole 
flow  field  is  large.  It  must  be  noted  that  the  value  of  C » 43  has  been  chosen  to  have  the  same  value  as 
3V/3z  for  Z^sZiO.  This  is  a compatible  relation  as  is  discussed  In  Section  3-2.1  of  this  report,  and 
agrees  in  order  of  magnitude  with  the  value  deduced  from  experimental  data. 

This  latter  analysis  emphasizes  the  need  for  accuiate  values  of  input  velocity  and  slopes  at  the 
leading  edge,  i.e.  across  the  boundary  layer  at  the  point  of  leading  edge  separation. 

5-0  CONCLUSIONS 

1.  A computational  fluid  mechanical  model  based  on  reducing  the  full  Navler-Stokes  equations  to  parabolic 
form,  with  respect  to  one  of  the  three  space  coordinates,  has  been  developed  to  a level  to  prove  its 
feasibi I i ty. 

2.  The  viscous  model  can  be  applied  to  a- wide  class  of  flows:  in  particular  vortex  flows  and  interacting 

jet  flows  over  no-slip  lifting  surfaces.  The  method  allows  the  computation  of  large  viscous  flow 
regions  without  approximations  of  the  boundary  layer  type. 

3.  The  method  has  been  developed  with  economical  computing  time,  reducing  computing  time  for  such  methods 
to  minutes  rather  than  hours.  Full  capability  and  accuracy  limitations  of  the  model  need  further 
investigation,  however. 

4.  The  model  is  sensitive  to  boundarv  conditions  at  the  leading  and  trailing  edges.  These  condit;ons 
must  be  obtained  from  a potential  flow  model  which  interfaces  with  th<>  viscous  model. 

5-  Analysis  of  experimental  laser  velocimeter  data,  surface  pressure  data,  and  flow  visualization  has 

provided  a relation  between  the  strength  of  the  primary  leaJ,no  vortex,  the  vorticity  shed  at  the 

leading  edge  separation,  and  the  length  of  the  vortex  feeding  sheet, 

6.  Data  from  the  laser  velocimeter  is  required  to  provide  knowledge  of  the  sensitive  leading  and  trailing 
edge  input  quantities  during  the  early  exploration  of  this  problem. 

7.  Analysis  of  the  experimental  data  has  indicated  the  shape  of  the  pressure  distribution  and  therefore 
the  pitching  moment  is  a strong  function  of  the  location  and  strength  of  the  secondary  leading  edge 
vortex. 
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SUMMARY 

A wind-tunnel  test  of  an  arrow- wing  body  configuration  consisting  of  fiat  and  twisted  wings,  as  well  as  a variety  of  leading- 
and  trading-edge  control  surface  deflection® , has  beer,  conducted  at  Mach  numbers  from  0.40  to  2.50  to  provide  an  experimental 
data  base  for  comparison  with  theoretical  methods.  Theory-to-expenment  comparisons  of  detailed  pressure  distributions  have 
been  made  using  current  state-of-the-art  attached-  and  separated-flcw  methods.  The  purpose  of  these  comparisons  was  to 
delineate  conditions  under  which  these  theories  are  valid  for  aeroelastic  calculations  and  to  explore  the  use  of  empirical 
methods  to  correct  the  theoretical  methods  where  theory  is  deficient.  !t  was  determined  that  current  state-of-the-art 
attached-flow  and  empirical  methods  were  inadequate  to  predict  aeroelastic  loads  for  this  conf  guration  The  soparated-fiow 
theories  now  under  development  show  promise  of  being  a possible  tool  to  solve  this  problem 

ABBREVIATIONS  AND  SYMBOLS 


b 

wingspan 

Cs 

normal-force  coefficient 

MS 

mode!  station 

BL 

buttock  line 

Cn 

section  normal-force  coefficient 

T.E. 

trailing  edge 

c 

chord  length 

Cn 

pressure  coefficient 

x,y,* 

orthogonal  coordinates 

c 

referen;e  chard 

L.E. 

leading  edge 

a 

angle  of  attack 

Cm.ss 

pitching-moment  coefficient 

M 

Mach  number 

trailing-edge  control  surface 
deflection 

INTRODUCTION 

Accurate  analytical  techniques  for  predicting  the  magnitude  and  distribution  of  aeroelastic  loads  are  required  in  order  to 
design,  in  an  optimum  manner,  the  structure  of  large,  flexible  aircraft.  Uncertainties  in  the  characteristics  of  loads  may  result 
in  an  improper  accounting  for  aeroelastic  effects.,  leading  to  understrength  or  overweight  designs,  performance  penalties,  and 
unacceptable  fatigue  life.  Moreover,  correct  prediction  of  loads  and  the  resultant  structural  deformations  is  essential  to  the 
determination  of  control  power  requirements,  control  surface  moments,  and  aircraft  stability  and  control  characteristics.  The 
alternative  to  the  development  of  satisfactory  analytical  techniques  is  the  employment  of  expensive,  time-consuming 
wind-tunnel  testa  for  each  aircraft  configuration . In  addition,  the  ability  to  perform  meaningful  parametric  or  tradeoff  studies 
is  severely  limited  by  the  lack  of  accurate  prediction  techniques. 

The  problem  of  accurate  load  prediction  becomes  particularly  difficult  for  aircraft  with  highly  swept  wings  and  critical 
design  condition?  in  the  transonic  speed  regime.  Highly  swept  loading  edges  precipitate  flow  separation  and  the  formation  of  a 
leading-edge  vortex;  transonic  flight  is  synonymous  with  mixed-flow  regions  and  embedded  shocks.  The  degree  to  which  our 
best  state-of-the-art  theoretical  techniques  can  account  for  these  flow  conditions  is  known  in  only  a few  circumstances. 
Obviously,  attached-flow  theories,  including  those  that  properly  treat  mixed-flow  regions,  cannot  be  expected  to  do  well  at 
moderate  and  large  angles  of  attack  when  the  leading-edge  vortex  is  a dominant  factor.  H iwever,  theories  that  do  account  for 
the  leading -edge  vortex,  and  yield  detailed  pressure  distributions,  are  often  limited  as  to  the  wing  geometries  they  can  treat. 
Several  methods,  new  under  development,  are  far  more  versatile  in  termsof  wing  shape  and  show  promise  of  improved  accuracy 
as  Well.  Clearly,  if  we  are  to  continue  to  improve  our  predictive  techniques,  the  limitations  of  all  these  methods  need  to  be 
quantified  through  detailed  comparisons  of  theoretical  and  experimental  pressures  for  configurations  of  current  interest. 

In  the  structural  design  of  an  aircraft,  wind-tunnel  pressure  tests  on  a single  wing  shape  (with  twist  and  camber)  are 
extrapolated  by  means  of  an  aeroelastic  solution  to  obtain  the  load  distributions  for  all  other  el  astically  deformed  shapes  of  that 
wing.  In  this  process.aquationsare  used  that  relate  the  changes  in  local  pressure  to  changes  in  structural  deformation.  Methods 
for  doing  this  for  high-sspect-ratio  wings  at  subsonic  speeds  are  well  developed  and  have  been  substantiated  by  flight  tests. 
Howevor,  for  highly  swept  wings  and/or  transonic  flight  conditions  where  various  nonlinear  phenomena  become  important,  no 
satisfactory  methods  are  available.  Until  such  tools  are  developed,  the  need  will  remain  for  wind-tunnel  test  programs 
simulating  each  flight  design  condition  on  the  flexible  airplane. 

The  purpose  of  this  paper  is  to  report  on  the  results  of  a comprehensive  study  carried  out  to  define  the  ability  of  current 
state-of-the-art  linear  and  separated-flow  techniques  to  predict  detailed  pressures  over  a highly  swept  arrow-wing 
configuration  with  flat  and  twisted  wings.  The  wings  were  provided  with  both  leading-  and  trailing-edge  controls,  and  the  flat 
wing  could  be  fitted  with  either  a sharp  or  rounded  loading  edge.  The  ability  of  theory  to  predict  the  detailed  pressures 
associated  with  control-surface  deflection  Or  leading-edge  shape  was  exumined.  Comparisons  will  be  shown  of  theoretical  and 
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experimental  pressures  for  the  flat  wing  as  well  as  for  the  incremental  pressure  changes  due  to  twist.  The  latter  is  of  interest 
since  this  calculation  is  similar  to  that  often  made  to  correct  basic  rigid-model  wind-tunnel  results  for  aeroelastie  effects  ou  tne 
full-scale  airplane. 

The  results  of  the  subsonic  ond  transon;c  program  are  summarized  in  NASA  SP-347  (ref.  1 ) and  discussed  at  greater  length 
in  reference  2. 


MODEL  AND  TEST  DESCRIPTION 


The  wind-tunnel-model  configuration  selected  for  this  study  is  a highly  swept  (71.2°)  thin  wing  on  a slender  body.  The 
planform  and  basic  geometiy  of  the  model  are  shown  in  figure  1 . Two  complete  wings  were  constructed,  one  with  no  camber  or 
twist  and  one  with  no  camber  but  a span  wise  twist  variation  (see  fig.  1 ).  Both  wings  were  designed  to  permit  deflection  of  either 
partial-  or  full-span,  25-percent  chord,  trailing-edge  control  surfaces  with  brackets  to  allow  streamwiae  deflections  of  ±4.1°, 
±8.3°,  2:17.7°,  and  2:30.2“,  as  well  as  0°.  In  addition,  the  flat  wing  was  provided  with  removable  leading-edge  segments  that 
extended  over  15  percent  of  the  streamwise  chord.  These  segments  permitted  testing  of  the  leading  edge  drooped  5.1°  and  12.8° 
86  well  as  undeflected.  A leading-edge  segment  was  constructed  with  a sharp  leading  edge  to  examine  the  effects  of  leading-edge 
shape.  Figure  1 shows  the  basic  rounded  leading  edge  with  the  sharp  leading  edge  superimposed. 


The  217  pressure  orifices  on  the  wing  were  equally  divided  into  7 streamwise  sections  on  the  left  wing.  Pressure  tap3  were 
located  on  both  the  top  and  bottom  surfaces  at  the  chordwise  locations  shown  in  figure  2.  The  body  orifices  were  arranged  in  5 
streamwise  rows  of  1 5 orifices  each.  An  additional  8 orifices  in  the  area  of  the  wing-body  junction  made  a total  of  83  orifices  on 
the  left  side  of  the  body. 


Figure  1.  - General  Arrangement  and  Characteristics  Figure  2.  - Pressure  Orifice  Locations 

The  model  was  constructed  of  steel  to  minimize  aeroelsstic  deflections.  To  ensure  close  control  of  the  model  dimensions,  a 
computerized  lofting  program  was  used  to  provide  data  for  machining  the  model  components  using  numerically  controlled 
operations. 

The  model  was  tested  in  the  Boeing  Transonic  Wind  Tunnel  (BTWT)  and  in  the  supersonic  9-  by  7-foot  leg  of  the  NASA  Ames 
Unitary  Wind  Tunnel.  The  former  is  a continuous-flow,  closed-circuit,  atmospheric  facility  with  a I2.5-percent  porosity  test 
section  measuring  8 by  12  by  14.6  feet;  the  latter  is  a continuous-flow,  closed-circuit,  variable-density  facility  with  a test  section 
measuring  7 by  9 by  18  feet.  Seven  Mach  numbers  from  0.40  to  1.11  were  tested  in  the  BTWT,  with  angle  of  attack  varying  from 
-8°  to  +16°.  In  the  Ames  facility,  data  were  obtained  primarily  at  Mach  numbers  of  1.7, 2.1,  and  2.5.  Th<*  major  configurations 
tested  are  shown  in  tables  1 and  2. 


Table  1.  — Summary  of  Conditions  Tested  in  Boeing 
Transonic  Wind  Tunnel 


Table  2.  — Summary  of  Conditions  Tested  in  NASA  Ames 
Unitary  Wind  Tunnel 
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THEORETICAL  METHODS 

Theoretical  calculations  utilized  in  this  study  are  based  on  inviscid  theories  for  both  attached  and  detached  flows.  Results 
from  two  attached-flow  theories  are  discussed:  one  uses  the  linear,  subsonic/supersonic,  constant-pressure-panel  formulation, 
and  the  attend  uses  a panel  solution  of  the.  exact  incompressible-flow  equation  satisfying  the  exact  boundary  condition  on  the 
configuration  surface. 
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'flit'  aeparawd-fiow  method  is  based  on  distributions  of  quadratics!!)-  varying  doublet  pan-da.  Since  this  approach  ig  still 
under  development,  and  only  tentative  results  are  available,  the  term  "state-of-the-art"  used  in  the  Introduction  la  not  strictly 
applicable.  However,  the  older  separoted-flow  methods  can  handle  only  simple  wing  geometries,  and  theory-experiment 
comparisons  for  on  arrow  wing  would  be  oflimited  usefulness. 

As  noted  in  the  Introduction,  attached-flow  theories  can  he  expected  to  yield  good  agreement  with  experiment  only  at  low 
angles  of  attack.  The  strong  influence  of  the  leading-edge  vortex  flow  for  angles  of  attack  greater  than  a few  degrees  clearly 
Indies  tee  the  need  fur  detached-flow  theories  for  detailed  loads  prediction.  These  theories  should  be  able  to  more  closely  predict 
loading  trends  at  the  higher  angles  of  attack  even  though  the  geometry  they  can  handle  is  less  general  than  that  of  the  more 
mature  attached-flow  methods.  Additional  details  of  the  analytical  methods  are  discussed  below. 


Attached-Flow  Theories 


The  primary  analysis  method  used  for  pressure  calculations  in  this  study  was  the  unified  subsonic/supersonic  panel 
technique  of  FLEXSTAB,  which  was  developed  by  Boeing  under  NASA  Ames  sponsorship  (bcc  refs.  3 and  4).  The  FLEXSTAB 
system  of  digital  computer  programs  uses  linear  theory  to  evaluate  the  static  and  dynamic  stability,  the  inertial  and 
aerodynamic  loading,  and  the  resulting  elastic  deformations  of  aircraft  configurations.  The  aerodynamic  module  contained  in 
the  FLEXSTAB  system  is  based  on  the  constant-pressure-panel  method  developed  by  Woodward  (refs.  5 ar-d  6)  to  solve  the 
linearized  potential-flow  equations  for  supersonic  and  subsonic  speeds  with  planter  boundary  conditions.  The  method  is  also 
used  a*  transonic  speeds,  where  the  nonlinear  terms  not  accounted  for  may  be  important. 

Figure  3 shows  the  distribution  of  panels  used  in  this  analysis.  Line  sources  and  doublets  are  distributed  along  the 
longitudinal  axis  of  the  body  to  simulate  its  thickness  and  lifting  effects.  Similarly,  source  and  vortex  panels  are  placed  in  the 
plane  of  the  wing  to  simulate  its  thickness  and  lifting  effects.  To  account  for  the  interference  effects  between  the  wing  and  body, 
constant-pressure  vortex  panels  are  placed  on  a shell  around  the  body.  This  ''interference”  shell  serves  to  cancel  the  normal 
velocity  components  on  the  body  induced  by  the  wing. 

At  subsonic  Mach  numbers  and  the  high  supersonic  Mach  numbers,  50  line  singularities,  188  interference  panels,  and  160 
wing  panels  were  used  to  represent  the  configuration.  For  the  very  low  supersonic  Mach  numbers  ( 1 .05  and  1.11),  the  number  of 
interference  panels  had  to  be  greatly  increased  (to  330)  to  overcome  instabilities  associated  with  the  solution.  The  edges  of  the 
wing  panels  were  chosen  to  coincide  with  the  control  surface  hingelines  and  breaklines.  Note  on  figure  3 that  the  panels 
are  of  nearly  equal  width  and,  in  the  chordwise  direction,  panel  edges  are  at  constant  percent  chord  with  closer  spacing  at 
the  leading  edge  and  the  hingelines. 

The  second  attached-flow  method  used  was  the  general  method  of  Rubbert  and  Saaris  (refs.  7,  8,  and  8)  for  the  numerical 
solution  of  nonplanar,  three-dimensional  boundary-value  problems.  The  method  solves  the  exact  incompressible  potential-flow 
equation  (Laplace’s  equation),  with  compressibility  effects  incorporated  via  the  Gothert  ru)  ?.  In  contrast  to  FLEXSTAB,  the 
Rubbert-Saarii.  (hereafter  referred  to  as  TEA-230)  solution  is  not  encumbered  by  the  small  perturbation  approximation  and  is 
capable  of  treating  problems  of  far  more  detail  and  generality  than  the  linearized  theories. 

Figure  4 shows  a typical  paneling  scheme  used  for  the  TEA-230  representation  of  the  arrow-wing  body  model.  The  source 
panels  are  placed  on  the  configuration  surface;  consequently,  new  paneling  was  required  for  each  configuration.  The  linearly 
varying  internal  and  trailing  vortex  panel  networks  ore  not  shown. 
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Figure  3.  — FLFXSTAB  Paneling  Scheme 
Detached-Flow  Theories 
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Figure  A.  — TtzA-230  Paneling  Scheme 


The  method  chosen  to  predict  the  effect  on  wing  pressures  of  the  leading-edge  spiral  vortex  was  that  of  Weber,  Brune, 
Johnson,  Lu,  ana  Rubbert  (refs,  IQ  and  11).  This  method  is  capable  of  predicting  forces,  moments,  and  detailed  surface  pressures 
on  thin,  sharp-edged  wings  of  arbitrary  planform.  The  wing  geometry  is  arbitrary  in  the  sense  that  leading  and  trailing  edges 
may  be  swept  well  as  curved  or  kinked. 

The  i-overr.ing  equations  are  the  linear  flow  differential  equation  and  nonlinear  boundary  conditions  v.MJt  ri>Mu,re  that  the 
flow  be  parallel  to  the  wing  surface  and  that  the  free  vortex  sheet,  springing  from  the  leading  and  trailing  edges,  be  aligned  with 
the  local  flow  and  support  no  pressure  jump.  The  Kutta  condition  is  imposed  and  satisfied  along  all  wing  edges.  This  problem  is 
solved  numerically  by  an  aerodynamic  panel  method.  The  configuration  is  represented  by  quadrilateral  panels  on  all  surfaces 
with  quadratically  varying  doublet  singularities  distributed  on  them.  The  vortex  core  is  modeled  as  a simple  line  vortex  that 
receives  vorticity  from  the  free  sheet  through  a connecting  kinematic  sheet.  The  set  of  nonlinear  equations  is  solved  by  an 
iterative  procedure,  starting  with  an  assumed  initial  geometry. 
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Figure  6 shows  the  paneling  arrangement  used  on  the  wing.  Note  that  the  leading  and  trailing  edges  are  extended  to  a point 
rather  than  chopped  oft  to  form  a finite  tip.  This  should  have  only  a trivial  effect  on  the  answers  obtained.  The  fuselage  was  not  a 
part  of  the  current  model;  instead,  the  wing  external  to  the  body  was  moved  inboard  to  obtain  a more  realistic  model  of  the  wing 
alone.  A total  of  212  panels  were  used  for  this  solution:  63  panels  to  describe  the  wing,  108  panels  to  describe  the  rolled-up 
vortex,  and  41  panels  to  describe  the  wake.  The  current  version  of  the  program  is  restricted  to  incompressible  flow. 

The  separated-flow  computer  program  described  above  is  still  in  its  early  stages  of  development.  The  capability  for  handling 
wing  thickness,  camber,  and  twist  as  well  as  a fuselage  representation  are  now  beirg  added.  In  addition,  the  effects  of 
compressibility  (GiSthert  correction)  and  a new  vortex  model  are  being  incorporated. 


Figure  5.  - 3-D  Vortex  Program  Paneling  Scheme 


TEST-THEORY  COMPARISONS 

Tn«  utility  of  any  aerodynamic  theory  is  judged  by  its  ability  to  accurately  predict  flight  or  wind-tunnel  results.  Of  course, 
these  judgments  should  be  made  on  the  basis  of  theory-to-experiment  comparisons  for  configurations  and  flight  conditions 
similar  to  those  to  which  one  expects  to  apply  the  theory.  With  this  in  mind,  and  recognizing  the  limited  amount  of  detailed 
pressure  data  available  for  arrow-wing  configurations,  the  present  program  was  initiated  to  provide  basic  experimental  data 
and  to  examine  the  ability  of  some  of  our  more  common,  and  promijing,  theoretical  techniques  to  correlate  with  experiment. 

Theory-to-experimentcomparisons  were  made  over  a range  of  Mach  numbers  from  0.40  to  2.60  using  the  FLEXSTAB  system 
and  at  Mach  numbers  of  0.40  and  0.86  with  the  TEA-230  program.  Both  the  flat-  and  twisted-wing  configurations  were 
analyzed,  including  the  effect  of  deflecting  control  surfaces.  This  paper  concentrates  on  results  for  the  flat  untwisted  wing. 
Calculations  using  the  separated  vortex  method  are  I'mited  to  the  flat  wing  at  a Mach  number  of  0.40. 

To  get  an  idea  of  the  gross  aerodynamic  propertic  . , at  ison  m shown  in  figure  6 of  experimental  and  theoretical  normal 

force  and  pitching  moment  coefficients  over  the  range  of  MaJi  numbers.  Both  the  FLEXSTAB  and  TEA-230  calculations  are  in 
good  agreement  with  experiment  throughout  the  Mach  number  range  at  low  and  moderate  angles  of  attack.  However,  at 
moderate  angles  of  attack  the  agreement  is  fortuitous,  and  detailed  comparisons  of  surface  pressures  are  necessary  to  evaluate 
the  adequacy  of  these  theoretical  solutions  in  describing  the  load  distribution  on  the  suifaces. 
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Figure  6.  — Total  Normal  Force  and  Pitching  Moment  Coefficients,  Fiat  Wing 

A comparison  of  experimental  and  theoretical  surface  pressures  on  the  flat-wing  configuration  is  shown  in  figures  7 through 
10  for  four  Mach  numbers.  Wing  surface  pressures  at  three  spanwise  wing  stations  and  at  engies  of  attack  of  approximately  4° 
and  12°  are  shown.  At  the  low  angle  of  attack,  generally  good  agreement  with  experimental  results  was  obtained  by  the  use  of 
either  attached-flow  theory.  However,  the  lack  of  agreement  of  the  upper-surface  pressures  at  »r,e  most  outboard  station  at 
Mach  numbers  of  0.86  and  1.05  is  due  to  the  start  of  vortex  formation.  The  TEA-230  predictions  are  somewhat  better  near  the 
leading  edge  than  the  FLEXSTAB  results,  which  exhibit  the  typical  linear  theory  leading-edge  singularity. 


At  the  higher  angle  oi  attack  in  figures  7 through  10,  good  agreement  of  the  predictions  with  the  experimental  data  iB 
obtained  only  at  the  most  inboard  wing  section  (2y/b  - 0.20).  At  the  two  outboard  stations,  neither  the  PLEXSTAB  nor  the 
TEA-230  results  compare  well  with  experimental  data.  One  final  point  of  interest  with  respect  to  these  chordwise  pressure 
distributions  is  the  dimininhing  effect  of  the  k-Ading-edge  vortex  as  Mach  number  increases  from  1.05  to  2.50. 
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Figure  7.  — Surface  Pressure  Distributions,  Flat  Wing,  M 0.85 
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- Figure  8.  — Surface  Pressure  Distributions,  Fiat  Wing,  M * 1.05 
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Figure  9.  — Surface  Pressure  Distributions,  Fiat  Wing,  M = 1.70 
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Figure  10.  - Surface  Pressure  Distributions,  Flat  Wing,  M - 2.50 

The  span  wise  load  distributions  shown  in  figure  1 1 demonstrate  the  same  points  made  earlier  with  respect  to  the  chord  load 
distributions.  The  agreement  is  best  at  small  angles  of  attack  and  near  the  wing  root.  At  high  angles  of  attack,  the  theory 
generally  underpredicts  the  load  level  over  the  inboard  half  of  the  wing  and  overpredicts  it  outboard. 

The  discrepancies  between  theory  and  experiment  in  both  chordwise  and  spanwise  loading  are  obviously  caused  by  the 
development  of  a spiral  vortex  above  the  wing  leading  edge  at  relatively  low  angles  of  attack.  Plots  of  upper-surface  isobars  at 
Mach  0.40  can  be  used  to  better  illustrate  this.  Figure  12  shows  the  formation  of  the  vortex  on  the  rounded  leading- 
edge  fiat  wing.  Evidence  of  the  vortex  formation  is  first  seen  at  an  angle  of  attack  of  4°  and  is  clearly  evident  at  8°. 

The  development  of  this  vortex  with  angle  of  attack  is  influenced  by  both  the  sharpness  of  the  leading  edge  and  the  wing 
twist.  The  first  of  these  influences  can  be  seen  by  comparing  the  isobars  of  figure  12  with  those  of  figure  13,  which  are  for  the 
sharp  leading-edge  flat  wing.  The  vortex  is  more  developed  at4°  for  the  sharp  leading  edge  than  it  was  for  the  rounded  one  at  6° 
and  continues  to  develop  more  rapidly  with  angle  of  attack.  This  phenomenon  is  less  evident  at  the  higher  Mach  numbers. 


" Figure  13.  - Upper-Surface  Isobars,  Flat  Wing,  Sharp  Leading  Edge,  M **  0.40 

. Figure  14  iilustiwtr  « the  effect*  of  wing  tv  ‘*t  on  vortex  formation.  An  angle  of  attack  of  nearly  8®  i*  required  to  produce  the 
samekind  of  Isobar  configuration  d*  was  evident  at  4°  on  the  flat  wing.  Since  the  local  angles  of  attack  for  the  twisted  wing  are 
less  than  those  of  the  flat  wing,  this  behavior  is  expected. 
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Figure  14.  — Upper-Surface  Isoban,  Twisted  Wing,  Rounded  Leading  Edge,  M = 0.40 


It  is  abundantly  clear  by  now  that  the  flow  on  the  model  is  dominated  by  a separated  leading-edge  vortex  except  at  small 
angles  of  attack  and  that  the  attached  potential-flow  theories  do  not  adequately  predict  the  effects  of  the  vortex.  It  is  of  interest 
then  to  determine  what  improvements  one  can  achieve  if  this  vortex  is  accounted  for  in  the  theory.  Figure  15  has  been 
constructed  for  this  purpose.  Calculations  carried  out  using  the  method  of  reference  10  are  compared  with  experimental  data 
and  results  of  the  FLEXSTAB  program  for  a nominal  angle  of  attack  of  12°  for  the  flat  wing  with  sharp  leading  edge. 

The  comparison  between  experimental  data  and  3-D  vortex  results  is  surprisingly  good,  particularly  considering  the 
absence  of  the  body  in  the  theoretical  model.  Since  the  level  of  the  peak  lifting  pressure  is  generally  overpredicted,  it  is  likely 
that  the  vortex  is  actually  further  from  the  surface  than  the  theory  is  predicting.  Nevertheless,  the  results  are  encouraging  and 
the  accuracy  of  the  method  should  improve  through  further  development. 


Figure  15.—  Net  Pressure  Distributions,  3-D  Vortex  Program.  Fiat  Wing,  a - 12° 


The  effects  of  full-span  trailing-edge  control  deflection  on  the  pressure  distributions  are  particularly  interesting.  At  low 
deflections  and  angles  of  attack,  the  pressure  distributions  at  transonic  speeds  look  typical  of  those  for  wing-flap  combinations 
of  moderate  to  low  sweep.  For  the  higher  deflections  and  angles  of  attack,  the  loadings  at  the  inboard  wing  sections  are  still 
similar  to  those  of  moderately  swept  wings  with  controls  but,  on  the  outboard  sections,  the  distributions  resemble  those  of  the 
flat  wing  at  an  angle  of  attack.  The  increased  wing  circulation  due  to  control  deflection  apparently  causes  the  formation  of 
vortex  flow,  and  it  in  turn  causes  the  incremental  loading  due  to  outboard  cont.'ol-surface  deflection  to  be  obscured. 

Figure  16  (Mach  0.35)  shows  the  effects  of  deflecting  either  the  inboard  or  outboard  portion  of  the  trailing-edge  control 
surface,  as  compared'to  zero  deflection  and  full-span  deflection.  Only  the  upper-surface  pressures  are  shown  since  they  are  the 
most  important.  Two  particularly  interesting  items  are  the  carryover  effect  on  the  outboard  loading  caused  by  deflecting  only 
the  inboard  trailing-edge  control  surface  and  the  loss  in  effectiveness  at  12°  angle  of  attack  when  the  outboard  portion  of  the 
trailing-edge  control  surface  is  deflected.  This  loss  of  effectiveness  is  due  to  the  vortex  that  completely  dominates  the  flow  on  the 
outboard  region  of  the  wing. 
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Figure  16.  — Upper-Surface  Pressure  Distributions,  Effect  of  Traiiing-Edge  Control  Surtax  Deflection,  M = 0-85 


The  phenomena  just  described  may  perhaps  be  gresped  more  easily  from  the  spanload  plots  given  in  figure  17.  It  clearly 
shows  the  incremental  loading  due  to  inboard,  outboard,  and  full  span  control  surfaces  at  4°  angle  of  attack  whereas  at  12°  the 
curves  for  zero  and  outboard  control-surface  deflection  are  essentially  the  same.  The  fact  that  the  inboard  and  full-ipan 
control-surface  deflections  yield  the  same  spanload  distributions  is  clear  evidence  of  the  ineffectiveness  of  the  outboard  control 
surface  at  high  angles  of  attack. 
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Figure  17.  — Spanload  Distributions,  Effect  of  Traiiing-Edge  Control  Surface  Deflection,  M * 0.85 
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Data  similar  to  thai  described  for  the  subsonic  Mach  number  is  shown  in  figures  18  and  19  for  Mach  2.1 . As  in  the  lower 
Mach  number  case,  the  inboard  control  surface  is  much  more  effective  thun  the  outboard  at  all  angles  of  attack.  However,  in 
contrast  to  the  low  Mach  number  results,  the  outboard  control  surface  still  retains  some  of  its  effectiveness  at  higher  angles  of 
attack  A reduction  of  the  induced  lift  over  the  forward  portion  of  the  wing  due  to  control-surface  deflection  coupled  with  the 
natural  weakening  of  the  leading-edge  vortex  with  increasing  Mach  number  are  probably  responsible  for  this  effect. 

The  attached-flow  theories  have  been  used  to  predict  pressure  distributions  with  the  trailing-edge  control  surface  deflected. 
The  data  shown  in  figure  20  for  three  Mach  numbers  (0.40, 0.85, 2. 10)  are  for  the  control  surface  deflected  2.3°  and  the  model  at 
0°  angle  of  attack.  The  station  at  2y/b  = 0.05  is  used,  since  th«  agreement  between  theory  and  experiment  is  typical  of  that 
obtained  at  other  spanwise  stations.  The  calculations  from  TEA-230  are  included  only  for  Mach  0.40.  It  is  apparent  that  the 
prediction  of  the  pressures  at  the  leading  edge  and  at  the  hingeline  are  much  better  with  this  method.  FLEXSTAB  overpredicta 
the  pressure  on  the  control  surface  at  all  Mach  numbers  shown,  although  at  this  angle  of  attack  the  distribution  forwed  of  the 
hingeline  is  quite  good  except  at  the  leading  edge. 
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Figure  18.  — Upper-Surface  Pressure  Distributions,  Effect  of  Trailing-Edge  Control  Surface  Deflection,  M =2.10 
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Figure  19.  - Spanload  Distributions.  Effect  of  Trailing-Edgs  Control  Surface  Deflection,  M -2.10 
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Figure  20.  — Surface  Pressure  Distributions,  Fiat  Wing,  2y/b,  = C.65,  <J  =■  S30, 


a =o° 


The  preceding  comparisons  ha ve  shown  that  the  attached-potential-flow  theories  are  able  to  predict  experimental  pressures 
for  this  configuration  at  only  small  angles  of  attack  and  control-surface  deflections.  The  effects  of  Mach  number  do  not  appear  to 
be  particularly  noticeable  in  the  data  at  Mach  1.05  and  below.  However,  it  is  quite  evident  for  Mach  numbers  of  1.7  and  above 
that  the  character  of  the  experimental  chordwise  pressure  distributions  are  changing  at  the  strength  of  the  loading-edge  vortex 
diminishes.  The  test-theory  comparisons  at  Mach  1.05  were  generally  as  good  as  those  at  the  subsonic  Mach  numbers. 

There  were  no  large  differences  between  the  TEA-230  and  the  FLEXSTAB  results  in  comparison  with  experiment.  TEA-230 
with  its  on-the-surface  paneling  and  boundary  conditions  predicted  more  closely  the  correct  pressures  near  the  wing  leading 
edge  and  on  the  deflected  control  surface  than  did  the  linearized  FLEXSTAB.  For  configuration  development  at  subsonic 
epeeds,  the  TEA-230  method  is  preferred  to  the  FLEXSTAB  method  because  of  its  ability  to  better  predict  detailed  surface 
pressures.  For  calculating  load  distributions,  the  FLEXSTAB  method  is  generally  as  adequate  as  the  TEA-230  method  and  is 
easier  to  implement.  It  is  also  applicable  at  supersonic  speeds  and  includes  the  required  aeroelastic  solution. 

EMPIRICAL  CORRECTIONS 

For  many  conditions  the  available  theories  do  not  give  adequate  results  for  detail  design.  The  aeroelastic  solution  provides 
the  means  for  translating  tho  aerodynamic  load  distributions  obtained  from  wind-tunnel  tests  on  a single  shape  to  the  load 
distributions  on  the  elastically  deformed  airplane.  Equations  are  used  that  relate  the  changes  in  local  aerodynamic  pressure  to 
changes  in  structural  deformations.  It  is  desirable  to  introduce  aerodynamic  corrections  based  on  experimental  data  that  would 
improve  the  accuracy  of  the  theoretical  estimate  of  elastic  increments.  The  range  and  scope  of  these  corrections  vary  greatly  in 
complexity  and.  for  low-aspect-ratio  configurations,  their  utility  has  not  been  established. 

The  simplest  type  of  elastic  correction  is  to  scale  experimental  aerodynamic  parameters  by  the  ratio  of  theoretically 
calculated  elastic-to-rigid  values  of  the  parameter  in  question.  This  scheme  has  limited  value  for  structural  design  because  it 
does  not  provide  an  improvement  of  the  load  distribution.  A very  successful  method  that  has  been  well  developed  for 
high-aspect-ratio  surfaces  at  subsonic  speeds  has  been  to  scale  wing  section  characteristics  along  the  span  of  the  wing.  Ideally,  a 
method  to  correct  low-aspect-ratio  aerodynamics  should  influence  both  chordwise  and  spanwise  loadings. 

Since  many  low-aspect-ratio  aerodynamic  methods  used  for  elastic  predictions  are  based  on  some  sort  of  aerodynamic 
influence  coefficient  (AIC)  matrix,  a method  that  modifies  elements  of  the  AIC  matrix  should  prove  useful.  However,  in  such  a 
matrix  correction  scheme,  there  are  always  more  unknown  correction  factors  than  equations  available,  requiring  a number  of 
assumptions  to  obtain  a solution.  Table  3 summarizes  schemes  used  for  matrix  corrections. 

For  this  configuration,  matrix  correctors  do  not  solve  the  problems.  At  small  angles  of  attack,  where  the  experimental  data 
are  most  nearly  linear,  attached-flow  theory  without  modification  predicts  the  pressure  distributions  quite  well.  At  higher 
angles  of  attack,  the  flaw  is  nonlinear  and  linear  corrections  to  the  theory  do  not  improve  the  prediction. 

Examples  of  the  variation  of  upper-surface  pressure  coefficients  with  angle  of  attack  for  several  Mach  numbers  are  shown  in 
figure  21.  Several  chordwise  locations  on  a typical  spanwise  station  illustrate  the  region  of  linearity  at  low  angles  of  attack  and 
why  linear  corrections  will  not  improve  the  match  at  higher  angles  of  attack.  The  pressure  coefficients  on  the  lower  surface,  a» 
well  as  the  resulting  net  pressures,  are  just  as  nonlinear. 

In  practice,  theoretical  results  are  used  mainly  to  correct  experimental  data  from  a rigid  wind-tunnel  model  for  the  effects  of 
the  elastic  deformation  of  the  flight  airframe.  Examples  of  this  procedure  are  shown  in  figures  22  and  23  for  Mach  0.85  and  2.1 
atan  angle  of  attack  of  8°.  Here  experimental  data  is  taken  for  the  flat  wing  (rigid  model).  A theoretical  increment  calculated  for 
the  known  twist  of  the  model  (supposed  elastic  deformation)  is  added  to  obtain  the  predicted  distribution.  This  result  is 
compared  with  the  twisted-wing  data  at  the  same  angle  of  attack  (deformed  airframe)  Three  spanwise  locations  are  shown.  The 
section  at  rj!h  =>  0.35  is  typical  of  the  other  inboard  stations.  The  error  in  predicting  the  pressure  distribution  is  small, 
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primarily  because  the  ml  stive  twist  in  this  region  is  small.  However,  there  are  significant  differences  at  the  midspan  and 
outboard  stations  between  the  experimental  flat-wing  data  theoretically  corrected  for  twist  and  the  experimental  twisted-wing 
data.  This  is  because  the  twist  has  changed  the  location  and  strength  of  the  leading-edge  vortex.  The  theoretical  corrections  are 
linear  and  work  only  on  those  cases  where  the  actual  flow  changes  are  also  linear. 

This  example  is  indicative  of  the  type  of  problems  that  must  be  overcome  before  a reliable  prediction  scheme  for  aerodynamic 
increments  due  to  elasticity  is  available.  These  results  also  indicate  that  the  use  of  empirical  corrections  in  the  aeroelastic 
solution  to  calculate  flexible  airplane  loads  is  extremely  risky,  and  much  research  is  necessary  to  develop  a practical  method  of 
using  such  corrections. 


Table  3.  - Experimental  Corrections  to  Aerodynamic  Influence  Coefficient  (AICI  Matrix 


Panel  load,  L = f (incidence  of  all  panels) 


Genera!  problem 


& 

"cnAn 

C]2At2  ' 

* C1NA!N 

& 

*C2IA21 

f Cp2^22  ^ 

* C2NA2N 

da 

* Ctl  1 an 

* CN2AN2  • 

• cnnann 

j1-}  =1  M M 


Ajk  - analytically  derived  coefficients 
of  the  AIC  matrix,  effect  of  panel 
k on  panel  j.  L/q  per  radian 


coefficient,  area 

Of  • panel  angle  of  attack,  radians 
C * correction  factors 


N equations  available 


N*  unknowns 


• Assumptions  are  necessary  to  solve 


Types  of  simpMied 
equations 

Equations 

Type  Of  Solution 

Assumptions 

Scaling 

l&HHH 

One  equation 

C^  (experimental) 

Distribution  is  correct, 
magnitude  may  be  in  error, 
equal  collection  at  alt 
panels 

Ci  (analytical) 

-or 

Row  correction 

Separate  linear  equations 

c"  ©)/?,  V 

Equal  corrections  apply 
to  loads  induced  on 
panel  j by  both  local 
and  remote  points 

Column  correct.on 

(-)ffi  H 

Simultaneous  linear 
equations 

M-H"N 

Equal  corrections  apply 
to  loads  induced  by 
panel  j on  both  local 
and  remote  points 

Product  correction 

IsHffiW 

Simultaneous  nonlinear 
equations 

Iterative  solo' on 

Correction  applied  to 
both  local  and  remote 
points  proportional  to 
product  of  local  factors 

Combination  of  row 
and  column  methods 

o M = 0.40  At  M=  1.70 

-o-  M = 0.85  -or  M = 2.50 


O-  M = 1.05 

x/c  = 0.025  x/c  = 0.175  x/c  = 0.600 


Figure  21.  — Typical  Variation  of  Upper-Surface  Pressure  Coefficients  With  Angie  of  Attack,  2y/b  = 0.65 
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o FLAT  WING 
-- o— TWISTED  WING 


EXPERIMENT 


TWISTED  WING,  PREDICTED 


FRACTION  OF  LOCAL  CHORD,  x/c 


Figure  22.  - Pseudo -A eroelastic  Predictions,  M - 0.85,  a = 8° 


o FLAT  WING 
-H>-TWISTED  WING 


EXPERIMENT 


TWISTED  WING.  PREDICTED 


0 .5  1.0  .5  1.0  .5  1.0 

FRACTION  OF  LOCAL  CHORD,  x/c 


Figure  23.  - Pseudo-Aeroelastic  Predictions,  M * 2. 10,  a=  8° 


CONCLUDING  REMARKS 

It  has  been  shown  that  the  attached-potential-flow  methods  can  yield  good  agreement  with  experimental  data  for  this  type  of 
configuration  at  low  angles  of  attack  only.  These  analyses  are  generally  adequate  for  the  evaluation  of  a configuration  at  cruise 
conditions  (load  factor  one).  At  critical  structural  and  control  design  conditions,  which  usually  involve  large  angles  of  attack 
and/or  large  control-surface  deflections,  the  attached-flow  theories  ire  completely  inadequate.  Attempts  to  introduce  empirical 
corrections  to  improve  this  situation  have  been  unsatisfactory. 

The  one  comparison  (M  = 0.4)  of  experiment  with  a detached-flow  theory  indicates  much  better  agreement  than  the 
attached-flow  theories.  Further  development  of  this  type  of  analysis  technique  appears  to  be  the  only  hope  for  predicting 
the  aerodynamic  loads  on  highly  swept,  low-aspect-ratio,  flexible  airplanes  with  the  accuracy  required. 
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Summery 

Three  dimensional  oupemonic  flows  about  aircrafts  or  re-entry  ter. ides  are  ocmpu ted  by  a mar- 
ching technique  aZang  the  body  axis.  Beside  the  well  known  features  of  those  flows  (ZD  bow  and 
irbediied  shocks,  entropy  layers...)  difficulties  arise  when  the  body  surface  presents  lines  of 
discon tinous  variations  of  its  slope  (as  for  excm’plc  in  the  case  of  a cone  sliced  with  a plane ) 
It.  ia  he iv  shown  that  the  numerical  prediction  of  the  pressure  at  the  body  acmes  out  quite 
wrong  if  the  elope  discontinuities  of  the  surface  of  the  body  are  not  taken  in  the  proper  ocn- 
szderation.  /t  methodology  is  given  in  order  to  implement  easily  the  capabilities  of  existing 
computer  pivgrams  in  case  of  these  kinds  of  bodies.  It  is  based  on  the  explicit  computation  of 
the  flow  properties  on  the  two  sides  of  the  discontinuity  at  the  body  by  using  there  a local 
analysis.  Comments  on  this  matter  atvi  given  and  supported  by  the  results  of  numerical  expert  - 
wonts. 


1)  INTRODUCTION 

Attention  is  paid  today  to  a family  of  reentry  vehicles  which  may  be  controled  in 
their  trajectory  by  means  of  very  simple  lifting  devices.  The  geometry  oi  these  vehicles 
is  quite  simple;  the  are  shaped  as  blunted  and  relatively  short  eonos  (generally  circu  - 
lar) , which,  in  the  after  body  section,  present,  flat  surfaces  (obtained  by  intersecting 
the  originai  cone  with  planes  parallelto  the  cone  axis) . 

Part  of  the  flat  surfaces  may  be  moved  in  a flap  fashion, in  order  to  generate  the 
required  aerodynamic  forces  needed  for  controling  the  vehicle.  The  sketch  of  Fig.  1 shows 
a typical  configuration. 

It  should  be  outlined  that  the  computational  methods,  used  in  evaluating  the  surface 
pressure  on  these  vehicles,  must  be  quite  accurate.  In  fact  small  errors  in  the  predicted 
pressures  may  give  a wrong  prediction  of  the  maneuvering  capabilities  of  such  vehicles. 

If  we  look  at  the  cross-section  in  the  afterbody  of  such  a vehicle,  we  may  see  a 
discontinuity  in  the  slope  of  the  contour;  just  where  the  flat  surface  intersects  the  co 
ne  surface.  We  will  call  hereafter  "discontinuity  line"  (d.l.),  the  line  representing 
this  intersection. 

If  the  usual  3D  computational  methods  are  carried  on,  without  any  provision  about 
the  d.l.,  it  will  be  shown  in  the  following  that  the  predicted  results  are  far  from  what 
it  should  be  expected.  This  is  in  agreement  with  a general  concept,  supported  in  many 
papers  (see  for  example  Ref.  1,2):  shock  waves,  contact  discontinuities  , discontinui  - 
ties  at  the  boundaries  and  others,  need  a local  analysis  and  the  explicit  numerical  trea 
tment,  in  order  to  get  accurate  and  reliable  results. 

However,  the  more  complicated  is  the  discontinuity  (as  for  example  3D  imbedded 
shocks) , the  more  sophisticated  and  cumbersome  turns  out  to  be  the  procedure  in  writing 
the  computer  code.  In  the  present  case,  the  "discontinuity  line"  pertains  to  the  group 
of  relatively  simple  discontinuities,  so  that  the  explicit  treatment  does  not  require  com 
plicated  features  in  the  code.  The  purpose  of  this  paper  is  the  presentation  of  an  algo- 
rithm (explicit  treatment  of  the  discontinuity  line) , which  may  be  applied  quite  easily 
to  existingcomputer  codes.  The  price  to  be  paid  in  implementing  the  code  capabilities, 
consists  only  in  few  Fortran  statements,  added  here  and  there.  However  the  results  come 
out  definitely  as  more  reliable. 


2)  PRELIMINARY  CONSIDERATIONS 

In  order  to  understand  the  perturbations  originated  at  the  d.l.  we  start  with  a sim 
pie  problem. 

With  reference  to  Fig.  2,  we  imagine  a uniform  supersonic  flow  over  a flat  plate .At 
the  station  z , a groove  has  been  cut  into  the  plate.  By  looking  at  the  longitudinal  sec 
tlon  (Fig.  2a°)  we  expect  a Prandtl-Meyer  expansion  fan  generated  at  z (more  precisely, 
a quasi  P.M.  fan,  because  of  the  3D  effects) . Moreover?  so  far  the  component  of  the  flow 
velocity,  upstream  of  the  d.l.  and  normal  to  it,  is  supersonic  (M  > 1),  we  expect  expan- 
sion fans  centered  all  over  along  the  d.l.  The  isobars  pattern  inn  a cross  section  (nor- 
mal to  z) , should  look  as  in  Fig.  2b.  The  top  view  is  shown  in  Fig.  2c, 

The  flow  on  the  d.l.  appears  then  to  be  described  by  a set  of  double  value  points 
(the  upstream  ones,  and  the  ones  immediately  downstream  of  the  d.l.). 

When  we  tried  to  compute  this  flow  fiela  (geometry  of  Fig.  2)  , without  any  particu 
lar  numerical  provision  related  to  the  d.l.,  we  got  the  pressure  distribution  at  the  bo- 
dy, which  looks  as  the  dotted  lineinflg.  3,  No  numerical  oscillations  appear  in  the  re  - 
suits,  despite  the  existance  of  the  d.l. Of  course  this  fact  should  not  lead  to  the  wrong 
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conclusion  that  the  results  are  good.  In  fact,  let  us  anticipate  the  results  obtained 
with  the  proper  numerical  treatment  at  the  d.l.,  which  we  think  as  correct  and  which  arc 
reported  in  Fig.  3 by  the  solid  line.  The  difference  is  really  remarkable. 

In  order  to  emphasize  what  kind  of  mistake  one  does,  by  neglecting  the  d.l.,  we 
would  like  to  show  some  further  results  about  an  oversimplified  example:  the  2D  flow  ex- 
panding over  a sharp  corner.  In  this  case  we  known  the  theoretical  pressure  distribution 
along  z. 

We  did  two  series  of  computations;  we  started  the  integration  by  marching  along  z, 
just  ahead  of  the  corner  (uniform  undisturbed  flow)  and  just  behind  it  (uniform  flow  , 
except  at  the  body  where  the  velocity,  tangent  to  the  wall,  and  the  pressure  are  compu  - 
ted  according  to  the  P.M.  analysis)  . 

Furthermore  we  assumed  Dz  intervals  at  each  step  of  the  integration  reduced,  with 
respect  to  the  (Dz) determined  from  the  stability  criterion,  by  the  factor  a (Dz  = 

a • DZpCL) . The  plots  of  Fig.  4,5  show  the  pressure  distributions  along  z for  supersonic 
(Mm  - **2)  and  hypersonic  (Mfc  = 10)  flows . Because  the  reference  length  is  given  by  the 

mesh  interval  along  x,  we  have  reported  z*  = z/Dx  being  Dx  the  interval  at  the  starting 
station) . 

The  results  obtained  by  starting  just  ahead  of  the  corner,  without  any  explicit 
treatment,  are  reported  by  the  solid  lines  in  Fig.  4,5,  whereas  the  points  refer  to  the 
case  computed  with  the  P.M.  analysis.  We  may  observe  that  a large  delay  in  z*  is  needed, 
in  order  to  adjust  the  pressure  level  at  the  wall,  in  the  first  case.  The  delay  tends  to 
decrease  by  marching  with  smaller  Dz;  however  no  improvement  is  practically  achieved  for 
a less  than  0.2.  The  pressure  evolution  may  be  monotonic  (hypersonic  flow)  or  may  show 
remarkable  undershoots  (supersonic  flow) . In  any  case  the  prediction  of  pressure  at  rela 
lively  short  distance  from  the  corner  is  completely  wrong.  Different  conclusions  are 
drawn  when  the  P.M.  analysis  is  used;  except  for  a = 1 at  Mw  = 1 0 the  agreement  with  the 
theoretical  value  is  quite  good. 

We  think  that  these  preliminary  considerations  make  clear  that  a good  computation 
must  include  the  proper  treatment  at  the  d.l.,  by  putting  there  a double  value  point. 


3)  EQUATIONS  ANT;  NUMERICAL  APPROACH 

We  present  in  this  paper  numerical  results  for  supersonic  flow  ever  a plate  with  a 
groove  and  about  a sliced  cone.  Just  for  the  sake  of  simplicity,  we  give  hereafter  the 
equations  for  the  first  geometrical  configuration  (where  a cartesian  frame  of  reference 
is  assumed).  The  extension  to  the  sliced  cone3  geometry  (cylindrical  frame)  is  obvious. 

First  we  write  the  equations  used  in  the  integration  of  the  grid  computational 
points.  We  give  then  the  equations  used  for  computing  the  flow  properties  on  the  upstream 
side  of  the  d.l.  Finally  the  local  analysis  is  shown,  in  order  to  relate  the  flow  pro- 
perties on  the  two  sides  of  the  d.l. 


3.1.  Grid  Points 

The  Euler  equations  are  written  in  thecartesian  frame  (x,y,z),  and  the  stream  line 
slopes  { ff  = u/w,  t = v/w)  are  introduced,  instead  of  the  usual  components  of  the  velocity. 
Ail  the  variables  have  bean  normalized  as  reported  in  Ref.  3. 

We  consider  the  flow  field  in  the  region  bounded  by  the  upper  limit  c(z),  the  body 
contour  b(y,z),  the  symmetry  line  (at  the  left)  and  the  undisturbed  right  boundary  (see 
Fig.  6). 

Then  we  introduce  the  computational  frame  (X,Y,Z),  defined  as; 


The  equations  of  motion  come  out  was; 

a2 

(1  - =y)  Pz  + BPX  + TPy  + yDox  + Y"y  + Ftx  = 0 
w 

(D  os  + Aaz  + + CPX  - pz  = o 

H + A*X  + TTY  + EPX  + 7 VPY  ' 7 4 PZ  = 0 

w w 

where ; 

P ""In  p?  a = /yT;  T * exp 
D « i/(c-b) 

C = (X-1;by  - XCy  ; H = <X-1)bz  - X C2 
A " D (c+t  G+H) ; B = A - — OH 
2 * 2 

C * 2.  a (1  _ sH);  E = § (1  - tH)j  F s yPG 

Y w4*  Y 

Eq.  1 are  used  for  evaluating  the  derivatives  P„,  e,,  t„,  at  the  interior  points;  the  in 
tsgration  is  carried  on  by  a marching  technique^alcng  2,  according  to  a two-level  (prodic 
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.,or-corrector)  scheme  (Ma-  Cormack) .At  the  3eft  boundary  we  used  the  same  procedure  as 
at  interior  points, because  ofthe  symmetry  condition.  At  the  right  boundary  the  undistur- 
bed flow  conditions  are  imposed  (we  will  confine  the  computation  to  the  value  of  z, where 
the  d.l.  reaches  this  boundary) .The  same  is  done  at  the  upper  boundary  c,  which  is  suppo- 
sed here  to  move  along  2 as  a characteristic  surface,  which  will  be  never  reached  by  the 
waves  generated  on  the  d.l.  At  the  body  we  follow  the  same  procedure  ad  reported  in  Ref. 
3.  A compatibility  equation  is  obtained  from  Eq.  1,  which  allows  to  evaluate  the  pressu 
re  derivative  with  respect  to  3: 

PZ  = " XPX  + ^X(CX  + G rX}  + Yfbzz  + 2Tbyz  + 'f2byy)  + 

(2)  2 2 

+ (r  ~ + G + y £ ty)  / {£j  0) 


where : 


(-(o+rG)  + 6) 


S = \/  — (<3+tG)2  + (^-  - 1)  ( 1 + G2) 

V a^  a' 

The  pressure  at  the  body  is  eomputedby  integrating  Eq.  2,  according  the  two-level  scheme 
as  at  the  interior  points.  ^ 

Ke  defined  at  the  body  the  two  components  u,  v\  of  the  velocity  contained  in  tn*-  cross 
-section  plane  (see  Fig.  7): 


£ 


— (cr-tb  );  V = — - (ob^+x);  v.  = Vi  4 b 

v-)  y v-|  / > y 


The  momentum  equation  in  the  direction  tangent  to  the  body  contour  (in  the  cross-section 
plane) gives! 


UvY  + *2  Py  "y2  (Tbyy  + bys)] 


By  integrating  Eq.  3,  one  gets  the  uptated  value  of  v’.  By  the  decoding  procedure, 
wich  is  based  on  the  tangency  condition  (A  * 0)  and  on  the  conservation  of  the  total  tem- 
perature (T°) , one  has: 

1 . , / 2 •'l,  o. 

u = <vvby  + bzYq  “ V )>  V « vlV  - u by 


w =Vq 


- u2  - V2  ; q2  = ^-(T’-T):  v = 


r 2 2 

1 + V + bz  • 


3.2.  The  upstream  point  on  the  d.l. 

We  have  already  anticipated  that  the  present  treatment  of  the  d.l.  holds,  provided 
that  the  flow  normal  to  the  d.l.  is  supersonic.  It  follows  that  the  computation  of  the 
flow  properties  at  the  point  U (Fig.  3)  is  only  depending  on  the  flow  at  the  right  side 
of  the  d.l.  We  compute  the  flow  here  by  writing  the  equations  of  motion  in  the  frame  of 
reference  (f,  n»  O moving  along  the  d.l.: 

. K r - b 

4 c - b!  n = y - yg  ; C = z 
where  the  d.l.  location  is  given  by  yg(z). 

A set  of  equations,  similar  to  Eq.  1 may  be  then  written.  The  compatibility  equation, 
wich  provides  the  variation  of  pressure  along  the  upstream  side  of  the  d.l.#  is: 

PC  = " XPX  + {yX(oX  + GtX}  + Y(bzz  + 2lbyz  + T*byy>  + 
a2  i a2 

«>  + (U-ysz(1  - Jj)>  5 + (G  + ysz(u+xG)))PY  + 

+ Y | t ) / (^  £) 
w 


The  momentum  equation,  corresponding  to  Eq.3,  results  now  as: 

2 A/ 

A.  A.  4 1 * *« 


v*c  “ -(<T-y8z)vy  + 


?v  - 7 {Tb^  + VJ 

1 
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By  using  the  same  procedure  as  at  the  body  grid  points,  one  may  compute  the  flow  proper- 
ties at  U.  In  the  presented  examples , being  zero  the  ^-derivatives  in  the  flowfield  up- 
stream of  the  d .1 . , we  may  avoid  this  procedure,  and  just  set  at  U the  indisturbed  flow 
conditions . 

However,  in  different  case6  (for  example  sliced  cones  at  incidence) , we  need  the  integra- 
tion of  Eq.  4,5.  One  may  even  think  to  determine  the  flow  at  U,  by  extrapolating  the  va- 
lues from  the  grid  points  at  the  right  side  of  the  d.l.;  our  experience  has  shown  that 
this  simple  procedure  may  give  some  numerical  problems. 


3.3.-  local  analysis  at  the  d.l. 


We  define  the  unit  vector,  j, 
the  upstream  velocity  (v)  along  "r 


tangent  to  the  d.l.  We  consider  then  the  component 
(v^t),  and  the  normal  component  (tt*)  . We  have: 


of 


t = t ^"i  + T23  + Tjlc  (given  by  the  geometry) 

V*  = ^.r  -•  UT^  + VT.,  + WT3 

u*  = y — v*t  ; u*  = y - v1''2' 


So  far  the  Mach  number  of  the  upstream  flow  normal  to  the  d.l.  (Mn,  Fig.  2c)  is  larger 
than  one,  wo  may  apply  the  Prandtl-Meyer  analysis  to  this  normal  flow,  which  experiments 
the  deflection  Av  and  the  abrupt  expansion  over  the  sharp  corner: 


where  tj  and  N.  denote  the  unit  vectorsnormal  to  the  surfaces  upstream  and  down  stream  of 
the  d.l.  From  the  P.M.  analysis,  one  gets  the  pressure  P.  at  the  downstream  point  D,  an£ 
the  velocity  component  ui',  normal  to  the  d.l.  and  directed  along  the  unit  vector  (N^  x x)  . 
The  velocity  , at  the  point  0,  is  then: 

V1  = ujj‘  (S1  x "r ) + v*"t 

Because  u*  and  v”,  and  the  component  of  the  vectors Tb  and  are  known,  one  may  soon  eva 
luate  the  velocity  components  (u,v,w)  and  the  streamline  slopes  («,t)  at  D. 

The  computational  points  U and  D move  in  the  fixed  grid  of  computational  points  at  X 
= 0 (fig.  6)  . 

Special  formulas  has  to  be  taken  in  order  to  evaluate  the  Y-derivatives  at  the  point 
U (Eq.  4,5)  and  at  the  grid  points  MSM,  MS  (Eq.  2,3),  in  order  to  avoid  derivatives  across 
the  discontinuity  and  to  save  theaccuracy,  whatever  is  the  position  of  the  points  U,  D in 
the  fixed  grid  (given  by  e in  Fig.  9) . The  formulas  we  have  used  have  been  suggested  in 
Ref.  5 in  the  case  of  computation  of  shocksf loating  in  fixed  grids. 


Numerical  results 

We  have  carried  on  computations  for  two  different  cases;  uniform  flow  over  a flat  pla 
te  with  a groove  and  about  a sliced  cone  (pointed  nose) . 

As  regards  the  first  case, we  refer  to  Fig.  2.  The  d.l.  has  been  chosen  as  the  hyper 
bola:  t 

ys  = z0  tan  p yj  (f-> 2 - 1 

The  groove  profile  in  the  (x,z)  plane  at  y = 0 (left  boundary  in  Fig.  6)  is  assumed  as; 

3 = is  (z-zo) 

The  groove  profile  in  the  cross  section  (plane  x,y)  is  given  by  a second  order  parabola: 

b = g (4-1) 

*s 

We  have  based  the  computations  on  the  following  data: 

ZQ  - .2  ) p = 38.66°  ; n = - .2 

The  results  have  been  plotted  (Fig.  10  11)  as  the  pressure  distribution  along  y at  diffe- 
rent stations  z,  for  Mb  = 2.  and  M = 10. 

The  solid  and  the  dotted  lines  refer  to  the  computations  respectively  with  and  without 
the  explicit  treatment  of  the  d.l. 

The  difference  between  the  two  computations  is  remarkable  for  Mw  = 2.  (fig.  10)  and 
awfully  large  for  Mk  = 10  (Fig.  11).  This  fact  may  be  justified  by  looking  at  the  results 
got  for  the  2D  flow  (Fig,  4,5)  where  the  delay  in  z,  for  readjusting  the  pressure  at  the 
right  level,  is  larger  at  higher  Mach  number. 

We  have  then  computed  the  flow  about  a 5°  cone  (pointed  nose)  with  the  slice  as 
shown  in  Fig^  1,  for  Mw  a 8.  The  results  (pressure  at  the  body  along  0)  are  reported  in 
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Fig.  12.  We  find  here  the  same  trend  shown  in  the  first  example.  The  fact  that  at  larger 
2,  the  dotted  line  denotes  rather  low  pressure  levels,  may  be  easiyl  related  to  the  under 
shoot  shown  in  Fig.  4.  This  is  put  in  evidence  in  Fig,  13,  where  the  pressure  evolution 
along  z is  given,  at  the  symmetry  plane  (0  = 0) . Once  again  the  delay  is  quite  remarka- 
ble for  the  dotted  line;  whereas  for  the  solid  lines  is  negligibile  (as  in  Fig.  4);  the 
weak  and  smooth  pressure  increase  may  be  ascribed  to  the  3D  flow  effects. 

Finally  we  would  like  to  mention  that  all  these  computations  have  been  repeated,  by 
doubling  the  number  of  the  computational  points  in  the  Y direction.  The  results  are  prac 
tically  the  ones  got  with  few  points,  except  small  improvements  in  some  case,  due  to  toe 
better  flow  description  in  regions  of  sharp  gradients  (in  Y) . 


REFERENCES 


PIG.  8 


13-1 


A METHOD  FOE  ESTIMATING  THE  LOADING  DISTRIBUTION 
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SUHHABT 

The  three-diaensional  flow  over  long  slender  bodies  of  revolution  at  high  angles  of 
attack  is  treated  by  relating  it  to  the  oscillatory  two-dinensional  flow  over  a circular 
cylinder  noraal  to  the  streaa.  The  approach,  which  can  be  considered  as  a 
re-interpretation  of  Allen  and  Perkins'  description  of  the  cross-flow,  leads  to  siaple 
algebraic  expressions  for  the  local  noraal  and  side  forces  as  functions  of  the  cross-flow 
Strouhal  nuaber  and  the  ratio  d/1  (where  d is  the  body  dianeter  and  1 is  the  pitch  length 
of  the  Karaan  vortex  street  observed  in  the  cross-flow  plane).  A Fortran  IV  coaputer 
prograa  has  been  generated  for  deteraining  these  forces,  once  a proper  value  is  specified 
for  the  ratio  d/1.  Saaple  solutions  have  been  coaputed  and  are  coapared  with  experiaent. 

The  analysis  reveals  that  snail  changes  in  the  applied  value  of  the  ratio  d/1  can 
result  in  large  changes  in  the  predicted  magnitude  of  the  forces,  particularly,  of  the 
noraal  force.  The  effects  of  boundary-layer  displacenent  thickness,  location  of  the  point 
at  which  separation  of  the  shear  layers  begins,  and  the  iapulsiveness  of  vortex  shedding 
are  studied  and  discussed. 

coaparisons  with  experiaental  data,  obtained  at  Mach  0.5  at  a Reynolds  nuaber  1.4x10* 
based  on  aazinua  dianeter  and  free  strean  flow  conditions,  show  good  predictions  of  the 
noraal  force  coefficient  and  its  centre  of  pressure  location  for  a variety  of  body  lengths 
and  nose  shapes  when  a specific  value  of  the  ratio  d/1  is  applied.  Soae  explanation  is 
offered  where  discrepancies  are  encountered  in  predicting  the  noraal  force  coefficient. 

Qualitatively  good  agreenent  is  obtained  between  theoretical  and  experiaental  values 
of  the  side  force.  Quantitatively,  the  agreeaent  can  only  be  described  ns  fair.  The 
cause  is  linked  with  the  inability  of  the  present  aethod  to  deteraine  the  location  of  the 
onset  of  flow  separation  accurately  since,  in  practice,  this  point  appears  to  be 
influenced  by  aicroscopic  surface  non-uniforaities  or  bleaishes.  Furthernore,  all 
contributions  due  to  the  skin-friction  forces  have  been  neglected.  While  such 
contributions  constitute  only  a saall  portion  of  the  noraal  force  they  aay  fora  a 
significant  part  of  the  side  force.  This  latter  deduction  is  supported  by  the 
experiashtal  evidence  of  the  existence  of  a not  inconsiderable  rolling  aoaent  which,  on  a 
body  of  revolution,  can  only  arise  froa  the  action  of  surface  shear  stresses. 


LIST  OF  SIMBOLS 

d,d(x)  body  dianeter  as  a function  of  x 

daax  naxi’aun  body  dianeter 

a aodel  angle  of  attack  relative  to  free  streaa  at  infinity-  degrees 

x,y,x  orthogonal  systea  of  body  axes  'See  Figure  1) 

U free  strer.n  velocity  at  infinity 

P free  streaa  density  at  infinity 

Go  strength  of  a fully  developed  vortex  shed  into  the  wake 

G,G (x)  local  circulation  at  statiop  x 

<*>*2irn  shedding  frequency-  radians/sec 

n shedding  frequency  -vortices  of  like  sence/sec 

h width  of  the  Karaan  vortex  street 

1 pitch  length  of  the  Karaan  vortex  street 

d/1  ratio  of  the  body  diaaeter  to  the  pitch  length  of  the  Karaan  vortex  street 

a*1,3,5...  integer  representing  the  iapulsiveness  of  vortex  shedding 
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dg/dx 
H,  Y 
CY  (X) 

CY=Y/qS 

N{*) 

CH  (X) 

CN=N/qS 

CPU 

4> 

P(x) 

S = Ttdmax*/4 
q = plF/2 
D1 
02 
D3 
U2 
\ 

Be  * Ud/v 

s=nd/0 

s' 

He* 

\P/k1 

xl 

5 =x-x 1 

LB 

LN 

d'(x) 

d*,  dl*,  d2* 
<t>* 


average  rate  of  vortex  shedding  (see  Section  2.1) 

overall  nornal  and  side  forces 

local  side  force  coefficient  « Y(x).dnax/qS 

overall  side  force  coefficient 

local  normal  force 

local  nornal  force  coefficient  = N (x) .dmax/gS 
overall  normal  force  coefficient 

location  of  the  centre  of  pressure  of  the  noraal  force  froa  the  apex-  daax 
roll  angle-  degrees 

Hunk's  potential  contribution  to  the  local  noraal  force 
aaxiaua  cross-sectional  area  of  body 
dynanic  pressure 

skin  friction  contribution  to  the  cross-flow  force 
ispulsive  vortex  shedding  contribution  to  the  cross- flow  force 
Karman  vortex  street  contribution  to  the  cross-flow  force 
advance  velocity  of  the  Karaan  vortex  wake-  see  Section  3.4 
weighting  factor  defined  in  section  3.1 

Beynolds  number  based  on  diameter  of  body  and  free  streaa  conditions 
Strouhal  nuaber 

cross-flow  Strouhal  nuaber  defined  in  Eg.  3.3-3 
cross-flow  Beynolds  nuaber  defined  in  Eg.  3.3-4 
parameters  defined  in  Section  4. 1 

distance  from  the  apex  at  which  station  flow  separation  begins 
distance  along  the  x-axis  froa  the  station  at  '-hich  flow  separation  begins 
overall  length  of  body 
length  of  nose  section 

indicates  differentiation  of  d (x)  with  respect  to  x 
boundary-layer  displacement  thickness-  see  Section  4.3 
roll  rate  -deg/sec. 


Abbreviations 


|c.f . 

cross-flow 

1 2D 

two-dimensional  flow 

1 3D 

three-dimensional  flow 

1.0  INTRODUCTION 

Experiaents  on  long  slender  bodie.s  of  revolution*"*  show  that  in  certain  cases 
depending  on  angle  of  attack,  Reynolds  nuaber,  body  length,  Hach  number  and  nose  aper 
angle,  a large  side  force  - i.e.  a force  which  acts  noraal  to  the  plane  of  syaaetry 
containing  the  Axis  of  the  body  and  the  free  stream  velocity  vector-  aay  develop  ir 
addition^  to  the  noraal  force  in  the  plane  ^>f  syaaetry.  The  present  investigation  is  an 
attempt  at  formulating  a mathematical  model  of  the  flow  field  that  can  account  for  tb« 
asymmetric  side  force  and  provide  a basis  for  estimating  the  magnitude  of  both  the  normal 
and  side  forces. 
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Allen  and  Perkins’  extended  the  f tlly-attache*  linear  Hoc  theory  of  dunk10  by 
developing  the  crt-.s-flo"  draq  concept.  Their  prediction  of  the  normal  force  as  the  s a 
of  Sunk‘s  potential  term  and  an  average  cross-flow  drag  terr  agrees  well  with  some 
experiments  as  shown  in  Reference  9.  The  cross-flow  drag  tern  originates  from  the 
separation  and  subsequent  roll-up  above  the  body  of  the  shear  layers  developing  from  the 
windward  generator.  Kelly**  improved  the  above  aethod  by  substituting  an  expression  for 
the  cross-flow  drag  derived  froa  Schwabe's  experiments**  on  cylinders  impulsively  set  in 
motion  from  rest  instead  of  applying  the  steady  state  value  used  by  Allen  and  Perkins. 
Kelly  further  suggested  using  the  respective  cross-flow  drag  coefficient  pertaining  to 
laminar  or  turbulent  flow.  A second  correction  adopted  by  Kelly,  used  also  by  Hill**,  was 
the  addition  of  a term  to  the  potential  flow  solution  to  account  for  the  boundary-layer 
growth.  Kelly  and  Hill  argued  that  the  growth  of  the  bounda-y  layer  increases  the 
effective  cross-sectional  area  of  the  body  and  results  in  increased  lift. 

The  above  analyses  predict,  with  varying  degrees  of  accuracy,  the  non-linear 
variation  of  the  normal  force  with  angle  of  attack.  However,  none  gave  any  consideration 
to  the  process  of  development  or  estimation  of  the  side  force. 

Hare  recertly,  Thomson*’  developed  a formula  for  predicting  the  maximum  and  minimum 
side  force  which  could  act  on  an  inclined  body  of  revolution.  However,  the  effects  of  the 
various  parameters  that  give  rise  to  the  normal  or  side  forces  have  not  been  separated  to 
enable  evaluating  their  individual  contributions. 

In  the  present  paper,  an  attempt  is  made  at  isolating  the  effects  of  such  parameters 
as  the  Reynolds  number,  the  impulsiveness  of  vortex  shedding,  the  axial  station  at  which 
vortex  shedding  begins,  body  length,  boundary-layer  growth  and,  most  importantly,  the 
relationship  between  the  dimensions  of  the  wake  and  those  of  the  body  on  the  development 
of  the  normal  and  side  forces. 

As  centioned  earlier,  the  mathematical  model  used  herein  stems  froa  the  description 
of  the  physical  flow  outlined  in  Reference -9.  Allen  and  Perkins  noticed  the  existence  of 
a certain  *ic.lnay  between  the  cross- flow  at  various  stations  along  an  inclined  body  of 
revolution  and  the  development  with  time  of  the  two-dimensional  flow  about  the  impulsive 
normal  cylinder,  i.e.  a cylinder  impulsi/ely  set  in  motion  from  rest  in  a direction 
normal  to  its  axis.  To  quote,  "....this  analogy  may  be  seen  by  considering  the 
development  of  the  cross-flow  with  respect  to  a co-ordinate  system  that  is  in  a plane 
normal  to  the  axis  of  the  inclined  body  moving  downstream  with  a velocity  U.cosa  {See 
Figure  1}.  The  cross-flow  velocity  is  U.sina.  At  any  instant,  during  the  travel  of  the 
above  plane  froa  the  nose  towards  the  base  of  the  body,  tte  trace  of  the  body  in  this 
plane  is  a circle  and  the  cross-flow  pattern  within  the  plane  may  be  compared  with  the 
flow  pattern  about  a circular  cylinder  normal  to  the  flow.  Neglecting,  for  the  moment, 
the  effect  of  taper  over  the  nose  portion,  it  might  be  anticipated  that  over  successive 
downstream  sections  the  development  of  the  cross-flow  with  distance  along  the  body  as  seen 
in  the  moving  plane  would  appear  similar  to  that  which  would  be  observed  with  the  passage 
of  time  for  a circular  cylinder  impulsively  set  in  motion  from  rest  with  a velocity 
U.s3na.  Thus  the  flow  in  the  cross-plane  Cor  the  most  forward  sections  should  contain  a 
pair  of  symmetrically  disposed  vertices  on  the  lee  side.  These  vortices  should  increase 
in  strength  as  the  plane  moves  rearward  and  eventually,  if  the  body  is  long  enough  or  the 
anglu  of  attack  is  sufficiently  high,  should  discharge  to  form  a Karman  vortex  street  as 
viewed  in  the  moving  cross-plane,  but  viewed  with  respect  to  the  stationary  body  the  shed 
vortices  would  appear  fixed." 

It  is  argued,  therefore,  that  the  important  flow  characteristics  in  any  cross-plane 
of  the  inclined  body  of  revolution  may  be  obtained  directly  from  those  of  the  two- 
dimensional  flow  over  the  impulsive  normal  cylinder,  if  the  time,  t,  is  expressed  as 
x/ (U.cosa)  and  the  free  stream  velocity  is  substituted  by  the  cross-flow  velocity  u.sina. 


The  origin  of  the  side  force  is  seer,  to  be  the  result  of  interactions  between  the 
cross-flow  component  of  the  free  stream  velocity  and  the  residual  local  circulation  on  the 
body  arising  from  the  staggered  vortex  formation  observed  in  the  wake  of  the  body.  To 
determine  the  magnitude  of  this  circulation,  recourse  is  made  to  Karman's  two-dimensional 
vortex  street  stability  analysis*9  and  Roshko's  experimentally  found  relationship** 
between  the  strouhal  number  and  the  Reynolds  number  for  a cylinder  normal  to  the  free 
stream.  Even  so,  the  local  residual  circulation  can  only  be  expressed  in  terns  of  one 
remaining  unknown  parameter,  the  ratio  d/1,  where  d is  the  body  diameter  and  1 is  the 
pitch  length  of  the  Karman  vortex  street.  Expressions  for  the  local  normal  and  side  force 
distributions  are  developed  in  term*  of  this  ratio,  which,  in  the  absence  of  any  existing 
acceptable  method  to  evaluate  it,  makes  further  assumptions  necessary.  A control 
configuration  is  first  selected.  Trial  values  are  substituted  for  d/1.  The  value  of  d/1 
that  yields  ar.  overall  normal  force  coefficient  which  matches  that  found  experimentally, 
over  a range  of  angle  of  attack,  is  the  one  chosen.  This  value  is  then  used  to  predict 
the  detailed  normal  and  side  force  distributions  for  other  configurations. 


2.0  THE  CIRCULATION  0 <t)  OVER  THE  CYLINDER  NORSAL  TO  ft  STREAH 

A considerable  number  of  experimental  investigations**-**  were  conducted  to  determine 
the  shedding  frequency  of  vortices  from  cylinders  normal  to  the  stream.  These 
investigations  indicate  that  there  exists  a ‘stable1  and  ‘regular'  vortex  street  in  the 
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Reynolds  number  range  40<Re<7x10*  where  predominant  shedding  frequencies  can  be  detected. 
The  data  from  some  of  the  above  experiments  are  summarised  in  Figure  2.  The  regular 
vortex  shedding  is  manifest  by  the  experimentally  me;  sured  oscillatory  lift  forces  on  the 
cylinder’m-^o.  If  the  assumption  of  a uniform  voitex  street  is  accepted,  although 
strictly  this  is  not  true**-*2 * 4  except  close  to  the  cylinder,  one  may  interpret  the 
existence  of  oscillatory  lift  forces  as  the  result  of  an  oscillatory  change  with  time  of 
the  bound  circulation,  G(t),  over  the  cylinder  of  the  form 


where 


and  the 


G (t) 


m 

tGo.sin 


<wt) 


2.0-1 


= 2vn 

n the  fundamental  shadding  frequency  of  vortices  of  s' nilar  sence 
= (1/2). {dO/dt} 

g = the  total  nuab»:  of  vortices  present  in  tna  wake  at  time  t 
Go  the  strength  of  each  shed  vortex 

m impulsive  index  of  vortex  shedding  -an  odd  inteyer 

t the  time 

± signs  account  for  the  starting  direction  of  vortex  shedding. 


In  the  two-dimensional  case,  the  shedding  frequency,  n,  may  be  estimated  directly 
from  the  empirically-found  relationship  between  the  Strouhal  number  and  the  Reynolds 
number  (See  Reference  16).  Roshko  concluded  from  his  experiments* 6 that  the  Strouhal 
number,  s,  for  the  normal  cylinder  can  be  expressed  as  a function  of  the  Reynolds  numbe-. 
Re,  in  the  fora:- 


s = nd/U  = 0.212-4.5/Re  50<Re<140 

and  .....2.0-2 

s = 0.212-2.7/Re  1 40<Re<2000 

In  the  present  investigation  it  is  assumed  that  the  range  of  a plication  of  the 
second  equation  is  valid  up  to  Re  = 10*. 

Evaluation  of  the  impulsive  index,  a,  and  the  amplitude,  Go,  of  the  circulation  G(t) 
will  be  discussed  in  Sections  3.2  and  3.4. 


2.1  Corresponding  Expression  for  the  Circulation  G(x)  over  the  Inclined  Body 

let  us  turn  back  to  consider  the  flow  field  over  a slender  body  inclined  to  the  main 
stream. 

In  this  case  the  bound  circulation  at  any  axial  station  of  the  inclined  body  will 
vary  with  distance  x from  the  apex.  Let  this  circulation  he  denoted  G(x);  it  is 

calculated  using  Eg.  2.0-1  by  substituting  x/(U.cosa)  for  t and  (Ti.u.cosa. dg/dx)  fori.-. 
Thus, 


G'x)  = ±Go.sinm  (ir.x.dVdx) 
noting  that 
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n=  (1/2) . (dO/dt)  = (1/2) . (dO/dx)  • (dx/dt) 

= (1/2) . (dn/dx) .U.cosa 

•here  g defines  the  sum  of  fully-formed  vortices  and  part  of,  or  nascant,  vortex  observed 
in  the  cross-plane  at  station  x,  and  is  created  as  a continuous  function  of  x. 

It  should  be  noted  that  the  bound  circulation,  G(x),  has  its  axis  coincident  with  the 
x-axis  of  the  inclined  body. 

Expressions  for  the  local  side  and  normal  force  distributions  may  now  be  developed  as 
shown  in  the  following  section. 


3.0  THE  LOADING  DISTRIBUTION  Y (X)  and  N(x) 

The  interaction  of  the  local  circulation,  G(x),  at  station  x,  with  the  cross-flow 
component  of  the  free  stream  velocity  gives  rise  to  a side  force,  Y (x) , whose  magnitude  is 
given  by  Kutta-Joukowski’s  formula  as 

Y (x)  = p .tJ.sina  .G(x)  3.0-1 

And,  following  the  approach  of  Allen  and  Perkins,  the  normal  force,  N(x),  is 
calculated  as  the  sum  of  two  basic  termss- 

1.  Hunk’s  potential  term,  denoted  here  as  P(x),  whose  magnitude  at  a given  angle  of 
attack  depends  solely  on  the  rate  of  change  with  distance  x of  the  cross-sectional 
area,  S(x),  of  the  bod-;-  and, 

2.  A cross-fltf*  drag  term,  D(x)|c,f.,  whose  magnitude  depends  on  the  surface  shear 

stress,  the  impulsive  rate  of  change  of  the  circulation  over  the  body,  and  the  state 

-of  development  of  the  Harman  vortex  street*  in  the  wake  of  the  body. 
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The  normal  force  aay  be  expressed  as:- 
N (X)  = P(X)  * D(X)|c.f. 

Bunk's  potential  cross-flow  drag  3.0-2 

tern  tern 

where  P(x)  = g. sin (2a) . cos (u/2) .[ dS  (x* /dx ] 3.0-3 


The  tera  cos (a/’)  is  due  to  Ward*8,  who  showed  that  the  net  force  on  a slender  body 
acts  aid-way  between  the  nornnl  to  the  free  strean  and  the  noraal  to  the  body.  This  tern 
has  been  included  in  the  computations,  but  it  should  be  emphasised  that  its  naxiitun 
effect,  on  the  computed  values  of  the  overall  noraal  force  coefficient  of  the  various 
configurations  discussed  below,  amounts  to  less  than  IX  up  to  angles  of  attack  as  high  as 
30°. 


fora 


The  cross-flow  drag  .tere,  P(*)|c.f.,  is  expressed  as  the  sum  of  three  terns  in  the 


D (x) | c. f . = D1  ♦ D2  ♦ 

surface  shear  impulsive 
stress 


D3 

Karnan  vortex 
street 


viscous  potential 

where  the  abbreviation  |c.f.  denotes  cross»flow. 


,3.0-4 


In  the  following  analysis  the  contribution  froa  the  surface  shear  stresses  to  the 
noraal  or  side  force  is  neglected.  Hence  D1=0. 

3.1  Determination  of  D2  and  D3 


In  order  to  determine  the  potential  coaponents  of  the  cross-flow  force,  D2  and  D3,  we 
turn  to  the  analysis15  of  the  flow  over  the  cylinder  normal  to  the  stream.  The  impulsive 
force,  D2(t)|2D,  is  given  by  the  following  formula:- 

D2(t)  |2D  = d.p.|dG(t)/dt|  3.1-1 

The  equivalent  expression  in  three-dimensional  flow  for  the  inclined  body  of 
revolution  is  obtained  by  substituting  x/U.cosct  for  the  time  t in  the  above  formula  to  get 
D2(x)  |3 D as:- 

D2 (x) | 3D  * d.p. |dG(x)/dx|.U.cosa  3.1-2 

where  the  abbreviations  |2D  and  |3D  denote  two-dimensional  flow  over  a cylinder 
nornal  to  the  free  strean  and  three-dimensional  rlow  over  an  inclined  body  of  revolution, 
respectively. 

Also  frca  Reference  15,  the  contribution  D3|2D,  in  twc-dimensional  flow,  due  to  the 
existence  of  the  Karsan  vortex  street  is  given  by 

D3  J 2D  = p.Go*/(2.'f.I)  - p. Go.  0 2.  h/1  3.1-3 

In  two-dimensional  flow,  the  term  D3|2D  is  the  drag  due  to  a semi-infinite  Karaan 
vortex  street;  i.e.  a street  extending  froa  the  cylinder  downstream  to  infinty.  This 
would  correspond  to  the  cross-flow  drag  on  the  inclined  body  of  revolution  at  a station 
fat  downstream  at  infinity  where  the  wake  in  the  cross-flow  has  fully  developed.  At  all 
other  stations  fehead  of  this  'asymptotic'  station  the  cross-flow  drag  component  D3(x) 
would  clearly  be  different.  Therefore,  au  appropriate  weighting  factor,  k , is  applied 
sucu  that  in  the  limits  as  x tends  to  infinity  (a#  0),  or  as  the  angle  of  attack  tends  to 
90°,  the  limit  of  D3{x}J3D  becomes  identically  equal  to  the  two-dimensional  value  D3|2D. 
Of  course,  the  factor  k aust  satisfy  the  additional  constraint  that,  as  the  angle  of 
attack  is  reduced  to  zero,  the  limit  of  D3(x){3D  must  become  identically  equal  to  zero. 

Consider  the  following  form  for  k 

^ * ( 1 - exp (-x.dl/dx) ) 3.1-4 

In  the  limit  4*»  -i 

X — ► oo 

a * 0 

As  will  be  seen  froa  Section  3.3  the  limit  of  dg/dx  as  the  angle  of  attack  tshds  to 
0°  or  90°  is  0 or  infinite  respectively,  giving  the  limit  of  k as  0 or  1 respectively. 
Hence,  the  contribution  of  the  Karnan  vortex  wake  to  the  local  cross-flow  force  is  a 
function  of  the  distsnce  x froa  the  apex  and  may  be  expressed  as:- 

D3(x)|3D*  {p.tto*/£2.ir.d.<d/l )]  - P.Go.12.  (h/1) } . {1-ex?  (-x.dg/dx) } 3.1-5 

Since  I (x) , D2(x)  and  D3  (x)  are  all  functions  of  G(x),  which,  in  turn,  is  a function 
of  m,  dg/dx  and  Go,  these  three  parameters  need  to  be  evaluated  before  the  local  forces 
can  be  determined. 
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3 . 2  Determination  of  the  Index  m 


The  value  of  m,  see  Eg.  2.0-1,  gives  a measure  of  the  impulsiveness  of  vortex 
shedding.  For  m equals  unity,  the  vortex  shedding  is  sinusoidal.  As  m increases,  the 
vortex  shedding  becomes  progressively  more  impulsive.  If  we  argue  along  physica-1  lines, 
ire  observe  that  the  action  of  viscosity  is  one  that  generally  tends  to  smooth  out 
discontinuities.  Therefore,  in  practice,  it  is  not  unlikely  that  m is  either  egual  to  1 
or  3.  Although  this  analysis  is  developed  for  a general  value  of  m the  bulk  of  the 
coaputations  jl«:  executed  using  m=1.  However,  the  effect  of  varying  m on  the  magnitude  of 
the  predicted  forces  will  be  illustrated  and  discussed.  It  is  worth  noting  that  the  index 
a can  only  assume  an  odd  integer  value  since  the  oscillatory  lift  force  measured  on  a 
cylinder  norr.al  to  the  free  stream  shows  generally  equal  amplitudes  in  both  directions. 


3. 3  Determination  of  the  Rate  of  Vorte«  Shedding  dn/dx 

By  definition,  the  Strouhal  number,  s,  for  a cylinder  of  diameter  d normal  to  a free 
stream  rf  velocity  0 is 

s = nd/0  = d.  (dn/dt)/(2.0)  3.3-1 

For  a body  of  revolution  at  an  angle  of  attack,  a cross-flow  Strouhal  number,  s',  is 
defined  here  as 


s'  = (d/2)  . (dn/dx).  (dx/dt)/(0.sinct) 

o. 

dn/dx  = 2. s'. tana/d 


3.3-2 


The  relationship  between  the  Strouhal  number  and  the  Reynolds  number  for  a cylinder 
normal  to  the  stream,  see  Eg.  2.0->2,  is  assumed  here  to  hold  in  form  for  the  inclined  body 
of  revolution  also.  However,  a cross-flow  Reynolds  number.  Re',  based  on  the  local 
diameter  and  the  cross-flow  component  of  the  free  stream  velocity,  is  substituted  in  the 
expressions  proposed  by  Roshko.  Thus, 


s'(x)  = 0.21?  - 4.5/Re' (x) , 50<  Re' (x)  <140 

and,  3.3-3 

s' (x)  = 0.212  - 2. 7/Re' (x) , 140<  Re' (x)  <10» 

where  Re' (x)  = 0. sina. d (x) /v  .....3.3-4 


The  above  formulae  for  the  cross-flow  Strouhal  number,  s'(x),  include  general  cases 
where  the  bodv  diameter  is  changing  with  distance  along  the  body  axis.  Similarly, 
Eg.  3.3-2  above  would,  in  general,  read 


dn/dx  = 2.  s' (x)  ,tana/d(x)  , 0°<a<90° 


3.3-5 


A knowledge  of  the  cross-flow  Reynolds  number  enables  evaluating  s' (x)  and  hence 

dn/dx. 

An  interesting  special  case  solution  is  obtained  from  Eg.  3. 3-3  above.  It  is  noted 
that  at  a certain  station  xl  the  Strouhal  number  s'(xl)  nay  become  zero.  A possible 
physical  interpretation  for  this  solution  is  that  there  is  no  flow  separation  in  the 
region  ahead  of  this  point.  In  other  words,  the  flow  is  fully  attached  over  the  portion 

of  the  body  extending  from  the  apex  to  the  station  xl.  The  fixing  of  the  point  of 

separation  in  this  manner  is  perhaps  artificial  but  it  appears  to  give  good  results  at 

high  angles  of  attack  as  will  be  discussed  in  Section  5.0. 

Noteworthy  also  is  that,  since  both  s' (x)  and  d (x)  are  finite,  the  limit  of  dn/dx  as 
n tends  to  0°  or  90°  is  0 or  infinite  respectively. 


3.4  Determination  of  Go 

Von  Raman's  vortex  street  analysis**  yields  the  following  expressions:- 

n = 0»/i)  (1  - 02/0)  3.4-1 

zua 

02/0*  (Go/20.1) .tanh (wh/1)  3.4-2 

For  stability  of  the  vortex  street:  tanh (irh/1)  =1//2  or  h/1  = 0.281 

where  02,  Go,  h and  1 are  defined  in  Figure  3 and  n is  the  freguency  of  vortex 
shedding. 

Elimi nating  02  between  the  above  two  equations  and  noting  that  r - sU/d,  the 
expression  for  Go  becomes 


Go  = 0.d.2>/2[1-s/(d/l)  ]/(d/l) 


3.4-3 
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In  the  case  of  the  inclined  body,  the  equivalent  expression  for  Go  becotnes 

Go  = tl.  cina.  d (x)  . 2\/2(  1 -s'  / (d/1)  1/  (d/1)  3.4-4 

In  Eg.  3.4-4,  the  diameter  d(x)  and  the  pitch  length,  1,  of  the  Karman  vortex  street 
are  allowed  to  vary  with  distance,  x,  along  the  axis  of  the  body.  However,  the  ratio  d/1 
is  assumed  to  remain  constant,  i.e.  1 varies  in  direct  proportion  to  d (x)  . 

The  problem  of  determining  Go  reduces  to  the  problem  of  evaluating  the  ratio  d/1. 
This  is  not  a simple  matter. 

In  a relatively  unknown  paper  by  Heisenberg26,  an  attempt  was  made  to  determine  the 
dimensions  of  the  wake,  h or  1,  in  terms  of  the  dimensions  of  the  body  producing  it.  By 
assuming  the  back  pressure  to  be  equal  to  the  free  stream  static  pressure,  the  ratios  d/1 
and  h/d  for  a flat  plate  of  width  d were  found  to  be  0.1835  and  1.54  respectively. 
Heisenberg's  analysis  predicts  that  these  ratios  will  always  be  the  same  no  matter  what 
shape  the  body  has,  i.e.  whether  it  is  a flat  plate  or  a wedge.  Doubts  were  raised  by 
Prandtl  regarding  the  validity  of  the  approach  and  the  latter's  criticism  vas  included  in 
the  same  Reference. 

The  absence,  at  present,  of  an  acceptable  method  for  determining  the  ratio  d/1 
results  in  the  final  expressions  for  the  normal  and  side  forces  containing  this  ratio  as 
the  explicit  unknown  variable.  The- value  of  d/1  is  found,  for  the  time  being,  by  a trial 
and  error  process  through  matching  the  predicted  normal  force  coefficient  of  a control 
configuration  with  experimentally  obtained  data. 


4.0  THE  LOCAL  NORHAL  AND  SIDE  FORCE  COEFFICIENTS 

4.1  The  Local  Side  Force  Coefficient  CY(x) 

The  local  side  force  coefficient,  CY(x),  is  obtained  by  substituting  for  6(x)  in 
Eg.  3.0-1  using  Egs.  2.1-1,  3.3-3,  3.3-4,  3.3-5  and  3.4-4.  Thus, 

CY(x)/dmax  = { p.  U*.  sin2  (a)  . kl.  d (x)  . sin™^) } /qS  4.1-1 

where  $ = x-xl, 

kl  = 2V2[1-s' (x)/(d/l) ]/ (d/1)  ana 

^ = 2.  ir.s'(x)  .tana/d  (x) 


4.2  The  Local  Normal  Force  Coefficient  CN(x) 


The  local  normal  force  coefficient,  CN{x),  is  obtained  by  substituting  for  P(x)  , 
D2 ( x)  and  D3(x)  into  Eq.  3.0-2  using  Eqs.  3,0-3,  3.0-4,  3.1-2,  3.1-5,  3.3-3,  3.3-4,  3.3-5 
and  3.4-4.  Thus, 

CN  (x)  /dmax  = ( (1/2)  P , U2.  sin  (2a)  .cos  (a/2)  .w.d  (x)  .d'  (x)/2 

♦ P.02.sinvx.cosa.m.g'.k1.d2  (x) . |sinm'"'  pti)  ,cosfcp£)  I 

♦ 0. 06  p. U2.  sir.2  (a) . k I2 . d (x)  . (d/1)  [ 1-exp  (-  S dl/dx)  ]} /qS  4.2-1 

The  first  term  exists  only  while  the  local  slope  of  the  profile,  d'(x),  is  non-zaro. 
The  last  two  terms  are  present  for  0 < £ < (LB-xl) , where  LB  is  the  body  length. 

In  deriving  Eg.  4.2-1  the  differential  of  G(x)  with  respect  to  x is  required.  When 
doing  so,  in  order  to  avoid  undue  complexities,  each  axial  station  of  the  body  is  treated 
as  if  it  were  part  of  a cylinder  of  the  same  diameter  extending  downstream  to  infinity  so 
that  neither  d(x)  nor  s'(x)  are  differentiated.  However,  in  Eq.  4.2-1  the  local  values 
for  s' (x)  and  d(x)  are  used  when  computing  CN  (x) . This  procedure  would  not  lead  to 
significant  errors  since  the  differentials  of  s'(x)  and  of  d (x)  with  respect  to  x exist 
only  over  the  limited  region  of  the  nose. 


4.3  Boundary-Layer  Displacement  Thickness  Effects  on  CN  and  CY 

As  mentioned  earlier  in  the  introduction,  the  effect  of  boundary-layer  growth 
increases  the  effective  cross-sectional  area  of  the  body  thereby  giving  rise  to  increased 
lift.  The  effects  of  boundary-layer  displacement  thickness,  d*,  are  included  by  adding 
twice  d*  to  the  local  diameter  of  the  body,  d*  is  calculated  here  as  the  sum  of  two 
terns,  dl*  and  d2*.  The  first  term,  dl*,  is  based  on  the  growth  of  the  axially  developing 
boundary  layer  while  the  second  tern,  d2*,  is  based  on  the  growth  of  the  circumferential 
boundary  layer.  Schlichting**  provides  the  following  expressions  for  evaluating  the 
boundary  layer  displacement  thickness  on  a flat  plate:- 

d*  = (5/3)  .x. Re;*/*  Re^O.lO5,  for  a laminar  boundary  layer 

4.3-1 

and  d*  = (0.37/8.0) .x.Re"6/*  Rex>3.10»,  for  a turbulent  boundary  layer 
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In  calculating  dl*.  x and  the  Reynolds  number  Rex  are  based  on  the  axial  distance  from  the 
apex  and  the  axial  component  of  the  free  stream  velocity,  i.e.  O.cosa,  while  for  d2*,  x 
is  replaced  by  ir.d(x)/u  and  Rex  is  based  on  the  cross-flow  component  of  the  free  stream 
velocity,  i.e.  U.siao.  It  should  be  pointed  out  that,  in  practice,  the  boundary  layer 
over  the  nose  of  a body  of  -evolution  is  thinner  than  one  that  would  develop  on  a flat 
plate  at  the  same  Reynolds  number.  The  above  procedure,  therefore,  overestimates  the 
magnitude  of  d*. 

Except  where  specified,  the  effect  due  to  d*  is  included  in  all  cases  computed  and 
discussed  in  Section  5.0  below.  However,  the  effect  on  the  predicted  forces,  when  this 
term  is  omitted,  will  be  illustrated.  s should  be  noted  that  this  correction  affects  the 
non-linear  terms  as  well  as  the  linear  term  of  Hunk  (See  Egs.  4.1-1  and  4.2-1). 


5.0  DISCUSSION  AND  COHPARISON  WITH  EXPERIMENT 

All  experimental  data  referred  to  in  the  following  were  obtained  at  Mach  0.5  at  a 
Reynolds  number  of  1.4  million  based  on  maximum  body  diameter  and  free  stream  conditions. 
These  experimental  data  form  part  of  the  results  obtained  during  wind  tunnel  tests 
conducted  in  1967  in  the  National  Aeronautical  Establishment’s  (NAE)  1.5  metre  square 
trisonic  blowdown  wind  tunnel.  The  aerodynamic  characteristics  were  determined  for  a 
series  of  long  slender  bodies  of  revolution  varying  in  overall  fineness  ratio  from 
LB/dmax=17  to  9 and  having  nose  profiles  with  semi-apex  angle,  8e,  varying  from  5°43’  to 
18°26*.  The  following  Table  provides  detaila  on  the  scope  of  the  test,  important 
dimensions  of  the  configurations  tested  and  the  code  used  to  identify  each  configuration 
in  the  Pigures  referred  to  below.  The  raw  data  were  effectively  filtered  to  3 Hz  and  all 
plotted  results  are  individual  samples  reduced  from  wind  tunnel  recorder  outputs  digitise' 
and  punched  on  cards. 


TABLE  I TEST  SCOPE  AND  IMPORTANT  DIMENSIONS  OF  MODELS 


CONFIGURATION 

LN 

LB 

6(4  COMPONENT  BALANCE 

SURFACE  PRESSURE 

FLOW  VISUALIZATION 

CODE 

H 

degrees 

dmax 

do  ax 

MEASURE KENTS  AT  MACH 
0.5  2,0  3.5 

MEASUREMENTS  AT  MACH 
0.5  2.0  3.5 

0 

AT  MACH 
.5  2.0  3.5 

1001 

i 

5*  43’ 

mm 

17 

Xf  X X 

X**  X X 

x^- 

2001 

4/3 

7*  36 ' 

17 

XXX 

3001 

5/3 

9*  28 ' 

6 

X|  X X 

x+  X X* 

4001 

2 

11*  19  * 

5 

XXX 

5001 

1 

9*  28’ 

3 

Xf  X X 

XXX 

X 

6001 

4/3 

12*  31’ 

3 

15 

XXX 

1 

7001 

5/3 

15*  31' 

3 

15 

X+  X X 

XXX* 

0001 

2 

18*  26' 

3 

15 

XXX 

I 

1002 

1 

5*  43* 

5 

11 

XXX 

It  0,3,7,11  de.i«. 

0-3,7,11,18 

2002 

3002 

4002 

4/3 

5/3 

2 

7*  36* 
9*  28* 
11*  19* 

5 

5 

5 

11 

11 

11 

XXX 

XXX 

XXX 

additional 
♦■fa*  18  and  25 

25 

a-  7,11,18  — 

5002 

1 

9*  28' 

3 

9 

15 

♦a  - 7,11,18 

6002 

4/3 

12*  31* 

3 

9 

XXX 

0 at  M-4 , 25 

25 

7002 

5/3 

15*  31' 

3 

XXX 

8002 

2 

18*  26' 

3 

imi: 

XXX 

H H 

!,♦  additional  balance 

■ 

measurements  while 
model  is  being 
rolled 

(#a-  0,2.5,11,18,25) 
(+0-  7 ,11,18,25) 

Nose  Profile  given  by  the  Equa« ion 


d 

353x 


- 1 - (1 


nr 


-t 


i 

dmax 

T 


In  attempting  to  predict  the  loads,  it  is  helpful  to  know  a priori  the  extent  to 
which  the  flow  over  an  inclined  body  of  revolution  is  stable  or  repeatable.  To  achieve  a 
measure  of  the  flow  stability  and  repeatability,  the  forces  on  one  of  the  models. 
Configuration  1001,  were  measured  at  fixed  angles  of  attack  while  rolling  the  model 
through  360  degrees.  The  normal  force  coefficient,  CN,  its  centre  of  pressure,  CPN,  and 
the  side  force  coefficient,  CT,  are  shown  in  Figure  4 plotted  versus  roll  angle.  Clearly, 
both  normal  and  side  forces  are  dependent  on  roll  orientation;  the  spread  in  the  data 
increases  with  increasing  incidence.  A possible  explanation  for  this  is  that  small 
surface  imperfections  may  be  causing  a substantial  change  in  the  development  of  the 
boundary  layer  as  the  roll  angle  is  changed,  resulting  in  a shift  of  the  point  of  flow 
separation,  hence  a change  in  the  position  of  the  rolled-up  shear  layers,  to  thereby 
affect  the  vortex-induced  normal  and  side  forces.  (See  also  Reference  28).  Under  these 
circumstances,  any  attempt,  based  solely  on  the  assumption  of  boundary-layer  development 
on  a perfectly  uniform  surface,  to  predict  the  location  of  separation,  xl,  especially  for 
angles  of  attack  above  say  10°  for  this  Configuration,  would  be  wrought  with 
uncertainties.  For  this  reason,  it  is  perhaps  more  practical  to  use  available 
boundary-layer  methods  to  predict  the  most  suitable  axial  station  at  which  flow  separation 
can  be  artificially  induced.  In  the  meantime,  it  was  decided  to  apply  n.  3.3-3 
throughout  the  angle  of  attack  range  0°<ct  <90°,  when  calculating  the  distance,  xl,  by 
equating  s'(x)  to  zero,  even  though,  at  the  high  Reynolds  number  of  this  test 
(Re*1.4  million),  the  calculated  value  for  xl  is  zero  in  all  cases  examined  for  incidences 
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as  low  as  1°,  i.e.  the  separation  is  predicted  to  start  at  the  apex  at  practically  all 
incidences  for  all  the  configurations  investigated.  The  effect  of  varying  xl  will  be 
analysed  but  first  let  us  discuss  how  the  ratio  d/i  is  determined. 

It  is  seen  from  Eos.  a. 1-1  and  a, 2-1  that  the  final  solutions  for  the  local  forces 
could  only  be  expressed  in  terns  of  the  unknown  ratio  d/1.  To  determine  this  ratio  a 
control  configuration  is  selected  such  that  by  matching  its  predicted  normal  force 
coefficient  for  a range  of  angles  of  attack  with  that  measured  experimentally  the  value  of 
d/1  giving  the  best  fit  would  be  chosen.  The  choice  of  Configuration  1001  in  this  case  as 
the  control  configuration  is  based  on  the  experimental  evidence  that  flow  separation 
occurs  on  this  Configuration  at  lower  angles  of  attack  than  it  does  on  the  others. 

Computations  were  made  using  three  values  for  the  ratio  d/1  and  u*1.  The  computed 
values  of  CN,  CY  and  CPU  for  the  Cortrol  Configuration  are  compared  with  experimental  data 
and  are  shown  in  Figure  5.  Clearly,  the  best  fit  is  obtained  when  d/1  is  accorded  the 
value  0.220.  In  passing,  it  is  worth  noting  tne  large  effect  that  a small  change  in  d/i 
exerts  on  the  magnitude  of  the  normal  force.  This  is  not  altogether  surprising  since  the 
induced  suction  pressure  caused  by  a vortex  is  proportional  to  the  square  of  the  inverse 
of  the  distance  from  the  vortex:  so  that  as  1 decreases,  i.e.  d/1  increases,  the  normal 
force  increases. 

Even  with  the  best  choice  for  the  ratio  d/1,  i.e.  d/l=0.220,  there  is  some 
discrepancy  between  theory  and  experiment  in  the  low  ancle  of  attack  range.  It  will  be 
remembered  that  the  application  of  Eg.  3.3-3  yields  a value  x1=0  at  the  test  Reynolds 
number  investigated.  It  was  observed  from  flow  visualisation  runs  on  this  Configuration, 
however,  that  separation  over  the  nose-section  does  not  in  fact  occur  until  about  a*il<>. 
It  is  possible  that  the  noted  discrepancy  is  due  to  the  unrealistic  location  of  the  point 
of  separation  at  x1=0.  When  xl  is  allowed  to  vary  as  a function  of  the  angle  of  attacx, 
see  Figure  6,  closer  agreement  with  experiment  is  achieved  in  the  range  0°<a<11°  even 
though  none  of  the  functions  employed  are  the  result  of  a consideration  of  the  development 
of  the  boundary  layer.  A more  suitable  boundary-layer  method  to  determine  xl,  or  to  fix 
xl  by  predicting  the  most  favourable  location  at  which  flow  separation  may  be  artificially 
induced,  would  prove  useful.  Of  course  such  » method  can  be  readily  incorporated  into  the 
existing  computer  program. 

Let  us  now  assess  the  effects  of  changing  the  value  of  the  index  m. 

The  predicted  values  of  CD,  CY  and  CPN,  for  the  Control  configuration,  are  calculated 
using  m=1,  3 and  5,  and  d/l=0.220.  These  values  are  compared  with  measured  data  as  shown 
in  Figure  7.  There  is  little  doubt  that  o=1  provides  the  best  fit.  Therefore,  this  value 
of  a will  be  adopted. 

With  d/l=0.220,  a=1  and  xl  calculated  with  the  aid  of  Eg.  3.3-3,  we  may  now  proceed 
to  determine  the  effectiveness  of  this  theory  to  predict  the  normal  and  side  forces  acting 
on  other  configurations  at  the  same  Mach  number. 

A comparison  between  the  computed  values  of  CM,  Cl  and  CPR  with  those  measured 
experimentally  is  shown  in  Figure  8 for  the  selected  Configurations  identified  in  the  same 
Figure.  It  is  seen  that  the  normal  force  and  its  centre  of  pressure  location  are,  in 
general,  fairly  well  predicted.  Again,  the  minor  discrepancies  are  attributed  to  the 
non-representative  location  of  the  point  os  separation  at  the  apex. 

Tne  side  force  coefficient  is  less  well  predicted  and  only  qualitative  values  are 
provided  by  this  theory.  It  is  possible  that  this  is  the  result  of  two  factors.  The 
first  is  the  unrealistic  location  of  the  onset  of  separation  nt  the  apex.  The  second  is 
the  exclusion  of  the  surface  shear  stress  contribution  from  the  side  force.  As  an 
indication  of  the  magnitude  of  these  shear  stresses,  the  experimentally  measured  rolling 
moment,  coefficient.  Cl,  is  plotted  against  « - as  4. Cl  versus  a,  marked  thus  x-  and  shown 
in  Figure  8.  It  is  seen  that  the'-e  exists  a not  inconsiderable  rolling  moment.  As  all 
the  configurations  examined  here  are  bodies  of  revolution,  the  source  of  this  rolling 
moment  can  only  be  the  action  of  surface  shear  stresses;  the  surface  pressure  forces 
cannot  produce  a rolling  moment.  Estimation  of  these  stresses  and  their  contribution  to 
the  normal  or  side  force  is  a task  outside  the  scope  of  this  paper. 

Application  of  this  method  to  estimate  CN  or  CY  at  high  angles  of  attack  is 
illustrated  in  Figure  S.  The  predicted  values  of  CN  and  CY  for  Configuration  1001  are 
shown  in  the  range  1°<a<85°.  It  is  observed  that  there  are  minor  ’kinks*  in  the  CN  curve 
for  angles  of  attack  below  40°.  At  an  angle  of  attack  around  45°  there  appears  a 
phenomenon  similar  to  the  stalling  process  of  the  flow  over  an  airfoil.  At  angles  of 
attack  above  55°,  sizeable  excursions  of  CN  are  noted.  These  three  regions  are  perhaps 
indicative  of  the  reason  behind  the  existence  of  the  three  types  of  flow  -steady  and 
stable,  steady  and  bi-stable,  and  unsteady  or  periodic-  described  by  Thomson*4  and  often 
observed  in  practice  as  the  angle  of  attack  is  increased.  The  variation  of  CY  witha 
displays  a similar  behaviour  at  high  angles  of  attacx. 

In  all  cases  thus  far  computed,  the  influence  of  the  boundary-layer  displacement 
thickness,  d*,  has  been  included.  The  effect  of  omitting  d*  on  tne  predicted  values  of 
CN,  CY  and  CPN  for  Configuration  1001  is  shown  in  Figure  10.  It  is  seen  that  the  omission 
of  the  effect  of  d*  ’•educes  slightly  the  normal  force.  The  effect  on  CY  and  CPN  is  also 
quite  snail.  Th'js,  it  is  not  expected  that  a more  refined  boundary-layer  method  for 
calculating  d*  would  significantly  change  the  calculated  results. 
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Finally,  a comparison  is  made  between  the  predicted  normal  force  distribution,  CN(x), 
and  thet  aeasured  experimentally.  The  circuaferencial  pressure  distributions  for  the 
control  configuration  were  aeasured  at  24  axial  stations  located  along  a generator,  by 
rolling  the  aodel  continuously  through  a 360°  roll  angle  at  a fixed  angle  of  attack*. 
These  pressures  were  integrated  at  each  station  to  yield  the  local  noraal  force 
coefficient  CN(x).  The  comparisons  are  presented  in  Figure  11.  It  should  be 
re-emphasised  here  that  the  mere  act  of  rolling  the  model,  especially  at  the  higher  angle 
of  attack, a =1 1 o,  can  sufficiently  change  the  flow  picture  over  the  aodel  resulting  in  the 
measurement  of  a changing  pressure  distribution.  At  best,  such  a pressure  measurement  can 
be  described  as  the  average  of  what  the  flow  is  like  at  all  roll  orientations  between 
0°<  $ <360°.  The  comparison  shows  that  over  the  nose  portion  the  predicted  local  normal 
force  is  higher  than  is  measured  experimentally.  As  pointed  out  earlier,  this  may  be  due 
to  the  assumption  of  the  presence  of  separation  over  the  nose  which,  in  practice,  does  not 
take  place  until  the  angle  of  attack  exceeds  11°. 

The  computer  program  is  written  in  Fortran  IV  programming  language.  Various  input 
flags  have  been  incorporated  into  the  program  to  make  it  quite  flexible.  A typical  run  on 
an  IBM  360/67  computer  to  solve  for  a configuration  at  angles  of  attack  between  1°  and  30° 
using  1°  steps  requires  less  than  one  minute  of  CPU  time. 


6.0  CONCLUSIONS 

A method  for  estimating  the  loading  distribution  on  inclined  long  blerder  bodies  of 
revolution  is  formulated.  It  is  based  on  the  analogy  that  exists  between  the 
two-dimensional  flow  on  a cylinder  impulsively  set  in  motion  from  rest  normal  to  its  axis 
and  the  flow  in  the  cross-plane  normal  to  the  axis  of  the  inclined  body  moving  downstr sam 
with  a velocity  U.cosa.  A feature  of  this  method  is  that  prediction  of  the  side  force 
distribution,  which  occurs  as  a result  of  the  asymmetric  vortex  shedding,  can  be  made 
simply  and  economically. 

The  derived  forces,  particularly  the  normal  force,  depend  critically  on  the  vertex 
spacing  ratio  expressed  as  d/1.  This  ratio  is  obtained,  for  the  tine  being,  by  matching 
the  measured  and  predicted  normal  force  for  a control  configuration.  Detailed  normal  and 
silt  force  distributions  can  then  be  computed  for  other  configurations. 

The  theory  predicts  reasonably  well  the  normal  force  and  its  centre  of  pressure 
location.  Qualitatively  good  prediction  of  the  side  force  is  also  achieved. 


7.0  RECOMMENDATIONS 

; 1-  There  is  a need  for  a proper  boundary  layer  approach  to  estimate  the  distance  xl 

from  the  apex  of  the  station  at  which  separation  of  the  shear  layers  first  occurs. 

! 2-  More  accurate  experimental  data  on  the  variation  of  the  Strouhal  number  with 

• Reynolds  number  at  various  Mach  numbers  would  be  required  for  any  future  extension  of  this 

| method  to  predict  the  loading  on  inclined  slender  bodies  of  revolution  in  cases  where 

compressibility  effects  aLe  significant. 

I 3-  There  is  a likelihood  that  the  '‘atio  d/1  is  Mach  number  dependent.  Since  this 

j ratio  is  critical  for  estimating  the  loading  distribution  some  experimental  verification 

| of  its  magnitude  at  various  Mach  numbers  would  be  desirable. 

i 

I 4-  Since  there  appears  to  be  a valid  analogy  between  the  two-dimensional  flow  over 

| the  cylinder  noraal  to  a stream  and  the  three-dimensional  flow  in  the  moving  cross-plane 

; perpendicular  to  the  axis  of  the  the  inclined  body  of  revolution,  an  alternative  and 

unorthodox  approach  may  be  taken  in  cases  where  the  induced  effects  from  the  presence  of 

an  organised  pattern  of  vortices  are  detrimental.  It  is  suggested  that  in  such  cases  this 

organised  pattern  be  deliberately  disrupted  using  techniques  already  applied  successfully 
to  achieve  this  end  in  the  two-dimensional  case  of  the  cylinder  normal  to  a stream.  A 
highly  diffused  wake  would  be  produced  resulting  in  a small  or  no  side  force  and  little  or 
no  induced  forces  on  lifting  surfaces  such  as  wings  or  tail. 
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Fig.4  Variation  of  the  measured  CN,  CY  and  CPN  of  configuration  1001  with  roll 
orientation  at  various  angles  of  attack 


Fig. 5 Effect  of  varying  the  ratio  d/1  on  the  predicted  CN.  CY  and  CPN  of  configuration  1001 
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Fig.  7 Effect  of  varying  the  impulsive  index  ni  on  the  predicted  CN,  CY  and  CPN  of  configuration  1 00 1 


Comparison?  of  the  predicted  CN,  CY  and  CPN  with  experiment  for  various  configurations 


Conf  1001 
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Fig.  10  Effect  cf  boundary-layer  displacement  thickness  d*  on  the  CN,  CY  and  CPN  of  configuration  1001 
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Fig.l  1 Comparison  between  the  predicted  and  measured  CN(x)  distribution  at  a — 7°  and  1 1 
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ASSESSMENT  OF  EXISTING  ANALYTIC  METHODS  FOR  PREDICTION  OF  HIGH  ANGLE-OF-ATTACK  LOADS 
ON  DELTA  WINGS  AT  SUPERSONIC  SPEEDS 


Ensnn  Jean  Landrum  and  James  C.  Townsend 
NASA  Langley  Research  Center 
Hampton,  Virginia  23665 


SUMMARY 

The  purpose  of  this  paper  is  to  provide  an  assessment  of  the  applicabil- 
ity of  four  loading  prediction  methods  to  high  angle-of-attack  conditions  for 
simplified  wing-body  configurations.  The  methods  are:  The  tangent  wedge 

approximation,  the  linear  theory  methods  of  Middleton  and  Woodward,  and  a 
shock-fitting  finite-difference  technique.  Estimates  obtained  by  these 
methods  were  compared  with  experimental  pressure  data  on  delta  wings  to 
examine  the  effects  of  Mach  number,  camber,  sweep  angle,  and  angle  of  attack. 

Results  indicate  that  all  of  the  methods  provided  reasonable  estimates 
at  moderate  angles  of  attack.  At  these  moderate  angles  of  attack,  the  methods 
of  Middleton  and  Woodward  provided  good  estimates  at  Mach  numbers  higher  than 
those  usually  associated  with  linear  theory.  Only  the  linite-dif ference 
method  provided  reasonable  load  estimates  at  high  angles  of  attack,  where  the 
other  methods  were  unable  to  predict  lower  surface  pressures. 


INTRODUCTION 

Recent  trends  toward  automation  of  the  airplane  design  process  accentuate  the  need  for  analytic  tech- 
niques for  the  prediction  of  aerodynamic  loads.  Of  particular  importance  Is  the  need  for  methods  applicable 
to  the  critical  design  conditions  occurring  at  high  angle  of  attack  and  high  Mach  number. 

At  this  time,  there  is  no  analytic  technique  lor  the  accurate  prediction  of  detailed  loadings  at  high 
angle  of  attack  for  supersonic  speeds.  An  assessment  of  currently  available  methods  which  may  apply  to 
this  problem  is  needed.  Two  such  methods  are  those  of  Middleton  and  Woodward  both  of  which  are  linear 
theory  methods  primarily  applicable  to  low  angles  of  attack  and  moderate  super  onic  speeds.  Another  method 
is  the  tangent  wedge  approximation  which  is  frequently  used  to  calculate  the  pressures  on  sharp  two- 
dimensional  bodies  at  hypersonic  speeds.  Useful  ’■“suits  can  be  obtained  with  this  method  for  angles  up  to 


shock-detachment  conditions  but  all  three-dimensional  effects  are  neglected.  A numerical  technique  which 
should  be  applicable  is  an  lnviscid  shock-fitting  finite-difference  approach  represented  by  the  method 
developed  by  Moretti. 

In  order  to  assess  the  applicability  of  prediction  methods  and  >.0  provide  guidance  in  the  modification 
of  existing  theories  or  in  the  development  of  entirely  new  methods,  there  is  a need  for  systematic  and 
detailed  experimental  data.  As  part  of  a test  program  for  the  evaluation  of  the  aerodynamic  performance  of 
a series  of  twisted  and  cambered  delta  wings  designed  for  a Mach  number  of  3.5  three  pressure  models, 
duplicating  three  of  the  force  models,  were  constructed.  These  pressure  models  aided  in  the  analysis  of  the 
force  data  and  provided  systematic  and  detailed  pressure  data  for  comparison  with  theory. 

The  purpose  of  this  paper  is  to  use  that  experimental  data  for  an  assessment  of  the  tangent  wedge, 
Middleton,  Woodward,  and  shock-fitting  finite-difference  methods  for  the  prediction  of  high  angle-o£- 
attack  loads. 

PREDICTION  METHODS 

The  following  sections  present  the  four  prediction  methods  to  be  compared  with  the  experimental  pres- 
sure distributions.  One  method  uses  the  local  surface  slope  to  predict  the  surface  pressure  (tangent 
wedge),  two  others  use  linearized  theory  (Middleton  and  Woodward  methods),  and  the  last  uses  a numerical 
solution  of  the  inviscid  flow  equations  (shock-fitting  finite-difference  method).  See  Figure  1. 

Tangent  Wedge 

This  is  a well-known  empirical  method  for  predicting  surface  pressures  in  hypersonic  flow  (Ref.  1) 
Included  as  an  option  in  the  computer  program  of  Reference  2.  The  basic  premise  of  the  tangent  wedge 
method  is  that  there  is  little  change  in  the  pressure  or  flow  inclination  through  the  thin  shock  layer  of 
the  hypersonic  flow  over  a two-dimensional  surface.  This  leads  to  the  assumption  that  the  pressure  at  a 
point  on  the  surface  of  a wing  is  the  same  as  that  given  by  the  oblique  shock  relations  for  flow  over  a 
flat  plate  at  the  same  inclination  and  free-stream  Mach  number.  Thus,  the  pressure  at  each  point  on  the 
surface  is  computed  independently,  and  no  interaction  with  the  flow  at  other  points  is  considered.  The 
method  is  exact  for  flow  over  a wedge  with  an  attached  shock  wave;  it  loses  validity  as  the  surface 
curvature  increases,  as  the  flow  b'ecomes  strongly  three  dimensional,  or  if  the  shock  wave  is  detached. 

Its  application  to  the  present  configurations  is  based  on  the  fact  that  at  moderate  to  high  supersonic 
Mach  numbers  the  shock  lies  close  to  a highly  inclined  surface  such  as  a wing  at  high  angle  of  attack. 

Middleton 


In  this  method,  which  is  based  on  linearized  supersonic  flow  theory,  the  pressure  distribution  is 
calculated  by  a linear  superposition  of  lifting  surface  and  thickness  pressures.  For  the  calculation 
the  planform  is  divided  Into  a planar  grid  system  of  rectangular  panels.  The  lifting  surface  pressures 
are  obtained  by  the  technique  described  in  References  3 and  4 using  refinements  given  in  Reference  5.  In 
this  technique  the  pressure  at  a point  on  the  surface  is  related  to  the  local  surface  slope  at  that  point, 
taking  into  account  the  Influence  of  upstream  pressures  as  defined  by  a system  of  elementary  horseshoe 
vortices  fitted  to  the  grid.  In  the  computer  program  used  for  the  present  calculations  (Ref.  6),  there 
is  an  option  to  constrain  the  lifting  pressure  coefficient  at  each  point  to  a specified  fraction  of  the 
vacuum  pressure  coefficient.  The  thickness  pressures  are  calculated  by  a near-field  method,  with  line 
sources  replacing  the  horseshoe  vortices  in  the  same  planar  grid  system.  Both  the  lifting  surface  and 
thickness  pressure  calculations  employ  a streamwise  marching  technique  and  do  not  require  matrix  solutions. 

Woodward 


This  linearized  theory  approach  to  the  aerodynamic  analysis  of  wing-body-tail  configurations,  presented 
in  References  7 and  8,  has  been  extended  in  Reference  9 by  the  introduction  of  several  aerodynamic  singular- 
ity distributions  which  improve  its  capability  to  represent  arbitrary  shapes. 

The  configuration  surface  is  subdivided  into  a large  number  of  trapezoidal  panels,  each  of  which  con- 
tains an  aerodynamic  singularity  distribution.  A constant  source  distribution  is  used  on  the  body  panels, 
and  a vortex  distribution  having  a linear  variation  in  the  streamwise  direction  is  used  on  the  wing  and 
rail.  The  normal  components  of  velocity  induced  at  specified  control  point&  make  up  the  coefficients  of 
a system  of  linear  equations  relating  the  strengths  of  the  singularities  to  the  magnitude  of  the  normal 
velocities.  A matrix  inversion  procedure  is  used  to  solve  this  system  of  equations  for  the  singularity 
strengths  which  satisfy  the  boundary  conditions  of  tangential  flow  at  the  control  points  for  a given  Mach 
number  and  angle  of  attack.  From  these  singularity  strengths,  pressure  coefficients  are  calculated  and 
the  forces  and  moments  acting  on  the  configuration  are  determined  by  numerical  integration.  This  method, 
although  it  is  a linearized  theory,  does  not  make  the  small  angle  assumptions.  It  also  limits  pressures 
to  vacuum  after  all  the  pressures  have  been  calculated. 

Shock-Fitting  Finite-Difference  Method 

The  general  numerical  scheme  developed  by  Moretti  (Ref.  10)  for  solving  the  Euler  equations  for  super- 
sonic flow  about  complex  configurations  has  been  extended  and  implemented  for  digital  computation  (Ref.  11). 
This  method  uses  a finite-difference  marching  technique  of  second-order  accuracy  to  compute  the  complete 
flow  field  between  the  body  and  the  bow  shock  wave.  Essentially,  the  flow  equations  are  recast  to  give  the 
derivatives  of  the  flow  variables  in  the  marching  direction  (along  the  body  axis)  in  terms  of  the  quantities 
and  their  derivatives  in  a plane  perpendicular  to  the  axial  direction.  Starting  from  a given  data  plane, 
these  derivatives  are  integrated  a single  step  forward  (along  the  axis)  using  a MacCormack  two-level 
predictor-corrector  finite-difference  scheme  to  obtain  a new  data  plane.  This  process  is  repeated  until 
the  end  of  the  model  is  reached.  The  step  size  in  the  marching  direction  is  computed  before  each  step  in 
order  to  satisfy  the  Courant-Friedricks-Lewy  criterion  for  stability.  The  computational  grid  is  a conformal 
mapping  of  the  region  between  the  body  and  tho  bow  shock  into  a rectangular  region.  If  embedded  shock  waves 
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occur  In  the  flow,  the  mesh  is  adjusted  so  the  mesh  lines  coincide  with  these  shocks.  Across  each  of  the 
shock  waves  the  Rankine-Hugoniot  relations  are  satisfied  explicitly.  In  order  to  provide  a smooth  surface 
(continuous  second  derivative,  to  avoid  generating  spurious  shock  waves)  the  configuration  is  defined  by 
analytic  functions  (generally  conic  sections)  through  a relatively  few  prescribed  points. 

The  only  inherent  limitation  on  this  finite-difference  marching  technique  is  that  the  velocity  compo- 
nent in  the  marching  direction  must  always  be  supersonic.  However,  the  present  implementation  of  the 
technique  is  somewhat  restricted  in  the  configurations  it  can  handle.  The  most  important  restriction  for 
the  present  study  is  that  unless  the  flow  is  supersonic  normal  to  the  wing  leading  edge,  the  leading  edge 
must  be  blunt.  A second  restriction  is  that  the  configuration  cross  section  muat  be  single  valued  in 
polar  coordinates;  thus,  for  example,  the  configuration  cannot  have  a highly  cambered  wlnfc.  In  addition, 
the  two  methods  presently  in  use  for  generating  the  initial  data  plane  for  starting  the  computational 
process  may  require  modifications  to  the  configuration  nose.  One  method  is  to  begin  with  a circular  cone, 
whose  half  angle  must  be  greater  than  the  maximum  angle  of  attack.  The  other  choice  is  to  begin  with  a 
blunt  nose,  which  may  be  very  small,  but  which  nonetheless  introi ,ces  the  further  complication  of  an 
entropy  layer  at  the  body  surface. 

EXPERIMENTAL  INVESTIGATION 

Models 


At  the  design  Mach  number  of  3.5  three  sweep  angles  were  selected  to  cover  three  basl''  leading-edge 
conditions:  76°  for  a fully  subsonic  leading  edge,  68°  for  a supersonic  leading  edge  with  detached  shock 

(estimated  to  be  detached  at  angles  of  attack  greater  than  3°),  and  55°  for  a supersonic  leading  edge  with 
attached  shock  (estimated  to  be  detached  at  angles  of  attack  greater  than  15°). 

force  models  of  a flat  wing  and  a twisted  and  cambered  wing  designed  by  the  method  of  Reference  12 
to  have  a minimum  drag  at  je8  “ 0.1  and  M » 3.5  were  constructed  for  each  sweep  angle.  In  addition, 
for  the  76°  sweep  angle  a twisted  and  cambered  wing  designed  (by  the  method  of  Ref.  13)  to  have  minimum 
drag  at  CL.des  “ 0.05  and  M ■ 3.5  were  constructed.  Design  details  are  given  in  Reference  14.  In 
order  to  provide  a housing  for  the  strain-gage  balance  and  mounting  sting  a body  of  revolution  was  added 
symmetrically  about  the  wing  center  line.  Three  of  the  force  models  were  duplicated  as  pressure  models: 
the  76°  sweep  flat,  the  76°  sweep  CL  ,jea  “ 0.1,  and  the  55°  flat  wings.  The  pressure  models  are  shown 
as  shaded  planforms  in  Figure  2. 

Tests 


Force  and  voment  as  well  as  pressure  distribution  data  were  obtained  at  five  Mach  numbers:  2.3,  3.0, 

3.5,  4.0,  and  4.6.  Reynolds  number  was  8.1  x 10&  per  meter.  Angle-of-attack  range  was  from  -5°  to  22° 
with  some  variation  from  model  to  model.  Oil-flow  photographs  were  taken  at  selected  test  conditions. 

COMPARISON  OF  EXPERIMENT  WITH  THEORETICAL  PREDICTIONS 

Cruise  Conu xt ions 


The  lifting  pressure  as  calculated  by  each  of  the  prediction  methods  is  compared  with  experiment  in 
Figure  3 for  the  76°  sweep  flat  wing  at  a Mach  number  of  3.5  and  a nominal  cruise  condition  of  Cj,  » 0.1. 
Angle  of  attack  is  approximately  5.7°.  All  of  the  prediction  methods  provided  reasonable  estimates  at 
this  Mach  number  and  angle  of  attack  even  though  the  usual  applicable  range  was  exceeded  in  some  instances. 
For  example,  the  tangent  wedge  method  is  primarily  used  for  hypersonic  speeds  where  forward  regions  of 
influence  are  relatively  narrow  and  two-dimensional  conditions  are  approached.  A Mach  number  of  3.5  Is  at 
the  low  end  of  the  applicability  range  so  the  method  might  not  be  expected  to  work  as  well  as  at  higher 
speeds.  On  the  other  hand,  a Mach  number  of  3.5  is  high  for  linear  theory  applications  such  as  those  of 
Middleton  and  Woodward.  Both  of  these  methods  tend  to  overpredict  the  pressure  at  the  leading  edge  and  at 
the  tip  (especially  the  Middleton  theory  without  pressure  limiting).  Otherwise,  the  predictions  are 
reasonable  at  this  angle  of  attack.  As  indicated  previously,  the  shock-fitting  finite-difference  method, 
as  presently  implemented,  Imposes  certain  requirements  on  configurations  which  can  be  handled.  For  this 
76°  sweep  flat  wing  it  was  necessary  to  reshape  the  apex  to  provide  a 24°  half-angle  conical  nose  (needed  to 
obtain  a starting  plane  solution).  Also,  to  satisfy  the  requireme^r  that  the  leading  edge  be  blunt  for  sub- 
sonic leading  edges,  the  sharp  leading  edge  of  the  76°  wing  was  altered.  The  outboard  half  of  the  cross 
sections  normal  to  the  axial  (marching)  direction  were  changed  to  an  elliptic  arc  tangent  to  the  design 
wing  at  the  50-percent  span  station  of  the  cross  section  resulting  in  increased  thickness  in  the  modified 
region.  As  a result,  good  agreement  with  experiment  is  not  expected  at  the  leading  edge.  This  leading- 
edge  bluntness  effect  probably  also  accounts  for  a major  part  of  the  failure  of  the  theory  to  predict  the 
pressures  near  the  tip. 

Test  Extremal  Conditions 


Since  all  the  prediction  methods  show  similar  trends  (Fig.  3),  the  Woodward  method  was  arbitrarily 
chosen  to  compare  with  experiment  for  the  various  ranges  of  test  conditions.  These  comparisons  for  sweep 
angle,  angle  of  attack,  camber,  and  Mach  number  are  shown  in  Figures  4 to  7,  respectively. 

The  change  in  sweep  angle  from  76°  to  55°  (Fig.  4)  represents  a change  from  subsonic  to  supersonic 
leading  edge  at  M ■ 3.5  and  a - 5.7°.  Upper  surface  pressures  are  generally  well  predicted  although 
they  tend  to  become  too  high  near  the  trailing  edge  of  the  .55°  sweep  wing.  The  lower  surface  pressures 
show  some  departure  from  expected  trends,  particularly  at  the  leading  edge  where  the  pressures  are  too 
high.  For  a supersonic  leading  edge,  these  pressures  would  be  expected  to  be  relatively  flat.  It  should 
be  pointed  out  that  the  Middleton  theory  does  predict  relatively  flat  pressure  distributions  all  the  way 
to  the  leading  edge  on  the  lower  surface  (Ref.  14).  The  span  loading  comparisons  at  each  sweep  angle  show 
that  the  total  forces  and  moments  would  be  estimated  reasonably  well.  The  bump  in  the  theoretical  curves 
near  the  root  and  the  tip  is  probably  due  to  changes  in  panel  span  in  these  regions  as  well  as  some  body 


interference  effects  at  the  root.  As  was  indicated  earlier,  a body  of  revolution  was  added  symmetrically 
about  the  wing  center  line  to  provide  a housing  for  the  mounting  sting.  For  the  theoretical  calculations, 
the  configurations  were  considered  to  be  an  all-wing  configuration  with  the  body  of  revolution  dimensions 
included  as  part  of  the  camber  surface  description. 

In  Figure  5 the  effect  of  angle  of  attack  is  shown.  Here,  the  76°  sweep  comparison  at  M“3.5  and  a- 5.7°  from 
the  previous  figure  is  repeated  as  representative  of  the  lower  angles  of  attack  and  compared  with  the  o»  19.7°  data 
for  the  same  wing  at  the  same  Mach  number.  The  flat  theoretical  pressure  distributions  on  the  upper  surface  at 
a » 19. 7°  are  the  result  of  the  pressure  limiting  feature  of  the  Woodward  method  which  limits  the  upper  surface  pres- 
sures to  100  percent  of  vacuum.  The  theory  completely  fails  to  predict  the  lower  surface  pressures  where  the  experi- 
mental pressures  are  much  higher  than  the  estimates  except  at  the  tip.  This  result  is  reflected  in  the  span 
loading  which  shows  that  the  total  forces  and  moments,  as  estimated  by  the  theory,  would  be  too  low. 

Similar  results  are  shown  in  Figure  6 for  the  effects  of  camber  at  a « 19.7°.  The  higher  experime- - 
tal  pressures  shown  at  the  root  of  the  cambered  wing  (C^des  “ 0.1)  are  probably  due  to  a valley  on  the 
lower  surface  center  line.  This  valley  resulted  from  shearing  the  camber  lines. 

The  results  at  a - i9.7°  for  the  Mach  number  extremes  (Fig.  7)  indicate  that  the  same  trends  with 
angle  of  attack  as  shown  for  M « 3.5  can  be  expected.  It  should  be  pointed  out  that  the  Woodward  theory 
is  a linear  theory  and  should  not  be  expected  to  provide  good  results  at  Mach  numbers  above  3.0  or  angles 
of  actack  above  8°  or  10°.  Because  of  the  failure  of  the  Woodward  theory  to  predict  the  lower  surface 
pressures  at  high  angle  of  attack,  each  of  the  methods  will  be  compared  with  experimental  data  at  the  high 
angle  of  attack  in  the  next  section. 

High  Angle-of-Attack  Comparisons 

Comparisons  uf  the  various  prediction  methods  with  experiment  at  a - 19.7°,  M » 3.5  are  shown  In 
Figures  8 to  10.  In  general,  upper  surface  pressures  are  predicted  reasonably  well  by  all  of  the  methods 
except  for  the  Middleton  method  without  pressure  limiting.  Cnly  the  finite-difference  method  predicted 
lower  surface  pressures  with  any  degree  of  accuracy  at  this  high  angle  of  attack. 

When  using  the  tangent  wedge  approximation,  lower  surface  pressures  are  overprodicted  across  the  entire 
span  (Fig.  8).  This  results  in  an  overprediction  of  both  the  lifting  pressures  and  the  span  loadings  and, 
hence,  the  integrated  total  forces  and  moments.  This  overprediction  of  pressure  is  probably  due  in  part 
to  the  fact  that  interactions  between  panels  are  neglected.  On  the  lower  surface  of  a delta  wing  there  is 
a flow  outward  toward  the  tip  which  would  tend  to  lower  the  local  pressure  and  thus  decrease  the  pressure 
coefficient.  On  the  upper  surface,  on  the  other  hand,  the  flow  behind  the  leading-edge  vortex  would  flow 
inward  toward  the  root  Increasing  the  local  pressure  with  a resulting  increase  in  pressure  coefficient. 

This  would  tend  to  decrease  the  overprediction  at  the  root  as  shown  in  Figure  8. 

The  linear  theory  Middleton  and  Woodward  methods  are  compared  with  experiment  in  Figures  9 ar.d  10, 
respectively.  The  Middleton  method  without  pressure  limiting  overpredicts  the  pressures  on  the  upper 
surface  but  grossly  underpredicts  the  lower  surface  pressures.  The  lower  surface  pressures  Indicate  that 
the  force  data  correlations  for  this  method  shown  in  Reference  14  are  fortuitous  in  that  an  underprediction 
ot  lift  at  the  inboard  stations  is  canceled  by  an  overprediction  at  the  outboard  stations  (see  lifting 
pressures  and  span  loadings  shown  in  Fig.  9).  When  using  the  Middleton  method,  the  user  has  the  option  of 
setting  the  fraction  of  vacuum  he  wishes  to  use  as  the  minimum  possible  pressure.  This  pressure  limiting 
Is  applied  to  the  lifting  pressures  as  they  are  being  calculated.  A vacuum  fr.-.ctlon  of  0.7  was  used  to 
obtain  the  pressure  limited  curves  shown  in  Figure  9.  The  zero-thickness  linear  theory  assumes  equal  pres- 
sure coefficients  of  opposite  sign  on  the  upper  and  lower  surfaces.  Thus,  the  high  pressure  coefficients 
measured  on  the  lower  surface,  which  are  sometia.es  more  than  twice  the  magnitude  of  those  measured  on  the 
upper  surface,  cannot  be  predicted.  Pressure  limiting  as  applied  to  the  Middleton  method  tends  to  magnify 
further  this  discrepancy  since  the  limits  are  applied  to  the  loading  parameter  ACp.  Because  the  limits 
are  applied  to  ACp  the  assumption  of  equal  pressures  of  opposite  sign  on  the  upper  and  lower  surfaces 
results  in  even  lower  pressures  on  the  lower  surface  than  those  obtained  without  pressure  limiting. 

The  Woodward  theory  (Fig.  10)  also  employs  pressure  limiting.  Here,  pressures  are  limited  to  vacuum 
but  only  after  all  pressures  have  been  calculated.  Thus,  only  the  upp. • surface  is  affected.  As  previously 
indicated,  the  flat  pressure  distribution  predictions  on  the  upper  surface  are  the  result  of  pressure 
limiting.  As  can  be  seen  by  comparing  with  upper  surface  pressure  limited  curves  in  Figure  9 for  the 
Middleton  method,  the  Woodward  values  are  slightly  higher  because  of  the  difference  in  percent  of  vacuum 
used  (70  for  Middleton,  100  for  Woodward).  Since  the  theory  does  a totally  inadequate  job  of  predicting 
the  lower  surface  pressures,  the  lifting  pressure  estimates  are  too  low.  This  results  in  a span  loading 
which,  when  integrated,  provides  total  forces  and  moments  that  are  too  low. 

The  shock-fitting  finite-difference  method  (Fig.  11)  produces  much  better  agreement  with  the  experi- 
mental pressure  distributions  at  high  angles  of  attack  than  any  of  the  other  methods.  Along  the  center 
line  and  midspan  chord  line,  this  theory  is  in  good  agreement  with  the  data.  The  difference  at  these 
locations  appears  to  be  caused  by  the  displacement  effect  of  the  boundary  layer  on  the  model  (which  is  not 
included  in  any  of  these  methods).  As  was  the  case  at  the  cruise  condition,  the  pressure  distribution 
near  the  wing  tip  is  poorly  predicted  on  the  lower  surface  because  of  the  leading-edge  blunting  added  to 
the  numerical  model  in  order  to  obtain  the  solution.  Nonetheless,  the  span  loading  prediction  is  quite 
good.  It  should  be  noted  that  it  was  only  with  considerable  effort,  involving  variations  in  the  nose 
shape  and  some  changes  to  the  computer  code,  that  the  results  shown  were  obtained.  In  this  regard,  the 
shock-f feting  finite-difference  method  cannot  yet  be  considered  fully  operational  in  the  sense  that  the 
Ml  leton  and  Woodward  linearized  theory  methods  are.  Further  development  is  required  to  allow  the 
routine  application  of  this  finite-difference  method  to  a wide  range  of  configurations  (including  wings 
with  high  camber  and  twist  and  with  sharp  subsonic  leading  edges).  However,  the  results  shown  here  show 
that  finite-difference  methods  can  be  particularly  useful-  for  calculating  the  effects  of  conditions,  such 
as  high  angle  of  attack,  where  the  linearized  theory  methods  cannot  produce  useful  results. 
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CONCLUDING  REMARKS 

Comparison  of  experimental  pressure  data  with  predictions  based  on  four  theoretical  methods  indicate 
that  all  of  the  methods  will  yield  satisfactory  loads  data  at  moderate  angles  of  attack.  At  moderate 
angles  of  attack  the  methods  of  Middleton  and  Woodward  can  provide  reasonable  estimates  at  M'ch  numbers 
higher  than  those  usually  associated  with  linear  theory. 

Only  the  shock-fitting  finite-difference  method  yields  satisfactory  loads  estimates  at  high  angles  of 
attack  where  the  other  methods  examined  are  unable  to  predict  lower  surface  pressures  Reasonable  estimates 
of  upper  surface  pressures  at  high  angles  of  attack  were  obtained  by  linear  theory  when  pressures  were  con- 
strained to  vacuum  pressure  or  a percentage  of  vacuum.  The  results  hold  promise  that  with  further  develop- 
ment finite-difference  methods  can  meet  the  need  for  aerodynamic  load  prediction  at  high  angles  of  attack. 
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Figure  2.  Scope  of  investigation. 


Figure  3.  Cruise  condition  loading  prediction  by 
various  methods. 
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Figure  5.  Woodward  method  predictions  for  cruise 
and  maximum  a.  A a 76°,  M « 3.5. 


upper  f 

_ 2 

•4 


<^,*.•0.1 


SURFACE  PRESSURES 


0 ,2  .4  .«  0 1.0 

2 y/b 


.ei^  lower 

SPAN  LOADINGS  I 2 
.OR 

Cn  0 

.04  ^ £ 

o[ 1 * 


0 .2  4 6 .8  10 

2 y/b 


SURFACE  PPESSURES 


LOWER 

:t . 


0 .2  .4  .6  .8  1.0 

2y/b 


SPAN  LOAOINGS  12 
, 0% 

* 

.04 

0. 


0 .2  .4  6 .8  1 0 

2y/b 


Figure  6.  Woodward  method  predictions  for  camber 
extremes.  M - 3.5,  A - 76s,  a • 19.7®. 


Figure  7.  Woodward  method  predictions  for  Mach 
number  extremes.  A » 76°,  a s 20®. 


*M<  - , 


14-7 


SURFACE  PRESSURES 


SURFACE  PRESSURES 


A*  76°,  CL  des«0  0 
M* 3 5,  a»l97* 


O EXPERIMENT 
FINITE  DIFFERENCE 


LIFTING  PRESSURES  SPAN  LOADING  LIFTING  PRESSURES  SPAN  LOADING 


Figure  10.  High  angle-of-attack  loading  prediction  Figure  11.  High  angle-of-attack  loading  prediction 
by  Woodward  linearized  theory  method.  by  shock-fitting  finite-difference  method. 


15-1 


ON  THE  CALCULATION  OF  THE  PRESSURE  DISTRIBUTION  OF  WING-BODY 
COMBINATIONS  IN  TKF.  NON-LINEAR  ANGLE  OF  ATTACK  RANGE* 


Gregor  Gregoriou 
MESSERSCHMITT-BOLKOW-BLOHM  Q5BH 
8000  Munich  80  Postfach  801149 
West  Germany 


r 


5" 


SUMMARY 


Based  on  the  potential  theory,  an  iterative  singularity  method  was  developed  which 
yields  the  pressure  distribution  of  symmetric  wing-body  configurations  in  the  non- 
linear angle  of  attack  range  at  subsonic  speeds.  The  body  is  axis-symmetric  and  of 
finite  length.  The  wing  is  infinitely  thin  and  located  at  mid-wing  position. 

The  following  mathematical  model  was  used. 

Wing : Lattice  method,  free  vortices  partially  inclined  to  the  wing  plane  by  a^/2. 

Body:  Ring  sources  over  the  body  surface 

Theoretical  results  show  good  agreement  with  wind  tunnel  tests. 


NOTATION 

a Angle  of  attack 

6 Inclination  angle  of  the 

free  vortices 

Ma  Mach  number 

Free-stream  velocity 

x,y,z  Rectangular  coordinates 

Polar  angle 

u,v,w  Velocities  in  x-,  y-,  z-directions 

v v Velocities  in  tangential 

m and  meridian  directions 

qM  Dynamic  pressure 

q Intensity  of  the  ring 

sources  at  -5  = 0° 

q.  Intensity  of  the  ring 

1 sources  (i  = 0,1,2  ...  ) 

D Maximum  body  diameter 

L Body  length 

1 Wing  chord 

SR  Reference  area 

r Body  local  radius 


x Distance  between  local  force 

and  moment  reference  point 

a.  Fourier  coefficient 

1 (i  = 0,1,2,...  ) 

T Vortex  strength 


Normal  force  coefficient 
Normal  force 

qoo  SR 


(■ 


Pitching  moment 


) 

(Moment  \ 


Pressure  coefficient 

Pressure  difference  between 
upper  and  lower  wing  surfaces 


Subscripts 

00  Free-stream  condition 

W Wing 

B Body 

1 Local 

P Panel 

V Vortex 

C Panel  control  point 

e Exposed  wing 

FC  Fourier  coefficient 


The  work  is  sponsored  by  the  Ministry  of  Defence  of  the  Federal  Republic 
of  Germany 
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INTRODUCTION 

Over  the  past  years  large  angles  of  attack  have  become  more  and  more  important  as  far 
as  missiles  are  concerned  in  consequence  of  the  constantly  increasing  requirement  for 
greater  maneuverability.  In  the  light  of  this  development,  aerodynamicists  have 
1 9 endeavoured  to  establish  methods  with  a view  to  estimating  the  total  coefficients  of 

' the  normal  force  and  pitching  moment  in  the  non-linear  angle  of  attack  range. 

However,  investigations  permitting  the  determination  of  pressure  distribution  over 
the  missile  surface  at  large  angles  of  attack  are  lacking.  This  paper  deals  with  a 
wing-body  configuration  in  the  case  of  subsonic  flow  and  provides  information  as  to 
the  pressure  distribution  at  the  body  as  well  as  at  the  wing.  As  is  well  known, 
knowledge  of  the  pressure  distribution  is  of  importance  for  the  dimensioning  of  the 
missile  structure.  The  pressure  distribution  then  yields  the  coefficients  of  the 
normal  force  and  the  pitching  moment  for  the  body,  the  exposed  wing  and  the  total 
configuration.  In  the  present  investigation  wing-bc-dy  configurations  were  studied, 
the  body  being  of  arbitrary  thickness  but  axis-symmetric,  whilst  the  infinitely  thin 
wing  (in  mid-wing  position)  may  feature  any  plan  form. 

The  computing  model  used  is  based  on  singularity  distributions  which  have  been 
applied  successfully  by  other  authors  to  solve  similar  problems. 

Comprehensive  wind  tunnel  measurements  conducted  by  DFVLR  were  utilised  in  order  to 
test  the  results  of  the  computing  method. 

BRIEF  DESCRIPTION  OF  THE  METHOD  APPLIED 


Let  us  consider  a wing-body  configuration  according  to  Fig . 1 


Fig,  l:  Tanner  wing-body  combination  [ 4 ] 


! 

j For  the  sake  of  clarity  we  subdivide  the  computation  performed  into  several  steps. 


Step  1 Calculation  of  the  wing  potential  without  body  influence 

It  is  first  assumed  that  the  wing  extends  up  to  the  body  axis.  Its  plan  form  area 
is  divided  into  several  panels  and  a horseshoe  vortex  is  assigned  to  each  panel . 
The  bound  vortex  lies  or,  the  1/4  line,  whilst  the  inclination  of  the  free  vortices 
to  the  wing  plane  can  be  seen  in  Fig.  2 (according  to  the  Lattice  method, 

- Hedmann  [l]  , Lange  [2]).  The  free  vortices  with  the  angle  of  inclination  6/0° 

1 are,  as  is  known,  responsible  for  the  non-linearity  of  the  wing.  Computing  the 

> extended  wing  according  to  the  Lattice  method  yields  the  vortex  strength  C,  of 

I each  panel.  v 

j three  types  of 

horseshoe  vortices 
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otep  2 Determination  of  the  normal  velocities  induced  on  the  body 

In  this  step  the  velocities  in  y-  and  z-direction  are  determined  for  several  cody 
sections  (s.  Fig . 3 ) . the  velocities  being  induced  by  the  horseshoe  vortices  of  the 
wing  on  the  body  surface.  These  velocities  are  computed  ac  10  points  ct  the  circle. 
Due  to  symmetry,  it  is  sufficient  to  consider  merely  the  one  halt  of  the  circle,  for 
only  the  angles  of  attack  and  not  the  angles  of  sideslip  are  taken  into  account.  The 
normal  velocity  w is  determined  from  the  velocities  v and  w. 


Step  3 Approximation  of  the  normal  velocities  through  Fourier’s  Series 

An  important  prerequisite  for  the  further  computation  is  the  approximation  of  the 
normal  velocities  induced  on  the  body  through  the  following  Fourier's  series. 


wnU,x)  = aQ  (x)  *0,  (x)cos^  ♦ QjU)  cos  29  * a 3 lx)  cos  3$  ♦ .. . 


(l) 


Fig.  4 gives  some  examples  of  this  approximation.  The  number  of  Fourier  terms  requxred 
depends  on  the  curve  of  the  normal  velocities  and  can  vary  according  to  the  positron 
of  the  body  section  under  consideration.  Due  to  the  occurrence  of  normal  velocities  at 
10  points  of  each  body  section,  maximally  10  Fourier  coef f ici _.its  can  be  determined. 

In  the  course  of  computations  performed  according  to  this  method,  it  has  proved 
adequate  to  use  6 Fourier  terms.  Increasing  the  Fourier  terms  to  10  did  not  lead  in 
general  to  significantly  improving  the  computing  results,  but  increased  the  computing 
time  and  core  storage  requirements.  The  reason  for  the  relative  nonsusceptibility  of 
the  computing  results  to  the  number  of  Fourier  coefficients  is  that  the  Fourier's 
series  approximates  the  preestablished  curve  in  an  alternating  manner. 


Step  4 Calculation  of  the  body  potential  considering  wing  influence 


In  this  step  computing  the  flow  at  the  body  is  effected  according  to  the  method 
whereby  the  surface  is  covered  with  ring  sources,  which  was  first  practised  for  a 
body  alone  by  Lotz  [ 3]  . 


The  normal  velocities  induced  on  the  body  by  the  oncoming  flow  are  compensated  for  by 
ring  sources  which  are  attached  to  each  body  section.  Some  examples  of  the  shape  of 
these  ring  sources  are  shown  in  Fig,  5.  A corresponding  ring  source  is  necessary  for 
each  term  of  the  Fourier's  series, (Eq.  1).  The  intensity  of  the  ring  sources  follows 
from  the  condition  that  the  sum  of  all  normal  velocities  must  disappear  at  each  point 
of  the  body  surface  (see  next  section). 


Fig,  5;  Shape  of  the  ring  sources  for  the  6 Fourier  terms 


15-4 


When  computing  the  body,  the  normal  ve’ocities  which  occur  on  considering  the  bc.dy 
without  the  wing  must  be  compensated  for  additionally. 

The  axial  component  of  the  flow  ( =Uoo  cos  a*,)  or  the  vertical  component  (“U*,  sina,*,), 
respectively,  are  considered  by  ring  sources  as  follows: 

q (x)  o q (x)  cos&ft  or  q (x)  = q (x)  cosd  , respectively. 

It  is  evident  that  the  normal  velocities  occurring  in  these  2 cases  at  the  body  can 
be  obtained  by  adding  the  appropriate  coefficients  in  Eq.  1 as  follows: 


dr(x)/cx 

°0  . , 3 u«  cos  aM  p — 

axtal 

0]  = -U^  sin  a -4- 

1 rtncc  c 


C = V 1 <■  {dr|r.)/dxr 


The  result  of  the  computation  in  this  step  is  the  intensity 
(x)  (i  = 0,1,2,.. .5}  of  the  ring  sources. 

Step  5 The  angle-of-attack  distribution  on  the  wing  considering  body  influence 

The  potential  of  the  ring  sources  induce  velocities  at  the  wing  in  x,  y and  z-direc- 
tion.  The  velocities  in  x and  z-direction  (u  and  w)  lead  to  a change  in  the  local 
angle  of  attack  at  the  wing.  The  following  relations  apply  to  the  wing  alone: 


a.  = a = const. 


Ueo  sin  a* 
UM  cosa0 


The  induction  of  velocities  by  the  body  yields 

. U«  SinOao  ♦ w 

tanaj  = + tan  a*,  . U) 

1 UTO  cosa«,  ♦ u 4 ' 

The  local  angle  of  attack  cl(x,  y)  is  determined  for  the  control  point  of  each  wing 
panel . 

Step  6 Calculation  of  the  wing  potential  considering  body  influence 

Step  1 is  now  repeated  with  the  changed  angle-of-attack  distribution,  which  yields 
a new  intensity  rp  of  the  horseshoe  vortices. 

Steps  2-6  are  subsequently  repeated  until  no  further  change  to  the  body  sources  or 
to  the  wing  vortex  potential  can  be  determined.  The  convergence  behaviour  of  this 
iterative  process  is  extremely  good,  so  that  this  process  can  be  interrupted  after 
3-4  steps.  Thus  the  potential  of  the  wing  horseshoe  vortices  and  of  the  ring  sources 
are  known. 


Step  7 Pressure  distribution  over  the  body  and  the  wing 

When  the  individual  potentials  are  known,  the  velocities  in  peripheral  direction  v» 
or  in  meridian  direction  vm  can  be  determined  at  each  point  of  the  body.  According 
to  the  prerequisites,  the  normal  velocities  should  disappear.  Thus  the  pressure 
coefficient  Cp  is  yielded  as 

« / v1  i ..  2 V ..  i ..  *,2 , , . 2 \ /c\ 


cp  (x,;»  - 1 - (2  v9u,*»2/uJ  » 2 vm(x,*r/Uo.2 ) . 


2, ,,  2 


Cn{x.$)  « 1-ffvA  (x) sin ■&♦...  ♦ v*  {xlsinSd-UoaSinou,  sin^* v*  (x.d)]  / U, 
p ll  2FC  °KPr  hwv  J 


♦[vm  (x)*vm  (x)  cos$*  ...  ♦vm  (x)cos5$  + —p.  U~. . (sin  cos  3 *1) 

m FC  m2FC  m6FC  iWdx,2 1 dX  ' 

-,2...  21 
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Determining  the  pressure  difference  ACp  on  the  wing  is  simpler.  It  is  yielded  from 
the  relation 


ACp(x,y) 


(x,y) 


1 

( Xq  “ Xy  ) Uqq 


(7) 


Step  8 Determination  of  the  total  coefficients 

The  integration  of  the  pressure  distribution  over  the  body  surface  yields  the 
coefficient  of  the  normal  force  of  the  body 


2r(x) 

% 


L n 

sign  (cosft)  J J 
0 0 


Cp  (x,ft) 


cos  ft  dft  dx 
VW(x)/dx)2 


(8) 


Analogously  for  the  coefficient  of  the  pitching  moment 


r(x) 

SR0 


L Tl 

sign  (cos  ft)  //  Cp  (x,ft)  x 
0 0 


cos  ft  dft  dx 
]/l-*!dr(x)/dx)^ 


(9) 


With  regard  to  the  coefficient  of  the  normal  force  of  the  wing,  the  Acp  distribution 
is  integrated  only  in  the  range  of  the  exposed  wing 


s l(y) 

J J ACp  (x,y)  dx  dy 
D/2  0 


(10) 


Analogously  for  the  coefficient  of  the  pitching  moment 


Ky) 

J ACp  (x,y)  x dx  dy  . (n) 

0 

Since  the  pressure  coefficients  at  discrete  points  are  known  and  are  not  available  in 
analytical  form,  effecting  integration  in  the  Eqs.  (8  + 11)  can  be  replaced  by 
quadratures . 

The  coefficients  of  the  wing-body  config  iration  are  composed  additively  of  the  shares 
of  the  body  and  of  the  exposed  wing. 

REMARKS  CONCERNING  THE  BASIC  MATHEMATICAL  APPROACH  AND  THE  CONVERGENCE  OF  THE  METHOD 

Several  works,  e.g.  Hedman  [1]  for  the  linear  angle-of-attack  range  and  Lange  [2] 
for  the  nonlinear  one,  have  described  in  detail  the  wing  calculation  usingthe  Lattice 
method  which  from  the  mathematical  point  of  view  is  comparatively  simple.  It  therefore 
does  not  seem  necessary  to  repeat  the  basic  mathematical  approach. 

The  Lotz  method  [3]  for  calculating  a body  with  the  aid  of  ring  sources  distributed 
over  its  surface  is  much  more  difficult  from  the  mathematical  viewpoint  and  less  known. 
It  is  based  on  the  solution  of  a Fredholm  integral  equation: 


, l 2n  q. (x’)1 / r(x*)coslft'  fr-r(x’)cos(ft-ft')-  — (x-x*)l  dft'dx 

^ _L  / / q'.  Lhpjg  l 1 =-wn(x,ft> 

0 0 i (X-X*)2  ♦ r(x)2*  r(x*)2  - 2r(x) r(x*>  coslft- ft) 


i =0,1,2,  ««•  5. 


(12) 


where  q^(x)  is  the  function  to  be  found 
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The  right  side  of  this  equation  represents  the  distribution  of  the  normal  velocities 
over  the  body  surface.  A total  of  b such  integral  equations  is  produced  through  the 
approximation  of  these  normal  velocities  by  means  of  6 Fourier  terms,  Eq.  ( 1 ). 

The  numerical  solution  of  equation  ( 12  ) calls  for  substituting  e polygon  for  the 
body  contour,  the  condition  of  tangential  flow  being  fulfilled  in  the  middle  of  each 
t polygon  side  (Flo.  6). 

As  far  as  the  solution  of  equation  ( 12  ) is  concerned,  special  care  must  be  taken  to 
determine  the  singular  points.  To  this  end,  the  Kernal  function  must  be  approximated 
in  the  vicinity  of  the  singular  points  with  the  aid  of  Taylor  series.  In  this  way 
terms  are  obtained  which  can  be  integrated  analytically  and  result  in  finite  values. 

When  performing  the  calculations,  the  number  of  wing  panels  and  of  body  sections  was 
varied.  It  was  found  that  60  sections  are  generally  sufficient  for  the  body,  whereby 
said  sections  must  be  distributed  very  densely  in  the  nose  region.  An  increase  in  the 
number  of  body  section^  does  no  longer  result  in  any  appreciable  improvement  of  the 
calculated  results. 

As  far  as  the  wing  is  concerned,  approx.  10  panels  in  span  direction  and  5 in  chord 
direction  are  sufficient.  The  free  vertices  of  the  panels  in  the  body  area  are  located 
in  the  wing  plane.  The  panels  located  completely  outside  the  body  region  feature  free 
vortices  inclined  by  a*,  /2  with  respect  to  the  wing  plane. 

From  the  physical  point  of  view  the  assumption  that  the  free  vortices  leave  the  wing 
at  an  angle  of  dc/2  is  not  quite  correct.  Therefore,  the  computing  programme  includes 
the  angle  of  inclination  as  a free  parameter.  Mo  variation  of  this  angle  has  so  far 
been  effected. 

The  effect  of  the  Mach  number  has  been  considered  by  applying  the  Prandtl-Glauert  Rule 
to  the  wing-body  combination. 


COMPARISON  OF  THEORETICAL  RESULTS  WITH  TESTS 


The  results  of  the  present  theoretical  method  were  examined  using  appropriate  experi- 
mental data  obtained  from  DFVLR  [4],  [5J. 

The  wing-body  combination  subjected  to  experiment  is  shown  in  Fig.  1.  Fig.  7 illustrates 
the  coefficients  of  normal  force  C_  and  pitching  moment  C as  a function  of  the  angle 
of  attack.  For  high  etc  , the  values  established  theoretically  are  slightly  lower  than 
those  obtained  from  tests.  The  deviation  can  be  explained  by  the  lack  of  two  body  nose 
vortices  in  the  theoretical  model.  Presently,  the  model  is  being  improved  by  taking 
these  vortices  into  account.  Fig.  8 shows  pressure  difference  AC  for  specified 
sections  of  the  exposed  wing.  Here,  large  deviations  of  measured  Bata  from  theory  are 
evident  in  the  vicinity  of  the  wing  tip.  They  suggest  that  a concentrated  vortex  is 
generated  on  the  upper  surface  of  the  wing.  This  phenomenon  cannot  be  described 
accurately  with  the  present  theoretical  model,  which  is  based  on  the  assumption  that  the 
free  vortices  separate  from  the  wing  at  /2  with  respect  to  the  wing  plane. 

In  Figs.  9 and  10.  the  C distribution  over  various  body  meridians  is  shown  for  two 
angles  of  attack.  p 
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SUMMARY 

A method  is  outlined  for  transonic  flows  on  airfoils,  extending  the  boundary  layer 
concept  to  regions  of  flow  separation  by  coupling  a viscous  boundary  layer  solution 
with  an  inviscid  external  flow  solution  iteratively.  For  viscous  flow  in  the  separated 
region  an  inverse  integral  method  is  developed,  defining  the  surface  pressure  as  a depen- 
dent variable  with  a prescribed  streamline  angle  at  the  boundary  layer  edge.  For  the 
inviscid  flow,  a finite  difference  method  is  used,  which  satisfies  the  complete  transon- 
ic equation. 

Two  coupling  schemes  with  different  boundary  conditions  for  both  the  interacting 
flow  fields  are  considered: 

1.  Tangential  coupling  along  the  boundary  layer  displacement  thickness 

2.  Tangential  and  normal  velocity  coupling  along  the  boundary  layer  edge. 

The  above  method  was  verified  with  tests  on  a two-dimensional  bump  in  a transonic 
duct,  and  on  a circular  arc  transonic  airfoil,  for  which  results  of  the  Navier-Stokes 
solutions  have  been  published.  Results  indicate  that  with  the  second  boundary  condition 
the  present  method  is  accurate  enough  for  practical  purposes  provided  that  the  separat- 
ed regions  have  a moderate  extrusion. 


NOTATION 


speed  of  sound 
dissipation  coefficient. 


2j\ 


cf  skin  friction  coefficient, * 

p*  “•* 

Cp  pressure  coefficient 

Hqj  shape  parameter  of  velocity  profile, 

0rt,-Sr)d" 

H21  shape  parameter  of  velocity  profile, 


of  0~  3r)dn 


H31  shape  parameter  of  velocity  profile, 

AN«r)’> 

J*(i-  V)a" 

Hqj  shape  parameter,  S ~i'— 

• ij 

H,.  shape  parameter,  — £- 

H-\  shape  parameter,  J*3_ 

it 

Hjj  shape  parameter, 

1 length 

m Mach  number  coefficient, 


Mach  number 
static  pressure 

recovery  factor 
Reynolds  number 

orthogonal  coordinates  along  the  surface 
temperature 

velocity  components  in  s ,n~coordinates 
Cartesian  coordinates 


pressure  gradient  parameter, 


1L  l!!i 

U, 


boundary  layer  thickness 


displacement  thickness,  0$  (l-  ppuu  )dn 

momentum  thickness,  J ~ ~«»~) dn 

energy  thickness,  J * 

density  thickness, 

streamline  angle 
transformed  s,n-coordinates 

pressure  gradient  parameter,-^ 


« 
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p density  Subscripts 

r shear  stress  e edge  of  boundary  layer 


correction  coefficient  for  compress!-  equ 
bility  transformation/ 

w 


— P-  f4 

,m«  \ it  o J 


5 


equilibrium  concition 

wall  surface 

boundary  layer  thickness 


0 potential  function 
^ stream  function 


6 j displacement  thickness 

oo  free  stream  condition 


INTRODUCTION 


The  knowledge  of  steady  supercritical  airfoil  flows  is  an  important  instrument 
for  the  calculation  and  design  of  transonic  wings  because  of  the  complexity  of  transonic 
wing  flows. 


The  difficulties  in  predicting  the  aerodynamic  loading  of  thick  rear-loaded  super- 
critical airfoils  for  transonic  flows,  especially  at  off-design  conditions,  arise  due  to 
their  sensitivity  to  viscous  effects  resulting  from  both  shock  and  pressure  induced 
separation  and  their  interaction  with  the  potential  flow  - cf.  Pearcey  et  al.  (Ref.  1) 
and  Kacprzynski  (Ref.  2),  see  also  Fig.  1.  However  the  existing  viscous  transonic  flow 
calculation  methods  (Refs. 3,  4 and  5) , wherein  the  boundary  layer  displacement  thickness 
is  superimposed  to  the  airfoil  contour  producing  an  equivalent  shape  to  represent  the 
boundary  layer  displacement  of  the  inviscid  streamlines,  are  limited  to  weak  viscous- 
inviscid  interactions  and  hence  exclude  separated  zones. 

Therefore,  considerable  efforts  were  made  for  the  calculation  of  separated  flows 
in  the  past  few  years,  concentrating  mainly  on  the  following  two  areas: 

1.  Solving  the  complete  Navier-Stokes  equations. 

2.  Solutions  incorporating  boundary  layer  concepts. 

Although  the  Navier-Stokes  solutions  (Refs. 6,  7)  represent  the  direct  and  exact 
way  for  the  solution  of  strong  interaction  cases,  the  computer  costs  are  still  far  too 
high  for  engineering  applications.  In  contrast  the  boundary  layer  concept  is  more 
economical,  although  for  every  case  a control  of  the  boundary  layer  assumptions  is  ne- 
cessary. Results  of  separated  flows  from  Ghia  et  al.  (Ref.  8)  and  Murphy  et  al.  (Ref.  9) 
for  specific  examples  wherein  the  boundary  layer  assumptions  are  approximately  satisfied, 
show  that  the  boundary  layer  concept  gives  results  comparable  with  the  complete  Navier- 
Stokes  solutions. 


In  the  last  few  years,  considerable  success  was  achieved, beginning  with  the 
pioneering  contribution  of  Lees  and  Reeves  (Ref.  10) , in  treating  the  separated  supersonic 
laminar  flow  as  a boundary  layer  problem.  However,  the  technique  of  locally  considering 
the  interaction  between  the  viscous  and  inviscid  flow  due  to  the  hyperbolic  nature  of 
the  inviscid  supersonic  flow  field,  resulting  in  regular  solutions  of  the  boundary  layer 
equations  for  the  separated  regions,  cannot  be  utilized  for  subsonic  or  transonic  flows,  as 
pressure  at  any  point  of  the  elliptical  inviscid  flaw  is  dependent  on  the  entire  airfoil 
the  pressure  at  any  point  of  the  elliptical  inviscid  flow  is  dependent  on  the  entire  air- 
foil displacement  distribution.  For  the  subsonic  case,Catherall  and  Mangier  (Ref.  11)  were 
pressure  is  prescribed,  can  be  avoided  by  using  an  inverse  solution  procedure,  wherein 
the  displacement  thickness  or  wall  shear  stress  distribution  is  prescribed  and  the  pres- 
sure is  deduced  from  the  resulting  solution. 

The  calculation  of  separated  turbulent  boundary  layers  has  not  yet  achieved  the 
comparable  accuracy  of  the  laminar  case  for  three  main  reasons: 

1.  The  estimation  of  the  Reynolds  stresses  becomes  very  difficult  with  deviations 
from  the  equilibrium  condition. 

2.  A suitable  family  of  separated  turbulent  velocity  profiles  must  exist  as  re- 
ference. 


3.  A suitable  compressibility  trans formation  must  be  imputed. 

An  inverse  integral  method  prescribing  the  well  shear  stress  distribution  was 
developed  by  Kuhn  and  Nielsen  (Ref.  12)  for  predicting  separated  turbulent  boundary 
layers,  fails  however  in  the  shock  region. 

For  the  calculation  of  the  complete  supercritical  airfoil  flow  field,  it  is 
necessary  to  incorporate  a description  cf  the  inviscid  transonic  flow.  A very  effective 
iterative  procedure  can  be  obtained  combining  an  inverse  boundary  layer  method  with  an 
inverse  inviscid  calculation  method,  in  which  the  pressure  calculated  from  the  inverse 
boundary  layer  solution  is  prescribed  anclogue  to  the  incompressible  flow  procedure  of 
Carter  and  Wornom  (Ref.  13) . 

I 
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However,  due  to  the  absence  of  a suitable  inverse  method  for  inviscid  transonic 
flow,  a direct  inviscid  method  was  first  used  by  Klineberg  and  Steger  (Ref.  14)  to 
develop  an  iterative  procedure  for  separated  laminar  flews  and  later,  for  the  corres- 
ponding turbulent  case  at  transonic  speeds  by  Tai  (Ref.  15).  The  results  of  the  calcula- 
tion of  turbulent  transonic  viscous-inviscid  interactions  from  Tai  are  not  quite  satis- 
factory as  a result  of  inaccuracies  caused  by  the  small-disturbancy  approximations  of 
the  inviscid  solution  and  the  thin  airfoil  boundary  conditions  as  well  as  the  insuffi- 
ciencies of  the  reverse  flow  velocity  profiles  of  the  boundary  layer  solution. 

The  present  paper  describes  an  iterative  procedure  for  transonic  airfoil  flows 
with  strong  viscous-invisc) d interactions  including  separation  zones  by  combining  a 
turbulent  boundary  layer  solution  with  an  inviscid  solution.  For  the  separated  turbulent 
boundary  layer  flow,  an  inverse  integral  method  is  developed,  prescribing  the  streamline 
flow  angle, by  using  the  similar  solutions  of  Alber  (Ref.  16)  for  the  reverse  flow  velocity 
profiles  and  an  empirical  relation  for  non-equilibrium  flows.  For  the  inviscid  flow  the 
finite  difference  method  of  Klevenhusen  (Ref.  17)  is  used,  which  satisfies  the  complete 
transonic  equation  in  curvilinear  coordinates  and  fulfills  the  exact  boundary  conditions. 
In  separated  regions  the  coupling  of  the  interacting  flow  fields  is  tested  with  the 
following  two  boundary  conditions: 

1.  Tangential  coupling  along  the  boundary  layer  displacement  thickness. 

2.  Tangential  and  normal  velocity  coupling  along  the  boundary  layer  edge. 

A numerical  matching  procedure  for  separated  regions  is  developed  introducing  the 
second  boundary  condition.  Finally  the  complete  matching  procedure  is  applied  to  viscous 
transonic  airfoil  flows  with  both  shock  and/or  pressure  induced  separation,  considering 
primarily  flow  cases  without  circulation. 

ANALYSIS 

» 

Viscous  flow  solution 


Assuming  the  validity  of  the  boundary  layer  approximations,  the  separated  flow 
on  airfoils  can  be  treated  as  a boundary  layer  problem.  For  the  iterative  calculation 
of  the  viscous  transonic  airfoil  flow  it  appears  most  effective  at  the  present  moment 
to  apply  the  parametric  integral  technique  for  the  boundary  layer  solution,  emphasised 
by  the  better  information  available  about  the  reverse  flow  velocity  profiles  than  of  the 
turbulence  structure  in  the  separated  case. 

The  integral  relations,  evolved  from  the  boundary  layer  conservation  equations  for 
stationary  two-dimensional  compressible  flows  are  for 

moment 


due 

ds 


(1) 


moment  of  momentum 


.lil 

ds 


+ (3+2_if  - K)-uf  d^T  - c° 


(2) 


and  continuity 


d«, 

ds 


~(  4-ii)  ^ ln  ( Pf  U»)  ~ tan  tJ,  - 0 


(3)  . 


In  regions  of  weak  interaction  the  continuity  equation  is  approximated  by 


ton  d# 


di, 

ds 


(4) 


and  therefore  uncoupled  from  the  remaining  equations  (1)  and  (2),  which  satisfy  the 
description  of  the  boundary  layer.  Here  the  boundary  layer  is  computed  by  a standard 
procedure  (Refs,  18,  19  and  20),  prescribing  the  pressure  distribution  from  the  inviscid 
outer  flow  solution.  In  the  standard  procedure,  the  shape  parameter  function  of  the 
velocity  profiles  imputes  a saddle-type  singularity  at  the  separation  and  reattachment 
points,  which  Is  avoided  by  an  inverse  solution  procedure,  prescribing  the  displacement 
thickness  or  the  wall  shear  stress  distribution  and  defining  the  surface  pressure  as  a 
dependent  variable.  For  the  solution  of  the  complete  viscous  equation  system  (1)  - (3) 
in  the  strong  interaction  case,  it  is  more  advantageous  to  define  the  streamline  flow 
angle  at  the  boundary  layer  edge  de. 


For  the  inverse  solution  procedure  the  integral  equations  (1)  - (3),  introducing 
the  inverse  shape  parameters  H*^,  H^,  and  Hj,,  are  transformed  into: 

dHj  1»Hj,(2-Mg*)  i dM,  H?i  d£i  _ c{ 

ds  1 +me  Me  d*  {,  ds  "2?T  (5) 


dH?i  dH^j  2H?|  + H*|(3  -Mt*)  _t_  dM*.  , _H}1_  d8j_  _ cD 

dHJj  ds  1 +-me  ds  ds  $1  (6) 

Hqi (I  - Mg ) | dM,  j_  d«i_  _ tan  dt 

\ +m,  M,  ds  r 5,  ds  5)  (7j 


see  Ref.  (21) . Taking  into  account  that  the  van  Driest  relation  between  temperature  and 
velocity  profiles  (Ref.  22) 


X 


' + rme  [«-(  g;)2] 


(8) 


is  valid  also  for  separated  flows,  reduces  the  compressible  boundary  layer  integral 
quantities,  appearing  in  the  integral  equations  (5)  - (7),  to  incompressible  ones. 

The  solution  of  the  viscous  equation  system  with  a prescribed  streamline  flaw 
angle  at  the  boundary  layer  edge  ti  , requires  the  following  relations  for  a one-para- 
metric family  of  turbulent  reverse  flow  velocity  profiles: 


- shape  parameter  functions  H3l  (H21) ' ^H21^ ' H01  (H21^ 

- compressibility  transformation  coefficient  v»(H21,  Me) 

- skin  friction  coefficient 

- dissipation  coefficient  cD  (H21)  , 


for  which  the  lower  branch  similar  solutions  of  Alber  (Ref.  16)  are  used  as  a basis, 
Fig.  2.  The  above  relations,  evaluated  in  Ref.  23,  are  also  valid  for  separated  non- 
equilibrium boundary  layers,  excluding  hafever  the  dissipation  law,  wherein  the  history 
effects  must  be  considered.  From  the  evaluation  of  separated  turbulent  boundary  layer 
measurements,  especially  from  Ref.  24,  Fig.  3,  the  following  empirical  formula  for  the 
dissipation  coefficient  is  established: 


cDj  * cDj*Hfl)  cD^n_nequ) 


(9)  , 


wherein  the  deviation  from  the  equilibrium  conditions  is  determined.  For  a better 
estimation  of  the  characteristics  of  the  reverse  flow  profiles,  further  tests  with 
separated  turbulent  flows  are  absolutely  necessary. 

Together  with  the  relations  of  the  reverse  flow  profiles,  the  integral  equa- 
tions (5)  - (7)  form,  with  the  prescribed  streamline  angle  at  the  boundary  layer  edge 
i)~,  a linear  equation  system  with  3 dependent  variables  dH^i/ds,  dMe/ds  and  dS^/ds, 
which  can  be  written  with  Cramer's  rule  as 


<1H?,  _ 

NtfHn.  M..S,) 

(10) 

ds 

0 (H2t)Me8,) 

1 

dMe 

N2(H2,.M«.  6, ) 

(11) 

Me 

ds 

D (HZ, , Me, »,) 

1 

dfr  m 

N>(H21.M,A) 

8, 

ds 

0 (Hn.Me,5!) 

(12). 

This  system  of  ordinary  differential  equations  can  be  solved  by  a Runge-Kutta  integration. 
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The  accuracy  of  the  inverse  boundary  layer  method  with  the  above  relations 
suggested  for  the  reverse  flow  profiles, was  compared  with  measurements  of  the  separated 
turbulent  boundary  layer  of  Alber  et  al.  (Ref.  24)  on  a two-dimensional  bump  in  a 
transonic  duct.  For  comparison  of  the  calculated  results  with  the  tests,  the  reduced 
viscous  equation  system  (5)  and  (6)  is  used,  prescribing  the  measured  displacement 
tnickness  6 j . The  calculated  boundary  layer  values  Me,  H^i  and  Cf  of  the  separated 
flow  regions  in  the  shock  and  pressure  gradient  induced  separation  cases  are  compared 
to  the  measured  ones  in  Fig.  4 and  5.  Deviations  between  the  computed  and  measured 
boundary  layer  values  near  the  reattachment  point,  arising  from  the  non-equilibrium 
condition,  essentially  vanish  by  considering  the  non-equilibrium  character  of  the 
boundary  layer  in  the  dissipation  law.  Further  deviations  between  the  computed  skin 
friction  coefficients  and  those  evaluated  from  the  measured  velocity  profiles,  despite  the 
goodHji-conformity , indicate  the  strong  disturbed  turbulence  structure  of  the  boundary 
layer  at  the  reattachment  point. 

Inviscld  flow  solution 

A finite  difference  method,  described  in  Ref.  17,  which  satisfies  the  full  non- 
linear transonic  velocity  potential  equation  in  curvilinear  coordinates  and  fulfills  the 
exact  boundary  conditions  on  the  matching  line,  is  adopted  for  the  inviscid  transonic 
airfoil  flow  solution. 

The  differential  equation  for  two-c'imensional  inviscid  flow  in  Cartesian 
coordinates  is 


*xx  (aJ  - *!)  * *Vy(aJ  “ 4$)  -2  ^x  % = 0 


(13). 


The  fulfillment  of  the  boundary  conditions  for  complicated  profile  contours  not 
contained  in  the  network  for  the  finite  difference  schemes  is  the  inherent  difficulty 
in  solving  this  differential  equation,  which,  however,  can  be  circumvented  by  introduc- 
ing a streamline  coordinate  system: 


<f  » const  - const 

with  the  boundary  as  coordinate 

't’l/,  - 0 


(14) 

(15)  . 


For  the  calculation  of  the  streamline  coordinates,  a panel  method  with  dipole 
covering  is  suggested  (for  unproblematic  description  of  profile  contours  with  viscous 
effects) , to  avoid  the  difficulties  discerned  in  the  conformal  mapping,  as  for  instance 
in  the  method  of  Garabedian  et  al-  (Ref.  3) . 

The  differential  equation  (13)  in  streamline  coordinates  is 


2a*(  t + 


(16) 


with 


0 ■'  (^3  + ^ ) A ond  As <p*  + <p* 


Eq.  (16)  is  solved  with  the  Murman  finite  difference  scheme  (Ref.  25). 

Matching  of  the  viscous  and  inviscid  solutions 

The  two  different  boundary  conditions  for  coupling  both  the  interacting  viscous 
and  inviscid  flow  fields  considered  are: 

1.  Tangential  coupling  along  the  boundary  layer  displacement  thickness. 

2.  Tangential  and  normal  velocity  coupling  along  the  boundary  layer  edge. 

The  first  boundary  condition,  an  approximation  of  the  continuity  integral 
equation  (3) , 


t>  = 


ds 


(17), 


is  normally  adopted  for  weak  interaction  problems.  This  signifies  that  the  displacement 
thickness  serves  as  a streamline,  which  primarily  hinders  mass  transfer  and  consequently 
the  communication  between  the  inner  viscous  and  the  outer  inviscid  flow. 
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The  second  boundary  condition,  which  exactly  satisfies  the  continuity  integral 
equation  (3) 

-JJL -(*-«>)  £ln(p.u.)  (18), 

forces  the  inviscid  solution  to  match  the  tangential  and  normal  velocity  components 
ue  and  ve  given  by  the  viscous  solution  along  the  boundary  layer  edge,  verifying  that 
the  induced  streamline  angle  at  the  boundary  layer  edge  t)e  is  a common  variable  for  both 
the  viscous  and  inviscid  solutions.  This  boundary  condition  forms  the  basis  for  a more 
realistic  flow  model  for  the  strong  interaction  case. 

The  coupling  of  the  interacting  flow  fields  with  booh  the  boundary  conditions  (17) 
and  (18)  is  tested  with  the  experimental  results  of  Alber  et  al.  (Ref.  24)  in  separated 
turbulent  transonic  flow.  For  the  test 

- case  A with  pressure-gradient  induced  separation  and 

- case  B with  shock  induced  separation, 

the  inviscid  flow  field  is  calculated  with  the  above  boundary  conditions  at  the  bump 
derived  from  the  measured  boundary  layer  values,  Fig.  7 and  8.  Although  the  duct  ceiling 
above  the  bump  approximates  the  streamline  of  the  unrestrained  flow  field,  the  in- 
fluence of  the  opposite  wall  on  the  bump  flow  cannot  be  neglected;  therefore  the 
boundary  condition  (17)  is  satisfied  on  the  opposite  wall  for  both  calculations.  In  the 
attached  boundary  layer  flow  region  a good  agreement  between  the  calculated  and  measured 
Mach  number  distributions  is  reached  using  both  boundary  conditions.  However,  in  the 
separated  flow  region  where  the  viscous  effects  are  dominant,  better  results  are 
achieved  with  the  ue,  ve-coupling  on  the  boundary  layer  edge,  confirmed  by  Murphy  et  al . 
(Ref.  9),  Consequently, only  the  second  boundary  condition  (18)  i’  used  to  develop  a 
matching  procedure  for  flows  with  strong  viscous- inviscid  interactions. 

Matching  is  the  process  determining  the  specific  combination  of  the  tangential 
and  normal  velocity  components  on  the  boundary  layer  edge,  ue  and  ve  respectively, 
simultaneously  satisfying  both  the  viscous  and  inviscid  flow  solution.  The  inverse 
solution  for  the  tangential  velocity  component  ue  of  the  viscous  equation  system  (5)  - 
(7)  at  the  positions  (s  = const)  of  a prescribed  airfoil  geometry  can  be  written  as 

U«vs  = »vs  (*«"*•„,)  (19) 

and  the  direct  solution  for  the  normal  velocity  component  ve  by  the  inviscid  equation 
(16)  as 

u«k  = Si.  ( ton  d.. 

° '*  V #IS  1 (20), 

i.e.  the  induced  streamline  angle  at  the  boundary  layer  edge 

is  a common  variable  for  both  the  viscous  and  the  inviscid  flow  fields.  Aim  of  the 
matching  procedure  Is  to  achieve  the  coincidences 


(21) 


and 


V*vs  * v*„  0r  ton  s ,Qn  ’’•j,  (22) . 

Assuming  that  the  boundary  layer  thickness  variation  as  a second-order  term  in 
£q.  (20)  is  negligible,  the  intersection  of  the  functions  fyS  and  gis  in  the  ue,  Vg-co- 
ordlnates  represent  the  matched  solution  of  Eqs.  (19)  and  (20) . According  to  Ref.  26, 
the  matched  solution  can  be  derived  using  an  initial  approximation  ve(o)  by  a two-dimen- 
sional Newton  iteration,  see  Fig.  9,  which  leads  to  a good  convergence.  The  initial 
approximation  ve(°)  is  obtained  empirically  from  fii-  or  u -estimation  as  used  in 
Refs.  3-5. 

In  a modified  form  this  matching  procedure  can  also  be  applied  to  weak  interac- 
tion regions  of  a transonic  airfoil.  However  special  attention  must  be  paid  to  the 
sonic  point,  which  is  a singularity  of  the  inviscid  solution.  In  the  weak  interaction 
case  the  initial  approximation  is  obtained  from  the  inviscid  solution  without  any 
boundary  layer  consideration.  The  advantage  of  this  procedure  for  weak  interaction 
problems  i3  the  better  convergence  of  the  iterative  solution  compared  to  the  conventional 
procedure,  wherein  the  displacement  thickness  is  superimposed  to  the  airfoil  contour. 
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The  matching  procedure  described  above  is  applied  to  separated  turbulent  transonic 
airfoil  flow  cases  for  which  experimental  details  were  available. 

The  most  suitable  example  for  a comparison  is  the  aforementioned  two-dimensional 
10-percent  thickness  bump  on  the  floor  of  a transonic  duct  (Ref.  24),  where  measurements 
of  the  wali  static  pressure  distribution  and  of  the  boundary  layer  velocity  profiles  in 
the  everse  flow  region  are  carried  out.  The  first  comparison  is  made  for  the  test  case 
ft  (Kco  ■*  .7325)  with  pressure-gradient  induced  separation  at  some  distance  downstream  of 
the  shock.  As  the  influence  of  the  opposite  wall  on  the  bump  flow  cannot  be  neglected, 
in  addition  to  the  bump  contour,  the  duct  ceiling  is  predefined  for  the  calculations. 

The  displacement  contour  of  the  opposite  wall  was  kept  constant  during  the  iterative 
process.  Furthermore,  as  the  boundary  layer  develops  before  the  test  section,  the 
inputs  of  the  initial  boundary  layer  parameters  are  required.  For  the  calculation  of  the 
inviscid  flow  field  a mesh  with  48  (with  22  in  the  bump  region)  x 15  grid  points  is 
used.  In  the  weak  interaction  region  the  initial  approximation  for  the  matching  proce- 
dure is  the  inviscid  solution,  followed  by  a boundary  layer  calculation  'with  the  pres- 
cribed inviscid  pressure  distribution.  In  the  strong  interaction  region  beginning  up- 
stream of  the  separation  point,  a displacement  thickness  distribution  corresponding  to 
the  initial  values  in  the  weak  interaction  region  is  estimated  for  the  initial  approxima- 
ti an.  Matched  results  are  obtained  in  the  strong  interaction  regions  after  5 iterations, 
whereby  only  2 iteration  steps  are  required  in  the  weak  interaction  region.  The  predicted 
pressure  distribution.  Fig.  10,  shows  excellent  coincidence  with  the  tests  in  the 
attached  boundary  layer  region  and  little  scatter  in  the  separated  flow  region. 

Using  the  same  inputs  as  case  A,  the  predicted  pressure  distribution  of  the  test 
case  B (Mqo = .7339)  with  shock  induced  separation.  Fig.  11,  shows  more  scatter  in  the 
separated  zone  than  the  pressure  induced  separation  case.  Here,  because  of  the  larger 
extension  of  the  separated  flow  regions  (compare  Fig.  4 and  5),  the  boundary  layer 
approximations  are  les3  accurate  than  in  case  A. 

A circular  arc  airfoil  of  lfi-percent  thickness  is  chosen  as  a further  test  case 
for  transonic  flows  (MTO  = .7425,  Roo = 4-106)  with  pressure  induced  separation,  for  which 
pressure  measurements  are  presented  from  Me  Devitt  et  al.  (Ref.  27) . For  this  case 
Navier-Stokes  solutions  with  four  different  turbulence  models  are  published  by  Deiwert 
(Ref.  7) . For  the  calculation  only  the  airfoil  contour  was  defined,  whereby  the  wind- 
tunnel  wall,  contoured  to  approximate  the  undisturbed  flow  conditions,  was  not  considered. 
The  boundary  layer  was  assumed  to  be  turbulent.  Profile  wake  approximations  were  imputed. 
The  inviscid  solution  was  obtained  with  a 42  (with  22  on  the  airfoil)  x 26  grid  point 
mesh.  Using  the  foregoing  initial  approximation,  convergence  for  the  complet  flow  field 
including  the  separated  zone  is  reached  after  4 iterations.  Good  coincidence  of  the 
matched  solution  with  the  measured  pressure  distribution  in  the  separated  trailing  edge 
flow  region  is  achieved.  In  the  supersonic  region  deviations  occur  similar  to  the 
Navier-Stokes  solutions,  which  apparently  result  from  the  wall  interference  and  the 
laminar-turbulent  boundary  layer  transition. 

CONCLUDING  REMARKS 

A prediction  method  for  separated  turbulent  transonic  flow  on  airfoils  is 
achieved  by  coupling  an  inverse  integral  method  with  an  inviscid  finite  difference  method. 

Results  of  flow  cases  with  both  pressure-gradient  and  shock  induced  separation 
indicate,  that  the  present  method  is  accurate  for  practical  purposes,  provided  that  the 
separated  regions  have  a moderate  extension.  Although  inherently  good  convergence  is 
reached,  further  work  is  necessary  to  minimize  the  computing  time  for  the  matching 
procedure . 

As  there  are  no  fundamental  difficulties  in  extending  oho  present  method  to  flows 
with  circulation,  it  can,  with  some  additional  development,  be  applied  to  cambered 
airfoils  with  incidence.  Furthermore,  this  method  can  be  extended  for  supercritical 
airfoils  with  flaps. 
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Fig.  1 Viscous  effects  of  a rear- 

loaded  supercritical  airfoil 
in  separated  transoi  Lc  flow 


fcPOV  VISCOSITY  MODELS 


— — MIXIWO  LENGTH  MOOCt 
* TURBULENCE  ENERGY  MODEL 


Fig.  2 Similar  solutions  for  a 
family  of  separated  tur- 
bulent boundary  layers 
of  Alber  (Ref.  16) 
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Fig.  3 Velocity  profiles  of  separated  turbulent 

transonic  flow  measurements  of  Alber  et  al. 
(Ref.  24) 
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Fig.  4 Comparison  of  predicted  sep-  Fig.  5 Comparison  of  predicted  sep- 
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Fig,  6 Boundary  conditions  for  coupling  of 
the  viscous  and  inviscid  flow  fields 
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Fig.  9 Matching  procedure  for  strong  inter- 
action regions 
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Fig.  XO  Comparison  of  the  predicted 
pressure  distribution  with 
r^easurements 


Fig.  11  Comparison  of  the  predicted 
pressure  distribution  with 
measurements 
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Fig.  12  Comparison  of  predicted  pres- 
sure distributions  with  mea- 
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solutions 
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PRESSURE  DISTRIBUTIONS  FOR  A SWEPT  WING  BODY  CONFIGURATION 
OBTAINED  FROM  COUPLING  TRANSONIC  POTENTIAL  FLOW  CALCULATION’S 
AND  BOUNDARY  LAYER  CALCULATIONS 


Sven  C . Hedman 

The  Aeronautical  Research  Institute  of  Sweden  (PFA) 
S - 1 6 1 11  Bromma , Sweden 


SUMMARY 

In  a study  of  the  aerodynamics  of  swept  wings  at  transonic  speed  a series  of  wings 
on  c>lindrical  bodies  has  been  designed,  tested  ana  analyzed.  The  wings  have  a common 
planform,  a 35°  swept  quarter  chord  line,  an  aspoct  ratio  of  4,  and  a taper  ratio  of  0.4. 
The  relative  thickness  of  the  wings  generally  exceeds  8.5  %.  For  comparison,  pressure 
distributions  were  obtained  on  an  uncambered  wing  with  NACA  64  series  sections. 

In  this  paper  comparisons  will  bo  described  between  calculated  and  measured  pressure 
distributions  at  two  supercritical  flow  conditions  M = 0.8,  0=6°  and  M = 0.9,  a = 0°. 
The  pressures  were  calculated  with  a relaxation  method  based  on  the  transonic  small  dis- 
turbance equation.  Boundary  layer  displacement  thicknesses  were  calculated  both  with  an 
integral  method  and  ? finite  difference  method  for  three  dimensional  turbulent  flow. 

It  was  found  tha-  use  of  the  simplified  or  the  full  boundary  condition  and  of  in- 
cluding the  ^ 0xy  and  0Z  0XZ  terms  in  the  potential  flow  calculations  affected  the  re- 
sults only  slightly.  Addition  of  the  boundary  layer  thickness  to  tho  wing  thickness 
into  an  equi\ alent  wing  surface  improved  the  agreement  between  calculated  and  measured 
pressures. 


or  angle  of  attack 

T circulation 

V specific  heat  ratio 

6 boundary  layer  thickness, 

airfoil  thickness  ratio 

6*  displacement  thickness 

Tj  spanwise  station  y/cj 

0 momentum  thickness 

e scaling  factor,  6^/m 

<t>  velocity  potential  function 

cp  disturbance  velocity  potential 

Indices 

te  trailing  edge 

ff  far  fie  Ld 


1 . NOTATION 
b wing  span 

Cf  friction  coefficient 

(1^  pressure  coefficient 

lift  coefficient 
c local  chord 

cref  wing  root  chord 

H shape  factor,  6*/0 

M -Mach  number 

R defined  i.i  Eq.(5) 

Re  Reynolds  number 

Reg  Reynolds  number  based  on  momentum 

thickness 

U^  froestream  velocity 

u,v,w  disturbance  velocity  components 

x,y,z  Cartesian  coordinates 


2.  INTRODUCTION 

In  a study  of  the  aerodynamics  of  swept  wings  main.’ y for  small  lift  coefficients  at  transonic 
Mach  numbers,  FFA  has  designed  and  tested  a series  of  swept  wings  mounted  on  cylindrical  belies  and 
analyzed  the  results.  The  work  has  been  performed  in  cooporation  with  Dornler  GmbH  in  Germany,  NAE 
in  Canada  and  Saab-Scania  in  Sweden, 

The  wings  have  a cotnnon  planform  defined  by  a 35°  swept  quarter  chord  line,  an  aspect  ratio  of 
4.0,  The  relative  thickness  of  the  wings  taken  in  the  chordwise  direction  varies  slightly  between 
configurations  but  generally  exceeds  8.5  Tests  of  total  force  on  an  uncambsred  wing  with  NACA 
64A010  section  perpendicular  to  tho  quarter  chord  line  and  fitted  with  leading  and  trailing  edge 
flaps  were  reported  in  [l].  A fir3t  cambered  wing  was  designed  with  a subsonic  panel  method  to 
have  a sonic  roof-top  pressure  distribution  at  its  design  point,  M = 0.9,  = 0.1.  Comparisons 

were  reported  in  [23  between  pressures  computed  both  with  the  panel  method  and  with  a transonic 
small  disturbance  finite  difference  method  and  with  pressur  distributions  obtained  experimentally. 
A second  cambered  wing  was  designed  using  a supercritical  airfoil  section.  Total  force  balance 
tests  for  that  configuration  were  published  in  [33.  A fully  supercritical  roof-top  wing  designed 
by  the  finite  difference  method  will  be  reported  in  [4] . 

The  wings  were  designed  to  have  pressure  gradients  such  that  two-dimensionnl  turbulent  bound- 
ary layer  calculations  [53  showed  to  be  free  from  separations.  No  tliree-dimensional  boundary  layer 
calculations  were  done.  Lately  several  calculation  procedures  for  that  purpose  have  been  published 
[6]. 

Tho  pressures  on  wings  in  a real  flow  without  separation  can  be  predicted  by  potential  flow 
calculations  performed  on  an  equivalent  wirg  geometry  that  includes  the  boundary  layer  displacement 
thicknoss.  Two  methods  for  computing  the  displacement  thickness  and  for  prediction  of  separation 
of  turbulent  boundary  layers  have  been  solocted,  one  is  an  integral  method  by  Stock  in  [73  and  tho 
other  a finite  difference  method  [l>] , The  pressures  obtuinejd  are  compared  with  experimentally  at- 
tained values  for  the  above-mentioned  plane  wing.  For  this  wing,  pressure  measurements  are  avail- 
able for  a wide  range  of  incidence  and  Mach  number,  0 < or  < 9°,  0.5  < M < 0,975  , 7 * 1 0s  < Re  < 

16  • 1C»  [9], 
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3.  METHODS  OF  CALCULATION 
3. 1 Potential  flow  method 

The  method  will  be  described  in  detail  in  [4]  and  [?]. 

Tile  perturbation  potential  cp  is  defined  in  terms  of  the  full  velocity  potential  0 . 

0(x,y,z)  = UM[x  + 6tp(x,y,z)] 

where  e is  the  scaling  factor,  here  put  e = 6^/M.  The  potential  equation  is  generally  simpli- 
fied into  the  transonic  flow  small  d isturbanec.  formulation, 

c ( 1 -M2 ) - (v+')Ms€<px]  cp^  + cpyy  + <pzz  = 0 (l) 

For  calculations  of  pressures  the  x-component  of  the  velocity  plays  a dominant  role,  for 
three  dimensional  boundary  layer  calculations  the  spanwise  component  is  also  important.  For  swept 
wings  with  round  leading  edges  considerable  crossflow  velocities  v , w can  appear.  To  take  these 
into  account  two  more  terms  are  retained  in  the  potential  equation. 

[(l-Ms)  - (y+l)M2c<p  ] cp  + (p  + tp  - 2M*e(cp  cp  + cp  <p  ) ss  0 (2) 

' ' ' Tx  Txx  ^yy  Tzz  VYyYxy  TzTxz' 

The  boundary  condition  on  wing  and  body  surfaces  states  that  the  product  of  surface  slop  > and 
velocity  at  the  surface  should  vanish.  The  equation  of  the  surface  is  written,  z = f(x,y)  , and 
thus  the  boundary'  condition  becomes 

cp  = - f + cp  T + tp  f (3) 

TZ  £ X ^ X Yy  y 

This  relation  is  used  for  the  body  together  with  either  potential  equation  (l)  or  (2),  and 
also  for  the  wing  when  Eq. (2)  is  anplied.  However,  the  wing  boundary  conditions  are  simplified  in 
connection  with  Eq. ( 1 ) . 

*z  ■ 7 fx  <*> 

The  potential  jump  across  the  wake  is  assumed  to  vary  linearly  from  the  wing  trailing  edge 
xte(y)  to  the  downstream  end  of  the  computation  domain  . At  intervals  the  far  field  circula- 

tion T fp (y)  is  updated  to  the  wing  value  r te(y)  • 


<p(x,y,+0)-;p(x,y,-0)  = rfft(y)  + [rrf(y)  - rtft(>  )][x-xte(y)]/[xff  - xte(y)] 


In  the  first  two  grids  used  for  preliminary  calculations  special  far  field  expressions  are 
used  for  the  outer  sides  of  the  volume  of  grid  points.  For  the  surface  furthest  upstream  and  that 
furthest  downstream  the  potential  equation  is  reduced  to  the  cross  flow  equation 

tp  + cp  =0 
Tyy  rzz 

For  the  remaining  three  exterior  surfaces  far  field  expressions  by  Klunker  for  the  potential 
are  used.  . 

z x y r (y’)dy’ 

tp(x,y,z)  (1  + S)  j (y_y,)4  +zz 

-b/2  (3) 

R3  = x2  + (l-M2)^  z3) 

In  the  finr ' calculations  the  potential  on  the  boundaries  of  the  compution  grid  is  interpolat- 
ed from  values  . e preliminary  calculations. 

Calculations  of  body  surface  pressures  and  wing  pressures  in  connection  with  Eq.(2)  are  made 
with  the  isentrcpic  pressure  relation. 


cp  = w ll1  - m3(2^x  + + V + " ’} 


Wlien  the  potential  equation  in  Eq.(l)  is  used,  the  pressure  coefficient  expression  is  linear- 


3.2  Boundary  layer  methods 


The  boundary  layer  flow  on  the  wing  was  assumed  to  be  turbulent,  three-dimensional,  and  com- 
pressible. 

The  aim  of  the  calculations  is  primarily  to  determine  the  displacement  thickness  to  be  added 
to  the  wing  geometry.  The  flow  ovur  the  equivalent  wing  will  then  be  recalculated  are!  the  pressures 
compared  to  the  ones  obtained  without  boundary  layer  addition.  Two  methods  have  been  employed  for 
the  determination,  an  integral  method  for  the  major  part  of  the  work  and  a finite  difference  method 
to  check  some  of  the  .results. 


The  integral  method, 

Tha  method  was  first  developed  by  Smith  [ 10]  and  later  by  Stock  in  [7 J . It  is  based 


91^  ' V*’W- 
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on  the  boundary  layer  momentum  integral  and  the  entrainment  equation.  For  the  cross  Flow  velocities 
Mager  profiles  are  used.  In  the  program  there  is  an  option  for  Johnston  profiles.  The  skin  fric- 
tion is  taken  from  the  Ludwicg-Tillmann  relation.  Consideration  of  compressibility  is  taken  accord- 
ing to  Eckert's  reference  temperature  concept.  The  entrainment  coefficient  depends  on  the  shape 
factor  H and  the  exterior  Mach  number  M. 

Starting  values  are  calculated  in  a laminar  flow  across  a cylinder  approximating  the  wing 
leading  edge.  The  flow  ia  computed  over  one  surface  at  a time. 

The  finite  difference  method. 

This  is  an  extension  of  the  Bradshaw— Ferriss  transport  equation  method  applicable  to  tapered 
swept  wings  [8].  A cylindrical  polar  coordinate  system  is  used  with  its  center  in  the  node  of  the 
wing's  generators.  The  isobars  are  assumed  to  follow  the  generators. 

Initial  values  of  9 , Reg  and  Cp  at  10  f>  chord  have  been  given  by  the  integral  method.  From 
these  values  a starting  velocity  profile  is  synthesized  from  Coles'  and  Mager  profiles.  Finite  dif- 
ference solutions  of  tho  transport  equations  then  proceed  along  a circular  arc  and  the  solution  is 
transformed  to  an  adjacent  wing  section.  One  section  is  computed  at  a time. 

The  main  advantage  of  the  integral  method  is  its  ability  to  treat  a front  line  that  sweeps 
past  the  wing  surface,  while  the  salient  feature  in  the  finite  difference  method  lies  in  the  ab- 
sence of  assumed  velocity  profiles. 


3.3  Calculation  procedures 

The  program  for  potential  flow  has  the  two  main  alternatives  for  operation  listed  below.  A 
third  hybrid  alternative  was  used  in  one  case. 

Operation  Crossterms  Boundary  Pressure 

alternative  in  potential  conditions  coefficient 

equation  expression 

5 Tes  Full  Isentropic 

2 No  Linearized  Linearized 

3 No  Full  Linearized 


The  calculations  of  the  flow  fields  utilized  throe  grids. 


Grid 

Calculations 

Number  of  points 
x y z 

Size 

X 

in  root 

y 

chords 

z 

1 

Preliminary' 

26 

59 

28 

-2. 3/2. 6 

0./4.0 

-4. 8/4. 8 

2 

Preliminary 

41 

28 

28 

-2. 3/2. 5 

0./3.9 

-4. 3/4. 3 

3 

Final 

48 

28 

29 

- .6/1.8 

0./1.6 

-1.2/1, 2 

The  number  of  points  on  the  unit  length  root  chord  was  7,  14  and  20  respectively.  In  each 
grid  iterations  were  continued  until  a maximum  change  of  the  potential  in  the  field  was  less  t!un 
0.0003*  Relaxation  factors  when  approaching  convergence  were  1.8  and  0.9  for  subsonic  and  super- 
sonic columns  in  the  grid  respectively.  The  number  of  iteratiois  for  convergence  in  tho  different 
grids  were  approximately  l6o,  70  and  4o.  The  program  with  storage  for  the  final  grids  38.976  points 
nearly  filled  the  available  CDC  6600  computer.  Execution  time  for  the  final  calculation  was  ap- 
proximately 4 seconds  per  iteration  when  alternative  2 was  used  and  approximately  twice  that  time 
for  alternative  1 . 

The  boundary  layer  calculations  required  less  time  and  storage.  The  integral  method  takes 
both  surfaces  in  one  computer  run,  it  uses  two  thirds  of  the  CDC  6600  storage  and  gets  the  answers 
within  one  minute.  The  finite  difference  method  takes  one  wing— station  por  inn.  It  needs  very 
little  core,  tho  computation  time  is  approximately  8 seconds. 

4.  CASES  INVESTIGATED 

For  the  investigation  on  tho  performance  of  the  procedures  to  compute  potential  flow  and  bound- 
ary layer  flow  two  test  cases  with  steep  pressure  gradients  were  selected,  one  with  high  suction 
peaks  at  tho  loading  edge,  M = 0.8,  0=6,  and  one  with  shocks  further  aft,  M = 0.9,  a = 0°.  It 
was  hoped  that  boundary  layers  would  be  thick  enough  to  effect  the  pressure  distributions  signifi- 
cantly. 

A sketch  of  tho  model  showing  the  pressure  tap  stations  appears  in  Fig.  1 (see  next  page).  In 
the  calculations  the  fuselage  was  an  infinitely  long  cylinder. 


5.  RESULTS 

Pressures  calculated  without  and  with  consideration  of  tho  boundary  layer  displacement  will  be  shown 
and  compared  with  measured  values.  Tho  influence  of  the  different  program  .alternatives  referred  to 
in  Section  3 will  bo  demonstrated.  Velocity  distributions  will  bo  given  and  comparisons  between 
displacement  thicknesses  calculated  with  tho  integral  method  and  the  finite  difference  method  will 
be  made. 
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Fig.  1.  The  model. 


5. 1 Pressures  calculated  with  no  consideration  of  the  boundary  layer 

Fig.  2 contains  data  for  M = 0.8,  a = 6°.  The  calculated  values  show  the  general  trend  of  the 
experimentaj  ones.  However  the  upper  surface  loading  edge  expansion  is  underestimated.  Downstream 
of  the  leading  edge  shock  the  pressures  obtained  with  alternative  1 show  too  low  values,  which  is 
not  surprising  as  the  shock  strength  was  too  small.  Alternative  2 gives  slightly  more  positive 
pi'essures  that  happen  to  come  closer  to  experiments. 

The  first  grid  point  on  each  chord  was  situated  at  3.6  Jo.  To  improve  the  agreement  would  re- 
quire grid  points  closer  to  the  leading  edge. 


o 

o 

3 

O 


o 0 

o 


Crete  torr.s  ineti.eftd,  full  bc*-nde*y  ccr-o^tioni 

Nc  cros*  urns,  airrplif.od  boundary  condlt.or.i 

o A ExptrlircMat  vctu*s 


Fig.  2.  Pressure  distributions.  M = 0.8,  a = 6° 

comparison  between  calculated  and  measured  data. 
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The  other  flow  condition  investigated  M = 0.9,  or  - 0°  gives  so  little  difference  in  pressure  on  the 
wings'  two  sides  that  for  clarity  the  results  are  shown  separately  in  Fig.  3.  There  is  a fair  agree- 
ment in  the  results  here  also.  There  are  some  features  worthy  of  note.  The  linearized  boundary 
conditions  cause  an  expansion  pouk  in  the  second  grid  points.  In  the  region  of  the  lowest  pressures 
the  pressures  are  lower  both  due  to  the  full  boundary  conditions  and  due  to  the  cross  terms  in  the 
potential  equation.  In  this  region  v end  v are  small,  see  Section  5.2,  so  no  appreciable  effect 
of  choice  of  pressure  coefficient  expression  occurs.  The  lower  surface  shock  is  predicted  to  b« 
stronger  in  its  inboard  portions  than  is  observed  in  the  wind  tunnel.  However,  in  Section  5.3,  the 
boundary  layer  calculations  will  indicate  separation  on  the  inboard  section  which  explains  this  over- 
estimation. The  tip  shock  is  predicted  too  far  aft. 


Fig.  3. 


Colculotions,  cress  terms  included,  full  boundary  conditions 

— — Catculo*ions,  no  cress  terms,  simplified  boundary  conditions 
- — — Calculations,  no  cross  terms,  full  boundary  conditions 


Pressure  distributions.  M = 0.9,  or  = 0°,  comparison  between  calculated 
and  measured  data. 


5.2  Velocity  distributions 

The  integral  method  uses  velocity  components  as  input.  The  upper  surface  values  will  be  il- 
lustrated. Fig.  k contains  the  high  incidence  case,  M = 0.8,  a = 6 , as  calculated  by  the  two  al- 


o)  crossterms  included 

full  boundary  conditions 


bl  no  crossterms 

simplified  boundary  conditions 


Fig.  h . Disturbance  velocity  components  upper  wing  sitrfaco.  M = 0.8,  a = 6°. 
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temativos  1 and  2.  n of  course  looks  like  the  Cp-values  from  Fig.  2.  w equals  dz/dx  , when 
tlio  simplified  boundary  condition  is  applied,  but  otherwise  it  resembles  the  surface  slope,  v is 
directed  towards  the  centerline  over  most  of  the  upper  wing  surface,  with  larger  values  towards  the 
tip.  The  potential  flow  at  tile  surface  is  converging. 

Tile  high  Mach  number  case  M = 0.9,  a = 0°  is  shown  in  Fig.  5*  The  velocity  components  are 
generally  smallor. 


t-.is 


S 

l 

i 


t 

-f 


a)  crossterms  included  b)  rjo  crcssterms 

lull  boundary  conditions  simplified  bounoary  condition 

Fig.  5.  Disturbance  velocity  components  upper  wing  surface.  M = 0.9,  a = 0U. 

5.3  Boundary  layer  characteristics 

Calculations  were  carried  out  for  Re  = 7 * 108  , referred  to  the  root-chord,  cre£  , 

Displacement  thickneeses  S*/c  for  the  two  flow  conditions  M = 0.8,  a = 6°,  and  M = 0.9,  a = 0° 
are  shown  in  Fig.  6 and  Fig.  7.  They  were  calculated  on  velocities  obtained  with  the  potential 
flow  program  using  both  alternatives  1 and  2.  The  major  portion  of  data  was  obtained  using  the  in- 
tegral method. 


( 

i 

1 


! 

! 


cross  terms  included 
full  boundary  conditions 


Upper  swfoc*U 

lower  ~ f 


no  cress  terms 

simplified  boundary  conditions 


•• — Upper  surface  2 rad  shew 


M;g^_6j_^Dis2l^cen^nt_thjxtaie^.  M = 0.8,  or  = 6°,  Re  = 7 * 108  . 
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n-so 


cross  terms  included 

full  boundary  conditions  cross  terms 

simplified  bCwndory  conditions 

Upcor  surfcce ) , 

Lo«f  . / Sleek 

Lower  sur’oee  Bradshaw 

Fig.  7.  Displacement  thickness.  M = 0.9,  or  = 0°,  Re  = 7 * '0®. 

In  the  high  incidence  case,  M = 0.8,  a = 6°  the  displacement  thickness  grows  undramatical- 
ly  as  the  flow  proceeds  towards  the  trailing  edge.  There  is  no  significant  difference  between  the 
thicknesses  obtained  from  the  two  sets  of  velocity  components.  The  data  from  the  integral  method 
agree  very  well  with  the  finite  difference  method  data. 

The  boundary  layer  development  in  the  high  Mach  number  case  is  more  important,.  The  integral 
method  predicts  rapid  growth  of  the  displacement  thickness  for  the  two  outboaro  stations  in  fair 
agreement  with  the  finite  difference  method.  However,  the  former  recognizes  no  serious  situation 


* Without  dlsplaetmtnt  effect 


duplnctmtnt  effect 


o A Experimental  valuta 


Fig.  8.  Effect  of  displacement  thickness  on  calculated  pressure  distributions  (cross 
torms  included,  full  boundary  conditions).  M = 0,8,  a = 6°,  Re  = 7 • 10®. 
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at  the  root  sect  Lon  whereas  the  Latter  method  signals  separation.  According  to  the  finite  differ- 
ence method  the  boundary  layer  cross  fLow  angle  changes  sign  at  the  shock,  but  not  so  according  to 
the  integral  method  using  proscribed  cross  flow  velocity  profiles. 

5.h  Pressures  calculated  oil  equivalent  wing 

The  displacement  thicknesses  were  added  to  the  wing  ordinates  to  give  an  equivalent  wing.  A3 
the  overall  changes  in  slope  duo  to  this  addition  were  of  the  order  of  0.005  only  minor  flow  field 
changes  were  expected  and  the  pressure  calculations  were  made  in  the  final  grid  without  recalcula- 
tion of  tho  potential  at  the  exterior  of  the  calculation  domain.  Program  alternative  I wa3  used. 

For  tho  high  incidence  case,  M = 0.8,  a - 6°  the  calculated  pressure  gradient  was  much  lower 
than  the  experimental  value  as  has  been  shown  in  Fig.  2.  Thus  the  true  displacement  thickness 
should  bo  larger  than  the  computed  one.  Fig.  8,  showing  the  effect  of  the  displacement  thickness 
on  the  pressure  distribution,  shows  that  the  pressures  are  indeed  improved  but  that  the  effect  is 
too  small. 

For  the  high  Mach  number  case,  M=0.9,  a = 0°  there  was  no  agreement  between  the  two  bound- 
ary layer  methods  regarding  the  flow  on  the  inboard  section,  as  shown  in  Fig.  7*  The  displacement 
thicknesses  computed  by  the  integral  method  almost  certainly  are  too  thin.  In  Fig.  9 can  be  seen 
the  effect  of  adding  the  displacement  thickness.  At  the  inboard  section  the  pressure  modification 
is  too  smaJ l around  the  shock.  At  the  mid-semi-span  station  tho  pressure  around  the  shock  is  shift- 
ed towards  the  experimental  values  but  on  tho  forward  portion  the  pressure  increase  due  to  inboard 
section  displacement  is  missing.  At  the  tip  section  the  changes  are  in  the  right  direction. 


Upp« r surfoct  lowtr  surface 

Without  displacement  effect 

— — ■ — ■ with  displacement  effect 

0 0 Experiments 

Fig.  9.  Effect  of  displacement  thickness  on  calculated  pressure  distributions  (cross 
terms  incluaed,  full  boundary  conditions).  M -x  0.9,  a = 0°,  Re  = 7 • 106  • 


6.  CONCLUSION 

Calculation  of  the  effect  of  including  the  boundary  layer  displacement  thickness  in  the  poten- 
tial flow  pressure  distribution  on  a swept  wing  at  two  transonic  flow’conditions,  one  at  high  in- 
cidence and  ono  at  no  incidence  showed  that  tho  effect  was  small  and  tliat  its  inclusion  brought 
calculated  values  towards  experimental  values.  Tho  effect  was  small  .probably  because  the  estimated 
displacement  thickness  was  too  small.  In  the  high  incidence  case  tho  leading  edgo  pressures  were 
not  calculated  to  bo  as  low  as  the  experimental  values,  tho  smaller  pressure  gradient  should  give 
a thinner  boundary  layer.  In  tho  low  incidence  case  the  two  boundaiy  layer  methods  give  different 
answers  and  the  smallest  thickness  was  used  because  it  indicated  no  separation. 
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AERODYNAMIC  LOADS  NEAR  CRANKS,  APEXES,  AND  TIPS  OP  THIN, 
LIFTING  WINGS  IN  INCOMPRESSIBLE  FLOW 


Richard  T.  Medan 
Ames  Research  Center,  NASA 
Moffett  Field,  Calif.  94035,  U.S.A. 


SUMMARY 


The  calculation  of  the  Incompressible  and  1 (rotational  flow  In  the  vicinity  of  tips  and  corners  of 
thin,  lifting  wings  Is  considered.  It  is  shown  that  the  Important  characteristics  of  the  flow  are  governed 
by  an  eigenvalue  problem,  which  Is  nonlinear  at  the  trailing  edge  because  of  the  shed  wake  (assumed  to  be 
In  the  wing  plane).  It  is  also  shown  that  previously  proposed  solutions  for  the  trailing-edge  case  are 
Incorrect  because  they  neglect  the  wake  and  because  they  do  not,  in  general,  satisfy  the  Kutta  condition. 

A new  solution  method  was  devised  because  either  the  existing  methods  were  not  valid  frr  the  trsiling-edge 
case  or  they  would  have  required  excessive  amounts  of  computer  time.  The  new  rnsthoc,  which  is  fundamentally 
different  than  the  previous  ones,  was  used  to  calculate  solutions  for  a numbe1*  o'  cases,  including  some  for 
which  correct  answers  had  not  previously  been  obtained.  Two  of  these  solutions  were  used  to  determine  the 
validity  of  drag  and  leadlng-edge-suctlon  distributions  near  the  tips  of  a delta  wing  and  a swept  wing  as 
calculated  by  using  both  the  vortex  lattice  method  and  a kernel  function  method.  The  calculations  for  the 
swept  wing  resolved  the  question  of  whether  or  not  the  induced  drag  should  be  zero  at  the  wing  tip. 


NOTATION 


A(k),B(k)  Fourier  coefficients  of  ¥(*•  -,v>) 
or  (v>) 

b wingspan 

C coefficients  In  expansion  for 

n defined  by  Eq.  (39)  z 

JJ  number  of  spanwise  integration  stations 

in  KFM 

KFM  acronym  for  kernel  function  method  for 

lifting  surfaces  (Ref.  11) 

M number  of  spanwise  control  points  or 

vortices  on  wing  half  span 

N number  of  modes  used  to  represent 

y(j  -,V>);  see  Eq.  (39) 

PP  number  of  chordwise  control  points  or 

vortices  on  wing 

If 

p associated  Legendre  function  of  the 

first  kind  and  of  degree  s and  order  k 

r radial  distance  from  origin  of  any  of 

five  regions  shown  in  Fig.  1 

s eigenvalue  and  characteristic 

exponent  of  r 

T(k,s)  [see  Eq.  (15)] 


1.  INTRODUCTION 


VLM  acronym  for  standard  vortex  lattice  method 
(Ref.  12) 

VLMI  acronym  for  vortex  lattice  method  with  tip  inset 
(Ref.  12) 

x,y,z  Cartesian  coordinates  with  center  at  the  origin 
of  any  of  five  regions  shown  in  Fig.  1 

n nondlmensional  spanwise  wing  coordinate  with 

left  tip  at  -1  and  right  tip  at  +1 

r lift  per  unit  span  divided  by  product  of 
dynamic  pressure  and  twice  the  span 

4>  velocity  potential 

<p  spherical  polar  coordinate 

v>j,v>2  values  of  v>  at  edges  of  wing;  see  Fig,  2 

V factor  in  velocity  potential:  see  Eq.  (1) 

tj><  potential  mode  In  expansion  of  v(|-  -,^); 

see  Eq.  (39)  z 

e spherical  polar  coordinate 

t<j  drag  per  unit  of  spanwise  distance  divided  by 
product  of  dynamic  pressure  and  twice  the 
wingspan 

Tt  leading  edge  thrust  per  unit  of  spanwise  distance 
divided  by  product  of  dynamic  pressure  with  twice 
the  wingspan 


The  calculation  of  properties  of  wings  idealized  as  thin  and  nearly  planar  and  in  incompressible  and 
irrotatlonal  flow  at  small  angles  of  attack  and  with  flat  wakes  Is  an  Important  and  difficult  aspect  of 
aerodynamics,  despite  the  numerous  simplifications.  Accordingly,  there  have  been  a large  number  of  methods 
devised  for  this  calculation.  The  validity  of  these  methods  with  respect  to  solving  the  giver.  Idealized 
problem  Is,  however,  questionable  near  the  tips  and  comers  of  the  wing  planforms.  Therefore,  a number  of 
Investigations,  including  the  present  one,  have  been  undertaken  to  determine  the  nature  of  the  flow  in  such 
regions,  which  are  Illustrated  In  Fig.  1.  In  general,  the  wing  side  edge  in  region  IV  may  also  be  a leading 
edge  (e.g.,  region  IV  may  be  the  tip  of  a delta  wing.j  All  of  these  regions  are  special  cases  of  the  general 
case  Illustrated  in  Fig.  2,  In  which  the  only  restriction  on  <p } and  v>2  is  that  < <e2.  Shed  wakes 

generally  occur  when  fx  > 0 or  > «.  To  facilitate  the  study,  these  regions  are  idealized  as  being 
infinite  In  extent.  That  is,  they  are  considered  to  be  flat,  angular  sectors.  Solutions  so  obtalied  will 
thus  be  local  solutions  that  require  patching  into  global  solutions  valid  on  the  remainder  of  the  planform. 

Because  of  the  assumptions  of  Irrotatlonal 1 ty  and  Incompressibility,  the  flow  can  be  described  by  a 
velocity  potential,  that  satisfies  Laplece’s  equation.  The  thln-wlng  assumptions  allow  the  boundary 
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conditions  to  be  simplified  and  satisfied  In  the  z -=  0 plane.  On  the  wing,  the  boundary  condition  is 
that  the  velocity  in  the  z-direction  must  satisfy  a prescribed  distribution.  In  wake  regions,  the 
boundary  condition  is  basically  that  there  can  be  no  pressure  jump  across  the  wake.  This  condition  is 
equivalent  to  requiring  the  jump  in  $ across  the  wake  to  be  a function  of  y only.  In  addition  to  these 
conditions,  the  potential  must  be  finite,  except  at  infinity,  and  the  pressure  difference  between  the  upper 
and  lower  surfaces  must  vanish  at  trailing  edges. 

Solutions  satisfying  the  preceding  conditions  can  be  easily  found.  These  solutions  are  in  the  form  of 
linear  combinations  of  analytic  solutions  to  Laplace's  equation.  For  example,  uniform  flow  along  the  z-axis 
is  a solution  for  all  of  the  regions  in  Fig.  1 when  the  wing  is  a flat  plate. 

The  real  uifficulty  is  not  in  finding  solutions,  but  is  that  the  solutions  are  not  uniaue.  That  Is, 
there  exist  eigensolutions.  These  eigensolutions  satisfy  homogeneous  boundary  conditions  and  exist  because 
the  lack  of  a boundary  condition  at  infinity  has  rendered  the  problem  ill  posed.  A simple  dimen>ional 
analysis  can  be  used  to  prove  that  the  reduction  of  the  geometry  In  each  of  the  subject  wing  regions  to  an 
infinite  angular  sector  allows  each  eigensolution  to  be  expressed  in  the  following  form: 


$ = rsv(5,,C2)  (1) 

where  f.j  and  s2  are  two  angular  variables.  When  the  preceding  form  is  substituted  into  Laplace's 

equation,  the  result  is  a differential  equation  for  y which  contains  a coefficient  that  is  a function  of  s. 

This  differential  equation  and  the  boundary  conditions  are  both  homogeneous  and  solutions  can  be  found  only 
for  certain  values  of  s.  Thus  each  s for  which  a solution  can  be  found  is  an  eigenvalue  and  the  corre- 
sponding « or  y is  an  eigenfunction. 

In  contrast  to  the  analytic  solutions  that  can  be  used  to  satisfy  the  nenhomogeneous  boundary  conditions, 
the  eigensolutions  can  be  identified  as  vortex  sheets  lying  in  the  plane  of  the  wing  and  the  wake.  Since 
these  vortex  sneets  have  pressure  jumps  across  them  when  they  lie  in  the  wing  and  the  analytic  solutions 
do  not,  the  eigensolutions  are  the  only  ones  that  can  contribute  to  the  loading.  Therefore,  the  lifting 
pressure  distribution  in  any  of  the  regions  indicated  in  Fig.  1 can  be  expressed  in  terms  of  the  eigensolu- 
tions only. 

A survey  of  the  literature  related  to  this  problem  (Refs.  1-9)  revealed  that,  in  any  of  the  five 
regions,  there  are  precisely  n independent  eigenfunctions  when  the  eigenvalue  is  in  the  range  n - 1 to  n. 

In  other  words,  there  is  always  one  eigensolution  for  s * I,  two  eigensolutions  for  1 < s < 2,  three 

eigensolutions  for  2 < s < 3,  etc.  The  argument  to  support  this  result  is  also  given  in  section  2.3.2. 

The  literature  also  shows  that  there  is  a mistaken  belief  that  eigensolutions  valid  for  region  I through  III 
are  also  valid  for  region  V,  provided  that  the  eigenvalue  exceeds  1.  As  is  shown  later,  this  is  Incorrect, 
because  (i)  the  solutions  do  not  generally  satisfy  the  Kutta  condition  except  right  at  the  apex,  and  (ii) 
the  solutions  do  not  contain  a shed  wake.  The  literature  survey  also  revealed  that  there  were  basically 
two  methods  of  solving  problems  of  this  type:  separation  of  variables  and  finite  differences.  The  first 
of  these  is  not  applicable  to  regions  IV  and  V.  The  second  would  be  costly  to  use  in  regions  IV  and  V 
because,  as  a result  of  the  shed  wake,  the  eigenvalue  problem  is  nonlinear  in  these  regions.  The  finite- 
difference  method  is  inconvenient  from  other  viewpoints  as  well.  Therefore,  a new  method  of  solving  such 
problems  appeared  desirable. 

2.  METHOD  OF  SOLUTION 
2.1  Basic  Equations 


The  new  solution  method  uses  the  spherical  polar  coordinates.  A solution  of  the  following  form  can  be 
assumed: 


$ = rsy  (e,v>)  (2) 

Putting  Eq.  (2)  into  Laplace's  equation  results  in  the  following  equation  for  v: 

s1n2e  y + sine  coso  y,  + s(l  + s)sin2e  y = 0 (3) 

Xf  ODO 

In  terms  of  v,  the  downwash  and  wake  boundary  conditions  become  the  following: 

¥e(i,vO  = 0 * 00  w1ng  W 

y(£  - w>)  = f(y)/rs  v>  In  wake  ic) 

Equation  5 can  be  simplified  easily  because  y = r sin  <p  in  the  wake  and  r must  appear  only  as  rs. 

Therefore,  Eq.  (5)  can  be  replaced  by  the  more  explicit  equation 

0 < <fi  < v>j  < n (6a) 

n < <p2  < <p  < Zt  (6b) 

Because  the  lifting  case  is  being  considered,  the  governing  differential  equation  [Eq.  (3)]  is  to  be 
solved  only  for  z > 0 (i.e.,  0 < e < n/2)  and  the  solution  for  z < 0 is  to  be  obtained  From 

f(8,v»)  = -y(tt  - e,v>) 


(7) 
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Since  the  perturbation  In  $ upstream  of  the  wing  and  In  the  z = 0 plane  Is  0,  '.here  1c  the  following 
additional  condition: 

*(l  *•*)  = 0 f not  in  wing  or  wake  (8) 

Thus,  the  problem  Is  to  solve  Eq.  (3)  for  0 < e n/2  and  subject  to  Eq.  (4)  and  the  KutU  condition 
and,  possibly,  Eq.  (6)  and/or  Eq.  (8).  This  Is  an  eigenvalue  problem  that  is  nonlinear  in  *ne  eigenvalue 
if  the  wake  condition  [Eq.  (6)]  Is  Involved. 

Once  solutions  are  obtained,  it  may  be  necessary  to  calculate  related  quantities  such  is  the  pressure, 
jump,  and  the  edge  suction  force,  which  Is  a force  caused  by  the  Infinite  velocities  that  mo*  nccur  at 
leading  and  side  edges  and  which  Is  In  the  wing  plane  and  perpendicular  t-_  the  edge.  The  pirrsurr  jump, 
which  Is  proportional  to  the  x-derlvatlve  of  ?(x,y,0+),  can  be  stated  in  terms  of  r and  y(, ■/?-, ?}  as 


AP  = 2oUars'l[s  cos  **(§■  - v>)  - sin  v> 


The  suction  force  per  unit  of  distance  along  the  edge  is  given  by 

^0, 

where  = v>.  or  <p2.  The  streamwise  component  of  the  suction  Is  called  the  leading-edge  thrust.  The 
thrust  per  unit  of  spanwise  distance  Is  also  given  by  Eq.  (10).  Note  that  the  suction  force  vanishes  (or 
becomes  infinite)  as  a different  power  of  r than  either  the  potential  or  the  pressure  difference. 

2.2  Reduction  of  the  Basic  Problem 

The  differential  equation  for  Y Is  now  used  to  obtain  a relationship  between  v(n/2-,v>)  and 
fe(v/2,(fi).  This  relationship  is  of  the  form 

?0  = F(y;s,  (11) 

where  F Is  a linear  operator.  The  advantage  of  Eq.  (11)  Is  that  one  of  the  Independent  variables 
(namely  3)  Is  eliminated.  To  begin  with,  the  separation  of  the  differential  equation  for  v will  be 
considered  (even  though  the  actual  solution  is  not  separable).  That  Is,  solutions  of  Eq.  (3)  in  the  form 

?(e,v>)  ■ G(v>)P(e)  (12) 

are  sought.  Substituting  Eq.  (12)  Into  Eq.  (3)  leads  to  the  following  equation  for  G: 

GH  + k2G  = 0 (13) 

It  Is  evident  that  k,  which  is  the  separation  constant,  must  be  real  and  Integer  because  G must  be 
periodic.  Furthermore,  It  Is  superfluous  to  consider  negative  k.  Thus, 


G(v>)  = A(k)  cos  (kv>)  + B(k)  sin  (kv>)  (14) 

where  k Is  zero  or  a positive  Integer  and  A and  B are  yet  to  be  determined. 

Equation  (12)  also  leads  to  an  equation  for  P(o)  which  is  a form  of  the  associated  Legendre 
differential  equation  whose  solutions  are  P|(cos  e)  and  Qfc(cos  e).  QjKcos  8)  Is  infinite  on  the  z-axls 
and  can,  therefore,  be  disregarded.  Furthermore,  as  will  be  evident  later,  the  only  need  for  numerical 
values  Is  the  ratio  of  the  derivative  of  Pg  (with  respect  to  o)  divided  by  P|  Itself  and  evaluated  at 
8 = n/2.  This  ratio  Is  denoted  T(k,s)  ana  is  given  by 


T(k,s)  » -2  tan 


¥ * kE 


r[l  k)/2]  rp  + (s  - k)/2j 
r[(l  + s + k)/2]  r[(l  + s - k)/2] 


Values  of  T(k,s)  for  integer  s are  shown  In  Table  1. 

Now  consider  again  a y which  Is  not  separable.  Furtnermore,  suppose  that  v(n/2-,^)  has  been 
Fourier  analyzed,  l.e.,  the  coefficients  A(k)  and  B(k)  In  the  following  expansion  of  v(x/2-,v>)  have 


been  determined: 


*(£  -W>)  [A00  cos  (kv>)  + B(k)  sin  (kv>)3  (16) 

Then,  In  view  of  the  preceding  developments,  It  Is  apparent  that 

Vi**)  “ 'Hfc'SMOO  cos  (to)  + 8{k)  sin  (kv>)]  (17) 

Putting  the  known  expressions  for  A(k)  and  B(k)  Into  Eq*  (17)  and  Interchanging  the  order  of  summation 
and  Integration  results  In  an  equation  of  the  required  form  [{Eq.  (11)}. 
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Ihus,  the  need  to  solve  the  differentia]  equation  for  ¥ has  been  eliminated  in  favor  of  a simpler 
linear  operator,  which  involves  one  less  Independent  variable,  a Fourier  analysis  of  ¥(n/2-,v>),  the  calcula- 
tion of  the  coefficients  T(k.s),  and  an  inverse  Fourier  analysis  [i.e.,  summing  the  right  side  of  Eq.  (17)]. 

2.3  Some  Analytical  Solutions 

In  general,  solutions  must  be  determined  nurort  reel ly,  but,  in  a few  cases,  exact  solutions  can  be 
obtained. 


2.3.1  The  case  <p2  - t>x  * 2”.  (See  also  Ref.  7.)  Consider  first  the  case  in  which  the  angular  sector 

covers  the  entire  . = f ria.'s.  In  this  case,  there  is  no  boundary  condition  on  v(n/2-,v>),  while  the 
downwash  boundary  condi  tV  oecomes 


= 0 0 < < 2tt 

(18) 

With  reference  to  .q  (16),  Eq 
corresponding  e'.v/unction  is 

. (17),  and  Table  1,  it  is  clear  that  one  eigenvalue  is  s 

= 0 and  the 

$(x,y,z)  = P°(cos  e)  = 1 

(19) 

Another  eigenvalue  is  s = 

1 and  the  corresponding  eigenfunctions  are 

a(x,y,z)  = rP|(cos  e)  cos  v>  = x 

(20) 

$(x,y,z)  = rPj (cos  e)  sin  <p  - y 

(21) 

Since  $(x,y,-z)  = -<>(x,y,z), 
vorticity  in  the  y-di recti  on, 
vorticity  in  the  x-direction. 

the  former  of  these  corresponds  to  a constant-strength  vortex  sheet  with 
while  the  latter  can  be  identified  as  a constant-strength  vortex  sheet  with 

Still  another  eigenvalue 

is  s = 2,  and  the  corresponding  eigenfunctions  are: 

$(x,y,z)  = r2P°(cos  e)  * (2z2  - xs  - y2)/ 2 

(22) 

$(x,y,z)  = r2P2(cos  9)  ccs  2?  * -3{x2  - y2) 

(23) 

p(x,y,z)  = r2P2(cos  e)  sin  Zp  - 6 xy 

(24) 

These  can  all  be  identified  as  types  of  stagnation  point  flows. 

In  general,  there  are  n + 1 independent  eigenfunctions  for  s •*  n.  If  n is  oven,  then  o/2  of  the 
eigenfunctions  are  even  functions  of  y and  n/2  are  odd  functions  of  y.  If  « is  odd,  then  (n  + i)/2 
of  the  eigenfunctions  are  even  and  (n  - l)/2  are  odd.  An  important  aspect  to  note  about  these  eigenfunctions 
is  that  they  are  forming  a complete  basis.  This  shows  that  all  of  the  linearly  independent  eigenfunctions 
have  been  Identified  for  this  case. 


2.3.2  The  case  <p2  - <pl  * 0.  (See  also  Ref.  7.)  Consider  next  the  case  in  which  tne  angular  sector  com- 
plete ly~disappianT  In  this  case,  there  Is  no  downwash  boundary  condition,  while  the  boundary  condition  on 
y( ti/2 -,¥>)  becomes 


-,v>)  * 0 0 i < 2* 

(25) 

With  reference  again  to  Eq. 
corresponding  eigenfunction 

(16),  Eq.  (17),  and  Table  1,  it  i?  clear  that  one  eigenvalue  i 
is 

s s * 1 and  the 

$(x,.v,2)  * rP®(cos  s)  = z 

(26) 

Another  eigenvalue  is  s = 2 and  the  corresponding  eigenfunctions  are 

f(x,y,z)  = r2PHcos  e)  cos  * * 3xz 

(27) 

f(x,y,z)  c r2P*(cos  e)  sin  9 a 3 yz 
* 

(28) 

In  general,  there  are  n independent  eigenfunctions  for  s « <i,  If  n is  aver.,  then  n/2  of  the 
eigenfunctions  are  even  functions  of  y and  n/2  are  odd  functions  of  y.  If  n is  odd,  then  (n  + l)/2 
of  the  eigenfunctions  are  even  and  (n  - l}/2  are  odd.  An  important  aspect  to  note  about  thase  eigenfunctions 
is  that  they  are  forming  a complete  basis  for  functions  satisfying  the  downwash  boundary  condition.  Thus 
all  of  the  linearly  Independent  eigenfunctions  have  been  identified  for  this  case. 

In  view  of  the  preceding  section  and  the  fact  that  the  eigenvalues  increase  monotonically  with 
decreasing  y>2  (Re^-  !)•  it  is  apparent  that,  for  s In  the  ranoe  (n  - l.n),  there  are  prscisely  n 
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independent  eigenfunctions.  Of  these,  (n  + l)/2  are  symmetric  If  n is  odd  and  n/2  are  symmetric  if  n Is 
even,  provided  that  region  I,  II,  or  III  Is  being  considered.  For  the  other  regions,  the  number  of  eigen- 
solutions  for  s in  the  range  (n  * l,n)  is  still  n,  although  none  of  them  may  be  symmetric  or  antisymmetric 
with  respect  to  the  bisector.  Thus,  the  monotonicity  property  and  the  exact  solutions  for  the  limit  cases 
in  which  the  sector  subtends  either  2n  or  0 determine  precisely  how  many  eigensolutions  should  be  expected 
for  each  eigenvalue  range. 

2.3.3  The  case  -v>j  = v>2  - tt/2.  (See  also  Refs.  1 and  4.)  This  case  consists  of  the  semiplane  defined  by 

z = 0 and  x > 0.  Solutions  can  be  obtained  by  rotating  this  plane  90  degrees  about  the  x axis  so  that  it 
becomes  the  plane  y = 0 and  x > 0 and  then  by  seeking  a separable  solution  in  terms  of  the  spherical  polar 
coordinates.  This  again  leads  to  £q.  (13)  and  the  associated  Legendre  differential  equation.  The  solutions 
are  the  same  as  In  section  2.2,  except  ( i ) the  boundary  conditions  on  4>(x,0+,z)  require  that  tk  = i + 1/2, 
where  z is  an  integer;  (11)  B(k)  = 0;  and  (ill)  the  condition  of  periodicity  in  e requires  that  s = m + 1/2 
where  m is  an  integer.  Thus,  the  eigensolutions  for  this  case  (with  z-axis  along  the  leading  edge)  are 

♦ = rfn+1/2P^7/22 ^cos  :os[(£  + (29) 

The  additional  condition  that  4 should  be  finite  Imposes  further  restrictions  on  1 and  m.  In 
particular,  t and  m must  be  greater  than  zero  and  1 must  be  no  larger  than  m. 

Explicit  formulas  are  now  given  in  terms  of  the  c ’iginal  coordinate  system  (edge  along  ttie  y-axis)  and 
for  z = 0+  and  x > 0 (and  with  unnecessary  multiplicative  constants  cropped). 

For  s = 1/2,  the  only  eigensolution  is 

$(x  > 0,y,0+)  = r'/^cos  v)1!2  = x1/2  (30) 


For  s = 3/2,  the  only  eigensolutions  are 

c(x  > 0,y,0+)  = r3</2(cos  v?)3/2  » x3^2  (31) 

4>{x  > 0,y,0+)  = -3/2(cos  *?}»/2sin  v>  = yx1/2  (32) 

It  should  be  noted  that  the  second  eigensolution  for  s - 3/2  exhibits  an  infinite  pressure  along  the  leading 
edge,  unless  y « 0. 

For  s = 5/2,  the  only  eigensolutions  are: 

4(x  > 0,y,0+)  * r5/2(cos  v>)5'2  = x5^2  (33) 

4>(x  > 0,y,0+)  = r5/2( cos  v>)3/,2sin  = yx3/2  (34) 

$(x  > 0,y,0+)  = r5/2(cos  v>)!^2(4  sin2  -p  - 1)  = (3y2  - x2)x1/,z  (35) 

Note  that  the  third  eigensolution  has  an  exponent  of  1/2  on  x.  Thus,  the  corresponding  pressure  distribu- 
tion is  infinite  at  the  edge.  This  proves  the  previous  assertion  that  eigensolutions  valid  in  regions  I,  II, 
and  III  cannot  be  applied  to  the  trailing  edge  case  even  though  s > 1. 

2.3.4  The  case  > 0 and  ^ » «.  This  case  is  the  special  case  of  region  IV  in  which  the  leading  edge 

is  a side  edgo.  It  is  thus  typical  of  the  trailing  wing  tip  on  a wing  with  a finite  tip  chord.  Some  of  the 
eigensolutions,  including  the  most  dominant  one  as  far  as  span  loads  are  concerned,  can  be  determined  for 
this  case.  These  eigensolutions  are 

4>(x,y  > 0,0+)  * y1/2  (36) 

*(x,y  > 0,0+)  = y3/2  (37) 

*{x,y  > 0,0+)  * ys/z  (38) 

etc. 

The  corresponding  eigenvalues  are  s * 1/2,3/2,5/Z,  . It  should  be  noted  that  these  solutions  correspond 

to  null  lifting-pressure  distributions,  because  the  associated  vortex  lines  are  all  parallel  to  the  x-axis. 
However,  even  though  the  associated  pressure  distributions  are  null,  each  eigensolution  yields  a nonzero 
span-load  distribution.  Since  there  is  only  one  eigenvalue  less  than  1,  the  principal  contributor  to  the 
span  ioadlng  near  the  wing  tip  is  the  y1/2  term,  end,  near  t.he  tip  of  any  finite  tip  chord  wing,  the  span 
loading  that  will  be  predicted  by  any  correct  theory  will  be  proportional  to  the  square  root  of  the  distance 
to  the  tip.  Note  that  this  conclusion  can  be  made  regardless  of  planform  details  ahead  of  the  tip  and 
regardless  of  the  trail isg-edge  sweep.  Also,  note  that  for  s in  the  range  (n  - l»n)  there  are  still 
n - i eigensolutions  to  be  Identified  for  this  case.  These  can  be  determined  by  the  method  described  In 
section  2.4. 


2.3.5  Region  V.  A number  of  solutions  can  be  identified  for  this  region,  They  are,  in  fact,  just  those 
particular  solutions  or  linear  combinations  thereof  from  section  2.3.1  that  are  independent  of  x.  The 
eigenvalues  are  0,  1,  2,  and  tho  corresponding  eigenfunctions  for  /.  = 0+  are  1,  y,  y2»  ...  . The 
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pressure  distributions  corresponding  to  these  solutions  are  all  null.  The  remaining  eigensolutions  can 
be  determined  by  the  method  presented  in  the  next  section. 

2.4  Application  of  the  Collocation  Method 

The  method  used  to  solve  the  operator  equation  [Eq.  (11)]  subject  to  the  various  boundary  conditions 
Is  now  explained.  The  first  step  is  to  express  y(h/2-,v5)  in  terms  of  N functions  or  modes  and  N 
unknown,  constant  coefficients.  Specifically, 

N 

y(i  = £ Cn’’n(f’)  (39) 

n=i 

Each  of  the  modes,  ij>n(vO.  is  required  to  satisfy  the  boundary  conditions  on  v(n/2- ,v?) . Namely,  i|/n(v>) 
must  be  zero  off  the  wing  and  wake  and,  in  the  wake,  tpn  must  satisfy  the  wake  condition.  Also  the  modes 
and  their  first  derivatives  must  be  continuous  at  any  trailing  edges  in  order  to  satisfy  the  Kutta  condition. 
Substituting  the  above  expansion  into  the  operator  aquation  lead:  to 

f0(|,v>)  = £ CnFn(iiin;s)  (40) 

n=i 

Recall  that  y0(u/2,v>)  must  be  zero  on  the  wing.  This  condition  cannot  be  satisfied  at  all  locations 
on  the  wing,  but  it  can  be  enforced  at  a set  of  N locations,  y>.j,  on  the  wing.  These  stations  are  called 
collocation  or  control  points.  Collocation  leads  to  the  following  equation: 

(0)  = [D]{Cnl  (41) 

where  Djn(s)  is  F(^n;s)  evaluated  at  v>  = This  is  an  algebraic  eigenvalue  problem  that  only  has  a 
solution  when  the  determinant  of  the  matrix  D is  zero.  In  other  words, 

det[D]  = f (s)  = 0 (42) 

is  the  characteristic  equation  that  determines  s 

Thus,  the  original  differential  equation  and  boundary  conditions  have  been  reduced  to  an  algebraic 
eigenvalue  problem.  All  tnat  remains  to  be  considered  are  certain  details  concerning  the  Fourier  analysis, 
an  appropriate  choice  of  modes  <(>,,,  an  appropriate  set  of  control  points  v> and  a method  of  solving  the 
characteristic  equation  for  the  eigenvalues.  These  details  are  covered  in  Ref.  10. 

3.  RESULTS  AND  APPLICATIONS 

This  section  describes  numerical  results  obtained  by  the  method  defined  in  the  previous  section.  Also 
some  of  the  results  are  used  to  determine  the  validity  of  suction  and  drag  distributions  near  the  tips  of 
wings,  as  calculated  by  the  vortex  lattice  method  and  a kernel  function  method. 

3.1  Results  fo»-  Regions  I,  II,  and  III 

The  eigenvalue  problem  is  independent  of  the  freestream  direction  for  these  regions.  Therefore, 
without  loss  of  generality,  attention  may  be  restricted  to  region  I only.  Table  2 compares  results 
calculated  by  using  the  present  method  with  results  given  in  Ref.  7.  The  results  compare  very  favorably 
with  Sack's  results. 

Figure  3 shows  the  behavior  of  C.  for  the  second  lowest  symmetric  eigenvalue.  When  Cj  is  nonzero, 
there  is  an  infinite  pressure  along  the  leading  edge  (F,ef.  10).  The  computed  estimates  (not  shown)  of  the 
eigenvalue  corresponding  to  this  figure  maten  very  closely  those  calculated  by  Sack  (Ref.  7).  Therefore, 
it  is  clear  that  the  second  eigenvalue  cannot  be  applied  to  the  trailing-edge  case,  because  the  Kutta 
condition  is  not  satisfied  (except  when  the  edge  is  unswept). 

3.2  Results  for  Region  IV 

3.2.1  The  case  y>;  = n/2;  tip  of  delta  wing.  Table  3 shows  the  calculated  estimates  of  the  lowest  three 

eigenvalues  as  functions  of  •?,  and  N for  the  case  y>j  = 90°.  As  discussed  in  section  2.3.4,  two  of  the 
eigenvalues  are  exactly  1/2  arid  3/2  when  v>2  = 180°.  The  method  can  be  seen  to  approximate  these  values 
closely.  The  results  for  N = 9 appear  to  be  accurate  to  no  less  than  three  figures. 

3.2.2  The  case  = it;  trailing  tip  of  wing  with  finite  tip  chord.  Some  of  the  eigenvalues  and  eigen- 
functions for  this  case  are  known  exactly  (section  2.3.4),  but  the  pressure  distributions  corresponding 

to  these  eigenvalues  are  null.  Therefore,  the  third  eigensolution  is  the  first  one  for  wnich  the  pressure 
distribution  is  nonzero.  Calculated  estimates  of  this  eigenvalue  are  shown  In  Table  4 as  runctions  of 
sp j and  N.  For  N = 9,  these  eigenvalues  are  accurate  to  at  least  about  four  figures. 

3.3  Results  for  Region  V 

The  single  eigensolution  for  s in  the  range  (0,1)  and  one  of  the  two  eigensolutions  for  s in  the 
range  (1,2)  have  been  identified  in  section  2.3.5.  Therefore,  in  the  range  (1,2)  there  is  one  eigenvalue 
yet  to  bo  found.  The  calculated  estimates  of  this  eigenvalue  are  shown  in  Table  5 for  the  case 
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?v  - 'fii  ~ -v.,  > 0 (i.e.,  corresponding  to  the  trailing  edge  at  the  centerline  of  a symmetric  planform). 
Figure  4 shows  the  behavior  or'  CN_,  for  the  eigenvalues  corresponding  to  Table  5.  For  region  V,  Cu.j 
is'proportional  to  the  wake  strength  (Ref.  10).  Therefore,  there  obviously  is  a wake  shed,  except  when 
the  trailing  edge  is  uncranked.  This  constitutes  further  proof  that  the  higher  solutions  for  the  leadlng- 
tdi,e  case  cannot  be  applied  to  the  tralling-edge  case. 

3.4  The  60 J Oelta  Wing 

Some  of  the  preceding  results  are  now  used  to  determine  the  validity  of  thln-wing  analysis  methods  as 
applied  to  a flat,  00°  delta  wing  at  an  angle  of  attack  of  one  radian.  In  particular,  the  kernel  function 
method  reported  in  Ref.  11  and  the  vortex  lattice  method  reported  in  Ref.  12  will  be  considered.  The 
kernel  function  method  (hereafter  denoted  KFM)  employs  continuous  mode  functions  to  represent  the  lifting- 
pressure  distributions  on  wings,  while  the  vortex  lattice  method  uses  discrete  vortices.  Two  variations  of 
the  latter  are  described  in  Ref.  12.  The  first  of  these  is  the  standard  vortex  lattice  method  (hereafter 
denoted  as  the  VLM),  in  which  the  vortices  extend  to  the  tip  of  the  wing,  and  the  second  variation 
(hereafter  denoted  as  the  VLMI)  is  one  for  which  the  vortices  do  not  extend  all  of  the  way  to  the  tip. 
Instead,  they  are  inset  from  the  tip  by  1/4  of  the  spanwise  lattice  spacing.  This  insetting  has  been 
shown  to  give  the  lift-curve  slope  more  accurately  than  VLM  for  a given  number  of  vortices. 

The  span  loading  can  be  expressed  in  terms  of  rhe  potential  at  the  trailing  edge,  as  follows: 

Y = 2p(xte,y,0+)/(Ub)  (43) 

Therefore,  in  view  of  the  results  in  Table  3 for  v>2  = 150°,  the  span  loading  near  the  right  wing  tip  can 
be  expressed  as 


Y = ax(l  - n)0. 64077  + a2(l  - n)1'52826  + . . . (44) 

Thus,  if  the  span  loadings  predicted  by  the  KFM,  VLM,  and  VLMI  are  correct,  then  the  spar  loadings 
divided  by  1 - n raised  to  the  0.64077  power  and  plotted  against  n should  result  in  curves  that  approach 
a finite  value  as  n approaches  1.  Figures  5-7  show  such  plots.  It  should  be  noted  that  the  KFM 
allows  y to  be  calculated  at  any  spanwise  station  and,  therefore,  the  KFM  curves  were  not  determined  by 
fairing  between  the  spanwise  control  points  as  was  necessary  in  the  case  of  the  VLM  and  VLMI.  In  all  cases, 
the  results  at  spanwise  control  points  are  denoted  with  symbols.  It  can  be  seen  that,  inboard  of  the 
first  or  second  control  points,  all  three  methods  appear  to  be  giving  reasonable  results.  The  KFM 
loading  functions  cause  the  span  loading  to  approach  zero  as  the  square  root  of  the  distance  to  the  tip. 
Therefore,  the  KFM  curves  in  Fig.  5 must  approach  infinity  and  can,  at  best,  converge  to  the  correct  answer 
nonunlformly.  The  VLM  end  VLMI  curves,  on  the  other  hand,  are  not  so  constrained  and,  therefore,  could 
converge  uniformly,  but  it  appears  from  Figs.  6 and  7 that  the  VLM  and  VLMI  results  for  the  control  point 
closest  to  the  tip  are  incorrect.  In  other  wo^ds,  the  VLM  and  VLMI  also  converge  nonuniformly,  at  best. 

The  best  results  from  each  method  were  each  fitted  to  a curve  of  the  form  in  Eg.  (44).  The  purpose 
of  this  was  to  allow  the  leading-edge  thrust  to  be  predicted.  This  prediction  is  possible  because  the 
leading  edge,  in  this  case.  Is  in  the  same  region  as  the  trailing  edge,  and  because  the  eigensolutions 
determine  the  local  solutions  completely,  except  for  overall  constants,  which  can  be  determined  from  the 
span  loading.  Predictions  made  in  this  manner  (see  Rtf.  10  for  details)  are  shown  as  dashed  lines  in 
Figs.  8-10  for  a,  and  a2  determined  from  the  KFM,  VLM,  and  VLMI  span  loadings,  respectively.  The 
actual  thrust  distributions  predicted  by  these  methods  are  also  shown.  For  the  KFM,  the  agreement  is  good, 
except  very  close  to  the  tip.  Furthermore,  it  appears  that  the  KFM  is  converging  to  the  correct  answer. 
However,  the  leading-edge  thrust  distributions  predicted  by  the  VLM  and  VLMI  do  not  agree  well  with  the 
predictions  determined  from  the  eigensolutions.  Although  one  could  not  argue  convincingly  that  the  VLM  and 
VLMI  either  would  or  would  not  converge  to  the  correct  answer  as  the  number  of  vortices  is  increased  to 

infinity,  It  is  clear  that  the  convergence  is,  at  best,  very  slow. 

3.5  A 45°  Swept  Wing 

The  conditions  existing  rear  the  tip  of  a wing  with  a nonzero  tip  chord  are  now  examined  in  the  light 
of  the  current  theory.  In  particular,  a flat,  constant  chord,  aspect  ratio  2,  45°  swept  wing  at  1 radian 

angle  of  attack  Is  considered.  A wing  of  this  sweep  was  considered  because  it  matches  the  sweep  at  the 

tip  of  the  hyperbolic  wing  considered  in  Refs.  13  and  14  and  because  a controversy  has  arisen  over  the 
latter  wing.  This  controversy  stems  from  the  fact  that  Kalman's  calculations,  which  used  a vortex  lattice 
method,  show  that  the  Induced  drag  at  the  tip  is  nonzero,  while  the  kernel  function  methods  used  In  Ref.  13 
show  the  drag  going  to  zero.  Additional  communication  (Refs.  15  and  16)  has  failed  to  resolve  the 
question. 

The  theory  presented  herein  is  now  used  to  determine  which  results  give  the  correct  behavior  of  the 
induced  drag  at  the  tip.  According  to  section  2.3.4  and  3.2.2  and  Table  4,  for  v>  = 135°,  the  span 
loading  near  the  right  wing  tip  is  of  the  form  1 

y = as(l  - ,)»/*  + a2(l  - n)3/2  + a3(l  - n)1-9569  (45) 

It  has  been  determined  that  the  lowest  three  eigenvalues  for  v>j  = 0 and  v’,  = 135°  are  0.64220,  1.51016,  and 
1.76787.  Therefore,  according  to  Eq.  (10),  the  leading-edge  thrust  near  tne  tip  is  of  the  form 

[b^l  - n)0. 64220  + b2(!  . n)l. 51016  + b3(1  . n)  1.76787]2 


1 - n 


(46) 
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-The  induced  drag  distribution  is  given  by  y - Therefore,  it  is  now  clear  that  the  induced  drag  does 
approach  zero  at  the  tip.  Furthermore,  the  thrust  becomes  the  dominant  contributor  very  close  to  the  tip 
(provided  that  b,  is  not  zero)  and,  hence,  the  induced  drag  will  be  negative  close  to  the  tip.  Although 
the  kernel  function  methods  used  in  Ref.  13  correctly  predicted  that  the  drag  should  approach  zero,  they 
showed  it  approaching  from  the  positive  side,  although  the  results  did  show  a region  of  negative  drag  close 
to  the  tip.  The  loading  functions  used  in  the  kernel  function  methods  can  be  shown  to  constrain  the  induced 
drag  so  that  it  will  always  approach  zero  from  the  positive  side,  provided  that  the  tip  chord  is  nonzero  and 
the  lift  near  the  tip  is  positive. 

Numerical  results  using  the  KFM  (Ref.  11)  and  the  VLM  and  VLMI  (Ref.  12)  for  the  45°  swept  wing  are  now 
presented.  Figures  11-13  show  KFM.  VLM,  and  VLMI  predictions  o e the  span  loading  divided  by  the  square  root 
of  the  distance  to  the  tip.  According  to  Eq.  (45)  this  quantity  should  be  finite  at  the  tip.  The  KFM  loading 
functions  constrain  the  loading  near  the  tip  to  be  the  product  of  the  square  root  of  the  distance  to  the 
tip  times  an  analytic  function  of  n.  Therefore,  is  is  reasonable  to  assume  that  the  span  loading  should 
converge  rapidly  and  uniformly  and  Fig.  11  shows  this  to  be  the  case.  On  the  other  hand,  the  VLM  results 
shown  in  Fig.  12  indicate  that  the  VLM  may  not  be  converging  to  the  correct  result.  At  best,  the  VIM  appears 
to  be  converging  nonuniformly.  The  VLMI  results  in  Fig.  13  show  that  the  tip  inset  clearly  improves  the 

convergence.  However,  the  VLMI  results  do  not  appear  to  be  converging  to  the  same  curve  as  the  KFM  results. 

Figures  14-16  are  plots  of  leading-edge  thrust  distributions  divided  by  the  distance  to  the  tip  raised 
to  the  0.28440  power.  According  to  Eq.  (461,  this  quantity  should  be  finite  at  the  tip.  Tne  KFM  loading 
functions  impose  the  constraint  that  the  leading-edge  suction  should  vanish  linearly.  Therefore,  all  of 
the  KFM  curves  in  Fig.  14  pass  through  zero  at  the  tip.  Nevertheless,  if  one  were  to  smooth  out  ♦he  oscil- 
lations in  the  KFM  curves,  the  KFM  results  would  be  reasonable  out  to  the  final  control  point.  The  dashed 

line  in  Fig.  14  shows  such  a smooth  curve.  It  was  determined  by  fitting  an  equation  of  the  form  in  Eq.  (46) 

to  the  7 * 11  * 367  KFM  results  at  the  third,  fourth,  and  fifth  control  points.  It  is  expected  that  this 
dashed  curve  lies  reasonably  close  to  the  true  answer.  The  VLM  results  shown  in  Fig.  15  do  not  seem  to  be 

converging  to  a correct  result  or,  at  least,  do  not  seem  to  be  converging  to  the  same  curve  as  the  KFM 

results.  The  same  can  be  said  of  the  VLMI  results  in  Fig.  16. 

Figures  17-13  show  induced  drag  distributions  calculated  by  using  VLM  and  VLMI  and  compare  these  results 
against  the  distribution  determined  from  the  7 » 11  « 367  KFM  results  with  the  leading-edge  thrust  taken 
from  the  dashed  curve  in  Fig.  14.  The  VLM  and  VLMI  results  agree  fairly  well  with  each  other,  but  there  is 

a distinct  difference  between  them  and  the  KFM  drag  distribution. 

4.  SUMMARY  AND  CONCLUSIONS 

It  was  shown  that,  in  any  of  the  regions  of  the  thin  wing  depicted  in  Fig.  1,  the  lifting-pressure 
distribution  of  the  incompressible  flow  is  governed  by  solutions  of  the  form 

f = rsy(Cj,t2) 

where  s is  an  eigenvalue,  and  c are  angular  variables,  and  Y is  an  eigenfunction  satisfying 
certain  homogeneous,  mixed,  and  sometimes  nonlinear  (in  s)  boundary  conditions  on  the  z = 0+  plane. 

A survey  of  the  literature  concerned  with  problems  of  this  type  revealed  that  in  the  interval 
(n  - l,n)  there  are  n linearly  independent  eigensolutions.  The  literature  contained  methods  for 
aetermining  these  eigensolutions  in  regions  I through  III,  but,  despite  claims  to  the  contrary,  not  for 
regions  IV  and  V.  The  literature  also  contained  a few  exact  results  and  numerical  results  of  varying 
degrees  of  accuracy  and  sophistication. 

On  the  basis  of  the  literature  survey,  it  was  concluded  that  a new  method  of  solving  such  problems 
was  required  in  order  to  deal  effectively  with  regions  IV  and  V.  Such  a method  was  devised  and  is  basically 
different  than  uhe  previous  methods.  The  k^y  feature  of  the  new  method  is  a relationship  that  allows  the 
determination  of  the  vertical  velocity  in  the  z = 0 plane  from  the  potential  on  the  z = > plane  without 
having  to  solve  any  differential  equations.  This  relationship,  together  with  sets  of  assumed  potential 
modes  and  a collocation  procedure,  permitted  a nonlinear,  algebraic  characteristic  equation  for  the 
eigenvalues  to  be  formed. 

The  new  method  was  used  to  calculate  eigenvalues  and  eigenvectors  in  each  of  the  various  regions. 

Together  with  some  ex,.ct  results,  these  calculations  provided  the  lowest  three  eigenvalues  for  all  of  the 
subject  regions,  A comparison  of  some  of  the  results  computed  for  region  I with  results  computed  by  others 
showed  the  current  results  to  be  about  as  accurate  as  the  best  previously  available.  The  method  was  also 
used  to  show  that  previously  proposed  solutions  for  region  V were  generally  incorrect  because  they  did  not 
satisfy  the  Kutta  condition  except  at  the  origin  and  because  they  failed  to  account  for  the  shed  wake. 

The  calculated  results  were  applied  to  some  practical  problems.  In  particular,  the  behavior  of  the 
span  loading  and  the  leading-edge  thrust  on  a delta  wing  and  a swept  wing  were  considered.  The  correct 
types  of  behavior-  as  predicted  by  the  present  theory,  were  compared  against  results  computed  by  a 
kernel -function  method  lifting-surface  theory  and  two  variations  of  the  vortex-lattice  method.  It  is 
concluded  that  the  kernel-function  method  always  predicts  the  correct  behavior,  although  the  convergence 
may  be  nonuniform  due  to  the  constraints  of  the  assumed  pressure  modes.  The  vortex-lattice  methods,  however, 
do  not  appear  to  be  predicting  the  correct  behavior  in  all  cases. 
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Table  2 - COMPARISON  OF  CALCULATED 
ESTIMATES  OF  THE  LOWEST  EIGENVALUE 
FOR  REGION  I. 
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TABLE  3 - CALCULATED  ESTIMATES  Oh  THE  LOWEST 
THREE  EIGENVALUES  FOR  THE  DELTA  WING-TIP 
CASE  (REGION  IV  WITH  = 90°). 
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TABLE  4 - THE  THIRD  LOWEST  EIGENVALUES  TOG  TABLE  5 - THE  THIRD  EIGENVALUE  FOR  REGION  V. 
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Fig.  1 Regions  of  interest.  Fig.  2 Notation  and  coordinate  system  for  the 

general  case. 


Fig.  3 Relative  strength  of  the  suction  mode  for  Fig.  4 Relative  strength  of  the  wake  mode  for 
the  second  symmetric  eigenvalue  of  region  I.  region  V. 
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Fig.  5 The  span  load  distribution 
as  predicted  by  the  KFM  near  the 
tip  of  the  60°  delta  wing. 


Fig.  6 The  span  load  distri- 
bution as  predicted  by  the 
VLM  near  the  tip  of  the 
60°  delta  wing. 


Fig.  7 The  span  load  distri- 
bution as  predicted  by  the 
VLM1  near  the  tip  of  the 
60°  delta  wing. 


Fig.  3 The  leading-edge  thrust 
distribution  near  the  tip  of 
the  60°  delta  wing  as  pre- 
dicted by  the  KFM  and  by  the 
present  method  with  constants 
determined  from  the  KFM  span 
loading. 


Fig.  9 The  leading-edge 
thrust  distribution  near 
the  tip  of  the  60°  delta 
wing  as  predicted  by  the 
VLM  and  by  the  present 
method  with  constants 
determined  from  the  VLM 
span  loading. 


Fig.  10  The  leading-edge 
thrust  distribution  near 
the  tip  of  the  60°  delta 
wing  as  predicted  by  the 
VLMI  and  by  the  present 
method  with  constants 
determined  from  the  VLMI 
spar,  loading. 


Fig.  11  The  span  loading  pre- 
dicted by  the  KFM  near  the 
tip  of  the  45°  swept  wing. 


Fig.  12  The  span  loading  pre^ 
dieted  by  the  Vl.M  near  the 
tip  of  the  45°  swept  wing. 


Fig.  13  The  span  loading  pre- 
dicted by  the  VLMI  near  the 
tip  of  the  45°  swapt  wing. 
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Fig.  14  The  leading-edge 
thrust  near  the  tip  cf  the 
45°  swept  wing  as  predicted 
by  the  KFM  and  Eq.  46. 


Fig.  15  The  leading-edge 
thrust  near  the  tip  of  the 
45°  swept  wing  as  predicted 
by  the  VLM. 


Fig.  16  The  leading-edge 
thrust  nea~  the  tip  of  the 
45°  swept  wing  as  predicted 
by  the  VLMI . 
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Fig.  17  The  induced  drag  distribution  near  the  tip 
of  the  45°  swept  wing  as  predicted  by  the  VLM 
and  the  KFM. 


Fig.  18  The  induced  drag  distribution  near  the  tip 
of  the  45°  swept  wing  as  predicted  by  the  VLMI 
and  the  KFM. 
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SUMMARY 

The  paper  will  give  a short  exposition  of  the  vortex  lattice  method  as  it  has  been  developed  to  handle 
lifting  configurations  of  arbitrary  shapes  and  will  deal  in  mere  details  on  the  forces  computation  when 
additional  lift  is  induced  by  r.  deflected  jet  as  in  some  VTOl  aircrafts. 

Since  the  practical  beginning  of  the  vortex  lattice  method  problems  which  it  can  treat  have  increased  in 
complexity,  while  the  accuracy  has  also  improved  so  that  the  induced  drag  and  the  force  distributions  are 
now  reliable  results.  It  must  be  stressed  that  because  of  the  singular  behaviour  of  line  vortices,  pressu- 
res cannot  be  relied  upon  and  thus  are  nut  -uinpuied.  Complex  geometries  include  wing  tip  winglets  or 
shrouded  propellers  with  nighly  deflected  jets.  A study  will  be  presented  centered  around  the  experimen- 
tal Domier  Aerodyne  and  discussion  will  be  carried  on  such  problems  as  mass  flow  control,  jet  definition 
and  lattice  arrangements  on  the  centerbody,  shroud  and  jet.  Results  will  be  presented  on  a configura- 
tion of  practical  importance. 

The  paper  will  also  rapidly  survey  other  fields  of  application  of  the  vortex  lattice  method  such  as  wing- 
body  interference,  ground  affect  and  wind  tunnel  wall  corrections. 


RESUME 

Une  courte  presentation  de  la  methode  "vortex  lattice"  sera  d’abord 'donnee  telle  qu'elle  a ete  developnee 
pour  etudier  des  configurations  portantes  de  forme  arbitraire  et  un  examen  plus  detaille  sere  ensuite  con- 
sacre  au  calcul  des  forces  quanu  une  portance  additionellc  est  induite  par  un  jet  deflechi  comme  dans  ie 
cas  de  quelques  avions  VTOL. 

Depuis  le  d§but  pratique  de  la  raSthode  "vortex  lattice",  les  problemes  qu’elle  peut  traiter  ont  augmente 
de  comp'exite,  tar. sis  oue  la  precision  elle  aussi  s’est  amelioree  de  fagon  que  la  trainee  induite  et  les 
distributions  de  force  sont  maintenant  des  resultats  attendibles.  II  est  a noter  que  a cause  du  comporte- 
ment  singulier  des  vortex  lineaires,  les  pressions  ne  sont  pas  attendibles  et  ne  sont  done  pas  calculees. 
Formes  compliqu&es  sont  p.e.  des  ailettes  d’extrfemite  d’aile  ou  des  helices  carenees  avec  des  jets  forte- 
ment  deflechis.  Une  etude  sera  presentee  centree  sur  VAerodyne  experimented  developpee  chez  Dornier 
et  il  sera  discute  de  problemes  tels  que  le  controle  de  la  quantite  de  masse,  la  definition  du  jet  et 
l’arrangement  des  vortex  sur  le  corps  central,  Tenveloppe  et  le  jet.  Des  resultats  seront  presontes  pour 
une  configuration  d‘ importance  pratique. 

Un  coup  d’oeil  sera  jett§  sur  d’autres  champs  duplication  de  la  methode  "vortex  lattice"  tels  qu’inter- 
fSrence  aile-fuselage,  effet  de  sol  et  corrections  de  soufflerie. 
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INTRODUCTION 


Computation  of  the  three-dimensional  inviscid  subsonic  flow  requires  the  solution  of  the  three-dimensio- 
nal Laplace  equation  within  the  whole  (infinite)  flow  field  when  the  linearized  Prandtl-Glauert  space 
transformation  is  used  to  reduce  the  problem  to  the  incompressible  flow.  Solving  the  Laplace  equat'on 
in  the  whole  field  is  equivalent  to  calculate  a two-dimensional  integral  equation  over  the  surfaces  im- 
mersed in  the  fluid.  The  boundary  condition  of  zero  (or  imposed)  normal  flow  in  the  first  problem  remairs 
unchanged  in  the  second  problem.  Typically  the  integral  equation  is  solved  by  replacing  the  surfaces  with 
a distribution  of  singularities;  in  the  vortex  lattice  method  these  singularities  are  closed  vortex  fi- 
laments of  constant  strength  which  thus  satisfy  the  Helmholtz  laws. 

The  shape  of  the  vortex  filaments  is  quadrilateral,  but  triangular  rings  may  be  used  by  specifying  the 
length  of  one  side  as  zero.  The  vortices  are  defined  by  four  nodal  points;  this  allows  for  geometries  o'-' 
arbitrary  shape  (fig.  1).  The  boundary  condition  is  applied  at  a control  point  somewhere  near  the  vortex 
center;  since  the  onset  of  the  vortex  lattice  method  it  was  recognized  the  importance  of  the  control  point 
location.  Two-dimensional  studies  [1]  precisely  located  the  control  point  when  using  equally  spaced  vorti- 
ces; three-dimensional  studies  of  wings  [2,  3]  confirmed  these  results.  It  was  also  shown  that  an  'nset 
is  needed  at  the  wing  tip  [4j.  When  analysing  complex  configurations  in  the  three-dimensional  space  how- 
ever one  ne.er  uses  equally  spaced  panels  but  tries  to  optimize  the  sizes.  Location  of  the  control  point 
must  in  this  case  follow  the  same  law  as  the  vortices  both  ’n  chordwise  and  spanwise  directions  [5]; 
since  that  law  of  distribution  is  not  usually  known  in  analytical  form,  accurate  formulae  have  been  deri- 
ved using  Taylor  series  [6],  Because  of  programming  difficulties,  these  formulae  have  been  implemented  in 
chordwise  direction  only. 

The  forces  are  computed  by  adding  the  forces  acting  on  each  vortex  filament  immersed  in  the  velocity  field 
induced  by  the  other  vortices  (Joukowski  law):  it  is  assumed  that  the  velocity  at  each  filament  middle 
point  is  the  velocity  average  over  the  whole  filament.  Forces  computed  in  this  way  provide  also  the  lea- 
ding edge  suction  force  and  thus  a realistic  induced  drag. 

Due  to  the  singular  flow  fie’d  induced  by  vortices,  pressure  coefficients  are  not  very  reliable.  If  some 
care  is  taker,  spanwise  loading  distributions  come  out  to  be  quite  good  (they  do  not  have  any  physical 
meaning  however  when  a pressure  jump  is  furnished  by  a propeller  due  to  effects  described  below).  But 
the  main  purpose  of  the  vortex  lattice  method  is  the  computation  of  total  forces. 


SIMULATION  OF  A JF.T 

As  previously  done  [7,  8],  a well  established  empirical  relation  has  been  used  to  specify  the  jet  axis. 
In  the  wind-axes  5,  z,  originating  at  the  nozzle  center  it  is  written  as 


*■ 


1 1 c3  c 

4 cose  v 2 03  n 
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tan  B 


where 


D is  the  fan  diameter, 

B is  the  jet  deflection,  measured  at  the  jet’s 
origin  from  the  axis 

V.  is  the  ratio  of  jet-to-freestream  velocity. 

J 


(1) 


The  jet  surface  is  defined  such  that  the  cross  sectional  area  remains  constant  along  the  jet.  From  a 

mathematical  point  of  vue,  the  jet  is  considered  a solid  surface,  thus  providing  the  blockage  and  distor- 

tion associated  with  a jet.  This  model  does  not  account  for  the  entrainment  effect.  It  would  not  a priori 
be  difficult  to  do  that:  an  empirical  relation  would  have  to  be  used  to  determine  the  rate  Of  entrain- 
ment. The  jet  surface  would  then  be  considered  not  as  a solid  surface  anymore,  but  as  a porous  surface 
through  which  a mass  flux  (i.e.  a normal  velocity)  would  have  to  be  prescribed.  Another  empirical  rela- 
tion would  determine  the  change  of  cross  sectional  area.  Since  complete  and  reliable  experimental  results 

are  not  available,  it  is  felt  that  this  approach  is  the  best  one.  Because  of  the  low  jet  velocities  of 
the  present  computation,  it  is  not  expected  a large  error  from  a lack  of  entrainment. 


ACCOUNTING  FOR  THE  PROPELLER  PRESSURE  JUMP 

Consider  the  section  by  a vertical  plane  of  a shrouded  propeller  (or  for  that  matter  also  a jet  engine). 
Closed  vortices  aro  placed  on  the  propeller  plane  and  on  the  outer  surface  of  the  shroud;  due  to  the  so- 
lid body  representation,  the  jet  surface  also  is  replaced  by  vortices. 

In  the  VTOL  systems  considered  for  study  in  the  present  work,  the  additional  required  lift  is  provided 
by  a cascade  deflecting  the  jet.  It  can  be  represented  in  the  vortex  lattice  method,  but  for  the  purpose 
of  forces  computation  it  is  equivalent  to  have  the  complete  deflection  produced  by  the  jet  acting  is 
the  solid  surface  of  a duct:  the  missing  force  induced  on  the  cascade  is  thus  computed  on  a small  part 
of  the  upper  jet.  The  pitching  moment  however  will  not  be  very  accurate  since  the  position  of  the  force 
acting  on  the  cascade  has  to  be  approximated.  Therefore  the  system  to  be  analysed  is  that  represented 
by  a solid  line  on  the  right  sketch  below. 
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Shroud 


While  the  potential  flow  model  gives  the  correct  external  flow  field,  since  it  is  assumed  that  the  jet 
location  is  almost  correctly  prescribed,  the  internal  potential  flow  field  does  not  represent  the  phy- 
sical one.  First  the  total  pressure  jump  ip  produced  by  the  propeller  is  missing.  And  secondly  due  to 
the  incompleteness  of  the  internal  surface,  the  internal  flow  pattern  is  a fictitious  one:  notwithstanding 
this  last  approximation,  the  total  forces  will  be  correct  if  the  inlet  and  outlet  conditions  are  properly 
prescribed,  provided  the  first  error  is  accounted  for.  The  following  pressure  integration  explains  this 
statement. 

The  total  physical  force  (on  the  internal  and  external  surfaces)  is  given  by: 

? = / <Pi'Pe>  dt  (2) 


where  I is  the  inlet  area,  S is  the  surface  of  the  shroud  and  the  upper  part  of  the  jet,  p.  and  p are 
the  internal  and  external  static  pressures  respectively.  Calling  A p the  jump  in  total  pressure,  tne 
internal  static  pressure  p^as  given  by  the  vortex  lattice  method  would  be 

Pi'  = Pi-AP  (3) 

and  the  physical  force  becomes 

F = J (Pi‘*P e)  ds  + Ap  J ds  = FVLM  - Ap  SE  (4) 

I+S  I+S 

since  the  Joukowski  law  gives,  as  force,  the  integral  of  the  pressure  difference  between  the  outer  and 
inner  surfaces. 

For  the  pitching  moment  computation,  the  following  compensating  term  has  to  be  added 


AM  = - Ap  / r x ds 
I+S 


(5) 


Ap  is  not  independent  of  V.  once  this  value  is  prescribed.  Assuming  pP  = p , the  stagnation  pressure 
jump  furnished  by  the  propeller  is  t “ 


AP  =^P  (VE2  - V)  (6) 


By  continuity 

Vj  Sj  = VE  SE  cos  6 (7) 


Therefore 

“P  • 1 * V «5porr)  - <vf>  I <»> 


It  ought  to  be  mentioned  that  since  the  jet  is  not  correctly  prescribed,  forces  will  appear  on  it  that 
will  contribute  an  error  to  the  above  additional  force.  However,  since  this  term  is  computed  near  the 
shroud,  one  can  validly  suppose  that  the  jet  will  be  very  close  to  the  exact  position  and  that  the  forces 


will  be  small  in  that  region.  For  a rightly  prescribed  jet  contour,  with  a deflection  due  to  a cascade, 
the  following  relation  nvjst  be  everywhere  verified 

Pi  * Pe  - 0 (9) 


This  relation  could  be  used  to  locate  the  jet  by  an  iterative  procedure;  it  would  however  be  very 
t'me  consuming. 


RESULTS 

Before  concentrating  the  effort  on  more  specific  problems,  a variety  of  problems  wa.>  surveyed  to  have  an 
estimate  of  the  difficulties  which  might  occur  in  each  case. 

An  untapered,  swept,  cambered  wing  {fig.  2)  was  compared  with  experimental  ana  numerical  data  [9]:  the 
accuracy  is  shown  tc  he  good.  Excellent  agreement  also  was  obtained  with  theory  and  experiment  [10]  when 
analysing  a thin  circular  annular  wing  (fig.  3). 

As  an  example  of  extrate  use  of  the  vortex  lattice  method,  a wing  with  tip  winglets  was  studied  with  the 
present  program  [!1]  (fig.  4).  This  is  a case  where  triangular  vortices  were  used  to  optimize  the  vortex 
size  in  regions  where  high  gradients  may  be  expected.  The  results  were  quite  satisfactory. 

A preliminary  study  of  a complete  aircraft  with  ground  effect,  though  without  engines,  was  also  performed 
(fig.  5);  the  different  parts  were  tested  separately  to  see  the  problems  involved  and  then  assembled  to- 
gether. The  figures  show  that  a lack  of  accuracy  occurs  at  the  wing-body  connection. 

An  almost  classical  test  case  was  provided  by  the  investigation  of  a wing  in  a wind  tunnel  (fig.  6).  i-Lre 
a simple  wing  at  a low  angle  of  attack  was  examined;  the  wake  was  modeled  according  to  the  physical  geo- 
metry it  is  supposed  to  take  when  in  a wind  tunnel.  Naturally  it  is  net  planned  to  use  such  a method  for 
simple  wings  at  low  angles  of  attack,  but  for  systems  producing  a large  downwash,  for  which  correction 
formulae  are  not  available;  since  the  wake  position  would  a prion  be  difficult  to  determine,  an  iterative 
procedure  could  be  used  until  the  forces  induced  on  the  wake  are  brought  to  zero. 

The  problem  of  a flapped  wing  may  also  be  investigated  using  the  vortex  lattice  method.  Some  studies 
were  made  to  determine  the  effect  of  an  inset  at  the  flap's  and  wing's  sides;  more  tests  are  however 
needed  together  with  comparison  with  experimental  data. 


AERODYNE 

The  geometry  of  the  Aerodyne,  although  relatively  simple,  is  still  too  complicated  to  be  used  in  a pre- 
liminary investigation  project  using  the  vortex  lattice  method.  Therefore  a simpler  geometry  has  been 
defined  (fig.  7).  Its  shape  is  almost  a circular  cylinder  having  an  average  cho.  dlength  of  1.066 
propeller  diameters,  the  front  section  being  inclined  6.54°  and  the  nozzle  section  30°  with  respect  to 
the  vertical.  The  shroud  nose  has  a thickness  down  to  the  vertical  propeller  plane  (placed  0.206  choros 
downstream  of  the  leading  eGge)  where  the  thickness-to-chord  ratio  is  0.042.  The  jet  geometry  is  as 
previously  described.  The  centerbody,  easily  defined,  is  as  in  the  real  model,  extending  1.003  chords 
in  front  and  0.896  chords  behind  the  leading  edge  and  having  a maximum  diameter  of  0.467  propeller 
diameters.  p 

The  number  of  vortices  on  half  the  configuration  is  8x10  on  the  centerbody,  8x2  on  the  propeller  plane 
(this  representation  is  described  below),  3x2  on  the  inside  of  the  lip  (i.e.  from  the  leading  edge  to  the 
propeller),  8x9  on  the  external  surface  of  the  shroud  and  8xi*  on  the  jet.  iwo  additional  line  sources 
have  been  placed  at  the  nozzle  and  at  the  end  of  the  jet  (th.-ir  purpose  is  described  oelow). 

The  x and  z coordinates  of  the  jet's  corner  nodes  are  generated  according  to  the  jet  description  (see 
above)  and  such  that  the  average  vortex  length  of  a circumferential  strip  of  vortices  is  egual  to  1.3 
times  the  average  vortex  length  of  the  previous  strip,  this  rule  being  valid  for  all  the  jet  includir,., 
the  first  strip  behind  the  shroud. 

The  simplified  AeroJyne  has  been  investigated  with  a ratio  of  propeller-to-freestream  velocity  of  2.2, 
no  angle  of  attack  and  a jet  angle  0 of  30°,  i.e,  a jet  deflection  of  60°  with  respect  to  the  horizon- 
tal . 

The  results  for  lift  and  induced  drag  (the  pitching  moment  was  not  computed  in  this  preliminary  inves- 
tigation) are  shown  on  fig.  7.  They  have  been  broken  down  irto  the  contributions  from  the  different  parts. 

A question  may  be  raised  on  how  to  impose  the  proper  velocity  in  the  propeller  plane.  In  on  early  work 
[12]  the  end  of  the  jet  surface  was  flared  in  such  a way  that  the  prescribed  velocity  was  acnieved  at 
one  point  or  in  the  average  on  the  propeller  plane;  this  necessitated  a trial-and-error  procedure  to 
attain  the  desired  velocity.  Later  [7]  quadrilateral  vortices  were  placed  in  the  propeller  plane  and  the 
desired  normal  velocity  was  imposed  at  each  control  point;  this  method  has  tv/o  advantages:  no  tr'al-and- 
error  procedure  is  needed  anymore  and  an  arbitrary  velocity  distribution  (a  result  of  experiment  or 
another  theoretical  method)  may  be  imposed  (in  this  work  a uniform  velocity  was  given).  Numerical  experi- 
ments described  in  [6]  led  to  the  actual  number  of  vortices. 


i 


It  was  noticed  that  the  jet  length  and  the  vortices  density  on  it  had  a considerable  influence  upon  the 
vortex  strengths  on  the  shroud.  It  is  due  to  leakage  effects,  i.e.  the  violation  of  the  mass  continuity 
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equation  across  a surface  simulated  by  discreet  vortices,  it  was  suggested  113)  to  put  a line  source  at 
the  end  of  the  jet  and  impose  in  that  rcyion  an  axial  velocity  such  as  the  mass  continuity  would  be  satis 
fied.  Its  effect  was  to  render  forces  computations  (on  each  vortex  ''lament  and  of  course  the  whole  con- 
figuiation)  virtually  independent  of  the  jet  length  so  that  relatively  short  jets  may  be  used.  It  was 
found  too  that  the  line  source  should  be  relatively  short.-  An  additional  source  has  been  placed  in  the 
nozzle  section. 

Almost  all  of  the  numerical  experiments  were  made  without  leading  edge  thickness,  i.e,  with  the  upper  and 
lower  surfaces  of  the  lip  collapsed  into  one  surface,  Ihe  effect  of  leading  edge  thickness  is  small  but 
not  negligible  and  should  always  be  incorporated  when  evaluating  a configuration  such  as  the  Ae. 'odv.no 
a jet  engine. 

CPU  time  or.  the  Dornier's  IFM  370/168  for  one  case  {i.e.  o°e  angle  of  attack,  one  ratio  of  propeller- 
to- free st ream  velocity  and  one  jet  angle)  was  440  secs.  It  is  expected  to  reduce  this  cost  sti ! ’ we. 


CONCLUSIONS 

A wide  variety  of  test  cases  has  shown  that  the  vortex  lattice  method  in  general  and  its  present  appli- 
cation in  particular  yield  reliable  total  force  coefficients  and,  when  care  is  taken,  also  load  distri- 
butions for  quite  complex  configurations.  Further  work  is  of  course  still  required  in  order  to  assess 
the  accuracy  by  comparison  with  experimental  data  of  an  Aerodyne- type  of  aircraft  and  later  a full 
VTOL  aircraft.  One  may  already  say  however  that  because  of  its  low  computing  cost  this  method  appears 
as  a good  tool  for  preliminary  studies. 
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SUMMARY 

This  paper  presents  f2 ight  data  from  several  maneuvers  which  produce  rapid  changes 
in  aircraft  component  load  distribution  or/and  fluctuating  flow  separations.  The 
maneuvers  include  an  abrupt  pullup,  slow  and  fast  windup  turns,  a slowdown  turn  at 
elevated  load  factor,  a rolling  pullout  at  elevated  load  factor,  a sustained  rudder  roll 
followed  by  a spin  and  recovery  and  a 1-g  deceleration  terminating  in  a slow  nose  slice 
and  recovery.  Where  feasible  wind  tunnel  model  pressure  measurements  illustrate  the 
character  of  the  aerodynamic  loadings.  Comparisons  between  measured  structural  loads 
and  predictions  are  presented  and  discussed. 
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INTRODUCTION 

This  paper  deals  with  two  areas  of  interest  with  respect  to  transient  aerodynamic 
loadings.  Several  examp]  -'s  of  flight  maneuvers  are  presented  in  which  rapid  changes  in 
the  aerodynamic  ?oadings  occur  that  are  caused  by  either  the  rate  of  change  of  the 
aircraft  attitude  or  by  tht  presence  of  flow  separations. 

The  flight  data  were  ob'ained  during  flight  test  programs  of  a small  highly 
maneuverable  fixed  wing  fighter  (Aircraft  A)  and  a variable-sweep  fighter-bomber 
(Aircraft  B) . 

The  examples  of  flight  maneuvers  for  Aircraft  A will  be  presented  first.  Where 
feasible  wind  tunnel  model  pressure  distributions  are  also  presented  to  supplement  the 
flight  results.  Comparisons  between  measured  and  predicted  structural  loads  complete 
the  discussion  for  Aircraft  A. 

Examples  of  flight  maneuvers  of  Aircraft  B are  presented  next  along  with  more 
detailed  discussion  of  wind  tunnel  measurements  of  static  and  fluctuating  pressures 
Included  are  comparisons  between  predicted  and  measurec  values  of  fluctuating  wirg 
leads  caused  by  buffet. 


AIRCRAFT  A MANEUVERS 

Tie  example  maneuvers  from  flight  tests  of  Aircraft  A have  been  selected  to  illus- 
trate he  effects  of  various  dynamic  phenomena  on  the  wing  or/and  tail  loads  measured 
during  he  maneuvers.  The  maneuvers  include  an  abrupt  pullup,  slow  and  fast  windup 
turns,  and  slowdown  turn  at  elevated  load  factor,  a rolling  pullout  at  elevated  load 
factor,  a 1-g  deceleration  terminating  in  a slow  nose  slice  and  recovery  and  a rudder 
roll  followed  by  a departure,  spin  and  recovery. 


Examples  Illustrating  Effects  of  Pitch  Rate 

It  is  well  known  that  pitch  rate  can  have  an  effect  on  the  development  of  the  aero- 
dynamic flow  field  at  conditions  near  and  above  stall  and  considerable  effort  has  been 
expended  to  develop  methodology  for  predicting  dynamic  stall  effects  for  two-dimensional 
airfoils  and  high  aspect  ratio  wings(^).  The  effects  of  dynamic  stall  phenomenon  for 
fighter-type  wings  are  not  wall  known  therefore  it  is  of  interest  to  compare  flight  data 
from  three  maneuvers  of  Aircraft  A:  a slow  windup  turn,  a fast  windup  turn  and  an  abrupt 
pullup . 

Figure  la  presents  the  variations  of  normal  load  factor  and  normal  force  coefficient 
with  angle  of  attack  and  Figure  lb  the  variations  of  wing  root  bending  moment  with 
airplane  normal  force  for  the  three  maneuvers.  The  time  from  nominal  1-g  flight  to  an 
angle  of  attack  of  10  degrees  is  20.2,  2.33,  and  1.46  seconds,  respectively.  There  is  a 
spread  of  about  16  percent  in  the  gross  weights  and  about  5 percent  in  the  Mach  number 
for  the  three  maneuvers  which  accounts  for  much  of  the  difference  in  the  load  factor 
variations  with  angle  of  attack. 

There  are  some  differences  in  the  variations  of  normal  force  coefficient  with  angle 
of  attack  which  might  be  attributed  to  differences  in  the  horizontal  tail  contribution 
to  lift. 

The  major  point  to  be  made  however  is  the  fact  that  there  is  a progressive  increase 
in  the  amount  of  wing  bending  moment  at  a given  angle  of  attack  with  increase  in  pitch 
rite  even  below  the  apparent  stall  It  is  therefore  necessary  to  account  for  the  dynamic 
effects  of  various  maneuvers  in  selecting  critical  loadings  for  design  purposes.  At 
present  this  is  accomplished  using  5- degree- of- freedom  aircraft  dynamic  response  simu- 
lation to  account  for  inertia  effects  with  the  aerodynamic  loading  inputs  based  on  rigid 
wind  tunnel  model  pressure  distributions  corrected  by  theoretical  analysis  for  static 
aeroelastic  effects.  Dynamic  effects  on  the  flow  field  are  not  included. 

This  approach  correctly  identified  an  abrupt  pullup  as  a critical  loading  for  the 
wing  bending  moment.  The  method  uses  quasi-steady  aerodynamics  and  is  considered  satis- 
factory by  the  structural  loads  engineers.  It  is  possible  however  that  improved  accuracy 
could  be  achieved  if  the  dynamic  flow  phenomena  were  better  understood  and  considered  in 
the  analysis. 
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Example  Illustrating  the  Effects  of  Wing  Rock 

One  dynamic  phenomenon  which  has  caused  some  concern  with  respect  to  the  possible 
impact  on  design  loads  is  wing  rock.  While  wing  rock  is  net  normally  encountered  to  a 
significant  degree  for  Aircraft  A,  there  was  a period  during  the  flight  test  program 
when  moderate  wing  rock  occurred.  Time  histories  of  pertinent  flight  parameters  for  a 
windup  turn  maneuver  presented  in  Figure  2 illustrate  the  effects  which  do  not  appear  to 
be  significant  with  respect  to  design  loads,  but  are  interesting  nevertheless  because 
they  contribute  to  understanding  the  phenomenon. 

The  time  histories  show  that  the  roll  rate  becomes  erratic  at  about  22  seconds  into 
the  maneuver  which  corresponds  to  breaks  in  the  variations  of  angle  of  attack  and  wing 
bending  moment  with  time.  It  is  obvious  that  wing  flow  separation  has  occurred.  The 
rms  values  of  pilot  seat  dynamic  acceleration  indicate  the  occurrence  of  buffet.  Note 
that  the  combination  of  Mach  number  and  angle  of  attack  is  such  that  the  leading  edge 
flap  ha.,  not  yet  started  to  deflect, 

The  roll  rate  excursions  rapidly  increase  to  a maximum  value  of  about  25  degrees 
per  second  at  24  seconds  into  the  maneuver,  but  do  not  increase  further.  The  wing 
bending  moment  exhibits  buffeting  effects  but  does  '■■ot  increase  significantly.  The 
horizontal  tail  bending  moment  does  show  excursions  about  equal  to  the  maximum  negative 
quasi-steady  value  which  is  about  10  percent  of  the  design  values.  In  addition  it 
changes  sign  as  angle  of  attack  is  increased  and  the  tail  deflection  changes.  The 
buffeting  response  at  the  pilot's  seat  increases  slowly  except  for  the  data  sample  taken 
between  32  and  34  seconds  into  the  maneuver.  A spectral  analysis  (not  presented)  indi- 
cated that  a strong  input  occurred  at  low  frequency  (below  the  natural  structural 
frequencies  of  the  aircraft)  which  may  have  been  caused  by  the  flight  control  system  as 
the  automatic  roll  damping  feature  attempted  to  compensate  for  the  ur.commanded  changes 
in  roll  rate.  Note  that  the  roll  angle  excursions  *.•  a net  large. 

Figure  3 presents  wind  tunnel  model  upper  surface  pressure  distributions  measured 
near  the  wing  tip  for  several  combinations  of  angl ? of  attack,  and  leading  edge  flap 
deflection  at  the  nominal  Mach  number  for  the  maneuver.  The  point  to  be  made  with  the 
pressure  data  is  the  fact  that  if  sufficient  flap  deflection  is  available  at  a given 
angle  of  attack  leading-edge  separation  does  not  occur  in  the  tip  region.  For  the 
particular  maneuver  shown  above  che  flap  deflection  vai  not  sufficient.  A change  to 
the  flap  schedule  to  start  the  flap  motion  at  a lower  angle  of  attack  eliminated  wing 
rock  in  the  moderate  angle  of  attack  regime. 


Example  of  Sudden  Transition  into  Buffet  During  a Slowdown  Turn 

Another  example  of  a potential  critical  design  loading  occurs  during  a slowdown 
turn  from  supersonic  speed  at  elevated  load  factor.  As  the  aircraft  passes  through 
the  transonic  Mach  number  regime  there  is  a sudden  transition  into  buffet. 

Figure  4 presents  time  histories  from  such  & maneuver.  As  the  aircraft  slows  down 
to  Mach  0.96  the  leading  edge  flap  starts  to  deflect  (at  about  5 seconds  into  the 
maneuver)  and  the  rate  of  change  of  angle  of  attack  with  time  increases.  At  about  6 
seconds  wing  flow  separation  starts  which  is  manifested  in  c rapid  increase  in  the  rms 
value  of  a normal  acceleration  at  the  pilot's  seat,  a decrease  in  the  wing  bending 
moment  and  a change  in  slope  of  the  horizontal  tail  bending  moment.  The  buffet  intensity 
which  occurs  during  this  maneuver  is  described  as  light  to  moderate  by  the  pilot..  Note 
that  there  is  a slight  increase  in  wing  bending  moment  just  prior  to  the  decrease  caused 
by  flow  separation.  The  ratio  of  the  peak  measured  wing  bending  moment  to  the  tirplane 
normal  load  factor  produced  at  the  same  point  in  time  is  exactly  equal  to  the  ratio  of 
design  bending  moment  to  design  load  factor.  The  unsteady  wing  bending  moment  fluc- 
tuations produced  by  buffet  do  not  cause  excursions  above  this  peak  quasi-steady  value 
and  are  small.  Typically  the  ratio  of  rms  values  of  fluctuating  wing  bending  moments  to 
peak  quasi- steady  values  is  from  .010  to  .025  in  the  transonic  range  for  Aircraft  A which 
is  significantly  lower  than  the  values  obtained  on  earlier  generation  fighter  aircraft. 

Figure  5 presents  wind  tunnel  model  wing  upper  surface  pressure  distributions  which 
help  explain  the  chain  of  events  which  produces  the  results  noted  in  Figure  4.  The  flow 
near  the  wing  tip  is  initially  completely  supersonic  and  the  pressure  distribution  is 
essentially  constant  along  the  chord  as  illustrated  in  the  lower  plot  of  Figure  5.  The 
center  plot  shows  that  a distinct  change  in  the  pressure  distribution  occurs  between  the 
two  values  of  attaek  shown  for  M » 0.95  and  6 LEF  " 5°.  The  flight  angle  of  attack  is 
approximately  11.8  degrees  when  6 LEF  reaches  5°  and  wing  flexibility  reduces  the  local 
angle  of  attack  slightly  so  the  fppropriate  pressure  distribution  lies  somewhere  between 
the  two  curves  presented. 
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A shock  induced  separation  has  occurred  which  is  spreading  forward  toward  the 
leading-edge  and  inboard  as  the  angle  of  attack  is  increased.  The  significant  increase 
in  buffeting  response  appears  to  occur  when  the  flow  separation  reaches  the  leading- 
edge  and  then  progresses  inboard  along  the  leading-edge.  The  upper  plot  shows  that 
the  additional  flap  deflection  which  occurs  with  increasing  angle  of  attack  is  not 
effective  in  reattaching  the  flow  as  the  Mach  number  continues  to  decrease. 


Example  of  a Rolling  Pullout  at  Elevated  Load  Factor 

One  maneuver  which  provides  a severe  test  of  the  ability  to  predict  loads  for 
dynamic  conditions  is  the  rolling  pullout  at  elevated  load  factor.  Figure  6 presents 
time  histories  of  che  bending  moments  produced  on  the  wing  horizontal  tails  and  ver- 
tical tail  of  Aircraft  A and  pertinent  flight  parameters  for  a rolling  pullout. 

The  maneuver  produces  a significant  amount  of  sideslip  which  is  reflected  in  the 
moment  measured  for  the  vertical  tail.  Despite  the  fact  that  the  angle  of  attack 
increases  slightly  during  the  rolling  portion  of  the  maneuver,  the  load  factor  and 
the  wing  bending  moments  decrease.  The  peak  wing  bending  moment  occurs  at  initia- 
tion of  the  roll  as  the  flaperons  are  deflected.  The  slight  difference  between 
right  and  left  horizontal  tail  bending  moments  is  caused  primarily  by  differential 
tail  deflection.  The  vertical  tail  bending  moment  is  higher  than  predicted.  This 
point  will  be  discussed  more  fully  later  in  the  paper. 


Example  of  a Nose  Slice 

Little  information  is  available  for  flight  loads  incurred  during  very  high 
angle  of  attack  flight.  The  flight  test  program  for  Aircraft  A provided  data  of 
interest.  One  case  is  from  a one-g  deceleration  with  the  aileron-rudder-interconnect 
function  of  the  flight  control  system  purposely  inoperative.  The  maneuver  produced 
a slow  nose  slice.  Figure  7 presents  time  pertinent  time  histories  including  the 
variation  of  vertical  tail  bending  moment. 

The  slow  nos'-  slice  was  caused  by  adverse  yaw  due  to  flaperon  deflection  as  the 
pilot  held  wings  level  above  angle  of  attack  of  28  degrees.  A maximum  sideslip  angle  of 
12.7  degrees  wes  developed  at  29  degrees  angle  of  attack.  An  immediate  recovery  was 
obtained  when  the  pilot  relaxed  aft  stick  force  and  the  angle  of  attack  reduced  below 
28  degrees . 

The  maximum  vertical  fin  bending  moment  measured  is  small  in  terms  of  the  design 
value  because  the  dynamic  pressure  was  low.  If  one  were  to  project  this  experience  to 
a high  Mach  number  high  dynamic  pressure  condition  one  could  infer  that  a nose  slice 
type  of  departure  could  produce  a critical  vertical  tail  loading.  In  actual  practice  it 
would  be  nearly  impossible  to  obtain  the  critical  combination  of  dynamic  pressure  and 
angle  of  attack  because  the  aircraft  decelerates  rapidly  at  such  high  angles  of  attack. 


Example  of  a Rolling  Departure  and  Spin 

The  previous  example  was  produced  under  very  closely  controlled  conditions.  The 
next  case  of  interest  was  produced  by  an  inadvertent  rolling  departure,  oscillatory  spin 
and  recovery  which  -'ccurred  as  the  pilot  performed  an  aggressive  high  angle  cf  attack 
rudder  roll  maneuver.  Figure  8 shows  pertinent  time  histories  or  several  flight  parame- 
ters. A more  detailed  presentation  is  given  in  Reference  2.  Figure  9 presents  time 
histories  of  the  vertical  fin  and  wing  bending  moments. 

The  rolling  departure  begins  at  about  19  seconds  into  the  maneuver  and  the  peak 
negative  vertical  fin  bending  moment  occurs  about  one  second  later  at  the  first  maximum 
sideslip  angle  of  +15.7  degrees  at  34  degrees  angle  of  attack.  The  peak  positive  verti- 
cal fin  bending  moment  occurs  about  2 seconds  later  as  the  angle  of  attack  passes 
through  58  degrees  At  this  point  the  wing  and  tail  flow  field  break  down  completely 
into  a wakelike  flow.  The  angle  of  attack  continues  to  increase  to  about  86  degrees 
and  the  oscillatory  spin  begins.  The  range  of  angles  of  attack  during  the  spin  is  from 
42  to  96  degrees  and  the  range  of  sideslip  angles  from  +24  to  -24  degrees.  Wing  bending 
moment  peaks  occur  during  spin  each  time  the  angle  of  attack  increases  through  58  degrees. 
The  negative  peaks  in  vertical  fin  bending  moment  slightly  precede  the  pecks  in  the  wing 
bending  moments  and  appear  to  be  caused  by  inertia  effects  because  they  correspond  to  the 
minimums  in  the  roll  rate  curve. 
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As  with  the  previous  example  the  magnitude  of  the  wing  and  fin  bending  moments  are 
small  compared  to  design  values  because  of  the  low  dynamic  pressure.  It  is  apparent 
however,  that  the  wing  bending  moments  during  the  departure  and  subsequent  spin  decrease 
from  the  maximum  measured  during  the  rolling  maneuver  and  thus  would  not  produce  a criti- 
cal condition  even  if  the  event  were  to  occur  at  high  dynamic  pressure.  Excursions  in 
sideslip  of  the  magnitude  occurring  during  the  departure  could  produce  vertical  fin 
bending  moments  large  enough  to  be  considered  in  selecting  loads  design  criteria. 


Comparison  Between  Predicted  and  Measured  Structural  L-vds 

The  limited  flight  test  program  completed  on  AircraK  P produced  a significant 
amount  of  structural  loads  data  which  has  been  compared  with  predictions.  Example  com- 
parisons are  presented  in  Figures  10  and  11 . 

Balanced  pitch  maneuver  analysis  was  performed  using  a digital  computer  procedure 
that  staticly  balanced  the  aircraft  at  a given  load  factor.  Trim  angle  of  attack  and 
horizontal  tail  deflection  for  lg  and  total  load  factor  are  computed  at  each  point  in  a 
large  matrix  of  Mach-altitude  conditions.  A final  balance  of  each  condition  is  per- 
formed after  summing  all  component  loads  and  pitching  moments . Shear  unbalance  is  dis- 
tributed between  the  wing  and  fuselage  in  proportion  to  their  relative  lift  coefficients 
The  pitching  moment  unbalance  is  corrected  by  applying  a sine  wave  to  the  fuselage. 

Fig"re  10  presents  comparisons  of  predicted  values  of  wing  bending  moment,  wing 
shear,  wing  torsion  and  horizontal  tail  bending  moment  from  balanced  pitch  maneuver 
analyses  for  1 g and  G g with  flight  data.  The  predictions  are  based  on  a fixed  gross 
weight  representative  of  the  test  aircraft  which  is  somewhat  higher  than  the  flight 
design  gross  weight.  The  flight  data  represent  points  obtained  at  equivalent  values  of 
the  product  of  load  factor  and  gross  weight  and  have  beer*  normalized  by  design  values. 

The  comparisons  for  wing  bending  moment  are  good  although  some  discrepancies  exist  at 
the  higher  supersonic  speeds.  The  predicted  wing  shear  is  generally  higher  than  flight 
values.  The  predicted  wing  torsional  moment  is  lower  than  flight  values  at  high  load 
factor  and  supersonic  speeds.  The  predicted  horizontal  tail  bending  moment  is  lower  than 
flight  values  at  high  load  factor  at  both  subsonic  and  supersonic  speeds.  Despite  the 
fact  that  wing  torsion  and  horizontal  tail  bending  moments  are  higher  than  predicted, 
the  flight  values  are  well  below  the  design  values  which  were  determined  primarily  from 
theoretical  analyses  early  in  the  design  effort. 

Analysis  of  structural  design  criteria  dynamic  maneuver  response  was  conducted 
using  a stability  and  flight  control  5 degree  of  freedom  flight  simulation.  The  maneuver 
response  parameters  were  then  used  for  loads  calculation  in  a separate  loads  computer 
procedure.  The  computer  analyses  included  simulation  of  structural  criteria  rolling 
maneuvers  sideslip  maneuvers  and  abrupt  pitching  maneuvers.  Figure  11  presents  compari- 
sons of  predicted  vertical  fin  bending  moment  during  high  load  factor  rolling  pullouts 
with  flight  data  for  two  altitudes.  The  agreement  between  predicted  and  flight  values 
is  only  fair.  The  flight  values  are  only  a small  fraction  of  the  design  values  in  this 
case  because  they  do  not  represent  design  conditions. 

While  the  prediction  methods  have  produced  "satisfactory"  results  from  the  loads 
engineers  viewpoint  in  the  sense  that  the  design  loads  are  generally  conservative,  it 
is  apparent  that  improved  methods  would  allow  finer  tuning  of  the  structuril  design  to 
reduce  conservatism  and  therefore  structural  weight. 


AIRCRAFT  B MANEUVERS 

Data  obtained  from  two  maneuvers  performed  during  structural  flight  lo.’ds  testing  of 
Aircraft  B are  presented  in  this  section.  The  maneuvers  are  slow  windup  turns  at  low 
wing  sweep  and  at  high  wing  sweep.  These  data  are  of  interest  because  they  illustrate 
the  differences  in  dynamic  structural  response  of  the  aircraft  which  occurred  due  to  the 
differences  in  the  fluctuating  flow  fields. 

Detailed  analyses  of  the  structural  response  were  performed  during  an  investigation 
sponsored  by  the  NASA  Ames  Research  Center  (Refs.  3,  4)  Wind  tunnel  studies  of  the  fluc- 
tuating flow  fields  were  performed  by  Dennis  Riddle  of  NASA  (Ref.  5)  and  the  wind  tunnel 
fluctuating  pressure  data  were  used  to  predict  the  aircraft  structural  response  (Ref.  6), 
Some  additional  results  are  presented  here. 
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Example  of  Windup  Turn  at  Low  Wing  Sweep 

Flight  data  from  a clow  windup  turn  of  Aircraft  B performed  at  26  degrees  sweep, 

0.80  Mach  number,  and  20,000  feet  altitude  are  presented  in  Figures  12  through  14. 

Figure  12  shows  time  histories  of  pertinent  flight  parameters  and  wing  bending  and 
torsional  moments  measured  at  T)  = .238  from  the  pivot  along  the  26  percent  chordline. 
Buffet  onset  occurs  at  about  5.5  degrees  angle  of  attack  and  above  that  angle  the  wing 
bending  and  torsional  moments  exhibit  considerable  dynamics.  Twice  during  the  maneuver 
a mild  wing  rock  caused  the  automatic  flig.it  control  system  to  input  a small  spoiler 
deflection  on  the  right  wing. 

Stochastic  analyses  were  performed  at  selected  time  intervals  during  this  maneuver. 
Figure  13  presents  power  spectra  for  a 2 second  data  sample  which  starts  at  18.5  seconds 
into  the  maneuver.  Spectra  for  the  torsional  moments  at  ^ = 0.238  and  = 0.835  showed 
that  peak  power  occurs  at  25  hertz  which  is  the  frequency  for  the  first  torsional  vibra- 
tion mode  of  the  wing.  Spectra  for  wing  bending  moments  at  = G.835  also  exhibit  a peak 
at  25  hertz  although  the  frequency  for  the  closest  wing  bending  mode  is  about  28  hertz 
(second  antisymmetric  wing  bending)  Thus  an  apparent  coupling  between  wing  torsion  and 
wing  bending  has  occurred.  This  result  led  to  an  analysis  of  narrow  band  time  histories 
in  which  the  analog  inputs  were  filtered  to  obtain  the  respoi.se  in  discrete  bands  of 
frequencies . 

Figure  14  presents  ti.,.a  histories  in  the  band  from  25  to  27  hertz  for  the  same  three 
sensors  presented  in  Figure  13.  In  each  case  the  gains  on  the  playback  instrumentation 
were  adjusted  to  cover  the  full  amplitude  range  of  the  strip  chart  recorder  for  the  maxi- 
mum value  of  the  signal  produced  during  the  maneuver.  The  dominant  frequency  evaluated 
from  these  time  histories  and  others  in  adjacent  bands  was  25  hertz.  While  the  buildup 
and  decay  of  structural  response  characteristic  of  random  buffet  xs  present  there  is  also 
residual  response  over  much  of  the  maneuver  which  is  more  aptly  described  as  a wing  buzz. 

G.  F.  Moss  of  the  RAE  has  noted  the  buzz  phenomenon  at  various  combinations  of  Mach 
number  and  angle  of  attack  for  which  shock  induced  separation  is  present  in  tests  of  wind 
tunnel  models  having  flexible  wings  (Ref.  7).  The  large  half-span  model  of  Aircraft  B 
used  a very  rigid  wing  in  order  to  eliminate  insofar  as  possible  effects  of  wing  motion 
on  the  fluctuating  pressure  field.  Figures  15  through  18  present  model  data  for  M = 0.80 
and  o(  = 10.18  degrees  which  is  comparable  to  the  flight  data  sample  for  which  power 
spectra  were  shown  earlier. 

Figure  15  shows  the  wing  upper  surface  static  pressure  distributions  for  five  span 
stations.  It  •'s  apparent  that  a significant  area  of  the  wing  is  subjected  to  shock- 
induced  separation  at  this  test  condition.  Figure  16  shows  the  distributions  of  rms 
values  of  fluctuating  pressure  coefficients.  The  maximum  values  occur  at  the  middle  span- 
wise  measuring  station.  These  distributions  are  not  as  detailed  as  those  appearing  in 
Reference  4.  The  output^  of  three  transducers  covering  a small  range  of  chordwise  loca- 
tions have  been  combined  electrically  to  produce  each  measured  value  because  of  limita- 
tions of  readmit  capacity.  This  approach  was  considered  satisfactory  for  use  in  the 
buffet  response  prediction  method  even  though  it  does  limit  diagnosis  of  the  detailed 
flow  fields 

Figure  17  presents  power  spectra  of  the  pressure  fluctuations  at  the  middle  spanwise 
measurement  station.  The  pressure  spectra  are  consistent  with  those  presented  in  Refer- 
ence 4 both  as  to  magnitude  and  frequency  content.  For  this  particular  condition  with 
significant  shock-induced  flow  separation,  large  peaks  in  the  pressure  spectra  occur  at 
and  aft  of  the  shock  wave  in  the  frequency  range  near  the  model  wing  first  torsion  mode. 
The  model  does  not  have  a natural  vibration  mode  corresponding  to  the  aircraft  second 
antisymmetric  wing  bending  mode. 

Figure  18  shows  the  chordwise  coherence  of  the  pressure  fluctuations  for  several  com- 
binations uf  chordwise  locations.  It  is  obvious  that  there  is  a strong  correlation 
between  the  pressure  fluctuations  at  various  chordwise  locations  in  the  frequency  range 
corresponding  to  the  model  first  wing  tonion  mode. 

Figure  19  presents  comparisons  of  predicted  wing  structural  responses  and  their 
characteristic  frequencies  compared  to  flight  results  for  the  windup  turn  at  low  wing 
sweep.  The  prediction  method  (Ref.  6)  produces  upper  and  lower  bounds  of  possible  res- 
ponse. The  flight  data  for  wing  sheai  and  wing  bending  moment  lie  well  within  che  bounds 
established  by  the  prediction  method  and  the  predicted  characteristic  frequencies  are 
close  to  the  flight  values.  Wing  torsion,  however,  exceeds  the  predicted  upper  bound  at 
the  angles  t?f  attack  where  the  wing  buzz  phenomenon  is  pronounced  and  the  characteristic 
frequencies  are  much  higher  than  predictions. 
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There  are  two  probable  reasons  why  the  torsional  moment  predictions  are  not  more 
accurate.  First  the  method,  at  present,  uses  linear  theory  values  of  aerodynamic  damping 
which  do  not  predict  the  effects  of  the  buzz  phenomenon  for  which  the  net  damping  (aero- 
dynamic plus  structural)  is  obviously  near  zero.  Second  the  possibility  exists  that  the 
magnitudes  and  phasing  of  pressure  fluctuations  occurring  on  the  flexible  responding  wing 
are  significantly  altered  by  the  wing  motion  from  the  measurements  obtained  on  the  rigid 
half-span  model  wing.  Model  tests  have  recently  been  completed  by  NASA  Ames  Research 
Center  (in  which  both  rigid  and  flexible  wings  were  instrumented  to  obtain  fluctuating 
pressure  measurements)  which  should  provide  definitive  information  for  impi'oving  the 
prediction  methodology. 


Example  of  Windup  Turn  Maneuver  at  High  Wing  Sweep 

One  would  expect  the  structural  response  for  a high  wing  sweep  configuration  for 
which  the  aerodynamic  flow  field  is  dominated  by  leading  edge  vortices  to  be  much  dif- 
ferent from  the  previous  example  for  low  wing  sweep.  It  is  much  different.  Figure  20 
presents  time  histories  from  a slow  windup  turn  maneuver  of  Aircraft  B with  the  wings  set 
at  maximum  sweep.  It  is  obvious  that  the  fluctuations  of  wing  bending  moment  and  tor- 
sional moment  are  much  reduced  from  the  previous  example. 

Corresponding  half-span  model  wind  tunnel  data  are  presented  in  Figures  21  through  24 
The  upper  surface  static  pressure  distribution  shown  in  Figure  21  illustrate  the  effects 
of  leading-edge  vortex  flow.  The  peak  negative  pressure  coefficients  at  each  span  sta- 
tion reflect  the  chordwise  position  of  the  primary  vortex  core.  The  dashed  line  in  the 
figure  connects  these  peaks.  The  primary  vortex  originates  on  the  wing  glove  inboard  of 
the  variable  sweep  wing  panel  for  the  condition  shown. 

Figure  22  shows  the  distribution  of  fluctuating  pressures.  The  maximum  rms  values  of 
fluctuating  pressure  are  small  and  occur  near  the  chordwise  location  of  the  static  pres- 
sure peaks,  i.c.,  below  the  vortex  core.  Power  spectra  of  the  pressure  fluctuations  at 
the  middle  measurement  station  appear  in  Figure  23  for  various  chordwise  locations  and 
the  corresponding  plots  of  coherence  between  chordwise  locations  in  Figure  24.  The  power 
spectra  have  a distinctive  character  in  the  form  of  a broad  peak  between  frequencies  of 
50  and  100  hertz.  The  broad  peak  is  characteristic  of  a leading  edge  vortex  flow  (Ref.  8) 
Small  peaks  at  frequencies  for  each  natural  vibration  mode  of  the  model  are  superimposed 
on  the  broad  peaks.  The  origin  of  the  broad  peak  centered  at  50  hertz  in  the  lower 
surface  data  is  not  known.  The  values  of  coherence  are  relatively  lo--’  except  between 
75  percent  and  90  percent  chord  where  the  rms  pressure  levels  are  low  so  it  is  apparent 
that  the  structural  responses  would  be  small  in  magnitude. 

Figure  25  presents  comparisons  between  predicted  and  measured  wing  structural  res- 
ponse for  the  high  sweep  windup  turn.  The  measured  wing  shear  and  wing  torsion  lie  near 
the  predicted  lower  bound  of  possible  response  and  there  is  good  agreement  between  the 
predicted  and  measured  characteristic  frequencies.  Measured  wing  bending  moments  lie 
near  the  middle  of  the  predicted  range  of  response.  The  measured  characteristic  frequen- 
cies are  higher  than  prediction.  This  may  be  caused  by  the  fact  that  tne  model  data  does 
not  include  the  effects  of  a second  antisymmetric  wing  bending  mode  which  are  prevalent 
in  th-*  flight  data. 


CONCLUDING  REMARKS 

Transient  maneuvers  and  dynamic  phenomena  that  result  in  rapid  changes  of  aerodynamic 
load  distributions  can  have  a significant  impact  on  design  loads.  The  present  capability 
to  predict  the  effects  of  dynamic  maneuvers  on  aerodynamic  loads  is  reasonably  good  but 
there  are  exceptions  where  improvement  is  needed  to  reduce  conservatism. 

The  ability  to  predict  the  effects  of  buffet  on  aircraft  structural  loads  is  fair 
to  good,  but  improvements  to  the  method  are  needed  to  account  for  nonlinear  aerodynamic 
damping. 
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FIC.  5.  MODEL  UPPER  SURFACE  PRESSURE  DISTRIBUTIONS  NEAR 
WING  TIP,  VARIOUS  MACH  NUMBERS  - AIRCRAFT  A 


TiHir  - sec  time  - jEc 


FIG.  6.  TIME  HISTORIES  OF  ROLLING  PULLOUT  - AIRCRAFT  A 
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FIG.  8.  TIME  HISTORIES  OF  RUDDER  ROLL,  DEPARTURE  AND 
SPIN  - AIRCRAFT  A 


FIG.  7. 


EXAMPLE  OF  SLOW  NOSE  SLICE  - AIRCRAFT  A 


FIC.  9.  VERTICAL  FIN  AND  WING  BENDING  MOMENTS  DURING 
RUDDER  ROLL  DEPARTURE  AND  SPIN  - AIRCRAFT  A 


?IC  10  COMPARISON  OF  PREDICTED  STRUCTURAL  LOADS  WITH 
H.:c.jr  DATA  FROM  PITCH  MANEUVERS  - AIRCRAFT  A 
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FIG.  12.  TIME  HISTORIES  OF  SLOW  HINDU}’  TURN  - AIRCRAFT  B 
LOW  WING  SWEEP 


FIG.  11.  COMPARISON  OF  PREDICTED  VERTICAL  FIN  BENDING 
MOMENT  WITH  FLIGHT  DATA  FROM  ROLLING  PULLOUTS 
- AIRCRAFT  A 


FIG.  16.  DISTRIBUTION  OF  MODEL  UPPER  SURFACE  PRESSURE  FIG-  17  • I*3 DEL  PRESSURE  SPECTRA  AIRCRAFT  B FIG.  18,  COHERENCE  OF  MODEL  PRESSURE  FLUCTUATTO! 
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THE  THEORETICAL  PREDICTION  OF  STEADY  AND  UNSTEADY  AERODYNAMIC  LOADING 
ON  ARBITRARY  BODIES  IN  SUPERSONIC  FLOW 
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SUMMARY 

A method  is  developed  for  the  determination  of  the  aerodynamic  forces  on  arbitrary  oscillating 
(and  possibly  deforming)  bodies  in  linearised  irrotational  supersonic  flow.  Use  is  made  of  an  approxima- 
tion to  the  body  by  a many  sided  polyhedron.  The  problem  is  reformulated  as  an  integral  equation  of  the 
second  kind  and  its  solution  is  obtained  by  collocation  at  the  centroids  of  a large  number  of  regions 
arranged  in  bands  round  the  body.  The  nurobes  of  regions  is  much  larger  than  Lue  number  of  facets  of  the 
polyhedron.  The  steady  perturbation  potential  on  the  body  is  obtained  as  a necessary  intermediate  result. 
From  the  calculated  velocity  potential  the  steady  and  oscillatory  components  of  the  loading  distribution 
and  the  overall  forces  can  be  simply  evaluated.  The  method  is  demonstrated  by  application  to  a fighter 
aircraft  fuselage. 


LIST  OF  SYMBOLS 

Cq  « cos  KR 

C|  = sin  KR/KR 

F^  see  equation  (2-9) 

G integer  specifying  boundary  of  S| 

K - w£M/V8 

L body  reference  length 

M Mach  number 

P parameter  in  facet  equation  (equation  (2-7)) 

R - /(XQ  - X)1 2  - <Yq  - Y)2  - (ZQ  - Z)2 

S area  of  body  surface  or  facet  inside  forward 

Mach  cone  from  (Xq.Yq.Zq) 

Sq  area  of  S where  y < 0 

S|  area  of  S where  0 < Y < Yg 

S2  area  of  S where  yg  < y 

see  equation  (2-10) 

V airspeed 

Wq  + W exp(iut  - iKMX)  prescribed  normal  velocity 
at  mean  position  of  facet  surface  x 

7fS2  + tan29  i 
BVi 
(s) 

Hmn  see  e9uatlon  C 3— 16) 


X,Y,Z  transformed  basic  coordinates 
Xq,Yq,Zq  X,Y,Z  coordinates  of  receiving  point 
Xj,Yj,Zj  transformed  facet  coordinates 

Z cos  0 perpendicular  distance  in  transformed 
coordinates  from  (Xq,Yq,Zq)  to  facet 


g mode  of  oscillation  of  facet 

l reference  length  defining  streamwise 

spacing  of  (y,n)  lattice 

p pressure 

V2 

p^  ——  |pg  + pe^wtj  perturbation  pressure 

t time 

x,y,z  basic  coordinates 

xf,yf,zf  facet  coordinates 


Ax,  Ay 

e 

Y 

yG 

^mn 

e 

n 

0 


dimensions  of  uncurtailed  facet  region 
- 

= R2/4 

value  of  y at  boundary  of 

see  equation  (3-13) 

width  of  cell  of  (y»h)  lattice 


facet  incidence  in  OXYZ  reference  frame 


v 

C 

l 


distance  along  co-normal 

■ xo/  X 2 

“ - Z tan  0/(1  - tan  0) 


air  density  in  undisturbed  srream 
VL$  total  perturbation  velocity  potential 

VL$q  steady  perturbation  velocity  potential 

VL<f>'  exp(iut  - iKMX)  oscillatory  perturbation 
velocity  potential 

u circular  frequency 


1 INTRODUCTION 

The  fuse' ages  of  aeroplanes,  particularly  those  of  the  fighter  type,  are  often  far  from  being  nice 
smooth  cigar  like  objects.  Yet,  apart  from  slender  body  theory,  supersonic  theoretical  analyses  have  been 
almost  entirely  confined  to  bodies  of  revolution  in  axisymmetric  flow  or  slight  perturbations  thereto.  It 
does,  however,  seem  feasible  to  make  an  attempt  to  determine  the  forces  (steady  and  unsteady)  on  an 
arbitrarily  shaped  fuselage  on  the  basis  of  linearised  potential  flow  theory.  It  may  be  argued  that  the 
assumptions  of  irrotational  flow  and  a linear  approximation  to  the  field  equation  are  inadequate  when  one 
gets  away  from  the  slender  body  of  revolution  in  axisymmetric  flow.  No  doubt,  but  even  then  linearised 
potential  flow  may  give  a fair  approximation  to  the  truth  which  could  say  be  used  as  the  basis  of  semi- 
empirical  solutions.  In  the  absence  of  anything  better,  foi  the  general  case,  such  a solution  is  believed 
to  have  some  value. 
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It  is  common  when  solving  rh.?  linearised  potential  flow  equation  to  use  in  conjunction  linear 
approximations  to  the  boundary  conditions  and  to  the  expression  for  the  pressure  (Bernoulli's  equation). 
There  is  no  great  difficulty  in  avoiding  these  approximations  and  using  more  exact  forms.  It  is  believed 
there  may  be  some  value  in  adopting  such  an  'irrational'  approach  though  how  far  one  should  go  is 
questionable.  The  exact  oscillatory  boundary  condition,  for  example  - applied  at  the  mean  position  of 
the  body  surface  f it  small  oscillatory  displacements  - involves  second  derivatives  of  the  steady  perturba- 
tion potential,  and  one  has  to  ask  have  these  been  obtained  with  sufficient  accuracy  >n  the  steady  solution 
to  merit  their  inclusion  here.  However,  whatever  approximation  is  taken  to  the  boundary  condition,  once 
one  has  taken  a linear  approximation  to  the  field  equation,  there  is  no  question  of  having  a nonlinear 
problem  to  solve  for  the  exact  boundary  condition  is  linear  in  the  velocity  potential. 

The  supersonic  field  equation,  being  of  hyperbolic  type,  naturally  lends  itself  to  a step-by-step 
solution  moving  aft  over  the  body.  One  can  express  the  velocity  potential  at  a point  as  an  integral  of 
the  velocity  potential,  its  derivatives  along  the  surface  of  the  body,  and  the  prescribed  normal  wash, 
over  that  part  of  the  surface  of  the.  body  which  lies  in  the  forward  Mach  cone  from  the  point.  This  integral 
is  simpler  to  evaluate  tf  the  body  is  a polyhedron  provided  the  effect  of  the  discontinuities  at  the  junc- 
tions of  the  body's  facets  can  be  neglected.  Such  an  assumption  should  be  acceptable  when  the  discontinui- 
ties have  only  been  introduced  artificially  in  the  solution  procedure.  It  is  suggested  therefore  that  an 
efficient  method  of  solution  for  a body  of  Isrgely  arbitrary  shape  is  to  represent  it  by  a many  sided  poly- 
hedron, divide  it  strea'uwise  into  a large  number  of  bands,  and  then  determine  by  collocation  the  velociiy 
potential  at  a set  of  points  on  each  band  starting  at  the  nose. 


2.  I Basic  equations 


The  perturbation  velocity  potential  is  divided  into  a steady  part  and  an  oscillatory  part  of 

circular  frequency  ui  ;- 


<j>  = exp 


It  follows,  from  the  linearised  field  equation,  that  $'  satisfies 

" *XX  + *YY  + *ZZ  " ^ ’ 

where  K - toiM/VB  J and  XYZ  are  transformed  coordinates  given  by 


The  steady  perturbation  potential  <\>q  satisfies  the  same  equation  with  K = C . 

It  can  then  be  shown,  by  application  of  the  generalised  Green's  theorem  that  the  perturbation 
potential  at  any  point  (Xq,Yq,Zq)  in  the  field  of  flow  is  given  by 


**’<VVV  “/{**  M^) 


3$'  cos  KR  ■ 


where  the  integration  is  over  that  part  (S)  of  the  surface  of  the  body  which  is  inside  the  forward  Mach  cone 
from  (Xq,Yq,Zq),  ^ is  the  derivative  with  respect  to  the  co-normal*  in  the  transformed  coordinates,  and 

R2  - (Xq  - X)2  - (YQ  - Y)2  - (ZQ  - Z)2  . (2-5) 


The  values  of  $'  and 


in  the  integral  in  (2-4)  are  the  values  juet  above  the  surface  of  the  body. 


It  can  in  fact  be  shown  that  the  solution  of  (2-4)  has  the  form  (.of.  section  3.1) 

<>'  - H(v)E(v)  (2-6) 

where  H is  the  Heaviside  step  function  and  E is  a well  behaved  function.  Thus  the  values  of  $'  at 
v ■ +0  are  twice  the  values  at  v = 0 . Moreover  E(v)  will  be  a solution  of  the  differential  equation 
(2-2)  in  a volume  which  extends  through  the  surface  of  the  body. 

We  want  to  solve  (2-4)  subject  to  given  boundary  conditions  on  S . S is  taken  to  be  at  the  mean 
position  of  the  body  surface.  From  the  boundary  conditions  at  the  instantaneous  position  of  the  body 
surface  equivalent  conditions  can  in  general  be  specified  at  the  mean  position  using  a Taylor  expansion. 
This  will  be  done  everywhere  though  it  is  not  valid  in  the  vicinity  of  the  nost  of  the  body  when  it  it  not 
stationary.  For  small  oscillations  the  errors  thus  introduced  should  only  be  local. 

2.2  Facet  form  of  equations 

The  body  surface  is  considered  to  be  made  up  of  a series  of  flat  facets,  and  we  will  now  consider  the 
contribution  to  $'(Xq,Yq,Zq)  given  by  one  facet.  The  frames  of  reference  Oxyz,  OXYZ  are  redefined  for 


* If  L',M',N*  are  the  direction  cosines  of  the  outward  drawn  normal  to  the  body  surface,  then  -L',M',N' 
are  the  direction  cosines  of  the  co-normal. 
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each  particular  facet  such  that  OY  is  parallel  to  the  surface  of  the  facet,  OX  is  in  the  direction  of 
the  free  stream,  and  OZ  is  outward  into  the  fluid.  The  equation  of  the  facet  then  is  (see  Fig, 1) 

Z + X tan  8 - P (2-7) 


where  P is  a constant,  and  |0|  •>  -j  , 

It  follows,  from  (2-4),  that  the  contribution  from  this  facet,  to  the  perturbation  potential  is 


2r$' 


(2-8) 


where  Z cos  6 is  the  perpendicular  distance  (in  the  transformed  coordinates)  from  (X..  ,Y,.,Z,,)  to  the  facet, 
and* 


,<*) 


At) 


’ TdXdY 


J R8 


TdXdY 


cos  KR 

sin  KR 
KR 


(2-9) 


,2-10) 


(2-11) 


3<t'  34'  341 

Differentiating  (2-8)  we  obtain  the  contributions,  from  the  facet,  to  - r—  , rrr-  and  to  be:- 

3X0  3Y0 


3Z. 


2n 


3,' 

3X„ 


,-«)  _ -(e) 

3F13  Fbl 


+ 3p^>) 

J 05 


2,211 

3Yq 


■ ?K3 

- tanejK2?^  ♦*<”}♦  K2sjf  ♦ 8«> 

“ -2iK2[3Pl3>-?03>]+3F0 

- {K2sf7>  * S<$>} 


(2-12) 


.(n) 

05 


(2-13) 


fc^--*,P['S,*fS>]*3rS>| 

* Z tan  8 j K2  [spjf  - F<|>]  * »<«>[ 

-MAf!>  + soJ)}-{K2Ff!)  + Foi)} 

’ tan  8{K2s[f  ♦ S<»}  . 


(2-14) 


When  one  is  summing  the  contributions  from  all  the  facets  to  the  first  derivatives  of  ■)'  one  will  of 
course  have  to  resolve  them  along  a common  reference  frame. 

2.3  Boundary  conditions 

The  boundary  condition  to  be  satisfied  at  the  surface  of  the  body  ' s that  the  velocity  of  the  fluid 
nonaal  to  the  body  surface  in  the  physical  coordinates  shall  be  equal  to  the  normal  velocity  of  the  surface. 
The  surface  of  a facet  is  written  as 


z 


f 


£BP 


J77 


2 

tan  8 


(2-15) 


where  x^.y^.z^  arc  physical  coordinates  in  a frame  of  reference  fixed  in  the  undisturbed  position  of  the 

facet.  It  can  then  be  shown  that  the  boundary  conditions  to  be  satisfied  by  the  steady  and  oscillatory 
perturbation  velocity  potentials  are 

* As  noted  in  section  (2.1),  the  values  of  and  its  derivatives  in  the  expressions  for  are 

the  values  just  above  the  surface  of  the  facet. 


>W  'rVVw-5* ' 
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S*0  . tan  0 
3Z  2 3X 


£ tan  0 , s ,, 

LB = (say>  w0 


at  Z *■  P - X tan  0+0 


' tan  0 34 ' iKM  tan  6 , 

.Z  p2  5X  " s2  * 


iKMX  iK  L2  27 
2 —VS  + tan  0 g 


(,  + k !!&!  is  + USE* 

1 £B  cos  0 3Xf  j 3u  £ 


+ tan20  H0  3& 
£B  3Y,  3v 


L (B2  + tan20)1  _ 3 *0 6 4 - tan20  3 *0 

£B3  (1  - tan20)  3Y2  cos20(B2  + tan20)2  3X2 


(say)  W 


(H  yJL) 

\ £ > £ / 


X tan  0+0 


and  the  frame  of  reference  OX^Y^Z^  is  obtained  by  rotating  OXYZ  through  an  angle  0 about  OY  so 
that  the  facet  is  Z^  « P cos  0 . The  boundary  condition  for  the  unsteady  perturbation  potential  thus 
involves  derivatives  of  the  steady  perturbation  potential  along  the  surface  of  the  facet  as  well  as  the 
mode  of  oscillatory  displacement. 

2.4  Determination  of  the  velocity  potential 

Using  the  boundary  condition  (2-17)  it  is  easily  shown  that,  at  Zf  = P cos  0 + , 


iil  ill 

3Z  " 3X 


tan  0 “ 


2 2 
6 + tan  0 


(I  + B ) tan  0 34’ 


+ iKM  tan  0(1-  tan  0)4'  + (1  - tan  0)S  W 


If  this  is  substituted  in  (2-10)  and  the  value  of  4'  obtained  by  summing  the  contributions  from  all  the 
facets  as  given  by  (2-8)  we  have  in  effect  an  integral  equation  of  the  form 


^ JwK3dS  - 2*4’  - £]{♦'*,  |x~  X 


where  K^K^.K^  are  known  kernels  and  the  summation  is  for  all  the  facets  of  the  body.  Similarly,  using 
(2-12),  (2-13)  and  (2-14),  we  have 


•>„  ill . ^ f L K + ill  K ] 
3Xf  U j K4  3XfK5j 


where  the  kernels  K^jK,.,^  now  involve  the  orientation  of  the  OX^Y^Z^  frame  of  reference  used  at  the 
receiving  point  (,Xq,Yq,Zq''  as  well  as  that  of  the  transmitting  facet. 

The  obvious  approach  is  to  solve  the  two  integral  equations,  (2-20)  and  (2-21),  simultaneously  for 
36  * 

4’  and  — at  the  body  surface.  An  alternative,  which  considerably  reduces  the  amount  of  computation, 
in  a collocation  solution  for  a given  nuttier  of  points,  at  the  expense  of  some  loss  in  accuracy,  is  to 


use  equation  (2-20),  with 


replaced  by  a finite  difference  approximation,  and  solve  it  for  4'  by 


collocation.  The  latter  approach  is  the  one  which  we  will  apply. 

The  steady  perturbation  potential  4q  is  obtained  from  a similar  equation  to  (2-20)  with  W 
replaced  by  and  K put  equal  to  zero.  It  is  necessary  first  to  determine  4q  , so  that  W can  be 

evaluated  from  (2-17),  before  proceeding  to  determine  4*  • TPs  derivatives  of  4q  , that  appear  in 
(2-17),  can  be  obtained,  from  the  calculated  4q  > either  by  finite  difference  approximations,  or  else  by 

direct  evaluation  using  equations  such  as  (2-21).  Again  we  will,  in  our  subsequent  application,  use  the 
finite  difference  approximations. 
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Applying  (2-20)  to  determine  the  potential  at  a point  in  the  surface  of  a facet,  i.e.  where 
P - Xq  tan  0 , and  then  using  the  fact  tl.at  the  potential  just  above  the  facet  is  twice  that  in  the 


facet,  we  have  (see  also  (2-10)) 


- 4?  - E [Mk2f!!>  + fo5)>  + s^!) 


where  the  first  term  is  for  the  current  facet  (and  so  Z ■ 0)  ind  the  summation  is  over  all  the  other 
facets.  The  solution  procedure  uses  this  equation  in  the  following  manner. 

The  body  is  first  of  all  divided  up  into  a series  of  bands  by  equally  spaced  planes  normal  to  the  free 
stream  direction.  Each  facet  is  then  further  divided  by  a set  of  lines  parallel  to  OX^  . Thus  each  facet 

is  divided  up  into  a set  of  mainly  rectangular  regions.  The  centroids  of  these  regions  are  taken  as 

collocation  points-*.  The  integrals  in  (2-22)  are  determined  as  weighted  sums  (see  section 

21'  "S  rS  24' 

3.2)  of  the  values  of  4',  'tv'  and  W at  these  collocation  points.  The  approximation  for  ■rj—  at  a 

collocation  point  involves  in  general  just  the  values  of  4'  at  that  point  and  at  the  collocation  point 
immediately  in  front  of  it  on  the  same  facet.  When  theie  is  not  such  a point  a slightly  more  complicated 
approximation  is  used  involving  4*  at  several  collocation  points  on  a preceding  facet.  Thus  for  a 
particular  collocation  point  as  the  receiving  point  4'  is  expressed  as  a weighted  sum  of  the  values  of 
4'  and  W at  the  collocation  points  on  the  same  band  and  on  the  bands  in  front  of  it.  We  have  therefore 
for  each  band  a set  of  simultaneous  equations  which  can  be  solved  for  4'  at  the  collocation  points  on 
that  band  provided  the  preceding  bands  have  already  been  solved.  One  starts  therefore  from  the  nose  of 
body  and  proceeds  backwards  band  by  band. 

2.5  Determination  of  the  pressure 


We  write  the  pressure  as 


. V2L  / , - imt\ 

p * P„  + p„  T~  (p0  * pe  ) 


It  follow?  from  Bernoulli's  equation  that 


p'  * 

p0  6 3X 


\(%\2  (%\2\ 

[\3X  / ” \3Y  ) ~ \37.  ) I 


which  can  be  alternatively  written,  for  a point  at  the  body  surface,  in  terms  of  just  the  derivatives  along 
the  surface  by  making  use  of  the  boundary  condition  (2-16):- 


<PO>+0 


(6  + tan 0)' 


£t*n26-^5^}{62*  (2+B2)  tan29  j 


3 /3*0V 

It  is  consistent  to  neglect  terms  of  0(tan  8),  etc.,  since  we  are  neglecting  Isjj— J • Consequently 
the  approximation  to  (P(j)+g  becomes  ' 


t tan20 


> IV  jJk\2  N\2 
e3xf 2t  mi  "(3yf)  ■ ■ 


The  unsteady  part,  p , of  the  pressure  will  be  required  at  the  instantaneous  position  of  the  body 
surface.  Expressing  this  in  terms  of  the  values  of  the  velocity  potential  at  the  mean  position  gives, 

neglecting  terms  of  38  P„V2(L/2f.)  (p' )j>e*“t:  , where 

(p-).  * e_iKMXf-.L^W'  + t(I!°  iii-II°  iiiYl  . (2-27> 

'p  ^i+  8 3Xf  Mg  9 *\3Xf  3Xf  3Yf  3Y  /]  ^ 

This  expression  assumes  the  only  oscillatory  displacement  of  the  facet  is  normal  to  its  surface.  If  in 
addition  there  are  displacements  of  semi-amplitude  Le  and  Lf  in  the  directions  0x^,  0y^  then,  to  the 
same  order  of  approximation  we  have  to  add 


* To  be  exact  the  collocation  points  are  points  almost  coincident  with  the  centroids  but  just  outside  the 
body  (i  e.  just  above  the  facet). 


3*6  , . 3*o  . 

axjf  e3xf3Yf 


to  the  right-hand  side  of  (2-27). 


APPLICATION 


3.1  The  integrals  F' 


The  integrals 


(of.  equation  (2-9))  are  given  by 


r c 

h* 


where  S is  the  region  common  to  the  facet  and  the  forward  Mach  cone  from  the  receiving  point  (X^,Y . ,Z„) 

under  consideration.  For  s » 3 or  5,  inter  alia , these  are  improper  integrals  which  we  interpret  in  the 
finite  part  sense  (see  for  example  Ref.!,  p.3!-2).  It  is  convenient  to  make  the  coordinate  transformation 

n » Y0  - Y (3-21 


X “ x>2  - (Y0  - Y)2  - [z  - (X0  - X)  tan  o]2} 


and  so,  from  (3-1), 


ff  C^^'dydn 

S YS/2v/r/"  + Ay  + Z2/( 


2S_I  J\  - tan28 


1 - tan  8) 


Note  that  it  is  assumed  that  tan  8 < 1 , which  implies  that  the  direction  OX^  for  the  particular  facet 
under  consideration,  is  subsonic. 

It  is  shown  in  Appendix  1 that  the  following  expression  holds  for  the  one  improper  integral  (fq^) 
which  we  require  for  the  use  of  equation  (2-8)  ' ' 


t < - 

1 izl 


1 - tan  8 


sgn  (2) 


/»»'  3»' 

\3X  " 32 


tan  0)  + 0(2) 


;j  + FM  < 


In  this  equation  the  value  of  and  its  derivatives  are  the  values  at  (X,Y,Z)  = (X^.Y^.P  - X^  tan  8 + 0). 

Use  of  (3-5)  ir  (2-8)  enables  uj  to  determine  the  relationship  between  the  values  of  immediately  above, 

in,  and  immediately  below  the  surface  of  a facet  - the  contributions  from  all  the  other  facets  will  be  the 
same  in  each  case.  One  finds,  as  stated  in  section  2,2,  that 


Similar  relationships  have  been  obtained  for  and  no  doubt  could  be  for  the  higher  derivatives.  Vie 

OCt 

infer  therefore,  making  use  of  the  Taylor  expansion  in  the  region  of  positive  2 , that 


*’«0.Y0.V 


{1  + sgn  (2)}  {(*•>„+  2 (§±L)o+  ...j  . 


If  we  are  to  be  able  to  differentiate  this  equation  and  get  results  consistent  with  the  relationships  men- 
tioned above  “ 2 t etc.^  it  seems  that  we  must  understand  — — , etc-  to  b®  generalised 

functions  which  are  indeterminate  in  that  they  contain  an  arbitrary  constant  x 6(2)  . There  is  a precedent 

for  this  in  the  symbol  jx|  * which  is  understood  (Ref.l,  p.39)  to  represent  any  generalised  function  f (x) 
which  satisfies  the  equation 


xf(x)  * sgn  (x) 


and  so  will  contain  the  sane  sort  of  arbitrary  term. 
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3.2  Approximation  to  the  1^)  as  weighted  sums 

For  the  evaluation  of  the,  sometimes  improper,  int  ’rats  F^  (equation  (3  4),  and  the  similar 

(I ) rS 

integrals  S , the  facet  under  considcratton  is  first  divided  into  tluee  parts  (of,  Fig. 2):- 


where 


so 

where 

Y 

% 0 

S1 

where 

0 

< Y 

S2 

where 

YC 

< Y 

4yg 


(c  + Jn1 


70  - 


2 

tan  6) y 


+ z2/ < 1 


t an20)) 


(3-9) 


and  <;  is  a chosen  positive  integer. 


There  will  be  no  contribution  to  F^  from  the  area  Sq  since  the  region  of  integration  S is  that  part 

of  the  facet  where  Y is  positive.  The  parameter  G is  chosen  to  be  large  enough  for  a crude  method  of 
integration  to  suffice  in  the  area  , We  mentioned  above  (section  2.4)  that  each  facet  was  divided  up 


into  a set  of  mainly  rectangular  regions  whose  centroids  were  used  as  collocation  points  for  $'  . In  the 
area  Connor,  to  such  a region  and  S,  it  is  assumed  that  the  whole  Integrand  is  linear  in  X ami  Y . 

( | ) * 

This  the  contribution  to  F from  the  area  S will  (of,  equation  (3-1))  be 


centroid 
of  common 
area  ,i 


cos  0 


(3-10) 


where  A.  is  the  area  of  the  common  area  which  we  de'otf  u)  j s>  tint 


^ Aj  cos  6 * f dXdY  . 


(3-11) 


The  value  of  at  the  centroid  of  j is  obtained  by  linear  interpolation  in  X between  its  values  at 

the  centroids,  of  the  region  containing  the  common  area  j , and  of  the  region  in  front  of  that  region. 


In  the  area  S|  a less  simple  method  of  integration  has  to  be  used.  Sj  ir  divided  into  a set  of 
cells  by  a fine  (v,n)  lattice  chosen  such  that  the  mn  cell  is  bounded  by  (see  Fig. 2) 


Ymn ’ 'ra* 1 ,n 


n - J,  n + j 
\2 


where 


4y 


+ z7(l  - tan^S) 


J - jn2e2  + Z2/(l  - tan20)| 


With  this  choice  of  y 


X(Vl,n’ne)  " X(Ymn>nc)  ’ ,/A“* 


(3-12) 


(3-13) 


(3-14) 


This  lattice  will  be  different  for  each  different  receiving  point  (Xq.Yq.Zq)  as,  of  ecu  ss,  will  be  the 
area  Sj  . Since  YQn  « yG  only  at  the  point  n “ ne  , the  lattice  will  not  fit  the  upper  boundary  of 
Sj  exactly  nor  wilt  it  fit  the  region  and  facet  boundar’es  exactly.  However,  provided  the  lattice  is 
fine  enough  any  errors  bo  cauaqd  should  be  negligible. 


In  each  of  these  cells  C is  assumed  constant,  having  the  value  appropriate  to  the  point 

(Y,n)  * (v„»ne).  At  this  point  is  obtained  by  linear  interpolation  i.i  X between  its  values  at 

n“.  . . • ( 1 ) 

the  collocation  points  in  a similar  manner  to  that  used  in  S„  . Thus  the  contribution  to  F from  the 

^ rs 

area  Sj  can  be  written  aa 


I 

2a~lJ]  - tan20 


yy  (co  w<8> 

/ . / « r mn  mn 


(3-15) 


where 


(n-!)c 


dn  | 
; 
y 

ran 


(3-16) 


mn 


dY 

yS^^ + 4^  ' ..  / <1  - tan^O)' 


Formula"  c_.  tiie  determination  of  these  integrals  are  given  in  Appendix  2. 

Thus  by  the  use  of  (2-10)  and  (3-1  :>)  we  have  expressed  F ^ as  a weighted  sum  of  flu  values  of  $ 1 

at  the  collocation  points  (centroids  of  the  facet  regions)  which  lie  inside  or  just  outside  the  forward 
Mach  cone  from  the  receiving  point  (Xq,Yq,Zq). 

3.3  Choice  of  parameters 


For  a given  polyhedron  body  the  accuracy  of  the  solution  that  is  obtained  will  depend  on  uk  choice 
of  a number  of  parameters  that  have  been  introduced.  In  the  first  place  there  is  the  specification  of  the 
size  of  the  regions,  of  the  facets,  who  ,e  centroids  are  taken  as  the  collocation  points.  The  bandv...  k 
Ax  is  taken  to  be  constant  and  so  the  length  of  each  region  in  the  fi,e  stream  direction  will  in  general 
be  also  Ax  except  in  so  far  as  facet  boundaries  may  introduce  some  curtailment.  The  standard  region 
width  Ay  could  br  specified  independently  but,  in  the  absence  of  any  good  reason  tc  Lhe  contrary,  it  is 
suggested  that  one  should  make  Ay  * 8Ax  (thus  r iking  AY  » AX).  The  facet  boundaries  will  of  course 
reduce  the  width  of  some  regions.  Alternatively  one  could  aiso  insist  that  any  intersection  or  a bana 
and  facet  is  divided  into  at  least,  say,  three  regions,  and  reduce  Ay  locally  tr  achieve  this.  Such  an 
additional  cordition  r.ay  enable  one  to  manage  with  a larger  val  c of  Ax  than  would  otherwise  be  the  case 


In  the  second  pi  see  there  are  the  parameters  which  determine  the  accuracy  with  which  the  integrals 
are  evaluated.  These  are:- 

rs  rs 

(i)  G which  defines  the  boundary  between  the  areas  where  the  fferent  methods  of  integration  are 
used  (of.  section  3.2). 

(ii)  1 and  c which  specify  the  cell  size  of  the  lattice  used  in  the  'ntegration  procedure  for  the 
area  S|  , i.e.  for  the  area  adjacent  to  the  surface  of  toe  forward  Mach  cone  from  the  receiving 

point  ( of . section  3.2  and  equation  (2-3)).  The  mean  (X,Y)  aimens.ons  of  each  cell  are 

(i//r  - tan^fl.e)  ; which  in  the  (x,y)  coordinates  are  [l&//\  - tnn^e.fc)  (see  equations  (3-14)  and 
(2-3)). 


Errors  in  the  integrals  can  be  ascribed  to  three  possible  causes  - the  finiteness  of  the  lattice,  th 
dislocation  between  the  bovidarias  of  the  area  Sj  and  the  lattice  boundaries  (c/.  Fig. 2),  and  the  use 

of  the  cruder  method  of  in  egratior.  for  the  area  S.  . These  can  he  reduced  respectively  by  the  reduction 

of  *.  and/or  He  , the  reduction  o*.  fc  and/or  i and/'-r  , ard  i he  increase  of  IG  , where  the 

most  effective  parameter  is  believed  to  be  chat  mentioned  first  in  each  case. 


4 RESULTS 

4. 1 Ccnf igurat ion 

Once  one  departs  from  the  body  of  revolution  one  finds  an  extreme  paucity  of  theoretical  estimates 
of  the  for-es  on  bodies  in  supersonic  flow.  There  is  therefore  virtjallv  no  op;  rtunity  of  assessing  the 
value  of  this  method  by  comparison  with  others.  The  fiist  application  was  not  unexpectedly  to  the  simplest 
tody  ^f  revolution  the  right  circular  cone.  Representing  it  as  an  eight  sided  (excluding  base)  regular 
pyramid  in  the  present  method  gave  satisfactory  agreem^nt^  with  the  analytical  results  at  zero  and  small 
incidences. 


For  the  present  meeting  it  is  however,  no  dcjbt  more  interesting  to  consider  more  practi  al  shapes 
and  so  the  results  to  be  described  are  for  the  fuselage  of  a fightei  aircraft  and  in  particular  for  the 
front  part  oi  the  fuselage.  Its  representation  as  a many  sided  polyhedron  is  shown  in  Fig. 3.  The  results 
described  are  for  it  at  an  incidence  of  0.1  radian,  that  is  the  line  joining  the  vertices  1 and  27  on 
Fig. 3 is  at  that  incidence. 

4.2  Steady  calculations 

Calculations  were  made  for  various  values  of  the  parameters  mentioned  in  section  3.3  above.  Initial 
studies  for  the  nose  of  the  fuselage,  i.e  the  first  five  facets  on  poit  and  starboard  sides,  were  used  to 
establish  values  which  would  ensure  adequate  accuracy  in  the  evaluation  of  the  integrals  K (O  , . 

Ac  a result  the  following  values  were  taker,  for  calculations  on  the  complete  fuselage 


i - 825/L 

e - 0.066 

G > 15 

where  the  reference  length  L » 700  , this  being  of  the  order  of  the  length  of  the  fuselage  in  the  units 
used*. 


* The  distance  from  vertex  I to  vertex  27  is  actually  600  units. 
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The  steady  perturbation  potential  $(J)  was  calculated  for  the  fuselage  at  an  incidence  of  0.1  radian 

at  a Mach  number  « 1.22475  (which  gave  8t  “ 0.6).  These  calculations  were  made  with  Ax  » 5 and  con- 

sequently over  1000  collocation  points  on  each  half  of  the  fuselage.  Of  the  who’e  mass  of  results  the  cal- 
culated potential  on  two  adjacent  facets  is  illustrated,  as  a typical  example,  in  Figs. 4 and  5.  Also  shown 
on  these  figures  are  some  values  obtained  when  using  a much  larger  value  of  Ax  (»  30)  . The  facets  chosen 

are  facet  9,  the  back  side  of  the  canopy,  and  facet  8,  the  adjacent  part  of  the  fuselage  (of.  Fig. 3).  In 

each  case  the  values  plotted  are  the  potential  at  points  on  the  median  line  from  the  sharp  end  of  the  facet, 
obtained  by  interpolation  where  necessary.  It  will  be  noted  that  there  is  some  scatter  in  the  calculated 
values,  and  this  was  found  to  be  particularly  noticeable  at  points  where  there  was  a change  in  the  number 
of  collocation  points  pet  facet  per  band.  On  each  of  the  two  facets  in  question  there  were  either  one  or 
two  collocation  points  on  each  band. 

4.3  Oscillatory  calculations 

Calculations  of  the  oscillatory  perturbation  velocity  potential  were  made  for  small  oscillations  in 
the  rigid  body  modes  of  heave,  pi  yaw  and  roll.  The  computer  program  caters  for  much  more  complicated 
modes,  which  can  be  specified  either-  as  overs’.)  polynomial  modes  or  as  polynomial  modes  of  the  individual 
facets,  but  for  the  purpose  of  demonstrating  the  method  the  rigid  body  modes  are  just  as  instructive. 

The  unsteady  calculation,  as  programmed,  uses  a considerable  amount  of  output  from  the  steady  calcu- 
lation (in  the  boundary  condition  (2.17)  for  example,  and  in  particular  the  calculated  values  of  the 
coefficients  w(s)  (3.16)).  Computing  efficiency  has  been  gained  at  the  expense  of  coi...iderable  storage 
problems  with  tKe  result  that  for  the  fuselage  being  considered  it  was  not  practicable  to  ao  the  unsteady 
calculation  with  anything  like  the  seme  number  of  colic  ation  points  as  had  been  used  in  the  steady  case. 
Results  were  obtained  using  a value  of  Ax  » 3G  . As  shown  on  Figs. 4 and  5 the  steady  potential  then 
obtained  agreed  reasonably  well  with  that  determined  with  Ax  « 5 . For  the  roll  mode  the  oscillatciy 
potential  was,  as  one  would  expect,  extremely  small.  With  t"ie  heave  mode  it  was  also  small  for  the 
frequencies  investigated  (ioL/’V  - 0.1, 0.2)  . A i election  of  the  results  for  the  other  two  modes  is  shown 
in  Figs.  6 and  7.  These  show  the  modulus  of  the  oscillatory  potential  on  the  same  two  facets.  The  dif- 
ference between  the  calculated  values  for  the  two  different  frequencies  was  too  small  to  show.  Slightly 
more  variation  with  frequency  was  found  in  the  phase  of  the  oscillatory  potential,  but  this  is  not 
illustrated  because  in  each  case  - for  each  of  these  two  facets  and  each  mode  - it  was  practically  the  same 
linear  variation  with  frequency;  going  from  -it  , at  rnL/V  » 0 , to  -2.90  radians,  at  toL/V  » 0.2  , at  the 
rear  of  the  facet.  At  the  front  of  these  facets  the  phase  variation  was  rather  less. 

5 Conclusions 


A 3tep-by-step  collocation  method  has  been  developed  for  the  determination  of  the  forces  on  a 
stationary  or  oscillating  body  of  arbitrary  shape  (with  certain  limitations)  in  linearised  supersonic 
potential  flow.  Apart  from  providing  a means  of  solution  for  the  isolated  body,  it  also  has  potential  for 
combination,  with  methods  of  a similar  type  for  lifting  surfaces,  to  provide  a method  that  can  be  applied 
to  the  complete  aircraft.  For  many  purposes  however  one  can  treat  a non-i^olated  body  as  if  it  were  iso- 
lated. For  example  in  wing-store  flutter  problems  it  is  usually  sufficiently  accurate  to  neglect  aero- 
dynamic interference  effects  between  tne  wing  and  the  store. 
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Appendix  1 


BEHAVIOUR  OF  THE  INTEGRAL  F ' AS  Z -►  0 

rs 


Ke  can  write  (cf.  equation  (3-4)),  assuming  the  surface  y ® 0 cuts  the  facet* 


1 ! I 

2S~'J\  - tan20  0 


2 -2  2 
fq  + 4y  + Z / ( I - tan  0) 


where  is  taken  to  be  zero  off  the  facet  and 


Cq  = cos  (2K/y) 


sin  ( 2k/T ) 


Denote  the  inner  integral  by  F(y)  , i.c. 


-»  vq2  + 4y  + Z2/ ( I - tan20) 

Then  this  f'nction  can  be  considered  to  be  well  behaved  throughout  the  range  of  integration.  Kinks  in  the 
boundary  of  the  facet  will  invalidate  this  but  they  will  be  of  no  consequence  for  our  purpose  and  will 
therefore  be  ignored.  The  functions  C (equation  (A-2))can  be  expanded  as  power  series  in  (K2y). 
Consequently  we  can  write 


s-I  / 2 4 — / 

2 Vl  * tan  8 j»0 


y b]r)K2j  / 

:„n  n 


and,  since  s is  odd,  the  only  terms  in  this  expression  which  may  possibly  not  be  well  behaved  at  Z = 0 
are  those  for  which  - jj  ’ *,e<  (-*lose  involving  finite  part  integrals.  For  these  ( of . Ref. I,  p.31-2) 


u 

I F(y)dy 

0 2 
Y 


S'2-!-1 
2 2 

(s  - 2j  - 21  (s  - 2j  - 4) 


’?  (-*^) 

/ F'  £ '(v)dy 

~ J 71 


+ terms  well  behaved  at  Z ■=  0 


The  terms  not  stated  explicitly  involve  powers  of  Yq  and  the  derivatives  of  F(y)  at  Y ° Yq  and,  as 
stated,  will  be  wrll  behaved  at  Z » 0 . We  can  expand  on  the  facet  as  a Taylor  series  about  its 

value  at  ^XQ  + - C— y-  , YQ,  P - XQ  tan  6 - + oj  , i.e.  at  the  point  (of.  Fig.  1 ) on  the  facet 


2 

Z tan  0 Z tan  0 

+ r • Yo- p " xo tan  6 r 

1 - tan  0 I - tan  0 


from  which  the  co-normal  goes  chrotgh  (Xq,Yq,Zq).  Writing 


« " xo-x 


Z tan  0 
I - tan29 


3rotn9l(|Xf  + p sip  9 1 cos  0,  Yp  P cos20  - sin  8 * oj\ 


3X®3Yj 


sec  0) 


Xf  » (Xq-C)  sec  a - P sin  0 
Vf  “V0 


* If  not  there  are  no  problems  with  F^r  when  Z -*■  0 . 
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this  expansion  is 


*'(X,Y,P  - X tan  0 + 0) 


CO  00 

- II 


t r t \ m n 

a (5  -On 

mn 


m-0  n-0 


(5  - 0(1  - tan  6) 


n2  + 4y  + Z2/ ( 1 - tan2©)  » (5  - 5)2(l  - tan2e) 


Hence  from  (A- 3) 


F0)(y) 


(I  - tan 


oo  °°  r 

Z^r/f 

-00  L 


(5  - 5)3  2(5  - 5) 


+ ... | nndo 


F(2)(y) 


(1  - tan  6)* 


CO  00  r 

li/fe* 

n-0  1 u 


If  2(5  - 5)  b(5  - 5) 


1 «, 
. . . > n d 


+ ...  , 


The  terms  omitted  outside  the  integrals,  arise  from  our  assumed  discontinuity,  for  the  purposes  of 
equation  (A-l),  in  $’  at  the  facet  boundary.  They  will  involve  positive  and  negative  powers  of  the  value 

of  (X  - Xn A (i.e.  5 - 5)  at  the  facet  boundary,  and  hence  they  will  be  well  behaved  when 

Z -»  0 provided  the  receiving  point  (Xq,Yq,Zq)  does  not  become,  in  the  limit,  a point  on  the  facet  boundary. 

Assuming  this  is  net  so,  we  find,  on  substituting  the  above  expressions  for  the  derivatives  of  F(y)  in 
equation  (A-5)  and  changing  one  of  the  integration  variables,  that 


I F(Y)dY 


0 


U.J 

n-0  £+ 1 £ cot  0 L 


*0n  , % f t 

17 4 (dt  1 77 


V I - tan  *•  n-0  £+ 1 5 Cot  0 1 

+ terms  well  behaved  at  Z - 0 


- 2 2 
(5  - O 


1 2 2 
-n0  vn0  " n 


j F(Y>dy 


16  y J_  f [ 3a0n 

2 T 2 — 1 nl  J 1 (5  - £ 

3(1  - tan20)  n-0  5+^  cot  e | L 

+ terms  well  behaved  at  Z « 0 


+ > ♦ 

2(5  - 5) 


•■}*  IjPi 

-%  vno  “ n 


Pq  - - tan20  \/(5  - 5)2  - 52  cot20 


It  is  easil”  seen  that 


"0 

f nndn  r - 1.3.5.... (n  + 1)  _n_ 

- (n  even)  -jj -r-r  ■ n0* 

l n 2 (n  + 1 )2n/Z  |)1 

-nnJnn  - n \2j 


(n  odd)  0 


and  so  the  only  discontinuous  terms  that  appear  come  from:- 


I 


+ terms  we  1 1 beha/ed  at  Z *■  0 


(A- 19) 


7 L - e 


C+U  cot  6 


1)  3|s  cot  0 | 


Consequently 


2 . r 

I noac 


Me  cot  6|(C  ‘ ° 


de 


2(1  - ran  ft) 

+ terms  well  behaved  at  Z » 0 

3 >C  cot  o| 

1 


e+ ] e cot  o 


(C  - O2  \l  cot  0| 


+ terms  well  behaved  at  Z » 0 


'0 

iL 


(y)dy 


0 y 


%0|t«n  t| 


JT- 


t,„r.  In 


+ 0(C)  + terms  well  behaved  ar  Z ■>  0 


(A- 20) 


(A- 2 1 ) 


(A-22) 


/ ^ T ♦ -^1-  {20  - tan20)aO2  - aj 

l J an  - L Ul  2|e|  » 02  2°'J 


3(1  - tan  0) 

+ 0(e)  + terms  well  behaved  at  Z « 0 


(A-23) 


The  phrase  "0(e)  r terms  well  behaved  ..."  is  used  to  indicate  the  fact  that  these  remaining  terms  do  not 
include  any  term  which  is  discontinuous  at  e * 0 . The  terms  represented  by  0(e)  may  include  for 
example  |e|  . 

Putting  these  expressions  in  equation  (A-4)  and  substituting  for  the  values  of  the  coefficients*  a 
finally  gives 


P(') 

r3 


1 _ tan  9 

Izl  1 - tan20 


sgn  (Z)  tan  oj  + 0(Z)j 


+ F^}(0) 


(A-24) 


zV’> 

r5 


r j,1  - tan  0 + Mn  9 sgn  ^||i  - |il  Can  e)  + 0(Z)j 


(A-25) 


Similarly  one  can  show  that 


F(0  „ ...*  tan  0 sgn  + Q(2)  + F(O(0) 

1 - tan  0 


(A-26) 


ZFr5}  “ 5 {"  ♦'  + r,gn  (Z)  (H~  ‘ M“  tan  0)  + 0(Z) 


(A-27) 


and 


Fr3}  " Fr?>(0)  + °<*> 


a,.(h)  _ 7 


ZK 


r5 


- sgn  (Z)  |£-  + U(Z) 


(A-28) 


(A-29) 


* 3 


00 


>'  [<o  - l,  p - |x0  - e|  tan  0 + oj 


^(X0,V0,r  - XQ  tan  0 r 0)  - e - ff^-  tan  oj  + 0(e2) 


etc. 
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THE  INTEGRALS  W 


The  integrals  Wv  , defined  as:- 
i an 


V»r}k  V, 

.•  * * 


=»  ! dn 

ran  J 


J ) s . 

Ynn  Y2  x/n2  + 4v  + Z2/  ( 1 - tan26) 


/ / 2 2 ^ 
» (m+vnc  *Z 


/(l  - tan  0) 


) - |n2c2  + Z2/(l  - tan20)^ 


can  be  expressed  in  terms  of  the  integrals 


x i 

Vx-6)  “ i j du/  T 

-x  6 1 


2 2.  ^ a2 
v Ju  - v + 6 


«£’  • [£!«  - *r<Y>rW 

l-  — ytsy 


r(s)(y)  - 


2 /(n  - vie 

H lO  1 » 


2Y 1 </l  ‘ tan  6 


For  6^0  the  required  Ts(x,8)  are  given  by  the  following  expressions:- 

T.  (x,B)  - Je-jEIEIL  x logkt^HL  tan- 

77 77  7J77 


(Y  * 0) 


(y  « 0) 


b/x2  + B2  + 1 


13(x,B)  » - -og 


r 

x + \/x2  + 62  + I 1 -1  x 

- £ tan  — ======== 

J B2  + 1 Bv^2  + 32  + 1 


T(x,B)  - 1 I-  log  ± l]  + 4 tan'1  j—  * U 4 ^4^/  ' 

5 ’ J s2  ♦ > e3  tJJTJT 7 6 * + 6 


For  B « 0 , we  i.ave 

Tjix.O)  - log  jx  + Jx2  + ij  + x log  - --j  (A- 3 

T3(x,0)  » - log  jx  + 7x-+  ij  + * ~ — (A-3 

Tj(x,0)  - Jj-  log  x + Jx2  + 1 j + — 1 . (A-A 

There  is  no  point  in  substituting  these  expressions  (A- 35)  to  (A-40)  in  (A-33)  and  (A- 34)  to  get  general 

is)  (s) 

expressions  for  the  VP^  . It  is  however,  of  interest  to  look  at  the  Kqq  since  these  illustrate  the 

analysis  of  Appendix  1.  For  this  purpose  we  might  as  well  take  e « 1 . We  then  have:- 


(a)  For  Z » 0 


wS}  ■ io« 


WG0)  ■ ®[^“  log(J-T^) 

-s[t  i°g('L±2!f) 
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where 


•J 1 + 2jb| 

Js  + 8jb(  + 4b2 
7T+  4b2 
2(1  t |b j ) 

Z //l  - tan2  6 


Expanding  the  expressions,  for  Z ^ 0 , in  terms  of  b one  then  finds 


„<» 

00 


= w<J>  (0)  + 0(Z) 


.(3) 

"oo 


A 7T  yi 


+ woo){0)  + 0(5) 


w<5) 

00 


Jfa<L-tgiL?^.  + wg)(C)  * o(z)  . 

3Z2 Iz i 00 


(A-42) 

(A-43) 

(A-44) 


(A-43) 


(A- 46) 

(A-47) 

(A-48) 

(A-49) 


It  follows  then,  using  equation  (3-15),  that  the  above  expressions  ((A-48)  and  (A-49))  confirm  the  first 


(1) 

r3 


and  F ^ which  were  obtained  in  Appendix  I (equations  (A-24)  and 

(s) 


terns  in  the  expansions  for  F 

(A-25)).  Tbe  second  terms  in  these  latter  expressions  arc  not  given  by  the  Wq“'  because  of  the  assumption 


that  (C^C1)  is  constant  in  a ce 


, 3*'  3$'  „ 3$'  \ 

U(v3X-‘  W ta"  °S  3X^SeC 
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SUMMARY 

The  design  of  aircraft  penetrating  the  transonic  flight  regime  is  strongly  influenced  by  the  occurence 
of  buffeting  which  can  reduce  the  flignt  performance  considerably.  In  order  to  reduce  the  amount  of  expen- 
sive model  testing  computational  methods,  which  are  able  to  provide  the  project  engineer  ;ich  buffeting 
bum...  ~icc  are  a useful  tool  in  the  first  design  step  of  an  aircraft. 

The  present  paper  gives  a review  of  methods  which  have  beo  . developed  for  prediction  purposes  for  the 
buffeting  problem.  The  methods  discussed  are 

• the  method  of  Thomas  for  predicting  buffet  onset  for  wing  sections  including  supercritical  airfoils 
at  higher  angles  of  attack, 

• the  method  of  Redeker  for  predicting  buffet  onset  for  infinite  yawed  wings, 

• and  the  method  of  Proksch  for  predicting  light  buffeting  for  finite  wings. 

The  basi-  ideas  of  these  methods  are  outlined  and  the  application  is  shown  in  comparison  wich  experi- 
mental results. 


NOTATION 

M 

a 

Re 

x 

n = y/s 
s 

s 

A = «s2/S 

A 

X 

t 

c 

c 


Mach  number 
angle  of  attack 

Reynolds  number  based  on  airfoil 
c.iord  or  wing  reference  chord 

ccordinate  along  airfoil  chord 

dimensionless  coordinate  in 
spanwise  direction  of  the  wing 

half  span  of  the  wing 

wing  area 

aspect  ratio 

wing  sweep 

wing  taper 

airfoil  thickness 

airfoil  chord 

wing  reference  chord 


CS 

CL 

cBi 

p(x) 

c 

P 

6 

H 


Subscripts 

sep 

B 

D 

S 

R 


length  of  separated  region  equ.(l) 

lift  coefficient 

buffeting  coefficient  equ.(l) 

pressure  distribution 

pressure  coefficient 

boundary  layer  thickness 

form  parameter  of  boundary  layer 

root  mean  square  value  of  wing  root 
bending  moment 


separation 
buffet  onset 
design  point 
shock  location 
wing  root 


1.  INTRODUCTION 

An  important  feature  of  transonic  flow  over  wings  is  the  occurence  of  buffeting  which  is  usually  more 
severe  than  at  low  speeds  due  to  the  larger  aerodynamic  forces  involved.  Buffeting  is  the  aircraft  response 
to  rand >m  aerodynamic  load  fluctuations  associated  with  unsteady  flow  separation.  For  the  transonic  flow 
regime  buffet  is  closely  connected  with  the  shock  boundary  layer  interaction,  which  can  either  cause 
boundary  layer  separation  beneath  the  shock  leading  to  a separation  bubble  or  result  in  an  early  rear 
separation  due  to  the  increased  susceptibility  of  the  post  shock  boundary  layer  in  an  adverse  j essure 
gradient.  Both  types  of  flow  separation  lead  to  fluctuations  of  the  aerodynamic  forces  stimulating  the 
aircraft  structure.  The  aircraft  structure  itself  acts  as  a selective  filter  for  the  excitation  so  that 
spectra  of  vibrations  always  contain  pronounced  peaks  at  structural  frequencies.  The  performance  of  an 
aircraft  thus  might  be  limited  by  vibrations  of  the  airframe,  which  can  be  strong  enough  to  cause  a rapid 
failure  of  the  structure. 

Rigid  body  modes  may  also  be  excited  such  as  "wing  rocking",  "wing  dropping"  or  "nose  slicing"  which 
are  highly  undesirable  and  lead  to  a degradation  of  the  handling  qualities.  These  effects  belong  to  the 
flight  mechanical  problem  area  and  do  have  a direct  effect  on  controllability  and  the  ability  to  hold  an 
accurate  flight  path.  These  problems  are  of  great  importance  but  they  are  outside  the  scope  of  this  paper. 
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As  wing  buffeting  leads  to  severe  limitations  in  the  flight  envelooe  of  an  aircraft  great  efforts  lor 
understanding  the  physical  phenomenon  and  controlling  its  undesirable  effects  have  been  undertaken  in  the 
past. 


The  publications  of  AGARP  on  "Fluid  Dynamics  of  Aircraft  Stalling"  in  1972  [l] , on  "Aircraft  Stalling 
and  Buffeting"  in  197c  [?J  and  the  advisory  report  on  "Tne  'fleets  of  Euffeting  and  other  Transonic  Pheno- 
mena on  Maneuvering  Combat  Aircraft"  in  1971  [3J  s'ow  he  great  importance  which  is  attributed  t >.  this 
problem  by  all  people  working  in  aircraft  industry  and  research. 

Because  of  the  complexity  of  this  problem  considerable  emphasis  is  placed  on  buffet  investigations, 
experimentally  as  well  as  by  computational  means.  The  target  is  to  provide  buffet  boundaries  for  designers 
to  establish  the  performance  of  an  aircraft  and  to  produce  informations  about  buffet  loads  for  stressing 
purposes . 

Typical  results  of  buffeting  boundaries  for  a fighter  and  a transport  aircraft  in  a c^-M-diagramme 
are  shown  in  Fig.  1.  Tor  the  fighte*’  aircraft  boundaries  are  defined  by  buffet  onset,  corresponding  to  the 
beginning  of  boundary  layer  separation.  Light  buffeting  is  defined  by  the  first  appearance  of  sizable 
vibrations  being  noticed  by  the  pilot.  Moderate  buffeting  can  be  said  to  represent  a boundary  for  the  air- 
craft acting  as  a stable  weapon  platform,  that  mean3  this  boundary  is  the  limit  for  the  pilot  fulfilling 
his  tracking  task.  The  boundary  denoted  by  heavy  buffeting  is  given  by  structural  limits. 

For  the  fighter  aircraft  the  margin  to  moderate  buffeting  represents  the  manoeuvrability  in  terms  of 
"n.g"  instantaneous  pullup  or  in  turn  rates.  The  factor  n will  be  in  the  magnit-.de  of  n * 5 ...  6, 
depending  on  the  combat  aircraft. 

For  the  transport  aircraft  other  requirements  have  to  be  applied.  Buffet  onset  is  defined  in  the  same 
way  mentioned  above.  The  cruise  point  of  the  aircraft  has  to  be  kept  awav  from  the  buftet  onset  by  a 1.3*g 
margin  in  order  to  allow  the  aircraft  to  cover  light  manoeuvres.  During  a normal  cruise,  the  aircraft  may 
encounter  a strong  gust,  which  caT’es  the  aircraft  beyond  the  buffet  onset  boundary.  Therefore,  a 1.6-g 
margin  from  maximum  penetration,  ar  a definite  gust  velocity,  must  be  applied  to  provide  a safety  margin 
for  the  aircraft  structure. 

From  this  figure  the  requirements  for  predictions  methods  for  the  buffeting  problem  are  clear.  For 
the  fighter  aircraft  the  moderate  bufi  .sting  boundary  is  the  main  interesting  feature  giving  information 
about  the  manoeuvrability  of  the  aircraft.  The  intensity  of  the  vibrations  of  the  airframe  has  to  be  known. 
For  the  transport  aircraft  the  buffet  onset  boundary  is  the  interesting  parameter  which  influences  the 
performance  cf  the  aircraft  considerably. 

Several  methods  have  been  developed  to  solve  these  problems.  Wind  tunnel  test  methods  on  rigid  models 
have  proofed  to  gi/e  together  witn  correlation  functions  for  the  large  scale  aircraft  reasonable  results 
about  buffeting.  More  expensive  are  model  tests  on  dynamically  scaled  elastic  models  which  can  be  used  to 
predict  vibration  levels  and  buffet  loads.  Response  calculations  for  the  aircraft  structure  are  performed 
using  tne  statistical  analysis  proposed  by  Liepmann  with  the  aerodynamic  input  from  unsteady  pressure 
measurements  on  semi-rigid  models.  Flight  tests  are  performed  to  check  these  methods  and  to  gain  more  in- 
sight in  the  physical  phenomenon, 

A1J  these  methods  give  valuable  informations  about  the  buffeting  problem,  but  they  are  net  suitable 
for  the  first  step  in  the  design  of  an  aircraft,  e.g.  for  selecting  wir."  sweep  angle  or  the  shape  of  the 
airfoil. 

Therefore,  a computational  method  which  is  able  to  provide  the  project  engineer  with  buffet  bounda- 
ries is  a useful  tool  in  the  design  process.  Considering  the  complexity  of  the  buffeting  problem  a complete 
solution  seems  to  be  a hopeless  venture. 

Therefore,  the  problem  has  to  be  simplified  resulting  in  models  which  can  be  handled  by  computational 
methods.  Such  methods  have  been  built  up  by  Thomas /Redeker  [_•*]  for  predicting  buffet  onset  for  airfoils  and 
infinite  yawed  wings  and  by  Proksch  Q>]  for  estimating  light  buffeting  for  finite  wings. 

The  present  paper  gives  a short  description  of  these  methods  and  the  application  is  shown. 


2.  THE  METHOD  OF  THOMAS  FOR  PREDICTING  BUFFET  ONSET  FOR  AIRFOILS 

As  buffeting  is  closely  connected  with  unsteady  flow  conditions  as  flow  separation  and  shock  oscilla- 
tions, a treatment  of  this  phenomenon  with  an  unsteady  method  seems  to  be  adequate.  This  is  true  for  flow 
conditions  beyond  buffet  onset,  where  unsteady  pressures  act  on  the  airfoil.  Considering  buffet  onset  only 
a steady  approach  can  be  justified  looking  at  the  physical  background  and  the  model  which  will  be  used. 
Such  a flow  model  has  been  postulated  by  Thomas  pBl  and  has  been  successfully  used  for  predicting  buffet 
onset  for  airfoils  [4]  and  infinite  yawed  wings  Qt]  . 

After  ‘Thomas  shock  boundary  layer  interaction  takes  place  in  such  a way  that  the  shock  itself  causes 
no  bourdary-layer  separation  at  the  foot  of  the  shock.  The  boundary  layer  remains  still  attached  but  is 
already  near  separation  in  consequence  of  the  strong  ad'^rse  pressure  gradient.  The  following  adverse 
pressure  gradient  between  the  shock  and  the  trailing  edge  will  lead  to  a rear  separation.  With  increasing 
Mach  number  or  increasing  angle  of  attack  the  rear  separation  will  move  from  the  trailing  edge  further  up- 
stream. This  model  of  the  shock  boundary  layer  interaction  is  one  of  the  various  possibilities  shown  by 
Pearcey  QjJ . The  formation  of  a separation  bubble  beneath  the  shock  which  will  often  occur  is  neglected 
and  it  is  assumed  that  the  rear  separation  is  of  major  influence.  With  this  flow  model  a numerical  treat- 
ment under  certain  assumptions  is  possible. 

If  we  assume  that  the  pressure  jumps  accross  the  shock  is  spread  due  to  boundary  layer  effects  to  a 
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strong  adverse  pressure  gradient  over  three  to  five  boundary  layer  thicknesses  as  shown  by  Gadd  [9] , con- 
ventional boundary  layer  methods  can  be  applied  to  calculate  the  development  of  boundary  layer  on  transo- 
nic pressure  distributions  with  shocks. 

As  buffet  onset  is  defined  by  the  beginning  of  flow  separation  this  boundary  can  be  established  from 
boundary  layer  calculations  on  transonic  pressure  distributions.  After  Thomas  buffet  onset  starts  if  the 
point  of  rear  separation  coming  from  the  trailing  edge  has  reached  90  % of  the  airfoil  chord  in  his  cal- 
culations . 

The  criterion  of  90  % location  of  rear  separation  has  been  established  by  comparing  the  calculations 
with  experimental  results. 

The  process  of  estimating  buffet  onset  is  schematically  shown  in  Fig.  2.  For  a set  of  angles  of  attack 
and  Hach  numbers  in  the  range  where  buffet  onset  is  expected  transonic  pressure  distributions  have  to  be 
calculated.  This  has  been  done  in  the  original  paper  by  the  empirical  Sinnott  method  [10J  , which  now  has 
been  replaced  by  the  method  of  Bauer/Garabedian/Kom  [llj  . To  these  pressure  distributions  the  mentioned 
assumptions  on  shock  boundary  layer  interaction  are  applied  and  boundary  layer  calculations  are  performed 
using  the  integral  method  cf  W alz  [lij  . With  the  criterion  of  buffet  onset  - rear  separation  at  90  % of 
airfoil  chord  - buffe.  onset  can  be  established.  With  this  method  reasonable  results  have  been  achieved 
in  the  past  [9]  . 

The  process  described  above  has  been  improved  in  the  last  years  [l3]  . The  progress  in  the  treatment 
of  transonic  flows  has  lead  to  new  airfoil  shapes,  known  as  supercritical  airfoils.  These  airfoils  charac- 
terized by  a large  supersonic  region  on  the  upper  surface  with  a shockfree  ise.itropic  recompression  to  the 
trailing  edge  near  the  design  point  give  better  aerodynamic  characteristics  in  the  transonic  flow  regime. 
Compared  with  conventional  airfoils  the  drag  rise  and  buffet  onset  occur  if  we  consider  a constant  lift 
coefficient  at  higher  Mach  numbers  or  for  a constant  Mach  number  at  higher  lift  coefficients.  These  good 
points  will  be  used  to  design  transport  aircraft  which  operate  more  economically  or  combat  aircraft  with 
improved  manoeuvrability.  Various  experimental  investigations  on  supercritical  airfoils  have  shown  that 
a shockfree  pressure  distribution  only  could  be  obtained  in  a small  region  near  the  design  point.  In  off- 
design  conditions  shock  waves  will  occur.  Fig.  3 shows  schematically  experimental  results  for  a supercriti- 
cal airfoil  in  the  neighbourhood  of  the  design  point,  the  pressure  distribution  of  which  is  presented  in 
the  middle  of  the  figure  denoted  by  and  M_.  If  we  decrease  the  Mach  number  M < Mp  at  two 

shock  waves  will  occur  due  to  the  collapse  of  the  supersonic  region.  Increasing  the  Mach  number  M > MQ 
will  result  in  one  strong  shock.  The  same  effects  will  happen  if  we  keep  the  Mach  number  constant  M = Mp 
and  change  the  angle  of  attack.  At  a < a the  supersonic  region  breaks  down,  two  shock  waves  appear  and 
at  a > aD  one  strong  shock  occurs. 

These  effects  may  have  undesirable  consequences  on  the  aerodynamic  behaviour,  especially  on  bufret 
onset.  Therefore,  a method  has  to  be  used  for  the  calculation  of  transonic  pressure  distributions  which  is 
able  to  model  this  behaviour.  The  Sinnott  method  used  in  the  original  paper  of  Thomas  is  not  able  to  repre- 
sent these  pressure  distributions.  Thus  the  method  of  Bauer/Garabedian/Kom  is  applied  which  provides  rea- 
sonable results  for  transonic  flows.  Another  advantage  is  that  also  higher  angles  of  attack  can  be  treated. 

To  check  this  improved  method  the  supercritical  airfoil  Korn  No.  1 has  been  investigated.  This  airfoil 
designed  by  Garabedian/Kom  [l4J  has  a shockfree  distribution  at  design  condition  Mp  = 0.75  and  Op  = 0° 
with  a lift  coefficient  of  c,  = 0.63.  Experimental  investigations  were  done  by  Kacprzynski  |_15J  from  NAE 
Canada  including  buffet  experiments.  Buffet  onset  was  detected  by  the  beginning  of  strong  unsteady  fluctu- 
ations of  the  normal  force  c^. 

Fig.  4 shows  a comparison  between  calculated  buffet  onset  and  experimental  results  in  a c^-M-dia- 
gramroe,  where  c.„  denotes  the  lift-coefficient  at  buffet  onset.  The  Reynolds  number  based  on  airfoil  chord 
is  Re  = 2.1X107.  The  experiments  marked  by  the  full  points  are  well  represented  by  the  calculated  curve 
up  to  high  values  of  lift  coeffi-ient . 

Fig.  5 shows  the  influence  of  modem  airfoil  shapes  on  buffet  onset  compared  with  conventional  air- 
foils. This  figure  contains  buffet  onset  boundaries  for  three  airfoils  all  having  nearly  the  same  thick- 
ness of  nearly  12  % cf  airfoil  chord.  The  Reynolds  number  is  Re  = 2.1*10.  Buffet  onset  for  the  NACA  001"1 
profile  lies  at  very  low  Mach  numbers  and  lift  coefficients.  The  second  airfoil  is  of  Airbus  Standard, 
that  means  airfoil  like  this  has  been  used  in  the  wing  design  of  tt\e  European  Airbus  A300.  The  buffet 
onset  boundary  for  this  airfoil  shows  the  large  progress  in  design  research  of  high  speed  airfoils.  The 
third  airfoil  represents  the  Korn  airfoil  No.  1 from  Fig.  4 which  still  has  a better  buffet  onset  Boundary. 

These  figures  indicate  that  with  the  improvement  in  predicting  buffet  onset  reasonable  results  for 
supercritical  airfoils  up  to  high  values  of  lift  coefficients  could  be  obtained. 
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3.  THE  PREDICTION  OF  BUFFET  ONSET  FOR  INFINITE  YAWED  WINGS 

An  extension  of  the  method  of  Thomas  to  the  esse  of  infinite  yawed  wings  has  been  described  in  [j]. 

The  basic  idea  is  the  same  as  outlined  in  section  2 of  this  paper.  This  extension  became  necessary  when 
swept  wings  were  treated  with  the  Thomas  method  using  instead  of  the  free  stream  conditions  of  the  swept 
wing  those  normal  to  the  leading  edge.  The  Mach  number  and  the  lift  coefficient  for  calculated  buffet 
onset  c,g  converted  to  streamwise  values  by  the  cosine  law  of  the  sweep  angle  gave  too  optimistic  results, 
especially  for  higher  angles  of  sweep. 

In  order  to  achieve  better  results  for  swept  wings  the  correct  representation  of  the  three-dimensional 
boundary  layer  had  to  be  taken  into  account.  For  this  purpose  the  boundary  layer  method  of  Cumpsty/Head  [l6| 
extended  to  compressible  flows  [7]  has  been  used. 
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The  process  of  predicting  buffet  onset  is  as  follows: 

The  inviscid  transonic  pressure  distribution  for  infinite  yawed  wings  can  easily  be  derived  from  the 
pressure  distribution  *or  the  wing  section  normal  to  the  leading  edge  by  applying  the  cosine  law.  With  this 
pressure  distribution,  corrected  for  viscous  effects  in  the  shock  region,  boundary- layer  calculations  have 
to  bo  performed  with  the  three-dimensional  boundary- layer  method. 

The  Mach  number  and  the  lift  coefficient  for  buffet  onset  is  then  derived  from  the  location  of  the 
separation  line  on  the  infinite  yawed  wing.  Buffet  onset  is  said  to  occur  - as  in  the  r-:o-dimens}onal 
case  - if  separation  has  reached  the  90  % line  of  the  wing. 

rig.  6 shows  two  examples  of  calculated  results  taken  from  [7]for  swept  wing  aircraft,  which  were 
obtained  from  calculations  for  the  infinite  yawed  wing  having  the  same  sweep  angle  at  the  quarter  chord 
line  of  the  finite  wing. 

The  prediction  method  briefly  outlined  in  this  section  is  restricted  to  wings  with  moderate  to  large 
aspect  ratios,  e.g.  wings  for  transport  aircraft,  for  which  the  flow  on  the  main  parts  of  the  wing  behaves 
like  the  flow  on  an  infinite  yawed  wing. 

The  occurence  of  a complicated  shock  pattern  on  the  wing  surface  in  off-design  flow  conditions  limits 
this  methods  to  low  angles  of  attack  or  low  lift  coefficients. 


4.  THE  PREDICTION  OF  LIGHT  BUFFETING  FOR  FINITE  WINGS 


A new  approach  to  calculate  light  buffeting  has  been  published  by  Junke  et  al.  [l7]  and  Proksch  Q>] . 
The  method,  applicable  for  finite  wings,  is  based  on  the  idea  of  Thomas  to  conclude  from  boundary  layer 
separation  on  the  buffeting  behaviour.  As  finite  wing3  are  being  considered  the  criterion  for  the  buffe- 
ting boundary  as  given  in  section  2 and  3 has  to  be  replace!-,  by  a new  one  taking  into  account  the  different 
spanwise  loading  of  the  wing.  For  this  reason  a buffeting  coefficient  Cg.  which  can  be  calculated  as 
shown  later  is  defined  which  is  directly  related  to  the  root  mean  square  trms)  vrlue  of  the  wing  root 


bending  moment  J0 2 which  has  been  proofed  in  experiments  on  rigid  models  to  be  a good  indicator  for 
buffeting  [l8]  « 


il) 


cs(n) 

— - — (n-nR) 
c 


This  equation  is  established  by  assuming  that  the  fluctuations  of  the  wing  root  bending  moment  are 
proportional  to  the  integral  evaluated  along  the  wing  span  of  the  product  of  local  lift  fluctuations  and 
the  distance  from  the  wing  root  (n-nR).  A further  assumption  is  that  the  local  lift  oscillations  caused 
by  flow  separation  are  proportional  to  length  cg(n)  of  the  separated  flow  at  a spanwise  station  of  the 
wing. 

The  linear  relationship  from  equ.(l)  between  cnj  cp.  is  proofed  by  experiments  which  are 

shown  in  Fig.  7,  which  is  depicted  from  ("51,  For  a 12^,  thick  wing  of  aspect  ratio  A = 4.8,  sweep  angle 
of  A = 35°  measured  values  of  J19]  were  taken  at  c^  = const,  for  several  Mach  numbers  and 

plotted  against  calculated  Cgj-valuesM  It  can  be  seen  that  up  to  a value  of  c0.=  0.1  a linear  depen- 
dence of  cg^  from  -^2  is  established. 

The  most  important  fact  for  prediction  purposes  is  that  the  Cg^-value  can  be  evaluated  by  applying 
proper  numerical  methods.  The  calculation  procedure  for  the  buffeting  coefficient  Cg.  has  to  start  with 
the  calculation  of  the  transonic  pressure  distribution  cn  a finite  wing  for  a set  of  angles  of  attack  and 
Mach  numbers.  This  was  done  in  [5]  by  using  the  RAF-Standard  method  with  the  local  lift  curve  slopes  from 
the  two-dimensional  method  of  Murman/Krupp  [20J  . This  provides  the  effective  angle  of  attack  along  the 
wing  span,  with  which  the  actual  pressure  distributions  at  several  spanwise  stations  are  calculated  by 
the  Murrain/ Krupp  method. 

As  methods  foe  calculating  transonic  pressure  distributions  on  finite  wings  have  become  available 
[2l]  , this  calculation  3tep  can  be  improved  now. 

To  evaluate  equ.(l)  the  area  of  separated  flow  on  the  wing  has  to  be  determined  by  boundary  layer 
calculations.  In  [_Si  the  quasi-three-dimensional  metnod  already  mentioned  in  section  3 has  been  used  at 
several  spanwise  stations.  This  step  also  can  be  improved  by  applying  a full  three-dimensional  boundary 
layer  calculation  method.  The  result  of  the  described  procedure  are  lines  of  constant  value  Cg.  plotted 
in  a Cg-M-di^gramme , as  shown  in  Fig.  8 for  the  Bell  XS-1  aircraft.  These  lines  are  compared  with  flight 
test  results  [22]  . The  buffet  boundary  of  Ae  flight  test  was  determined  by  time-history  recordings  of  load 
fluctuations,  ns  indicated  by  strain  gages  mounted  on  the  wing  root  and  in  addition  by  measurements  of  the 
acceleration  oscillations  at  the  center  of  gravity.  The  minimum  acceleration  detectable  on  the  accelero- 
meter records  was  approximately  i 0.03  g. 


This  value  can  be  interpreted  ss  light  buffeting  The  lines  of 
indicated  by  the  flight  tests  and  it  can  be  said  that  a value  of  Cg. 
the  measured  light  buffeting  boundary. 


cR.  = const,  show  the  same  trend  as 
*^0.08  to  0.1  will  coincide  with 


Another  calculation  is  shown  in  Tig.  9 for  a wind-tunnel  mqdel  of  a 12  ‘ thick  35°  sveptback  wing,  for 
which  buffeting  intensity  measurements  have  been  carried  out  [23]  . The  calculated  lines  cg.  = const. 
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represent  reasonabxy  well  the  measured  curves  of  Yo£  = cons't>  The  line  = 0.1  coincides  with  the 

boundary  of  light  buffeting.  The  comparison  in  these  two  figures  srow  that  a value  of  cg^  =0.1  seems 
to  be  a reasonable  criterion  for  the  boundary  of  light  buffeting. 

The  limitation  of  this  method  is  reached  if  the  linear  relationship  from  equ.(l)  between  the  re- 
value and  -JgF  is  nc  longer  valid,  fig.  7 shows  that  with  increasing  Mach  numbers  the  deviation  from 
the  st'.aight^line  occur  at  decreasing  values  of  c„..  The  reason  for  this  behaviour  is  the  fact  that  the 
flow  separation  has  reached  the  shock  and  cannot  move  further  upstream.  For  this  case  the  length  of  the 
separated  region  is  no  longer  proportional  to  the  strength  of  the  force  oscillations.  This  occurs  especi- 
ally at  higher  Mach  numbers  where  the  shock  position  is  located  in  the  rear  part  of  the  wing. 

Another  limitation  results  from  the  numerical  method  used  for  the  calculation  of  the  c^-value.  The 
relaxation  method  for  calculating  the  transonic  pressure  distribution  is  based  on  the  transonic  small 
perturbation  equation,  which  is  restricted  to  low  angles  of  attack. 

To  overcome  these  difficulties  a semi-empirical  method  has  been  developed  combining  calculated  results 
with  experimental  data  derived  from  a lot  of  published  buffeting  experiments.  In  [5l  workingplots  for  the 
estimation  of  light  buffeting  have  been  established.  This  treatment  is  well  documented  in  [sj  and  should 
not  be  reported  in  this  paper. 


5.  CONCLUSIONS 

In  this  paper  computational  methods  nave  been  outlined  which  are  able  to  provide  the  project  engineer 
with  data  on  buffeting  boundaries  for  buffet  onset  and  light  buffeting.  The  methods  described  are  valuable 
in  the  first  design  stage  of  an  aircraft  and  can  reduce  the  amount  of  expensive  model  testing. 

By  incorporating  an  advanced  method  for  the  inviscid  transonic  flow  computation  the  method  of  Thomas 
for  predicting  buffet  onset  for  airfoils  ha3  proofed  to  be  valid  for  modern  airfoil  shapes  and  higher 
angles  of  attack.  The  extension  of  the  Thomas  method  to  infinite  yawed  wings  has  become  less  important 
due  to  the  new  approach  of  Proksch  for  predicting  light  buffeting  for  wings  of  finite  aspect  ratio.  This 
method  has  been  checked  up  till  now  only  by  few  calculations  and  more  compau'isons  with  wind  tunnel  and 
flight  test  results  are  necessary  to  determine  the  range  of  applicability.  It  should  be  improved  by  the 
incorporation  of  the  advanced  inviscid  and  viscous  aerodynamic  prediction  programs  which  are  available 
now. 


All  methods  are  based  on  boundary  layer  calculations  with  inviscid  transonic  pressure  distributions. 
The  further  development  of  the  buffeting  prediction  methods  should  be  concerned  with  prediction  methods 
for  viscous  transonic  pressure  distributions  with  better  models  of  the  shock  boundary  layer  interaction. 
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Fig.  1 Buffciting  criteria  for  fighter  and  transport  aircraft 
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PRELIMINARY  EVALUATION  OF  A TECHNIQUE  FOR  PREDICTING 
BUFFET  LOADS  IN  FLIGHT  FROM  WIND-TUNNEL  MEASURE- 
MENTS ON  MODELS  OF  CONVENTIONAL  CONSTRUCTION. 

G F Butlor  and  G R Spavins 

Aerodynamics  Department, Royal  Aircraft  Establishment, Bed ford, Uni ted  Kingdom 


SUMMARY 

A technique  is  described  for  predicting  buffet  loads  in  flight  from  wind-tunnel  measurements  of  the 
response  of  models  of  conventional  construction.  The  rms  response  and  damping  ratio  in  each  mode  are 
used  to  calculate  non-dimensional  buffet  excitation  ar.d  aerodynamic  damping  parameters,  which  can  be 
used  in  combination  with  the  aircraft  structural  damping  to  predict  the  buffeting  response  under  flight 
conditions.  Results  are  presented  from  wind-tunnel  tests  on  a model  of  a small  combat  trainer  aircraft 
and  predictions  made  using  these  results  are  compared  with  flight  measurements.  In  addition,  some 
remarks  are  made  on  methods  for  determining  rms  response  and  damping  ratio  from  accelerometer  or  strain 


gauge  sifnals 
NOTATION 
c 

recorded  under  buffeting  conditions, 
mean  chord 

RCO 

autocorrelation  function 

f 

frequency 

S 

wing  area 

f 

o 

undamped  natural  frequency 

V 

flow  velocity 

h 

mode  shape  function 

X(t) 

generalised  aerodynamic 

m 

generalised  moss 

a 

excitation 
angle  of  incidence 

n 

0 

non-dimensional  natural  frequency 

6(t) 

randomdec  function 

q 

dynamic  pressure 

* 

total  damping  ratio 

t 

time 

Sa 

aerodynamic  damping  ratio 

z(t) 

generalised  coordinate 

structural  damping  ratio 

2S 

randomdec  selection  level 

P 

air  density 

CN 

normal  force  coefficient 

a 

rms  acceleration 

E 

non-dimensional  buffet  excitation  paramettr 

T 

time  delay 

G(f) 

power  spectral  density  function 

W 

angular  frequency 

H(<a) 

transfer  function 

to 

Q 

undamped  angular  natural 

K 

non-dimensional  aerodynamic  damping  parameter 

frequency 

1 INTRODUCTION 

The  behaviour  of  aircraft  under  buffeting  conditions  has  become  increasingly  important  as  a factor  in 
the  process  of  aircraft  design  and  there  is  a continuing  need  for  improved  techniques  for  predicting 
buffet  loads  from  wind-tunnel  experiments,  particularly  early  on  in  project  developmenjj.^  Two  funda- 
mentally different  methods  of  predicting  buffeting  intensity  in  flight  are  often  used.  ’ In  the  first, 
measurements  are  made  of  the  pressure  fluctuations  on  a nominally  rigid  model.  These  are  then  used  to 
calculate  the  dynamic  response  when  these  pressures  act  on  the  flexible  aircraft  structure.  Major 
disadvantages  of  this  approach  for  general  use  lie  (a)  in  the  sophisticated  data  handling  and  analysis 
techniques  required  to  correlate  the  unsteady  pressure  data  before  the  buffet  excitation  can  bo 
extracted  and  (b)  in  the  need  to  estimate  aerodynamic  damping.  A more  direct  method  of  predicting  , 
buffeting  response  in  flight  is  to  use  aeroelastic  m-tdels  with  scaled  structural  and  inertial  properties. 
Besides  being  expensive  in  model  manufacture,  this  method  has  the  disadvantage  that  the  models  are  not 
usually  strong  enough  to  be  tested  at  high  enough  Reynolds  numbers  to  ensure  similarity  of  model  and  full- 
sc  le  flows.  In  addition,  the  model  cannot  be  designed  until  the  structural  and  inertial  properties 
of  the  aircraft  have  been  defined  in  detail.  In  other  words,  not  until  a late  stage  in  the  development 
programme. 

If 

Recently,  Jones  has  suggested  an  alternative  technique  which  is  intended  to  give  an  indication  of  the 
buffeting  behaviour  of  an  aircraft  early  on  in  a project.  It  involves  the  measurement  of  unsteady 
accelerations  or  bending  moments  on  a wing  of  solid  construction  of  the  type  normally  produced  for 
conventional  "force"  tests.  An  outline  of  the  approach  is  given  below  and  illustrated  in  Fig.  1.  The 
method  is  described  in  more  detail  in  Section  2.  If  each  mode  of  the  model  is  assumed  to  behave  as  a 
single-degreo-of-freedom  mechanical  system,  the  response  of  the  model  under  buffeting  conditions  can  be 
analysed  to  give  a measure  of  the  aerodynamic  excitation  and  the  total  damping  ratio.  The  latter 
comprises  ooth  structural  and  aerodynamic  componen  s,  and  since  the  structural  damping  of  the  model 
can  be  measurea  in  a wind-off  resoner.ee  test,  the  aerodynamic  damping  can  be  extracted.  The  buffeting 
response  of  the  aircraft  con  then  be  predicted  using  values  of  aerodynamic  excitation  and  aerodynamic 
damping  scaled  from  model  tests,  and  either  e timntod  or  measured  values  of  aircraft  structural  damping. 

In  general,  a conventional  wind-tunnel  model  has  modes  of  vibration  which,  for  the  lower  and  more 
important  modes, ore  similar  to  those  of  the  aircraft  and,  in  principle,  the  technique  can  be  applied 
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to  all  aircraft  nodes  which  can  be  reproduced  on  the  model. 

An  important  requirement  is  that  the  structural  damping  of  the  model  should  be  low,  thus  (Plowing  the 
aerodynamic  damping  to  be  ostim,  ted  fiom  the  measurements  of  total  damping  with  reasonaole  accuracy. 

In  general,  for  wind-tunnel  tests  ol  conventional  steel  models,  the  structural  damping  is  predominant, 
in  contrast  co  the^correopending  flirht  conditions,  where  the  m.-jwr  damping  component  is  usual ly(of 
aerodynamic  origin  . Recent  measurements  of  buffeting  on  rteel  and  magnesium  delta  wing  models, 
however,  hove  shown  t.u.t  significant  levels  of  aerodynamic  damping  can  be  measuiei  under  tunnel  crnditions, 
provided  the  model  and  mounting  are  constructed  with  as  few  joints  as  possible,  o as  tc  minimise 
structural  damping.  In  addition,  since  the  level  of  aerodynamic  damping  is  inversely  i roportional  to 
the  density  of  the  model  , a magnesium  or  light-alloy  model  will  give,  in  general,  a greater  aerodynamic 
dampinr  component  than  one  made  of  steel.  In  order  tc  evaluate  the  prediction  method  proposed  by  Jones, 
experiments  have  been  carried  out  on  a model  of  a small  combat  trainer  aircraft,  so  that  buffeting 
response  ..nd  damping  predictions  can  be  compared  with  measurements  made  m flight.  These  .eats  ore 
discussed  in  Jection  4.  Before  this,  the  prediction  method  is  described  in  nore  detail  m Section  2, 
while  lh  -'Oction  3 some  remarks  are  made  on  techniques  for  estimating  the  damping  ratio  from  random 
response  records. 

2 TUB  SUFFETI KG  PREDICTION  1-ETHCD  CF  JONES 


In  this  Section  the  method  of  buffet  : redictioa  proposed  by  Jones  in  Reference  4 is  described.  The 
aim  of  the  analysis  is  to  !ind  a nondimen.  lcnal  represei  tation  of  the  important  aerodynamic  parameters, 
so  that  measurements  of  these  parameters  in  the  wind-tunnel  con  be  used  to  predict  buffeting  response 
in  flight.  Jones  assumes  a linear  fcrced-vibration  model  and  considers  the  equations  governing  the 
reiponse  of  a flexible  wing  tc  the  unsteady  excitation  a_.,ociuted  with  fiow  sen  rations.  The  response 
in  any  f cxible  mode  may  be  expressed  ns  a function  of  time  t in  terms  of  a generalised  coordinate 
z(t),  representing  the  displacement  in  that  mode  ; nd  a generalised  aerodynamic  excit.  tion  X(t) 
assumed  to  have  no  feedback  from  the  ring  motion,  (to  obtain  the  displacement  at  an  arbitrary  point 
on  the  wing,  z(t)  can  be  multiplied  by  the  mode  shape  function  h).  The  response  in  the  single  degree 
of  freedom  mode  is  then  defined  by  the  differential  equation, 


md2z  + 2n  dz  + ra  10  2z  = X(t)  . (1) 

° W 


In  this  equation,  n is  a generalised  mass  (which  depends  upon  the  wing  geometry,  mode  hope  and  mass 
distribution)  and  the  term  m '>  represents  the  structural  stiffness.  The  undamped  natural  frequency 

(in  radians  s-1)  is  assumed  to  le  independent  of  aerodynamic  forces  (stiffness  and  inertia).  This 
approximation,  together  with  the  neglect  of  aerodynamic  coupling  between  nodes,  appears  on  the  basis 
of  experimental  data  to  be  acceptable  in  many  practical  buffetinr  situations,  as  long  us  we  are  well 
away  from  regions  of  conventional  flutter.  The  total  damping  rat? o £ is  given  by, 

4 = 5 + 4 (2) 

a s 


•where  £ q is  the  erodynamic  damping  ratio  and  S is  the  structural  damping  ratio.  ' Here  a viscous 

type  of  structural  damping  is  assumed,  although  this  is  not  essential  to  the  analysis).  We  now  consider 
the  aerodynamic  excitation  term  on  the  right-hand  side  of  equation  (1).  We  a . urnie  that  the  appropri,  te 
length  and  velocity  parameters  for  scaling  frequency  are  mean  u.ng  chord  c,  end  flow  velocity  V and  that 
Reynolds  number  effects  are  negligible  so  that  the  mean  square  fluctuating  pressure  scales  with 
(qS)  , where  q is  the  dynamic  pressure  and  S is  the  wing  area.  If  the  power  spectral  density  ( f ) is 

assumed  to  be  approximately  constant  in  the  neighbourhood  of  the  mode  natural  frequency,  f = ' /2m. 

5 

then  we  may  write  , 

Gy  = E Zl  (qS)2,  (3) 

* ~T 


where  E is  a nondimensional  aerodynamic  parameter,  a function  of  wing  incidence,  bach  number  and  Reynolds 
..umber.  A power-spectral  density  analysis''  of  equation  (l)  then  gives  the  rns  acceleration  associated 


with  the  mode  as, 
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This  con  be  rearranged  to  give  the  aerodynamic  excitation  pyrometer  E as, 

-*  (|)  (-4^  > 

s q 


= a/2 


(5) 


where  nQ  = (c  u )/V  is  the  nondimensional  modal  frequency.  On  the  assumption  that  wing-root  bending 

moment  is  proportional  to  wing  displacement,  an  ar.flogouo  parameter  to  1 r:ay  be  based  on  a strain-gauge 
signal.  Equation  (A)  illustrates  the  quantities  required  in  a buffetin'  prediction  method  based  on 
wind-tunnel  measurements.  For  an  aircraft  flying  at  given  wing  loading,  speed  and  altitude,  the 
aerodynamic-dependent  quantities  are  E and  '■ . One  method  for  the  evaluation  of  E involves  the 
measurement  of  fluctuating  pressures  on  relatively  rigid  wind-tunnel  models  and  tlie  derivation  of  the 
generalised  force  oy  means  of  crose-correl a tion  techniques.  Alternatively,  Jones  suggests  thi t E 
may  be  derived  from  wind-tunnel  tests  on  the  basis  of  equation  (3)  using  models  for  which  the  ri  levant 
mode  shape  is  approximately  correct,  but  not  necessarily  aeroelnstic  models.  To  obtain  E from  equation  (5) 
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vd.nd-tun.iol  measurements  of  the  rim  acceleration  and  total  damping  ratio  are  requirod,  together  with  a 
knowledge  of  the  modal  frequency  and  generalised  mots.  We  now  assume  that  the  parameter  E characterises 
the  aerodynamic  excitation  m the  mode  considered  for  a given  Mach  number  and  incidence,  and  can  be  used 
to  determine  the  buffeting  loads  and  response  1'cr  the  full-3cale  aircraft  from  equation  (A).  Again  a 
knowledge  < f the  aircraft  modal  frequency  and  generalised  mass  is  required  as  well  as  the  total  damping 
ratio. 

The  total  damping  ratio  under  flight  conditions  can  be  estimated  from  the  total  damping  ratio  measured 
in  wind-tunnel  tests  as  follows.  If  the  structural  damping  ratio  £ for  the  model  is  determined  in  a 

wind-off  resonance  test,  the  aerodynamic  damping  ratio  can  be  determined  from  the  measured  total 

damping  using  equation  (2).  It  should  be  noted  tliat  tnis  6tep  may  be  difficult  to  perform  with  accuracy 
since  the  structural  damping  may  be  a function  of  both  mean  and  fluctuating  lead  (see  Section  A.1;.  For 
attached  flow,  the  aerodynamic  damping  force  arises  from  the  effective  incidence  o£  the  wing  due  to  its 
vibration,  and  the  corresponding  tern  in  equation  (1)  can  bo  expressed  in  the  form 

2m  £a<*>0  z = 2qSK  , (6) 


where  K is  a nondimensional  parameter  which  dopands  on  the  mode  shape,  the  planforn  of  the  wing  and  the 
(frequency-dependent)  lift  curve  slope  distribution  over  the  wing.  Although  equation  (6)  has  been 
formulated  for  attached  llow  conditions,  we  will  assume  that  it  also  applies  to  the  aerodynamic  damping 
forces  associated  with  separated  flows.  Hence  from  (6), 
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It  is  now  assumed  that  the  parameter  K characterises  the  aerodynamic  damping  in  the  mode  considered  for 
a given  Mach  number  and  incidence,  and  that  once  determined  from  model  tests  con  be  used  to  calculate  the 
aerodynamic  damping  under  full-scale  flight  conditions  from  equation  (?).  By  combining  this  with  the 
aircraft  structural  damping  measured  in  u ground  resonance  test,  an  estimate  of  the  total  damping  ratio 
in  flight  can  be  derived. 

The  complete  prediction  method  is  summarised  below. 

(i)  Determine  wing  area  S and  mean  chord  c for  model  and  aircraft. 

(li)  Determine  modal  frequency  w generalised  mass  m,  structural  damping  £ , and  mode-shape 

function  h,  from  resonance  tests  on  model  and  aircraft. 

(iii)  Measure  rms  acceleration  or  bending  moment  o’ at  a point  on  the  vine,  total  damping  £ , 
flow  velocity  V,  and  dynamic  pressure  q,  at  a given  Mach  number  and  incidence  in 
wind-tunnel  tests. 

(iv)  Relate  o’  to  cr ..  in  generalised  coordinates  using  the  mode-shape  function  h. 

(v)  Derive  E from  equation  (5)  . 

(vi)  Derive  K from  equation  (8)  . 

(vii)  Predict  total  damping  in  flight  from  equations  (7)  ana  (2). 

(viii)  Predict  rms  acceleration  or  bending  moment  at  a point  on  the  aircraft  wing  from 

equation  (4 ) and  the  node-shape  function  h. 

3 REMARKS  OK  THE  DETfcRMIMATIOi:  Cl  DAMPING  FROM  RANDOM  RESPONSE  SIGNALS 

In  order  to  carry  out  the  analysis  described  in  Section  2,  the  rms  response  and  damping  ratio  in  each 
mode  need  to  bo  extracted  from  the  unsteady  accelerometer  or  strain  gauge  signals  recorded  in  n wind- 
tunnel  experiment.  Although  the  oxcitatioi  parameter  E is  dependent  only  on  the  square  root  of  the 
damping  ratio  S , gross  errors  can  still  be  introduced  unless  care  is  taken  over  its  determination. 

In  addition,  the  estimation  of  the  small  aerodynimic  damping  component  for  a fteel  model,  where  the 
ratio  of  model  density  to  air  density  ir  high,  demands  that  the  total  damping  be  determined  as  accurately 
as  possible.  In  this  section,  various  methods  for  the  estimation  of  damping  ratio  end  rms  response 
from  random  signals  are  discussed.  The  emphasis  is  on  the  practice!  application  of  the  methods, 
although  reference  is  made  to  theoretical  aspects  when  required.  While  some  of  the  simpler  processes 
can  be  carried  out  by  analogue  means,  it  is  assumed  throughout  that  the  random  signals  are  digitised 
and  that  the  analyses  are  performed  on  a digital  computer.  A random  response  signal,  typical  of 
buffeting,  is  shown  in  Fig. 2.  The  curve  itself  is  so  variable  that  it  is  difficult  to  extract  modal 
information  (ie  frequenc-  , rms  response  and  damping)  directly,  although  all  tb"  information  is,  in 
fact,  contained  within  this  time  history.  For  further  information  or  the  problem  <.*'  identifying  modal 
parameters  directly  from  random  response  records,  the  reader  is  referred  to  References  10  and  11.  Ir. 
general,  however,  some  technique  of  condensing  the  info-motion  into  a more  orderly  format  is  used,  and  the 
throe  proceuures  which  are  applied  most  commonly  (see  Fig. 2)  are  (i)  power  spectral  density  (n)  auto- 
correlation and  (iii)  random  decrement  (randomdec)  . 
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3. 1 Power  Spectral  Density 

The  power  spectral  density  me*  hod  is  equivalent  to  the  response  amplitude  method  lor  discrete  frequency 
excitation  of  the  .structure'.  The  power  spectrum  of  the  response  will  exhibit  a number  of  peaks 
a sc;iated  with  the  natural  frequencies  of  the  structure.  The  rms  response  m each  mode  can  be  evaluted 
from  the  area  beneath  tile  respon.  e peal:  and  the  damping,  as  with  discrete  frequency  excitation,  can  be 
calculated  from  the  bandwidth  of  the  peak  (ie  the  width  of  thi  peak  at  half  its  maximum  value).  For 
well-reparated  peaks  this  is  possible  in  principle,  but  in  practice  it  is  difficult  to  estrm.te  the  pek 
value  particularly  for  modes  where  the  damping  is  small.  The  example  shown  in  Fij  .3  l;  taken  from 
Teferer.ee  1?  and  the  diificulty  of  estimating  the  damping  from  the  bandwidth  of  the  half-power  woint  can 
be  re  Jily  appreciated.  Various  smoothing  techniques  can  be  applied  to  reduce  the  spikinose  of  the 
spectral  poin.s,  but  experience  has  - hown  that  even  then  it  is  difficult  to  obtain  consistent  e'  tinrfes 
of  damping.  Hence,  although  th<  power  spectral  density  function  is  useful  in  giving  a broad  picture  of 
the  modal  frequencies  and  respoases,  the  method  cannot  be  recommended  for  obtainir,;  reliable  estimates 
of  Jampirg  ratio. 

3.2  Autocorrelation 


An  alternative  is  to  form  t:.c  one-cided  autocorrelation  function  R(  t ) of  the  random  response.  (0 r.“- 
tided  in  this  context  means  that  the  ord' nates  of  the  function  are  zero  for  negative  values  of  x ).  For 
isolated  modes,  it  may  be  shewn  that  the  autocorrelation  function  of  the  l andom  response  has  the  same  form 
as  tne  free-vibration  decay  curve  of  the  system  with  nr.  initial  displ  cement.  The  damping  ratio  can  be 
determined  from  the  rate  of  decay  ard  the  mean  square  response  l given  by  the  initial  v,-]ue  R(C). 

Provided  the  modes  are  well  separated  m frequency,  each  node  can  be  isolated  by  filtering  the  original 
time  history.  The  modal  parameters  can  then  be  determined  by  forming  the  nutocorrleation  function 
and  treating  this  as  a sjngle-dcgree-of- freedom  decay,  ’’'he  advantage  of  this  method  of  analysis 
is  that  the  dampin'  ratio  can  be  determined  oy  a linear  least-squares  fit  to  the  logarithmic  peak  values 
(see  Fig.Aa)  and  any  distortions  will  show  up  as  a departure  from  linearity  m the  decoy.  Two 
difficulties  can  occur  with  thin  basically  simple  approach,  which  may  mean  that  the  rms  response  O'  and 
damping  ratio  Z are  estimated  incorrectly.  Firstly,  if  there  is  noise  at  the  measurement  er.d  of  the 
system,  the  autocorrelation  function  will  be  increased  for  small  values  of  T *.  This  will  give 
artificially  high  values  for  both  damping  and  rms  response.  The  effect  can  be  minimised,  by  ignoring 
the  first  few  peaks  when  measuring  the  decay.  Secondly,  if  ! ./o  modes  lie  close  together  and  if  the  mode 
of  interest  hrs  not  been  isolated  completely  by  filtering,  tne  autocorrelation  function  can  exhibit 
beating  between  the  two  modal  contributions.  An  example  of  !>,io  i.:  shown  in  Fig. 4b.  If  there  is 
sufficient  time-delay  t in  the  function,  experimental  data  m this  form  would  simply  indicate  the 
presence  of  more  than  one  mode.  If  oata  is  only  available  over  a : horter  time-delay,  howe/er,  the 
function  would  md.cate  erroneously  s single  heavily  dumped  mode.  A combination  of  the  two  effects 
outlined  above  can  leaf  to  a gross  over-estimation  of  the  damping  ratio.  In  spite  of  these  difficulties, 
the  determination  of  damping  from  the  decay  of  the  &inple-degrec-of-freeaom  autocorrelation  function 
is  one  of  the  most  reliable  methods.  Its  main  advantage  is  that  it  presents  the  damping  information 
m a linear  form  a no  consequently  the  user  can  see  immediately  whether  the  decay  is  uniform.  Finni ly, 
a werd  about  the  ccnvergence  properties  of  the  autocorrelation  process.  This  is  dealt  with  in  ■ tatistical 
terns  in  Reference  13i  where  it  is  shown  that  l^e  number  of  cycles  of  random  response  in  the  mode 
concerned,  which  are  needed  for  a specified  level  of  confidence  m the  signature  inversely  proportional 
to  the  damping  ratio.  In  general,  the  thco-etico.l  approach  tends  to  over-e;  timate  the  length  of 

record  : eeded  for  convergence  in  practical  terms.  In  p ectice  it  is  usually  found  that  a record  length 
of  1000  cycles  is  sufficient  to  ensure  that  for  values  of  damping  ratio  between  1%  and  5%  critical/  Z> 
can  be  determinated  to  within  1C&. 

3*3  Randomdcc 

The  third  method  of  reducing  the  random  response  data  is  to  form  the  'random  decrement"  or  randomdec 
function1*-  defined  in  Fig. 2.  This  nuy  be  regarded  as  a simplification  of  the  autocorrelation  1 rocess 
described  above.  The  randomdec  procedure  consists  of  averaging  segments  or  the  random  time-history,  the 
initial  point  of  each  segment  being  taken  to  be  the  point  at  which  the  curve  crosses  a pre-defined 
selection  level  z„.  Each  segment  of  the  random  time-history  is  assumed  to  be  formed  by  the  superposition 
of  a step  response,  cn  impulse  response  and  a random  response.  Cole12  argues  th.t  for  the  given  selection 
level,  all  of  the  step  responses  are  the  same,  whereas  the  impulse  responses  hove  initial  slopes  with 
alternate  signs.  Consequently,  when  a 1 irge  number  ■ f segments  ore  averaged,  only  the  step  response 
remains,  since  the  impulse  and  random  response,  rill  verage  to  zero.  Cole  shows,  m fact,  that  for  a 
linear  single-dcgree-oi-froedom  system,  to  a 1 9.6?.  confidence  level,  the  randomdec  function  has  the 
same  form  as  the  free  vibration  decoy  curve  with  an  in.tial  displacement.  In  an  earlier  paper.  Cole 
applied  similar  heuristic  arguments  to  describe  the  autocorrelation  process,  which  can  be  shown 
analytically  to  produce  a function  which  is  related  to  the  free  decay  of  the  system?-  The  random 
decrement  analysis  then  follows  as  a ■ implification  of  the  averaging  procedu: p inherent  m autocorrelation. 
For  a linear  single-degree-of-freedon  system,  the  randomdec  and  autocorrelation  signatures  an  effectively 
identical  and  either  can  be  used  to  deterra: no  the  damping  ratio.  When  randomdec  is  used,  the  rms 
response  is  determined  in  a separate  calculation  and  it  is  usual  to  set  the  selection  level  zo  to  this 
value.  With  autocorrelation,  the  mean  square  response  is  given  by  the  initial  value  R(C).  For  a multi- 
degree-of-fresdom  system,  the  situation  i not  so  clear  cut.  Heron  et  al1"  show  that  as  long  as  the 
exciting  forces  for  each  mode  are  uncor.elated , the  autocorrelation  function  of  the  random  response  will 
yield  the  correct  modal  parameters.  On  the  other  hand,  Cole12  claims  thet  for  two  degrees  of  freedom 
(and  by  imrlicaiion  for  more  than  two),  the  randomdec  and  autocorrelation  functions  are  distinct,  and 
that  randomdec  gives  a better  representation  of  the  free  vibration  decay  of  the  system.  Practical 
experience  of  applying  both  methods  indicates  that  there  is  very  little  difference  between  the  functions 
for  multi-degree-of-freedora  buffeting  data.  The  main  advantages  of  randomdec  over  autocorrelation  are  the 
speed  of  computation  and  convergence.  The  computation  speed  increase  is  a direct  result  of  the  fact  that 
randomdec  involves  a summation  of  the  time-series  points  whereas  autocorrelation  involves  a summation  of 
products  by  pairs  of  points.  Even  when  the  autocorrelation  function  is  computed  by  Fast  Fourier  Transform 
(FFT)  techniques1^!  rather  than  the  direct  lag-product  method,  the  randomdec  process  is  again  usually 
faster,  ly  computing  practical  examples,  Cole1*1  shows  that  the  convergence  of  randomdec  is  directly 


related  to  the  damping  ratio,  and  hence  randomdoc  converges  very  rapidly  for  lowly-damped  systems. 
For  systems  with  a damping  ratio  of  greater  tlmr  1%  critical,  practical  experience  indicates  that  both 
I'andondec  and  autocorrelation  converge  at  comparable  rates. 
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3. A Multi-degree-of-  freedom  systems 


In  I'ection  3*2,  the  behaviour  of  the  au’ ocorrelation  function  when  more  than  one  mode  is  present  was 
discussed.  Often  the  unwanted  mode  can  be  eliminated  by  adjusting  the  filters  on  the  signal,  but 
conetimes  two  modes  occur  with  frequencies  so  close  together  that  trey  cannot  bo  sop.  rated  by  filtering. 
Alternatively  it  may  be  desired  to  obtain  the  response  and  damping  in  several  modes  from  a single 
random  record  without  rurning  through  the  data  sever  1 times-  with  different  filter  settings.  In  Doth  of 
these  m-tances,  the  autoco-relation  or  randomdec  functions  (here,  fter  . eferred  to  as  response 
functions)  will  no  longer  exhibit  a straightforward  exponential  decay  and  a further  analysis  step  will 
be  needed  to  extract  the  modal  information.  In  this  section,  we  consider  a number  of  methods  which  can 
be  applied  to  this  problem.  These  fall  under  two  general  headings  (l)  time-domain  processes  and 
(’i)  frequercy-domain  processes.  In  the  time-domain  processes,  the  response  function  data  is  curve 
fit  to  a sum  of  exponentially-decaying  sine  waves,  whereas  in  the  frequency  domain  processes,  the 
response  function  data  are  Fourier-transformed  and  the  resultant  complex  function,  which  nos  many 
properties  in  common  with  a multi-degrce-of- freedom  transfer  function  is  curve  fit  to  a sum  of  sir^le- 
"egreo-of- freedom  transfer  functions.  Cf  the  firm  -domain  procedures,  that  cf  Wilcox  and  Crawford1 
applies  only  to  dual-mode  systems  and  comprises  an  iterative  least  squares  fit  of  two  damped  sine  waves 
to  the  response  function  data.  The  user  lias  to  provide  initial  estimates  of  the  modal  parameters  and  if 
these  are  not  accurate  enough  or  the  response  function  dat"  areficiistorted,  the  convergence  of  the 
process  is  not  guaranteed.  The  method  of  Spitznogle  and  Quazi18  iG  more  comprehensive,  m that  several 
modes  car  be  dealt  with  and  nc  initial  estimates  are  necessary.  The  main  problem  is  that  the  number  of 
nodes  actually  identified  is  dependent  on  the  1,-ngth  of  the  response  function,  rather  than  on  the 
number  o'  i las  actually  present.  In  general,  frequency  domain  methods  for  identifying  parameters  of 
raulti-moae  systems  have  found  more  favour.  The  min  reason  is  that  fer  multi-mode  systems  the  transfer 
function  data  are  easier  to  interpret  physicallv  than  the  • orresponding  response  function  (see  Fig. 5a). 
This  enables  some  engineering  judgement  to  be  use  m guiding  the  curve-fitting  routines.  The  analysis 
method  developed  by  Skingle  et  al"°  is  based  on  tie  Vector  plot  (a  plot  of  real  v.  imaginary  parts) 
of  the  transfer  function  in  which  each  modal  resonance  appears  as  a circle  (see  Fig. 5b).  The  user 
inspects  the  data,  decides  which  modes  are  present  and  provides  initial  estimates  of  frequency  and 
damping.  The  modal  parameters  are  then  estimated  by  an  iterative  routine  which  finds  the  "circ’es" 
which  car.  be  summed  to  give  a close  approximation  to  the  original  vector  plot.  Once  again,  if  the 
initial  estimates  are  poor  or  the  response  function  data  is  distorted,  the  convergence  of  the  process 
is  not  guaranteed.  It  should  be  noted  tliat  one  advantage  of  the  vector  plot  representation  ir  thet  the 
measiremcnt  r.cise  referred  to  in  lection  3.2  appears  ‘s  a shift  of  tne  circles  relative  to  the  ong.n  . 
An  alternative  approach  is  to  fit  a function  of  the  form, 
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to  the  complex  transfer  function  data  , where 
given  by, 


denotes  the  complex  conjugate.  The  Foies  pk  are 
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where  ^ are  the  natural  frequency  and  damping  ratio  respectively  in  the  kth  mcae.  The  mean 

square  error  between  H(ta  ) and  the  transfer  function  data  is  minimised  using  an  iterative  optimisation 
algorithm4.  Again  the  user  provides  initial  estimates  of  the  number  of  modes  anu  the  modal  parameters 
by  inspection  of  the  transfer  function,  but  in  this  case  the  optimisation  procedure  always  reduces 
the  mean  square  error  so  that  conveigence  i guaranteed,  aloeit  very  slowly  at  times.  A good  idea  of 
how  well  the  optimised  function  fits  con  be  obtained  by  superimposing  plots  of  the  optimised  transfer 
function  and  the  original  data.  This  approach  is  currently  being  implemented  at  KAE  to  facilitate  the 
analysis  of  buffeting  response  records  containing  contributions  from  several  modes. 

A FLIGHT/TUNNEL  COMPARISON  CF  BUFFETING  FOR  SMALL  COMBAT  TRAINER  AIRCRAFT 


In  order  to  evaluate  the  prediction  method  described  in  Section  2,  tests  have  been  carried  out  in  the 
8'  r 8’  Wind  Tunnel  at  RAE  on  a half-model  of  a small  two-seat  combat  trainer  aircraft.  The  wing,  which 
was  machined  out  of  a solid  block  of  aluminium  alloy,  was  attached  to  a steel  root-block  and  thence 
to  the  balance  by  an  arrangement  of  pre-stressod  bolts,  kaowr.  tv  have  low  structural  damping.  The 
wooden  fuselage  was  mounted  independently  on  an  earth-ring  surrounding  the  balance.  The  fin  and  tail- 
plane  were  not  represented  and  the  intakes  were  fairrd  tvfs  The  model  was  instrumented  with  eight 
accelerometers,  six  in  the  wing  for  determining  rtede  AHape  -a/vi  l-vo  in  - he  fuselage,  one  at  the  nose 
and  one  at  the  tail.  A wing-root-bei  ding-moment  brills  ol-o  iitted,  and  four  static  pressure 
tappings  were  used  tr  indicate  flow  separations  cl  '» re  t.-atllng  edge.  The  tests  were  performed  at 
three  Mach  numbers;  0.7,  0.8  and  0.85  over  u nufthsr  range  which  was  typical  oi  the  full-scale 

flight  tests.  At  each  angle  of  incidence,  a ouo- c.Sriiits  r-v mpl » of  the  transducer  signals  was  recorded 
on  magnetic  tape,  giving  about  2000  cycles  at  the  wing  fundamental  bending  frequency  of  33  Hz.  The 
measurements  were  an. lysed  on  two  Honeywell  3*6  computers  (one  -.its  AK  werds  oi  storage  and  one  with  16K 
words)  which  form  part  of  the  data  handling  system  of  the  8’  x 8’  Tunnel.  The  randomdec  process 
described  in  Section  3*3  was  used.  The  analogue  signal  from  magnetic  tape  was  filtered  to  isolate  the 
mode  of  interest,  converted  to  digital  form  and  sampled  the  AK  computer.  Tie  sample  rate  was  cnosen 
to  give  approximately  1C  samples  per  cycle  at  the  modal  frequency-  After  approxim  tely  100  cycles  of  the 
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mode,  the  data  block  of  1000  cycles  was  transferred  to  the  16K  computer  for  processing,  while 
sampling  was  continued  b;  the  6K  machine.  In  this  way  the  overage  randomdec  signature  for  a large 
number  of  cycles  was  built  up  from  the  individual  signatures  of  blocks  of  data  representing  about  100 
cycles.  In  addition,  by  a suitable  choice  of  tape  replay  speed  and  sample  rate,  it  could  be  arranged 
that  the  analysis  time  for  a bloc’-  of  data  was  le  s than  the  sampling  time  for  the  next  block,  thus 
ensuring  that  all  of  the  original  analogue  signal  was  procesi ed.  Die  damping  ratio  was  estimated  by 
linear  regression  on  the  logarithmic  decay  of  the  peak  amplitudes  of  the  randomdec  signature,  as  described 
in  Section  3*?.  So  far,  the  analysis  oi  the  data  for  buffeting  response  in  the  first  wing  bending  mode 
has  been  completed.  Results  for  rms  wingtip  acceleration  and  damping  ratio  va. angle  of  incidence 
are  shown  in  Fig. 7,  for  K =,.0.7  and  dynamic  pressures  of  55*2  and  27.6  kf!/m^,  corresponding-  to 
Reynolds  numbers  of  l8.5x10fc  and  9.5x10^. 

It  can  be  seen  that,  m general,  for  a given  angle  of  incidence  both  the  response  cr  and  damping  4 
are  higher  for  the  higher  dynamiij  pressure.  This  is  to  be  expected  if  the„aerodynamic  damping  is 
predominant,  in  which  case  o' ~p  t-  and  4 ~ p , where p is  the  air  density'*  . At  high  incidence  the  rms 
responses  is  virtually  independent  of  dynamic  pressure.  The  results  for  H = 0.8  and  C.85  exhibit 
similar  cnaracteristics. 

6.1  Determination  of  nondimensior.al  parameters  £ and  K 

In  order  to  make  use  of  the  wind-tunnel  data  for  the  prediction  of  flight  buffeting  response,  the 
buffet  excitation  parameter  E and  the  aerodynamic  damping  parameter  K must  be  calculated  (see 
Section  2).  To  determine  E from  equation  (5),  besides  the  model  geometrical  parameters,  c and  S,  the 
flow  parameters,  V and  q,  and  the  response  parameters  c and  4 , we  need  to  know  to  the  natural 

frequency  and  n,  the  generalised  mass  of  the  mode.  These  structural  parameters  were  measured  in  a 
wind-off  rei'nanoo  test,  in  which  the  model  was  excited  with  an  electromagnetic  shaker.  The  natural 
frequency  of  the  node  was  taken  tc  be  the  point  of  maximum  phase-shift  between  the  response  and 
excitation  for  equal  frequency  increments,  a 1 the  generalised  mass  m was  determined  directly  by 
considerin  the  change  in  natural  frequency  tie  to  th'  tddition  of  a small  mass  to  the  ving“.  The 
mode  -hope  function  h was  also  estimated  by  measuring  the  response  at  a grid  of  points  on  the  wing. 

To  determine  k from  equation  (8),  besides  the  structural,  flow  and  g- ometricnl  parameters,  we  need 
'o  separate  the  total  darpi.ig,  measured  frem  the  decay  of  the  randomdec  signature,  into  structural  and 
aerodynamic  components.  As  noted  in  lection  2,  the  estimation  of  the  aerodynamic  damping  ratio  4 

from  equation  (2)  may  be  difficult  to  perform  with  accuracy,  since  the  structural  damping  1.  not 
necessarily  constant  and  equal  to  the  uind-eff  value.  Previously  observed  variations  in  structural 
dampi-'g  during  buffeting  tests^’^  suggest  that  the  structural  damping  term  4 

s 

can  be  expressed  as  a function  of  rormal  force  and  rms  response.  Some  indication  of  the 
behaviour  of  5 with  response  can  be  obtained  from  a wmri-off  resonance  test,  by  varying  the 

excitation  amplitude  and  observing  directly  the  tructural  damping  for  various  levels  of  response. 

Such  a test  will  not  be  conclusive,  in  general,  because  (i)  the  wing  will  not  be  subject  tc  a 
representative  aerodynamic  loading  and  (li)  the  exciter  itself  may  contribute  a damping  component  which 
varies  with  response.  For  the  data  shown  in  Fig. 7 the  resonance  tost  indicated  an  increase  m 
structural  damping  from  C.2%  to  0.6?!  critical  as  the  rms  response  wa.  increased  from  0.1  g to  0.6  g. 
Further  information  or.  the  variation  of  4 ..  with  response  and  normal  force  can  often  be  inferred  from 

the  bui feting  response  and  damping  measurements.  To  illustrate  this  we  consider  the  data  of  Fig. 7. 

The  vuid-tur- el  measurements  were  carried  out  at  two  different.  Reynolds  numbers  for  v;»  ich  the 
density  latio  and  hence  the  dynamic  pressure  ratio  was  two.  We  would  thersfore  expect  that  the 
aerodynamic  damping  components  would  differ  by  a factor  two  also.  In  Fig. 7,  at  low  angles  of  incidence, 
total  damping  values  of  approximately  3%  and  1.6%  critical  are  consistent  with  the  tur.rcl  density  ratio 
and  a structure.1,  damping  of  0.2?!.  At  high  angles  of  incidence,  total  damping  values  of  approximately 
3.8?!  and  2.2%  are  consistent  with  a structural  damping  ratio  of  about  0.6%. 

The  similarity  of  the  response  curves  for  both  dynamic  pressures  in  Fig. 7 indicates  th,  t the  inferred 
variation  in  £ is  probably  a function  of  rms  re,  ponse  rather  than  normal  force  and  the  results  of  the 

resonance  test  tend  lr  confirm  this.  For  the  data  cf  Fig. 7 we  therefore  assume  t.wt  the  structural 
damping  remains  corstunt  at  0.2%  up  to  buffet  onset  and  then  increases  to  C .(>%  at  heavy  buffet.  The 
example  above  chows  how  results  from  resonance  tests,  and  tunnel  results  at  different  densities  can  be 
combined  to  soparae  the  damping  components.  Similar  arguments  are  involved  in  Reference  6,  where 
measurements  at  low  incidences  in  the  at. ached  flow  regime-  ar.d  at  high  incidences  with  the  . ing  stalled, 
are  used  to  infer  that  the  structural  damping  component  is  constant. 

In  general  the  cep,.i ation  of  structural  and  aerodynamic  damping  components  is  a heuristic  process, 
involving  the  resolution  of  information  from  a number  of  aspects  of  the  measurements  into  a ccnsistart 
framework.  In  the  example  given  above  t.ie  aerodynamic  damping  is  much  larger  than  the  structural 
component  and  the  separation  is  relatively  straightforward.  It  should  be  < mphasised  that  with  a wing 
made  of  steel,  the  aerodynamic  compcnent  would  be  1 educed  by  a factor  of  3,  whereas  the  structural 
damping  would  be  approximately  the  seme.  The  separation  problem  would  therefore  be  subject  to  much 
greater  uncertainty. 

The  values  of  E and  K corresponding  to  the  data  of  Fig. 7 nave  been  calculated  end  are  shown  in  Fig. 8. 

In  this  case  E is  plotted  on  a log  rithmic  scale  to  show  that  tl>e  reduction  of  tne  measurements  to 
nondimensional  form  hi  s collapsed  the  rms  response  data  successfully  over  most  or  the  incidence  range. 

The  difference  in  the  two  curves  at  high  incidence  may  be  anticipat'd  fi j a Fig. 7,  where  the  roaporse  is 
virtually  independent  of  dynamic  pressure  at  high  incidence.  This  may  be  due  to  scale  effects  on  the 
win-  flows  over  the  2:1  lange  in  dynamic  pre  sure  and  hence  in  Reynolds  number.  It  should  be  noted, 
however,  that  tfci:  occur  it  angles  of  incidence  beyond  those  obtainable  m flight  and  will,  therefore, 
net  affect  the  flight/tunnel  compare  ion.  The  curves  for  K against  a show  no  significant  variation  of 
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aerodynamic'  damping  with  ncidcncc  or  dynamic  pressure. 

A.  2 Prediction  of  flight  buffeting  response  and  comparison  with  measurements 

The  curves  for  E end  K (Fig. 8)  have  boon  used  to  predict  the  buffeting  response  in  the  first  wing 
bending  mode  for  full-scale  fli,ht  conditions.  The  aircraft  structural  parameters  <o  and  m were 

measured  in  a ground  resonance  test.  The  mode  shape  function  h wos  also  measured  for  the  aircraft 
ana  found  to  be  very  similar  to  that  f tne  model.  Measurements  of  the  variation  of  structural 
darning  with  response  were  also  made,  but  no  significant  variation  wa.,  found  over  the  range  0.1  to  0.3 
g ins  at  the  uingtip  accelerometer.  The  aircraft  structural  damping  was  therefore  assumed  to  bo 
constant  at  the  measured  v.ilue  of  1.15.  critical.  Using  equations  (2),  (?)  and  (4),  the  total  damping 
in  the  mode  a d the  rms  response  at  the  aircraft  accelerometer  position  were  predicted.  In  order  to 
facilitate  comparison  w. Ih  fli,  ht  results,  the  predicted  variation  of  those  parameters  with  normal 
force  coefficients,  C.  has  bee.,  calculated  and  is  plotted  in  Fig. 9. 

Also  shown  in  Fi,  .9  Do  vduec  obtain* d from  flight  measurements.  The  aircraft  was  instrumented  with 
an  accelerometoi  ut  each  win;  tip  (see  Fig. 6)  and  buffeting  response  data  was  obtained  at  Each  numbers 
of  *..7,  0.8  d 0.8,.  I..  flight  it  was  not  possible  tc  hold  l.ach  number,  altitude  and  angle  of  incidence 

constant  for  . l rgc  number  of  cycles  of  tr.c  wing  bending  mode  (12  Hz)  and  so  measurements  were  mode  at 
.or.  tnx.t  incidence  and  ! arh  number  with  tr.c  aircraft  losing  height.  Data  was  taKer.  over  three  distinct 
altitude  ranges  as  shown  in  Fig. 9.  It  was  found  that  the  Mach  number  and  incidence  could  be 
held  virtually  constant  for  period  of  between  10  and  5C  seconds,  the  higher  the  Mach  number  and 
incidence,  the  shorter  the  time.  As  with  the  wir.d-tunxel  measurements  described  earlier,  the  flight 
data  were  analysed  u ing  the  rondomdec  technique.  The  flight  damning  values  given  in  Fig. 9 were 
deterr.ined  from  the  ,.veiage  randoffidec  signature  for  a number  of  runs,  at  the  same  condition;.,  chosen 
so  that  at  le-.st  5C0  cycles  cf  the  node  were  covered.  Fig. 9 indicates  that  the  predicted  damping  ratios 
agree  very  well  with  measured  flight  data,  ran,  mg  from  JK  critical  at  the  higher  altitudes  to 
critical  at  lower  altitudes.  In  addition,  it  con  be  seen  that  the  predicted  variation  cf  response 

with  normal  force  coefficient  C^,  is  in  good  agreement  with  flight  measurements  over  the  >r.tire 
range  of  incidence  for  which  a comparison  is  possible. 

5 CONCLUDING  REMARKS 

A preliminary  evaluation  of  a technique  .or  predicting  buffet  loads  or  response  ir.  flight  from  wind- 
tunnel  measurements  has  been  carried  out,  using  a light-alloy  half-model  of  a small  combat  trainer 
aircraft.  Comparison  of  predicted  response  values  with  flight  measurements  of  buffeting  in  the  first 
wing  bending  mode  indicate  that  both  the  ms  response  and  the  damping  ratio  can  be  predicted  with 
good  accuracy.  It  is  planned  to  extend  the  analysis  initially  to  include  response  in  the  second 
bending  mode  and  possibly  other  modes  which  are  common  to  both  model  and  aircraft.  The  ability  to  deal 

with  a number  cf  modes  will  depend  to  some  extent  on  the  successful  implementation  cf  the  model  analysis 

methods  referred  tc  in  Section  3« 

In  addition  tests  will  be  carried  out  on  a geometrically  similar  model  with  a wing  made  cf  steel 

rather  than  light  alloy.  It  is  hoped  that  these  will  indicate  whether  the  smaller  response  and 

aerodynamic  damping  component  a-  sociated  with  the  heavier  model  can  still  lead  to  flight  predictions 
of  acceptable  accuracy. 

Plans  are  also  in  hand  for  the  generalisation  of  the  approach  to  cover  situations  ir.  which  the  mode 
shapes  on  the  model  end  the  full-scale  aircraft  are  r.ot  ..ecessarily  similar.  One  possibility  which  is 
currently  being  explored  is  to  use  information  about  the  extent  end  position  of  the  separated  flow 
regions,  to  eliminate  the  mode-shape  from  the  excitation  function  E und  thus  produce  a measure  of  the 
generalised  unsteady  pressure  field  over  the  wing. 

It  is  felt  that  the  initial  results  from  the  evaluation  are  sufficiently  encouraging  to  <stify 
continued  development  of  the  method.  In  particular,  the  relative  simplicity  of  the  model  construction 
and  analysis  procodires  make  thia  approach  p: rticula-ly  attractive  for  predicting  buffeting 
characteristics  at  an  early  stage  of  project  development. 
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Model  Test  Flight  Prediction 


Fig.l  The  buffeting  prediction  method  suggested  by  Jones4 
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(a)  Undistorted  single -degree -of -freedom  autocorrelation 


(b)  Autocorrelation  distorted  by  noise  and  second  mode 


Imaginary 


(b)  Vector  plot  of  dual -mode  transfer  function  with 
resonances  at  frequencies  f|  and  f2 


Fig  4 Distoition  of  autocorrelation  function 


Fig.5  Transfer  function  representations 
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Fig.6  Model  of  small  combat  trainer  aircraft  m RAF  8'  x 8'  wind  tunnel 
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QUASI-STEADY  AND  TRANSIENT  DYNAMIC  STALL  CHARACTERISTICS 

by 

Lars  E.  Ericsson  and  J.  Peter  Reding 
LOCKHEED  MISSILES  & SPACE  COMPANY,  INC. 

Sunnyvale,  California,  94088,  U.S.A. 


SUMMARY 

Dynamic  airfoil  stall  is  characterized  by  two  separate  events:  1)  There  Is  a substantial  overshoot  of  the  static 
stall  angle  and  static  lift  maximum  before  bona  fide  separation  occurs,  2)  After  separation  has  occurred,  a "spilled" 
leading  edge  vortex  travels  downstream  over  the  chord  causing  large  changes  in  the  aerodynamic  force  distribution. 
With  some  license  the  first  event  can  be  characterized  as  quasi-steady,  whereas  the  second  event  is  truly  a transient 
phenomenon.  An  analysis  is  presented  which  extends  the  earlier  developed  quasi-steady  theory  to  include  the  transient 
effect  of  the  "spilled"  leading  edge  vortex.  The  large  effects  of  compressibility  on  the  dynamic  stall  characteristics 
are  also  accounted  for  in  the  analysis.  The  analytic  results  are  in  good  agreement  with  available  dynamic  experimental 
data. 

LIST  OF  SYMBOLS 


AR 

2 

aspect  ratio,  AR  = b“/S 

1 

dimensionless  x-coordinate,  i = x/c 

b 

wing  span 

P 

air  density 

c,  c 

reference  length:  c = 2-D  chord:  c = S/b 

PN 

nondimensional  nose  radius,  P^  = r^/c 

K 

a 

dynamic  overshoot  coefficient,  Eq.  (1) 

wake  lag,  Eq.  (1) 

k 

reduced  frequency,  2k  = u> 

*s 

stall-induced  additional  phase  lag,  Eq.  (1) 

L 

lift:  coefficient  CL  = S 

ojJj 

oscillation  frequency,  to  = u>c/Vm 

l 

section  lift:  coefficient  c^  = r/ [ (Pm  U^, ) 2 J c 

Subscript 

s 

M 

Mach  number 

AC 

aerodynamic  center 

MP 

pitching  moment:  coefficient  Cm 

CG 

center  of  gravity,  oscillation  axis 

= Mp/j^U^S; 

c 

convection 

m 

P 

section  pitching  moment:  coefficient  cm 

ent 

critical 

= V(p“>u«/2)c2 

DYN 

dynamic 

n 

section  normal  force,  coefficient  cn 

e 

boundary  layer  edge  conditions 

= 2>c 

LE 

leading  edge 

P 

static  pressure:  coefficient 

MAX 

maximum 

= Cp-p^Ap^uI/2) 

N 

nose 

Re 

Reynolds  number  based  on  chord  length 
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SLE 

shock-augmented  leading-edge  separation 
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1.  INTRODUCTION 

In  a recent  review  of  the  state  of  the  art  in  predicting  the  aerodynamic  loading  on  an  airfoil  during  dynamic 
stall  McCroskey  (Ref.  1)  points  out  two  main  deficiencies;  we  can  prodict  neither  the  large  effects  of  the  "spilled" 
leading  edge  vortex  nor  the  equally  largo  effects  of  compressibility  on  the  dynamic  stall  characteristics.  The 
"spilled"  vortex  effect  has  been  documented  by  McCroskey  et  a!  (Refs.  2 and  3)  and  by  Ham  and  Garellck  (Ref.  4). 

The  ‘arge  effect  of  compressibility  on  the  damping  in  stall  has  been  demonstrated  by  experiments  performed  by  Lliva 
et  al  (Ref.  5)  and  by  Moore  et  al  (Ref.  6).  In  the  present  paper,  analytic  methods  developed  earlier  (Refs.  7 and  8) 
are  extended  to  include  the  "spilled"  vortex  effect  and  the  effect  cf  compressibility  thoreon. 

2.  DISCUSSION 

Dynamic  airfoil  stall  is  characterized  by  two  separate  events:  1)  There  is  a substantial  overshoot  of  static 
stall  angle  and  static  lift  maximum  before  bona  fide  separation  occurs,  2)  After  separation  has  occurred,  a "spilled" 
leading  edge  vortex  travels  downstream  over  the  chord  causing  large  chaises  in  the  aerodynamic  load  distribute  ,. 

The  first  event  can  be  characterized  as  quasi-steady,  whereas  the  second  event  is  truly  a transient  phenomeno  i.  In 
earlier  work  (Refs.  7 and  8),  only  the  quasi-steady  phase  of  dynamic  stall  was  considered.  It  was  shown  tha*  ne- 
glecting the  transient  phase  was  permissible  when  considering  the  airfoil  damping  in  pitch,  provided  that  the  reduced 
frequency  of  the  pitch  oscillation  was  small.  The  soundness  of  this  analytic  approach  has  been  verified  by  later 
results  obtained  in  numerical  and  experimental  investigations  (Ref.  9).  However,  McCroskey  et  al  (Refs.  1 and  2) 
recently  have  demonstrated  that  the  occasions  when  the  transient  effect  can  be  neglected  are  probably  rare  and  of 
little  practical  consequence  to  the  helicopter  designer. 

3.  ANALYSIS 

Comparing  the  large-amolltude  oscillatory  data  of  McCroskey  et  al  (Ref.  2),  shown  in  Fig.  1,  with  the  a-ramp 
data  of  Harn  et  al  (Ref.  4),  shown  in  Fig.  one  finds  great  similarities  in  tho  "upstroke"  characteristics.  It  appears 
that  the  first  half  cycle  of  the  post-stall  oscillation  in  Fig.  2 is  captured  by  the  large-amplitude  oscillation  in  Fig.  1. 

It  is  discussed  in  Ref.  10  how  the  ramp  data  by  Ham  et  al  (Ref.  4)  are  similar  to  those  obtained  by  Lambcurne  (Ref. 

11)  at  high  subsonic  speed  where  shock-induced  flow  separation  is  the  prevailing  stall  type.  In  both  oases  the  sepa- 
ration point  is  describing  a pseudo-harmonic  oscillation  around  a quasi-steady  mean  position  m the  low  speed  stall 
case  the  separation  point  overshoots  all  the  wty  to  the  leading  edge  in  the  first  half  cycle  before  a leading  edge  vortex 
is  "spilled".  In  subsequent  oscillatory  cycles  the  separation  point  does  not  reach  za  far  forward  and  the  "spilled" 
vortices  become  more  diminutive  (Ref.  3).  Fig.  1 shows  that  it  can  be  very  important  to  include  the  transient  "spilled" 
vortex  effect. 

3. 1 Quasi-Steady  Effects 

McCroskey  et  al  (Ref.  2)  measured  the  phase  angle  (cot)  at  which  three  dynamic  events  lake  place,  viz, , Begin 
Moment  Stall,  cn  AtAX  and  -Cm  M/ Y (Fig.  3).  The  first  event  should  coincide  with  the  phase  angle  (cot)vs  at 
which  the  leading  edge  vortex  .s  (Hist)  "spilled'’  downstream.  The  analysis  method  of  Refs.  8 and  9 can  be  applied  to 
give  this  phase  angle  (cjt),.^.  Eq.  (9)  of  Ref.  9 gives: 
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The  test  data  in  Figs.  1 and  3 are  for  a = 15°.  According  to  the  available  static  data  (Ref.  12)  the  stall  angle 
for  NACA-0012  is  0%  = 15. 5°  for  an  effective  Reynolds  number  of  3. 5 million.  The  test  data  in  Figs.  1 and  3 are  for 
Re  = 2. 5 x 10°,  and  Eq.  (2)  should  be  valid  within  the  expected  data  accuracy. 

McCroskey  et  al  (Ref.  2)  showed  that  the  dynamic  stall  for  the  data  shown  in  Fig.  3 is  for  a turbulent  boundary 
layer.  Thus,  4Sp  = 0.  75  according  to  our  quasi-steady  analysis  (Refs.  8 and  9).  For  £Cq  = 0.25,  Eqs  (1)  and  (2) 
give  the  (wt)vs  values  shown  by  the  solid  line  in  Fig.  3.  The  agreement  with  the  corresponding  measured  event, 

Begin  Moment  Stall,  Is  very  satisfactory. 

3. 2 Transient  Effects 

According  to  measurements  (Refs.  13  and  14),  the  "spilled"  leading  edge  vortex  travels  down  the  chord  with  a 
velocity  (J  = 0. 55  UOT.  The  phase  lag,  (dcet)vTE,  corresponding  to  the  time  needed  for  the  vortex  to  travel  from  the 
leading  edge  to  the  trailing  edge  is  simply 

(Awt)vTE  = (U^/U^w  =1.80 


(3) 


24-3 


Adding  tills  lag  to  (wt)vs  gives  the  phase  angle  for  vortex  passage  over  the  trailing  edge,  which  is  shown  by 
the  dash-dotted  line  in  Fig.  3.  It  agrees  very  well  with  the  measured  phase  lag  for  the  occurrence  of  -cm  MAX- 
The  moment  should,  of  course,  peak  just  before  the  vortex  leaves  the  airfoil;  and  cn  max  3*'ould  occur  somewhat 
earlier  (Ref.  15).  The  test  data  in  Fig.  3 indicate  that  the  phase  lag  that  should  be  added  to  (wt)vs  to  predict  the 
occurrence  of  cn  MAX  is  approximately  70  percent  of  (4wt)v.pg.  This  estimate  is  shown  by  the  dashed  line  in 
Fig.  3. 

With  the  phase  characteristics  of  the  "spilled”  vortex  phenomenon  known,  it  remains  to  determine  the  magnitude 
of  the  vortex-induced  load  before  the  full  effects  on  dynamic  stall  characteristics  can  be  predicted.  The  leading  edge 
vortex  of  the  delta  wing  is  very  similar  to  the  "spilled”  vortex  on  the  airfoil.  Both  cause  a nonlii.ear  lift  increase 
(Fig.  4).  The  shed  vortex  causes  the  dynamic  overshoot  of  the  infinite  Reynolds  number  lift  ceiling  discussed  earlier, 
and  the  leading  edge  vortex  on  th?  delta  wing  causes  an  excess  lift  relative  to  conventional  "attached  flow"  theories 
(Ref.  16).  The  effect  of  both  vortices  on  the  section  pressure  distribution  is  illustrated  in  Fig.  5.  For  the  pitching 
airfoil,  the  results  by  Ham  et  al.  (Ref.  4)  show  the  usual  attached  flow  pressure  distribution  to  persist  well  beyond 
static  Cf..Av  This  is  due  to  the  "spilled"  vortex  and  its  suction  effect.  The  leeside  pressuie  oistribution  on  the 
delta  wingsndws  a similar  suction  peak  under  the  leading  edge  vortex  (Ref.  17).  Furthermore,  both  effects  are 
associated  with  a flow  field  time  lag  (Fig.  S).  Thus,  the  transient  "spilled"  leading  edge  vortex  is  the  two-dimensional 
time -dependent  equivalent  to  the  three-dimensional  steady-state  leading  edge  vortex  shedding  off  a highly  swept  leading 
edge. 


For  a delta  wing  with  apex  half  angle  0T  R and  center  chord  cQ,  Polhamus'  leading  edge  suction  analogy  (Ref. 
16)  gives  the  following  vortex-induced  normaliorce: 


where 


Nv  = %oco  ® ’,sln2°' 
c = (c0/2)  tan  0Lp 


The  angle  of  attack  normal  to  the  leading  edge  is 
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The  corresponding  dynamic  pressure  q^  as  a fraction  of  free  stream  dynamic  pressure,  q^  , is 

2 2 2 

q^  /q^  = sin  a + cos  a sin  eLE 


(7) 


Combining  Eqs.  (4)  through  (!)  gives  the  following  average  strip  load: 


c„c 


, 2 

r sin  ct, 


(8) 


Eq.  (8)  should  give  an  estimate  of  the  normal  force  associated  with  the  "spilled"  leading  edge  vortex  if  is 
substituted  by  the  vortex  shedding  angle  ayg. 


avs  = «S  + Ka^“C08  «Ot)vg 


(9) 


Static  data  show  the  lift  4c£v  lost  with  the  "spilled"  leading  edge  vortex  (See  inset  in  Fig.  7),  Fig.  7 shows 
that  with  4c,  v = c cos  a-,  Eq.  (?)  gives  a rather  good  prediction  of  the  measured  vortex  lift  loss  (Refs.  12 
and  18).  ni 


it 

i 
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Application  of  Eqs.  (8)  and  (9)  to  the  data  in  Fig,  1 gives  a substantial  unJerpredlction  of  the  experimentally 
observed  "spilled"  vortex  effects.  The  reason  for  the  underprodictlon  could  be  the  following.  The  static  data  (Ref. 

12)  show  a pre-stall  loss  of  lift  (Fig.  8).  It  is  caused  by  trailing  edge  separation,  which  does  not  have  time  to  develop 
in  the  case  of  dynamic  stall,  due  to  the  additional  convective^ time  lag  (Ref.  9).  Thus,  AcJv  rather  than  Ac,y  should 
be  used  (see  inset  in  Fig.  9).  The  variation  of  the  ratio  &c,y/Aciv  with  Reynolds  number,  obtained  from  Fig.  8 for 
NACA-0012,  Is  shown  in  Fig.  9.  The  infinite  Reynolds  number  asymptote  applicable  to  the  dynamic  stall  case  (Refs. 

8 and  9)  gives  Aciv/Acfv  = 1.  5.  Thus,  for  the  NACA-0012  airfoil  at  least,  the  value  given  by  Eq.  (8)  should  be 
increased  by  50  percent. 

4c  = 1. 5 7r  sin  2 a (10) 

nv  vs  ' 

Combining  Eq.  (9)  with  the  analysis  in  Ref.  7 gives  ^cnMAx)  DYN 

(“bMAX/DYN  = ^CaMA.x)  Q. 
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MAX  Q.S. 
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Acn  and  Acnl  are  the  effects  of  pitch  rate  induced  camber  and  apparent  mass  terms.  It  was  shown  in 
Refs.  8 ai?d  9 that  Acns  usually  can  be  neglected,  whoreas  Acmg  can  be  significant. 

For  the  case  usually  considered,  = 0.25,  Eq.  (12)  simplifies  to 


(°mMAx) 


= - Ac  + Ac 


DYN 


(13) 


where  -Acms  is  a function  of  ^c6/U£0|v3  =-A0u>cos  (®t)va  and  /Va>2)vg  = -A0w2  sin  (wt)vg  (see  Ref.  7). 

Fig.  10  is  Fig.  19  of  Ref.  1 in  which  the  old  Lockheed  prediction  has  been  substituted  with  the  present  one  that 
includes  the  effect  of  the  "spilled"  vortex.  The  figure  shows  good  agreement  between  experimental  results  and  present 
prediction. 

3.  3 Rampwise  a - Change 

In  the  case  of  rampwise  Ct-  change,  Eq.  (1)  is  substituted  by  the  following  equation  (Refs.  8 and  9) 


= a + Act  + Act  + Act, 


vs  s 


ca/UK 


Aas  = Ka  ca/U* 
4asp  = *sp(c“/U« 


sp 
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and  the  equation  corresponding  to  Eq.  (3)  is 


4avTE  = 1*?c<i/U<, 


(15) 


For  the  turbulent  type  leading  edge  stall  occurring  on  most  airfoils  (Refs.  1 and  2),  the  following  parameter 
values  apply  (Ref.  9) 


( = 1.5  I 

w I 

Ka  = 2 i1  + 2 «cg)  <16> 

*sp  = °-75  ) 


The  experimental  results  obtained  by  Ham  et  al  (Ref,  4)  are  replotted  in  Fig.  11  together  with  the  angle  of  attack 
variation  with  time.  The  angular  rate  can  be  approximated  by  two  constant  values,  a slow  rate  of  cctj/U^  = 0. 012 
below  = 5°  and  a much  higher  rate,  cao/U®  = 0.043,  for  <*2 >5°.  At  a = 5°  the  flow  is  attached,  and  the 
total  time  lag  before  the  new  rate  is  influencing  the  lift  is  simply  the  Karman  - Sears  lag  (Ref.  19).  That  is, 

Aa^  = 1.5  ca/Ua  = 3.7°.  Adding  this  time  lag  effect  to  dj  = 5°  gives  the  angle  of  attack,  a „ = 8.  7°,  at 
which  the  higher  angular  rate  starts  affecting  the  aerodynamic  characteristics.  Due  to  pitch-rate-inauced  camber 
and  apparent  mass  effects,  the  attached  flow  lift  curve  will  lag  the  static  lift  by  only  half  the  Karman  - Sears  wake 
lag  (Ref.  9).  Thus,  the  lag  is  Aawl/2  = 0.5°  forot<a2  ahd  aw2/2  = ^or  a>a2'  To  this  attached  flow 
lift  Is  added  the  "spilled"  vortex  effect  as  described  earlier.  The  resulting  predicted  lift  is  shown  by  the  solid  line 
in  Fig.  11.  It  appears  that  aside  from  an  a - zero  shift  of  2. 5°  (in  the  apparent  static  reference  data)  the  attached 
flow  lift  characteristics  are  in  good  agreement  with  experimental  results.  Applying  this  a - zero  shift  gives  the 


# Note  that  dynamic  c»  occurs  after  70  percent  of  the  phase  lag  Act  __  as  was  discussed  earlier. 
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prediction  shown  in  Fig.  12.  The  agreement  between  present  prediction  and  experimental  results  (Ref.  4)  is  rather 
good.  In  regard  to  the  differences,  the  following  can  bo  said. 

Three-dimensional  flow  phenomena  e?.n  distort  the  ’’two-dimensional”  measurements  made  in  one  chord-wise 
strip  using  fast  response  pressure  transducers,  as  in  the  present  case  (Ref.  20).  The  a -zero  shift  could  have  been 
caused  by  such  interference  tffects,  although  it,  as  well  as  the  delation  between  static  and  dynamic  substall  moment 
characteristics,  could  also  have  been  introduced  electronically  during  the  data  recording  and  processing.  Moss  and 
Murdin  (Ref.  21),  who  performed  almost  tho  same  experiment  as  Ham  and  Garolick  (Ref.  4)  conclude  that  their  anom- 
alous dynamic  results  were  in  large  part  due  to  the  three-dimensional  flow  effects  illustrated  in  Fig.  13.  McCroskey 
et  al  (Ref.  2)  observed  in  their  test  "large  three-dimensional  interactions  between  the  model  and  the  tunnel-wall 
boyndary  layers",  but  found  the  effects  to  bo  decreasing  with  increasing  k until  they  were  effectively  filtered  out 
and  "could  hardly  be  detected  for  k a 0.15.”  Thus,  the  results  in  Fig.  1 and  the  high  frequency  results 
(dis  0.  3)  in  Figs.  3 and  10  are  free  from  3-D  flow  Interaction  effects.  However,  the  lower  frequency  results  in 
Figs.  3 and  10  as  well  as  the  ct  -ramp  data  m Figs.  2,  11,  and  12  presumably  all  would  have  been  influenced  by  the 
airfoil  - wall  flow  interaction.  Of  course,  it  may  accidentally  happen  that  the  end  plate  vortex  in  a two-dimensional 
test  supplies  venting  of  the  separated  flow  region  similar  to  that  of  the  tip  vortex  on  a rotating  helicopter  blade  (Fig. 
14).  Twaltes  (Ref.  22)  has  discussed  how  the  wall-boundary-layer  separation  caused  by  a cylindrical  protuberance 
rolls  up  into  a horseshoe  vortex  (see  left  part  of  Fig.  14).  Gregory  et  al  (Ref.  23)  show  how  at  stall  the  end  plate 
boundary- layer  separates  to  form  a similar  wing-end  plate  vortex  (see  right  half  of  Eq.  14),  which  is  of  the  same 
direction  as  the  tip  vortex  for  a loaded  wing  tip  (see  bottom  part  of  Fig.  14). 

4.  COMPRESSIBILITY  EFFECTS 

The  large  effect  of  subsonic  Mach  number  on  dynamic  stall  observed  by  Liiva  et  al  (Ref.  5)  in  their  experiments 
is  shown  in  Fig.  15.  Goetz  (Ref.  24)  measured  similar  large  M-effects  on  the  stall  flutter  boundary  of  a straight  wing 
(Fig.  16).  It  was  shown  ,n  Ref.  25  how  this  flutter  boundary  could  be  predicted  analytically.  The  analytic  methods  of 
Ref.  25  will  be  applied  here  to  predict  the  Mach  number  trend  of  the  data  in  Fig.  15. 

4. 1 Effect  of  Compressibility  on  c,iMAX 

Using  the  simple  analysis  by  Ville  (Ref.  26)  one  can  determine  the  compressibility  effect  as  follows.  Near  tho 
leading  edge,  all  NACA  airfoil  shapes  are  well  approximated  by  a parabola,  with  the  nose  radius  as  the  characteristic 
length 

» ? 2 = 2 Pn£  (17) 


The  velocity  determined  by  potential  flow  theory  is  as  follows  for  moderate  a (Refs.  26  and  27) 


Ue/U«  = K°’5  + j1  + (V2)°'5]H/($  + V2)0'5 
3y/3£  = |(PN/2)f0-5  - [l  + (PN/2)°'5|a}/2(?  + Pjj/2)1* 


(18) 


(1&) 


From  Eqs.  (18)  and  (19)  one  obtains 

(V”4max  = i1  + 11  + (V2)0,5!2  ° 2 1 (V2)!0*5  <2o> 

For  a typical  nose  radius  (e.g. , p^  = 1%),  the  tunnel  Mach  number  at  a = 10°  would  have  to  be  M^s  0. 1 
In  order  to  correspond  to  the  low  angle-of-attack  assumption  for  incompressibility;  i.e. , M < 0.4.  Thus,  for  all 
practical  purposes  there  is  no  such  thing  as  incompressible  airfoil  stall.  Unfortunately,  the?e  is  no  information 
available  about  the  test  Mach  number  for  most  of  the  available  static  stall  data.  The  range  usually  given  is  150  mph 
sUto  300  mph,  which  corresponds  to  0.2  5 Mm  < 0. 4.  This  Mach  number  range  can  cause  quite  a change  in  CLnlax 
as  is  shown  in  Ref.  25. 


The  effect  of  surface  slope  or  thickness  is  scaled  by  the  Prandtl-Glauert  Analogy  (Ref.  28) 

H „ (l-M2)0-5 

' «' 


(21) 


This  applies  for  a sharp  leading-edge  airfoil  at  low  a , when  maximum  velocity  is  determined  by  airfoil  thick- 
ness. However,  on  a "round-nosed"  airfoil  at  stall,  the  maximum  velocity  occurs  at  the  nose,  and  surface  curvature 
rather  than  slope  determines  the  peak  velocity.  Following  the  usual  procedure  of  neglecting  the  effect  of  n'  compared 
to  T)"  when  determining  the  curvature,  the  peak  velocity  near  stall  is  scaled  by  /)".  Equations  (17)  and  (21)  give 


That  is, 


n”  = - v'3/Pn  ~(i  - m®)1,5 

J(C2MAx)2^(°tMAx)J  Rc  - ® = (X  **2) /l1  " Ml) 


(22) 
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At  higher  Mach  numbers,  the  M-depcndence  given  by  Eq.  (23)  is  obviously  not  valid.  Whon  the  leading  edge 
stall  is  shock  induced,  the  effect  of  Mach  number  on  c.  becomes  much  less.  Tests  indicate  that  the  M-dependence 
is  the  same  for  rounded  leading  edge  airfoils  as  for  double  circular  arc  airfoils  (Hof.  30).  This  insenslt.vlty  to  geom- 
etry lias  also  been  demonstrated  for  other  airfoils.  Thus,  the  maximum  lift  is  determined  by  the  airfoil  thickness  and 
one  would  expect  that  the  sharp  -leading -edge /thickness -dominated  case,  Eq.  (21),  is  the  appropriate  sealine  model  for 
mSLE  < M,  < mSTE-  Tllat  |R 


(ciMA.:),,  /(C1MAX)1 


(24) 


The  critical  Mach  number  MgLE  Is  tliat  giving  shock-augmented  leading-edge  separation.  For  Mach  numbers 
above  MsTE,  the  shock  is  moving  back  towards  the  trailing  edge,  and  the  separation  is  of  the  shock-augmented  trailing 
edge-type.  It  is  obviously  important  to  determine  MgLjr  for  the  particular  airfoil  of  interest  Pearcy  (Ref.  31) 


shows  that  incipiem  separation  occurs  whon  the  shock  strength  is  P2-'Pi 
edge  separation  occurs  when  the  local  Mach  number  approaches  Me  =xl.  4 (slightly  lower 
than  12  percent).  The  ccrsesponding  M*.  is  determined  as  follows:  Determine  U, 
angle-of-attack,  giving  "flat-top"  velocity  distribution  over  the  airfoil  (Ref.  27).  Determine 


1.4,  and  that  full,  shock-augmented,  leadlng- 
M„  for  thinner  airfoils 


enax  (a0) 


and  U„ 


(0)/Ue 


fis)  from  Eq.  (20).  Then 


where  cQ  is  the 
ax  (0)/Uemax  (a0) 


UeMAX  (c,s> 

UeMAX  (0) 

/Ue  MAX<°> 

UeMAX 

UeMAX  / 

UeMAX  ias>. 

For  Me  = 1.4,  the  Mach  number  ratio  corresponding  io  Eq.  (25)  is  simply 

MeMAX  <°s>  / Mco  = [UeMAX  «V  / U«|  /°* 85  <26> 

For  the  airfoil  used  in  the  stall  flutter  *est  (Ref.  24),  NACA  64-012,  the  value  is  MgLg  = 0.35. 


In  summary,  the  compressibility  effects  on  the  maximum  lift  are  given  by  Eq.  (23)  when  Mb  < MgI , and  by 
Eq.  (24)  when 


4. 2 Dynamic  Stall  and  Reattachment  Angles  of  Attack 


For  the  Mach  number  range  Mw  < 0. 6,  the  lift  curve  slope  variation  with  Mach  number  is  predicted  by  the 
Prandtl-Glauert  compressibility  factor.  (See  Fig.  17  and  Ref.  28. ) 


(27) 


Fig.  17  shows  that  there  is  a dramatic  decrease  in  c,a  for  higher  Mach  numbers,  e.  g. , at  Mro  > 0.  7 for 
NACA  0012-63  (Ref.  32).  It  is  likely  that  this  critical  Mach  number  is  simply  = MgTE,  as  previously  discussed. 
The  finite  aspect  ratio  (AR)  lift  curve  slope  is  simply: 


C 


La 


(28) 


With  the  linear  relationship:  c,  = c,  a , one  obtains  the  following  definition  of  the  stall  angle  of  attack 

\ 


The  stall  flutter  boundary  in  Fig.  16  was  obtained  with  continually  decreasing  angle-of-attack  to  simulate  the 
space  shuttle  transition  maneuver  (Kef.  33).  Tims,  the  a - boundaries  are  as  follows  (Ref.  25).  The  high  a - boundary 
is  the  highest  a for  which  flow  reattachment  can  be  established  on  the  "upstroke"  and  the  low  a-  boundary  is  the 
lowest  a at  which  separated  flow  can  be  reestablished  on  the  "dowustroke"  of  the  pitching  airfoil  section.  Due  to  the 
large  reduced  frequencies  (Ref.  25)  the  high  and  low  a - limits  for  stall  flutter  are  given  b>  the  static  stall  aigles  for 
"infinite"  and  "zero"  Reynolds  number.  The  stall  flutter  boundaries  determined  in  this  manner  for  the  NACA  64-0012 
airfoil  tested  by  Goetz  (Ref.  24)  agree  rather  well  with  experimental  results  (Fig.  18).  At  Mra  = 0.  7,  the  c^-slope 
changes  drastically  for  a 12-porcent  thick  airfoil  (Fig.  17),  thus  indicating  that  Mg-pE  = 0.  i.  e, , the  shock  starts 
moving  aft  over  the  airfoil  for  > 0. 7.  The  a = constant  line  for  > MgjE  agrees  with  the  combined  effect  of 
Cjq-Ioss  and  cimaj^-lncrease  for  Increasing  Mach  number.  At  some  Mach  number  between  M^  = 0. 3 and  = 0. 9, 
the  shock  has  moved  aft  of  the  elastic  axis,  or  nearly  so  (the  flutter  model  had  5 percent  structural  damping),  and 
flutter  is  not  observed.  In  other  words,  this  high-Mach-number/low  frequency  cutoff  of  the  flutter  boundary  is  a pure 


Mach  number  effect,  Independent  of  reduced  frequency  but  somowhnt  dependent  upon  elastic  axis  location  and 
structural  damping. 

The  results  In  Fig.  15  are  all  lor  nearly  the  same  frequency  and  oscillation  amplitude,  and  the  effective  (lift- 
generating)  overshoot  4a„  of  the  static  stall  angle  a will  be  the  same.  Furthermore,  due  to  the  rather  high  fre- 
quency, Aas  will  be  small,  1.78'  < 4os  S 2 05°.  (see  Eq  (8)).  That  is,  the  variation  of  Of vs,  (and  consequently 
of  4cn.;)  with  Mach  number  Is  mainly  generated  by  the  variation  with  Mw  of  static  stall  angle  o^,  similarly  to  what 
was  the  ease  for  tho  stall  flutter  boundary  discussed  earlier.  Figure  19  shows  that  the  predicted  vortex  effect  on 
the  pitching  moment,  - = 4cny,  is  1,1  fair  agreement  with  experiment.  (The  inset  In  Fig.  19  shows  how 

- demv  vas  determined  from  the  experimental  results. ) 

F igure  1 illustrates  that  the  spilled  vortex  has  a much  larger  effect  on  the  area  enclosed  by  the  lift  loop  than  on 
that  enclosed  by  the  c m(a)  - loop.  This  implies  that  although  the  vortex  effect  on  the  pitch  damping  is  small,  the 
'ffect  on  wing  bending  can  be  large  if  structural  coupling  is  supplied  by  mass  unbalance  (Kefs.  34  and  35)  or  by  leading 
edge  deformation  (Kef.  36) , as  was  discussed  in  Ref.  10.  As  the  first  half  cycle  (at  least)  of  the  transient  will  be 
caught  each  time  tho  effective  angle  of  attack  exceeds  a , the  transient  starts  having  a strong  influence  on  the 
damping  in  bending  (especially)  and  in  pitch  long  before  the  structural  frequencies  approach  the  resonance  value  pre- 
scribed by  the  oscillating  transient  (see  Fig.  2).  In  the  case  of  the  buffet  problem  discussed  m Kef.  10,  the  'first 
half  cycle”  could  possibly  explain  the  extremely  high  apparent  damping  ratios  measured  by  Jones  (Kef.  37). 

5.  CONCLUSIONS 

A previously  developed  quasi-steady  theory  for  dynamic  stall  has  been  extended  to  include  the  transient  effects  of 
the  "spilled"  leading  edge  vortex.  The  more  important  results  are: 

o Adding  the  moving  separation  point  effect  to  the  quasi-steady  separation  value  correctly  predicts  the  "spilling 
of  the  leading  edge  vortex. 

o The  travel  of  the  "spilled"  leading  edge  vortex  over  the  chord  occurs  at  55  percent  of  free  stream  speed. 

Peak  pitching  moment  values  occur  shortly  before  the  "spilled"  vortex  leaves  the  trailing  edge,  and  peak 
normal  force  occurs  30  percent  earlier. 

o Using  Polhamus'  leading  edge  suction  analogy,  a simple  means  is  provided  for  prediction  of  the  vortex 
induced  loads. 

The  present  analytic  method  correctly  predicts  the  large  vortex  effect  measured  in  high  amplitude  oscillations 
in  pitch,  including  the  large  effects  of  subsonic  Mach  number.  Furthermore,  with  the  developed  analytic  means  the 
very  nonlinear  behaviour  observed  by  Ham  et  al  of  tho  airfoil  aerodynamics  during  a rampwise  cliange  of  angle  of 
attack  can  be  predicted  (within  the  expected  data  accuracy  of  the  experiment).  This  indicates  that  the  present  analytic 
method  could  De  applied  to  predict  the  nonlinear,  nonharmonic  unsteady  characteristics  of  a helicopter  blade  passing 
through  the  stall  region. 

Undoubtedly  much  theoretical  and  experimental  work  is  still  needed  before  the  dynamic  stall  phenomenon  will  be 
fully  understood.  It  appears,  however,  that  the  presented  engineering  method,  which  uses  static  experimental  data 
as  an  input,  could  after  some  further  development  provide  a much  needed  design  tool  in  the  helicopter  and  compressor 
industries. 
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Fig.  ~ Data  for  ff-ramp  overshoot  of  static  stall 
(Ref.  4). 
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Fig.  3 Predicted  and  measured  dynamic  stall  phase 
angles. 


Fig.  4 Nonlinear  vortex-induced  lift. 
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Fig.  6 Space-time  equivalent  vortex  effects. 
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Fig,  7 Lift  loss  due  to  "spilled"  leading  edge  vortex. 


Fig.  8 Section  lift  of  NACA  0012  (Ref.  12), 
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Fig.  10  Predictions  and  measurements  of  maximum 

normal  force  and  pitching  moment  coefficients 
lor  an  oscillating  NACA  0012  airfoil. 
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Fig.  11  Nonlinear  a-ramp  characteristics. 
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Fig.  9 linear  overshoot  of  stall. 
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Fig.  14  Endplate  vortex. 


Fig.  12  Comparison  of  experimental  a-ramp  results 
with  refined  predictions. 
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Fig.  15  Effect  of  Mach  number  on  dynamic  stall  on 
an  oscillating  NACA  0012  airfoil. 
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Fig.  16  Effect  of  Mach  number  on  the  a-boundary 
for  stall  flutter  of  a NACA  64-012  airfoil 
in  air. 


Fig.  13  Wall  interference  effects  on  ',2-0M  stall. 
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Fig.  18  Predicted  and  measured  boundaries  for 
stall  flutter. 
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SUMMARY 

A nonlinear,  lifting  line  procedure  with  unsteady  wake  effects  has  been  developed  for  predicting  wing-body  aerodynamic 
characteristics  up  to  and  beyond  stall.  The  procedure  may  prove  useful  for  simulating  and  alleviating  such  adverse 
wing  stalling  characteristics  as  wing  rock,  wing  drop,  loss  of  roil  control  or  roll  control  reversal. 

A discrete  vortex  lattice  representation  is  used  for  the  time  dependent  wake,  whereas  the  wing  load  distribution  is 
assumed  concentrated  along  the  25%  chord  line.  Each  chordwise  section  is  assumed  to  act  aerodynamically  (including 
stall)  like  a 2D  airfoil  in  steady  flow  at  an  effective  angle  of  attack,  which  may  be  time  dependent.  Other  assumptions 
are  incompressible  flow,  moderate  sweep,  large  aspect  ratio  and  conditions  for  stall  progression  across  the  span. 

Comparisons  are  made  with  existing  theory  and  test  data.  Effects  of  planform  geometry  and  of  airfoil  section  charac- 
teristics on  stall  are  presented.  For  airfoils  with  a large  post-stall  negative  lift  curve  slope,  the  solutions  some- 
times exhibit  lift  hysteresis  anti  "zero-beta"  rolling  and  yawing  moments.  These  results  are  due  to  the  existence 
of  multiple  solutions  of  the  lifting  line  equations  (first  shown  by  R.  S.  Schalrer,  1939).  Increasing  aspect  ratio  and 
decreasing  negative  lift  curve  slope  amerllorates  the  severity  of  these  adverse  stalling  characteristics. 

1.  INTRODUCTION 

Ae  is  well  known,  there  are  a large  number  of  aerodynamic  effects  which  may  limit  aircraft  maneuverability.  These 
Include  shock  induced  buffet,  wing  reck  and  wing  drop  (probably  due  to  asymmetries'  sepa-ation  with  a subsequent 
rolling- yaw  tag  motion),  nose  slice,  pitch-up,  loss  of  lateral  stability,  loss  of  roll  control  and  roll  control  reversal, 
and  large  drag  Increases.  It  is  generally  believed  that  some  type  of  flow  separation  is  responsible  for  each  of  these 
phenomena.  The  present  paper  deals  with  the  development  of  a modified  lifting  line  approach  for  estimating  the 
aerodynamic  characteristics  of  wing-body  configurations  undergoing  transient  pitching  motion  with  flow  separation 
and  may  prove  useful  for  the  prediction,  simulation  and  possible  inhibition  of  those  adverse  stalling  phenomena 
Included  within  the  framework  of  the  theory.  A more  detailed  exposition  of  the  method,  along  with  extensive  calcu- 
lations, is  presented  in  Ref.  1. 

The  present  formulation  Is  for  wings  of  moderate  to  high  aspect  ratio  to  which  lifting  lure  theory  may  be  applied.  In 
this  regard  there  has  appeared  3ome  Interesting  analytical  work  (2-4),  based  on  Prandtl  lifting  line  theory,  which 
Indicates  that  multiple  solutions  of  the  lifting  line  equations  are  possible  under  certain  conditions.  The  multiple 
solutions  are  predicted  only  if  the  two-dimensional  lift  curves  have  either  discontinuities  or  regions  of  high  negative 
slope,  beyond  stall,  as  illustrated  in  Figure  1.  One  interesting  feature  of  Lie  multiple  solutions  is  that  they  can 
yield  span  lead  distributions  which  are  either  symmetrical  or  asymmetrical  about  the  wing  certerline  even  at  zero 
sideslip  angle.  According  to  Sears  the  asymmetrical  solutions  suggested  to  von  Karman  that  large  rolling 
moments  could  be  produced  near  the  stall  without  postulating  any  initial  rolling  velocity  or  other  lateral  asymmetries. 
Sears  states  that  the  usual  "textbook"  explanation  for  the  large  rolling  moments  near  stall,  which  is  based  on  an 
Initial  rolling  velocity  which  stalls  one  panel  and  destalls  the  other,  falls  to  account  for  the  violence  of  the  rolling 
moments  experienced  in  a wind  tunnel  with  a model  held  fixed  to  the  sting.  The  establishment  of  any  one  particular 
load  distribution  (either  symmetrical  or  asymmetrical)  probably  depends  on  the  relative  stability  of  the  corresponding 
circulation  distribution  tn  small  disturbances. 

An  attempt  is  made  herein  to  apply  nonlinear  lifting  line  theory  to  the  modeling  and  prediction  of  aerodynamic  effects 
during  stall  penetration  at  high  angles  of  attack.  Previous  discussions  of  stall  aerodynamics  have  noted  the  occurrence 
of  asymmetrical  flow  separation  at  zero  yaw  angle  as  a possible  forcing  mechanism  for  wing  rock  and  other  types 
of  pre  and  post-stall  motions  (e.g.  References  5-8).  It  is  postulated  herein  that  the  time  dependent  zero  beta  yawing 
and  rolling  moments  predicted  by  the  non.1 'near  lifting  line  theory  are  contributory  to  the  limit  cycle  type  of  motions 
apt  to  occur  during  stall.  This,  of  course,  will  require  careful  experimental  verification. 

The  nonlinear  lifting  line  formulation  utilized  horoU  is  a finite  element,  unsteady  wake,  incompressible  flow  theory 
and  may  be  applied  at  cither  zero  or  non  zero  yaw  angle  (yaw  Is  handled  by  skewing  the  wing  panels).  Both  symmetrical 
aixl  asymmetrical  load  d'strtbutlons  may  be  obtained,  even  at  zero  yaw  angle.  Tnree  dimensional  unsteady  aero- 
dynamic effects  are  included  by  allowing  shed  vortices  In  the  wake  to  vary  In  strength  with  distance  and  time.  The 
strengths  of  the  shed  vortices  are  related  to  those  of  the  corresponding  bound  elements  at  an  earlier  time,  based  on 
the  convective  time  delay  at  froe  stream  velocity  between  the  bound  vortex  and  the  particular  wake  station.  Although 
the  theory  Is  unsteady  from  the  point  of  view  of  wake  Induced  effects,  It  Is  assumed  that  the  two-dimensional  airfoil 
chordwise  loadings  and  sectional  characteristics  in  stall  arc  steady  state.  Thus,  the  assumption  Is  Implicit  that 
unsteady  two  dimensional  phenomena  such  as  associated  with  the  dynamic  stall  of  helicopter  blades  are  of  a slio-  isr 
time  scale  than  the  'uisteady  wake  effects,  (seo  also  section  2. 2). 
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Llftng  line  theory  assumes  that  each  chorrfwlso  section  acts  like  a two-dimensional  airfoil  at  an  effective  angle  of 
attack  equal  to  the  local  geometric  angle  of  attack  loss  the  Induced  angle  of  attack.  In  order  for  this  assumption  to 
remain  valid,  (l.e.  for  tho  chordwlse  load  distribution  to  remain  two-dimensional)  the  aspect  ratio  must  be  sufficiently 
large  to  limit  spanwlse  flow  effects,  and  vortex  effects  associated  with  high  leading  edge  sweep  angles  must  not  be 
dominant  In  the  stall.  The  method  also  requires  the  selection  of  (or  switching  between)  the  various  multiple  span  load 
solutions  which  may  exist  at  a given  angle  of  attack.  Some  of  these  solutions  may  be  indicative  of  unstalled  load 
distributions,  some  of  partly  stalled  distributions  and  some  of  nearly  fully  stalled  distributions.  The  criterion  used 
for  selecting  among  the  various  mathematically  possible  solutions  Is  empirical,  and  It  Is  recognized  that  this  aspect 
of  the  formulation  requires  further  analysis.  Because  of  this  empiricism,  and  as  a result  of  the  assumptions  noted 
previously,  the  need  for  wind  tunnel  tests  Involving  dynamic  measurements  of  aerodynamic  forces,  moments  and 
span  load  distribution  can  not  be  over-emphasized. 

Anothet  application  of  non  linear  lifting  line  theory  to  departure  and  spin  entry  aerodynamics,  but  presumably  based 
on  somewhat  different  assumptions,  has  been  presented  by  Kroeger  and  Felstel^.  Included  In  Ref.  9 are  also 
corroborating  wind  tunnel  test  data. 

The  mathematical  basts  for  the  present  theory  Is  reviewed  tn  Section  DL  The  method  of  solution  Is  presented  In 
Section  IH.  Numerical  results  Involving  comparisons  with  existing  test  data  and  with  linear  theory,  and  limited  para- 
metric studies,  are  found  In  Section  IV.  More  extensive  parametric  calculations  are  given  In  Ref.  1. 

2.  THEORY  AND  ASSUMPTIONS 

The  present  section  presents  the  mathematical  basis  and  assumptions  for  the  nonlinear  lifting  line  theory  with  a time 
dependent  wake  as  utilized  herein.  The  theory  may  be  used  to  obtain  the  time  dependent  spaa  load  distribution  and 
corresponding  time  dependent  force  and  moment  coefficients  for  wings  and  wlng-bodles  experiencing  a predetermined 
schedule  of  pitching  motion  and/or  of  lateral  control  deflections. 

2.1  VORTEX  SYSTEM 

The  vortex  system  used  In  the  analysis  Is  pictured  In  Figures  2 and  3 and  is  assumed  plcnar  except  for  the  vertical 
displacement  of  tho  Image  vortices  In  the  fuselage.  The  exposed  wing,  is  depicted  In  Figure  2 as  segmented  into  N 
equal- span  elements  of  width  h In  the  spanwlse  y direction.  Each  element  Is  a parallelogram  In  shape  and  consists 
of  a bound  vortex  segment  along  the  l/4  chord  line,  two  streamwise  trailing  segments  and  a closing  shed  vortex 
element  at  a downstream  distance  Ax  = V«,  At,  where  Vm  Is  the  free  stream  velocity  and  At  Is  the  time  step. 

In  the  time  dependent  solution  the  strength  ^ (t)  of  this  vortex  element  raspresents  the  circulation  carried  by  the 
wing  at  the  j 'lh  spanwlse  element  (j  = 1,2  .. . N)  at  the  current  time  t . The  downstream  trailing  vortex  elements 
are  of  identical  shape,  but  are  of  varying  strength  as 

ri,k(t| " rj,k.i<‘-ai>  <» 

where  k Is  an  Index  describing  the  vortex  element  number  In  the  wake  (see  Figure  3).  If  the  maximum  number  of 
downstream  parallelogram  elements  to  be  included  !s  M- 1,  then 

1 * k s M 


where  k = 1 corresponds  to  the  wing  element  at  the  current  time  t,  and  k = M refers  to  the  final  wake  element,  which 
Is  assumed  unclosed.  If  M = 1,  the  solution  reduces  to  that  for  a steady  state  wake. 


The  method  of  representing  tho  fuselage  (assumed  an  Infinite  circular  cylinder)  by  trailing  Image  vortices  as  depicted 
In  Figures  3 has  found  extensive  use  In  the  literature  , e.g.  Ref.  10,  and  will  not  be  discussed  further. 


2 ■ 2 LIFTING  LINE  EQUATIONS 

The  lilting  lino  assumption  states  that  each  spanwlse  station  l of  a wing  acts  like  a two-dimensional  airfoil  at  an 
effective  angle  of  attack  a (t)  equal  to  the  local  geometric  Ditch  angle  of  attack  ou  (t)  (includes  effects  of  wing 
Incidence,  twist,  control  deflection,  and  body  cross  flow)  loss  the  downwash  angle  of  attack  (t)  Induced  by  the 
trailing  vortex  systems,  viz. 


“EFF  « = % (t)-a  (t) 

i l i 


(2) 


Thus,  for  an  airfoil  with  two-dimensional,  steady  state,  lift,  pitching  moment,  and  profile  drag  curves  of  functional 
form 


°L  * «V-  °M  ‘ °M  < V ““  CD„  " V V 

P P 


(3) 


fhe  present  lifting  line  theory  assumes  that 


CT  (t)  •=  C. 
Ll 


L.  (°EFFl  (t)]  ’ CM{(t)  “CMt  [°fEFFl  (t)  j*  CDp  ('*>  " °Dp  | °Wf^  (®j 


(4) 
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Equations  (2)  and  (4)  indicate  that  the  unsteady  effects  to  bo  included  in  the  theory  enter  only  through  the  time 
dependence  of  a gpp.,  viz.  through  changes  with  time  in  O'  and/or  <*£>..  As  noted  in  tho  Introduction,  the  basic 
section  characteristics  as  defined  functionally  by  Equations  (3)  are  assumed  Independent  of  time.  This  requires 
that  various  linear  and  nonlinear  two-dimensional  unsteady  flow  effects,  such  as  dynamic  stall  (e.g-  Reference  11), 
be  of  an  appreciably  shorter  time  scale  than  tho  wake  and  geometric  effects  Included  herein.  This  assumption 
is  equivalent  to  assuming  that  the  chordwise  pressure  distribution,  which  affects  the  nature  of  flow  separation  on  the 
airfoil,  rapidly  approaches  the  steady  state  distribution  for  the  current  angle  of  attack,  and  is  consistent  with  the 
single  lifting  line  representation  of  the  wing.  Combining  unsteady  two-dimensional  effects  with  the  nonlinear  lifting 
line  theory,  or  going  to  multiple  lifting  lines,  was  assumed  beyond  the  scope  of  the  present  effort. 

The  control  point  for  evaluating  is  taken  at  an  axial  distance  x^  from  the  leading  edge.  In  the  usual  Prandtl 

lifting  line  formulation  = c^/4.  Hence,  there  would  be  no  induced  velocity  contribution  from  the  wing  bound 
vortex  segments.  In  order  to  generalize  tho  formulation  for  arbitrary  Xop  , the  downwash  angle  otp  has  been 
defined  as  the  difference  between  the  total  three-dimensional  downwash  angle  cigj^  at  the  control  point  ami  an  equiv- 
alent two-dimensional  dowm.ash  angle  from  an  Infinite  span  bound  vortex  along  the  c/4  line  and  equal  in  strength 
to  f.  , (t).  Thus 


a.  (t)  = a <t)  - o'  (t)  (i 

D(  w 3D(  w 2D(  v v 

In  terms  of  downwash  velocity  components  Aw  induced  by  the  parallelogram  latttco  elements  of  unit  circulation 
strength 


w (t)  j=N,k=M 

a (t)  = -1—  = -i-  V 
sv;  V.  vm  L, 

J"l,k=l 


4\>“’ 


where  for  each  j, k lattice  element  and  at  each  control  point  1,  Aw^  k consists  of  contributions  from  forward  and 
aft  bound  or  shed  elements  , the  two  trailing  elements  and  the  body  image  elements,  all  of  unit  strength.  Mathemati- 
cal expressions  for  the  A W|,  ^ are  readily  found  from  the  law  of  Bict  and  Savart. 

The  equivalent  two-dimensional  downwash  angle  is  simply 


/ 1 \ 1 i ® 

0!2Dl  it)  = \Tj  Aw2D.  ri,l  (t)  = 2 it  (X-.p  - xc/4)[  cos  ( - P ] 


where  ^ iS  the  quarter  chord  sweep  angle  (assumed  negative  for  the  left  wing  panel,  1 s 1 s N/2,  and  positive 
for  the  right  wing  panel,  N/2  + 1 ^ i £ N),  and  P is  the  side  slip  angle.  Tie  usual  sign  convention  taking  the  down- 
wash  as  positive  has  been  employed  in  the  above  expressions. 

The  pitch  angle  of  attack  Is  composed  of  tho  elements 

“ (t)  “ (t>  + a + A a (t)  + A«  (t)  ’ (8) 

Pl  Tl  Rl  Bl 

whore  a (t)  is  the  angle  of  attack  of  the  root  section,  is  the  built  in  geometric  twist,  Affp  (t)  Is  the  effective 
roll  asymmetry  angle  of  attack  due  to  deflection  of  ailerons  and  Aftjj.  (t)  Is  the  additional  angle  of  attack  due  to  the 
body  upwash  (see  Ref.  1). 

The  unknowns  are  the  current  time  values  of  the  circulation  on  the  wing  1 j ^ (t),  and  may  be  found  by  first  inserting 
Equations  (5),  (6),  (7)  and  (8)  Into  Equation  (2)  giving 


j=N,k=M 


(t)  = a (t)  + a +Aa  (t)+Aa  (t)  - — V Aw,  r , (t)  +~~  Aw...  T 
EFF  T.  R w B w V„  La  l,  . J.k’7  V„  2D  1,1 

1 .it  j=lk=1  j,k  i 


(t)  (9) 


Expressing  C (t)  In  Equation  (4)  in  terms  of  the  bound  circulation  gives 
Li 


2f  (t) 


a (t) 
EFF,  ' 'J 


Fqustlon  (10)  Implies  that  the  Kutta-Joukovskl  law  L[  (t)  = p T (t)  holds  In  the  unstoady  as  well  as  in  the  steady 
state  case.  This  assumption  is  discussed  further  in  Section  2.5. 


Equations  (9)  and  (10)  constitute  tho  set  of  lifting  line  equations  to  be  solved  for  “efFi  W aatl  rl,l  The  rj,k  W 
k > 1,  arc  known  from  solutions  at  previous  times  through  Equation  (1). 
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2. 3 SIMPLIFICATIONS  FOR  A LINEAR  LIFT  CURVE 

In  general.  Equations  (10)  and  (11)  must  be  solved  by  an  iterative  method,  because  the  lift  curve  is  nonlinear. 

It  is  precisely  this  nonl inearity  which  lead  to  the  occurrence  of  multiple  span  loadings,  lift  hysteresis,  and  zero 
beta  rollbig  and  yawing  moments.  However,  it  is  beneficial  to  examine  several  simplifications  which  occur  when 
the  lift  curve  is  linear,  m order  to  compare  the  theory  with  existing  methods  anil  to  better  understand  the  nature 
of  tlie  nonlinear  effects. 

2.3.1  Linear  Lift  Curve 

In  the  case  of  a linear  lift  curve  Equation  (10)  becomes 

2i. 


ai  °Eff.  (t) 


where  aj  is  the  section  lift  curve  slope.  Combining  Equation  (11)  with  Equation  ( 0 ) then  gives  a single  set  of  linear 
equations  which  may  be  solved  directly  for  Tj  ^ (t).  The  result  is 


r Aw 


1. 


2 sk  SM 


where  the  repeated  indicos  indicate  a summation,  and  6 is  the  Kronecker  delta  symbol. 

ij 

Equation  (12)  represents  a linear  set  of  algebraic  equations  which  may  be  solved  directly  for  each  step  in  time.  If  the 
problem  is  initiated  from  a steady  state  condition,  then  M = 1 for  t = 0 and  the  summation  over  k vanishes.  In  matrix 
notation  Equation  (1?)  now  becomes 

[ AW  ] [ Tx  (0)  } = { Otp  (0)  } 

where  elements  of  the  [ AWJ  square  matrix  arc  given  by  tne  term  in  square  brackets  in  Equation  (12),  whereas 
( -r i (0)  3 and  [ Op  (0)  } are  column  matrices  made  up  of  the  elements  F.  j (0)  and  Op.  (0)  respectively. 

Inverting  Equation  (13)  gives  ’ 1 

1 Fj  (0)  } * [ AW  { ap(0)  3 

At  subsequent  time  steps  the  k summation  plays  a role  in  the  solution.  Thus,  according  to  Equation  (1),  with 
t - At,  k = 2 now  corresponds  to  the  solution  r . ^ x (0).  Hence,  wc  require  M - 2 in  order  to  account  for  unsteady 
wake  effects. 


2. 3. 2.1  Steady  State 

The  present  lifting  line  formulation  reduces  to  the  Weisslnger  L-method  (Ref.  J>2)  for  a linear  lift  curve  in  the 
steady  stale  case,  provided  the  control  point  Xpp  is  placed  at  distance  equal  to  50%  of  the  local  chord  from  the 
lifting  line.  This  may  be  shown  by  considering  a single  horseshoe  vortex  element  (k  = 1 only),  with  a bound 
segment  aal  two  trailing  segmonts.  Using  the  steady  state  form  of  Equations  x5)  and  (7)  with 
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f 

t 


where  Aw|.  is  the  Jownwash  at  x0p  due  only  to  forward  ami  aft  spanwise  segments  of  the  k’tli  element  and  the  double 
index  implies  a summation. 

Using  tlie  linearized  form  of  the  unsteady  Kutta-Joukowski  law.  Equation  (11),  assuming  the  lift  curve  slope  a - 2 it, 
ami  talcing  xCp  - x<,/4  --  c/2  then  gives 


^ Awkrk«" 


a (t)  . 

p K 


1.2 


(17) 


Equation  (17  states  that  the  instantaneous  down  wash  angle  at  the  75%  chord  position  from  all  bound  anti  shed  spanwise 
vortex  segments  is  equal  to  the  instantaneous  angle  of  attack,  or  equivalently  that  the  unsteady  theory  reduces  to 
satisfyuig  a flow  tangeney  condition  in  the  two-dimensional  case  when  the  control  station  is  taken  at  the  75%  chord 
position. 

The  equivalence  of  the  present  unsteady  wake  lifting  line  formulation  with  tile  classical  solution  of  Wagner  (Ref  13) 
for  a two  dimension  airfoil  in  unsteady  flow  is  readily  shown.  Thus,  Figuio  4 compares  the  calculated  value  of  the 
change  in  lift  coefficent  ACj/t)  due  to  a stop  change  in  antic  of  attack  Ace,,  as  calculated  from  the  above  method,  with 
tlie  Wagner  function.  Lift  coefficient  was  calculated  from  the  bound  circulation  strength  P j (t)  through  the  unsteady 
Kutta-Joukowski  law,  Equation  (11). 

The  step  size  used  in  the  coi.qxitaUon  for  the  shedding  oi  discrete  vortices  was  one  chor<'  length.  The  close  corres- 
pondence between  tlie  discrete  vortex  formulation  and  the  continuous  vortex  sheet  theory  of  Wagner  shows  that  very 
little  accuracy  is  lost  In  the  present  discrete  vortex  model.  It  is  also  clear  that  unsteady  wake  effects,  due  to  the 
variation  of  shed  as  well  as  of  trailing  vortielty,  are  accounted  for  in  the  formulation.  Effects  of  wake  vorticity  on 
3 hold  wise  load  distribution  arc  not  included,  as  was  mentioned  previously.  Incorporation  of  these  effects  would 
require  addition  bound  voitex  elements  and  additional  control  point  locations  on  the  wing. 


2. 3. 2. 3 Unsteady  Theory  (Three-Dimensional) 

The  unsteady  finite  element  representation  may  also  be  readily  shown  to  lead  to  a flow  tangc-ney  condition  at  the  75% 
chord  position  in  the  three  dimensional  ease. 


The  demonstration  is  similar  to  that  for  the  steady  state  case,  except  that  the  unsteady  form  of  the  Kutta-Joukowski 
law  is  used  and  the  summation  is  cai  ried  out  over  V = 1 , 2, . . . M rows  of  vortex  elements  in  the  wake . The  result  is 


4vrj.k(t|'Vl) 

I jj  K l 


(15) 


provided  the  control  point  is  located  a distance  Cj/2  behind  the  lifting  lino,  and  provided  the  steady  state, thin  airfoil 
theory,  lift  curve  slope  is  used. 


2.4  GENERALIZED  FORM  OF  THE  KUTTA-JOUKOWSKI  LAW  FOR  UNSTEADY  FIiOW 
A generalized  form  of  the  two-dimensional  Kutta-Joukowski,  law,  viz. 


L W,  rP  v„r,  (t)j  (19) 

hau  been  used  throughout  the  formulation  in  Sections  2.  2 and  2.3  and  is  the  basis  lor  Equations  (10)  and  (11)  In 
the  present  section  we  derive  Equation  (19)  from  the  condition  that  the  negative  rate  of  change  of  total  momentum 
associated  with  the  spanwise  vortex  segments  gives  the  magnitude  of  the  lift.  For  a two-dimensional  vortex  system 
composed  of  discrete  elements  Af^  (t)  spaced  along  the  x axis  at  distances  xj.  from  the  leading  edge,  as  shown 
in  Figure  5,  the  unsteady  two-dimensional  lift  becomes 

L(t)  = -P  £ £^(1)3^]  (20) 

where  the  subscript  i has  dropped  for  simplicity  of  notation  (sec  also  Eq.  (1)  of  R-  Terence  (14)  ). 


The  conditions  that  the  shed  vortex  elements,  k ^ 2,  are  convected  downstream  at  velocity  \%,  and  that  the  total 
M-l  r 

vortielty  ^ AP^  (t)  remain  zero  for  all  time  are  AP^  (t  At)  - AP^  ^ (t)  and  A!  2 (t  * At)  = - l 1’j  + At)  - i -j  (t)  J, 

k=l 

respectively.  The  'instantaneous  bound  vortex  strength  is  Ap^  (t)  -F^(t). 


Referring  to  Figure  5b,  taking  time  steps  with  n - 1 (one  chord  length  between  elements),  placing  the  bound  vortex 
at  the  25%  chord  position,  the  total  momentum  p AP^  (t)  Xj.  at  time  t = (M  - 1)  cA'<»  is 


M-l 

P Ark  [ (M-l)  e/vj  \ = Vl  (kc/vj  (21) 

k=l 

wlrcre  use  hag  ton  of  thi*  abovr.  convection  and  coascryatUr.  cunUttonfi.  , ■ ■ ■ 


Taking  t = (M-2)c/Vot  and  subtracting  the  result  from  Equation  (21)  gives 

p { &-k  Um-DcA'*.  J ^ - at  [ (iv:-i)c/vj  ^ 3 = -cr^  [ (M-i)c/vJ 

Dividing  by  At  = cA’  , we  obtain 

pA{Ar  [(M-l)cA'  J X,  j 
£ — i-  » -v.^Km-1)  cA'J 

and  comparing  with  Eq.  (2)  in  difference  form  gives 

L L (M-l)  c/V.  J ■=  P V.  rx  [ (M- 1)  cA'„  ] (22) 

The  same  result  may  be  obtained  for  arbitrary  step  sizes  n,  and  in  the  limit  n -*  0 Equation  (22)  reduces  to  the 
generalized  Kutta  Joukowski  law,  as  stated  by  Equation  (19). 

3.  METHOD  OF  SOLUTION  AND  ITERATION  PROCEDURE 

The  set  of  nonlinear  lifting  line  expressions  as  given  by  Equations  (9)  and  (10)  constitute  a system  of  2N  algebraic 
equations  in  the  2N  unknowns  fb(t)  and  O^FFr  (t),  i = 1,2,  . . . , N,  which  must  be  solved  for  each  step  in  time.  The 
equations  are  nonlinear,  because  the  functional  relation  between  f ,(t)  and  ttgpp.  (t),  expressing  the  two-dimensional 
lift  curve  at  station  i,  is  generally  nonlinear  in  the  stall  region  and  beyond,  lienee  an  iteration  procedure  is  required 
for  their  solution. 

The  nonlinear  lifting  lino  equations  were  programmed  for  solution  on  the  CDC  Cyber  70  computer.  The  method  of 
solution  will  be  reviewed  below,  because  several  of  the  assumptions  in  the  iteration  procedure  require  further 
clarification. 

3. 1  ITERATION  PROCEDURE 


The  Iteration  procedure  assumes  the  aircraft  wing  and  fuselage  geometry,  sideslip  angle,  etc.  are  given,  and  that 
the  schedule  of  pitch  angle  «p  (t)  and  lateral  control  deflection  A (t)  have  been  specified.  Two  iteration  loops  will 
be  described,  one  for  t = 0 and  the  second  for  t>  0. 


3.1.1  Initial  Solution 

The  method  is  started  by  determining  the  steady  state  solution  for  t = 0.  The  root  solving  procedure  consists  of  a 
simple  iteration  loop  on  the  induced  angle  of  attack  «D.  (0).  A guess  is  first  made  for  the  spanwlse  variation  of 
induced  angle  of  attack  (°)  This,  together  with  the  known  <*p.  (0),  establishes  (0)  through  Equation 

(2).  The  whig  bound  vortex  strengths  T,  jt1)  (0)  are  then  found  by  table  look-up  from  the  input  aerodynamic  lift 
curves  expressed  by  Equation  (10).  For  t = 0 we  may  take  M = 1,  or  equivalently  take  k(0)  = T[(  j (0),  hence  no 
wake  vortices  need  lie  considered  The  induced  angles  are  then  recalculated,  based  on  the  downwash  velocity 
components  Awj.  ^ and  A wop.,  and  on  the  initial  iterate  for  the  vortex  strengths  (0),  and  compared  with 

the  assumed  v allies  of  oj).w  (0).  The  difference  may  be  designated  Ao^|^  (C).  The  values  to  be  used  in  the  next 
iteration  are 

% <2)  (0)  = «D  (1>  (0)  + C Aod  (1)  (0)  (23) 

i i i 


where  C is  a weighting  factor.  The  value  of  C affects  the  stability  and  convergence  of  the  iteration  procedure. 
Increasing  C speeds  up  convergence  (reduces  the  number  of  required  iterations),  but  may  destabilize  the  iteration 
procedure.  In  general,  the  maximum  values  for  C depends  on  wing  aspect  ratio,  the  number  N of  spanwise  elements, 
and  on  lift  curve  slope.  Some  further  discussion  of  effects  of  C on  stability  are  contained  in  Reference  1. 


(2) 

With  Op.  ' (0)  given  by  Equation  (23)  tnc  procedure  is  repeated,  viz. 


“d(2)  (0)"“eff 

l l 


(2) 


(0) 


r,.,  (2\">~Ao!d  (0).  etc. 


until  either 
when  AOj-j 


•convergence  is  obtained,  or  until  a maximum  number 
(0)  s 0. 1 ° for  all  i. 


of  iterations  has  occurred. 


Convergence  is  assumed 


3.1.2  Solution  at  Subsequent  Time  Steps 

The  iteration  procedure  at  succeeding  time  steps  t>  0 Is  similar  to  that  at  t = 0 with  the  following  exceptions: 


(l)  The  vortex  strengths  r(  ^ (t)  in  the  wake  are  no  longer  Identical  to  those  or  the  wing  (k  = 1),  but  are 
found  by  indexing  from  the  previous  time  step  according  to  Equation  (1). 

(ii)  A special  logic  is  used  to  specify  the  Initial  guoss  ^ (t). 
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Thu  later  requirement  was  found  necessary,  especially  near  stall,  because  of  the  possibility  of  multiple  solutions, 
and  because  the  iteration  procedure  appaix-nlly  tends  to  disallow  roots  on  tile  steep  negative  slope  regions  of  the 
section  lift  curves  (see  also  Ref.  9 in  tills  regard  )•  Therefore,  the  wing  elements  appear  in  the  solutions  as  ' ither 
unstalled  or  fully  stalled  (region  where  the  post  stall  lift  curve  is  near  zero).  A dominant  form  for  the  solution  in  the 
stall  region  appears  to  be  a spanwisc  alternating  pattern  of  unstalled  and  fully  stalled  elements.  The  significance 
of  this  saw-tooth  type  of  solution  was  not  entirely  clear.  For  example,  if  for  a high  density  of  spanwlse  elements 
tlie  stall  pattern  could  be  shown  to  become  independent  of  the  number  N of  vortex  elements  as  , then  such 
a pattern  over  a given  spanwisc  portion  of  the  wing  might  well  represent  partial  stall  or  heavy  buffeting  in  that 
region.  However,  since  the  computer  program  was  limited  to  19  elements  per  wing  panel  (Nmajc  " 20),  this  type  of 
saw-tooth  stall  pattern  did  not  appear  to  bo  physically  realistic.  It  was  found  that  the  saw-tooth  stall  pattern  could 
be  avoided  in  most  cases  by  choosing  the  Initial  guess  for  ftp.  (t)  according  to  the  following  special  logic. 

a)  When  no  wing  sections  are  stalled  at  the  prior  time  step  (i.e.  all  converged  values  of  Otgpp  (t  - tit)  are 

less  than  0(max. , corresponding  to  the  section  angle  of  attack  for  maximum  CjJ,  then  the  (t)  are  taken 

equal  to  tile  converged  values  from  the  previous  time  step  Of),  (t  - At).  This  will  produce  solutions  with 
all  spanwlse  elements  unstallcd,  if  such  solutions  exist. 

(b)  When  the  iteration  procedure  at  the  end  of  the  previous  time  step,  or  during  the  current  iteration,  gives  a 
solution  with  one  or  more  stalled  sections  on  a wing  panel  (e.g.  «£pp.  (t-At)  exceeds  tt,1iax),  then  the 
iteration  procedure  is  started  (or  restarted)  with  the  assumption  that  tke  induced  angles  are  zero  on  that 
particular  wing  panel.  This  procedure  tends  to  force  solutions  with  as  many  stalled  elements  on  that 
panel  as  the  lifting  line  equations  will  allow. 

The  special  logic  represented  by  a)  forces  the  spanwisc  wing  elements  to  remain  unstalled  until  such  time  that  one 
or  more  elements  must  be  stalled  to  satisfy  the  governing  equation  . Partially  stalled  solutions  with  either  saw- 
tooth stall  patterns  or  uniform  stall  patterns,  are  avoided  during  this  time,  even  though  they  may  satisfy  the  lifting 
line  equations.  The  special  logic  given  by  b)  assumes  that  once  any  spanwlse  element  has  stalled,  it  tends  to 
induce  all  adjacent  elements  of  the  same  panel  to  stall  within  the  limits  of  the  lifting  line  equations.  Shielding  of  stall 
progression  from  one  side  of  the  airplane  to  the  other  is  assumed  provided  by  the  presence  of  the  fuselage  (at  least 
for  low  and  mid-wing  configurations).  Unstalled  solutions,  or  solutions  with  saw-tooth  stall  patterns,  are  avoided 
during  this  time  even  though  they  may  be  mathematically  acceptable. 

It  should  be  noted  that  the  above  logic  will  tend  to  maximize  the  extent  of  any  stall  hysteresis  loop  (and  the  Op 
range  for  the  occurrence  of  zero  beta  rolling  and  yawing  moments)  for  a wing  undergoing  a pitching  motion  through 
the  stall.  Clearly,  the  physical  valid  by  of  the  assumptions  implicit  in  the  iteration  procedure  have  yet  to  be 
established.  In  fact  dynamic  test  data  by  Gregory,  et  al  (Ref.  15),  which  has  recently  come  to  the  attention  of 
tlie  author,  indicates  that  multiple  "stall  cells”  of  limited  spanwisc  extent  sometimes  occur  over  straight  wings 
undergoing  pitching  motion  through  the  stall  region.  The  connection,  if  any,  between  these  stall  cells  and  the 
saw-tooth  stall  pattern  is  not  clear.  An  alternative  type  of  mathematical  formulation,  wherein  the  selection 
between  tlie  various  multiple  solutions  is  based  on  their  physical  stability,  rather  than  on  a special  logic  for 
the  initial  iterate,  would  clearly  be  desirable. 


3.2  COMPUTATION  OF  FORCE  AND  MOMENT  COEFFICIENTS 

Once  the  converged  vortex  strength  distribution  has  been  determined  at  a particular  time  stop,  total  force  and 
moment  coefficients  for  the  wing  body  combination  may  be  found  by  integrating  tlie  section  force  and  moment 
coefficients  over  tlie  N wing  elements.  The  integration  is  carried  out  in  Ref.  1 anil  includes  contributions  from  Die 
bound  image  elements  in  the  fuselage  in  order  to  account  for  fuselage  lift.  These  fuselage  terns  arc,  however, 
omitted  from  the  computation  of  draft,  side  force,  and  rolling  moment  coefficient,  since  the  fuse  big  e is  believed  to 
made  only  a negligibly  small  contr1  ation  to  these  coefficients. 

Expressions  for  the  overall  lift  coefficient  and  rolling  moment  coefficient  Cjj.,  as  used  in  the  following  section, 
are 


Here  yjL.  and  yjR  refer  to  the  spanwlse  locations  of  tlie  fuselage  Image  vortices  of  the  left  anil  right  hand  ti-aillng 
vortices  of  the  i'th  wing  element,  S is  tlie  reference  area  and  b is  the  span. 


4.  SAMPLE  CALCULATIONS 


A series  of  eomixitations  were  n.ade  with  Uie  nonlinear  lifting  line  computer  program  deseribed  in  Section^  2 and  .'i  (o 
compare  witli  lest  data,  with  previous  theories  anti  to  assess  effects  of  wing  pi unl'orm  geometry  and  section  lift  curve 
shape  on  stalling  characteristics. 

4.1  COMPARISON  WITH  AVAILABLE  THEORY 

Several  eomixitations  were  made  to  evaluate  the  accuracy  and  generality  of  the  procedure.  A comparison  ot  the 
accuracy  of  the  finite  element  representation  with  the  essentially  exact  potential  theory  results  of  Wagner  (Reference 
13)  iias  been  given  previously  in  Figure  4 for  the  case  of  a two-dimensional  airfoil  with  a linear  lift  cm  wo  subject  to 
a step  change  in  angle  of  attack.  Decause  of  Die  simplifications  introduced  by  two-dimensional  flow,  results  by  the 
present  method  in  Figure  4 were  hand  computed  instead  of  being  run  on  the  digital  coni]xiter.  The  similarity  of  the 
present  finite  clement  method  with  the  exact  results  is  apparent  in  Figure  4.  Both  methods  give  an  initial  lift 
increment  equal  to  l/2  of  the  steady  state  value. 

The  present  method  is  compared  with  calculations  by  W.  P Jones  (Ref.  1G)  and  Djojoddiardio  and  Wtdnall  (Ref.  1 71 
in  Figure  6,  for  the  resjxnise  to  a step  cliango  in  angle  of  attack  for  a rectangular  wing  of  asjx.'ct  ratio  6 The  lift 
curve  was  again  linear,  and  as  can  be  seen  from  the  figure  good  correlation  with  the  more  exact  theories  was  found. 
Both  the  present  and  more  exact  methods  show  an  initial  lift  increment  greater  than  l/2  of  the  r toady  state  value 
when  (lie  aspect  ratio  is  finite. 

The  present  method  was  also  used  to  determine  the  development  of  lift  following  a stop  change  in  :uiglo  of  attack  for 
rectangular  wings  of  various  asixict  ratios,  again  with  linear  lift  curves.  The  results  arc  plotted  in  Figure  7 and 
compare  well  with  similar  variations  obtained  by  Jones  (Ref.  16)  for  wings  of  elliptic  planform.  Once  again  we 
note  that  the  starting  circulatory  lift  increment  exceeds  one-half  the  steady  state  value  for  the  finite  aspect  ratio 
cases,  with  the  excess  increasing  for  the  lower  aspect  ratios.  The  eomixitations  in  Figures  6 and  7 arc  with 
M = 20  and  N = 14. 

4.2  COMPARISON  WITH  TEST  DATA 


The  wing  planform  of  the  T-2C  Navy'  trainer  aircraft  ccrvcd  as  the  basic  geometry  for  the  remaining  eomixitations 
(with  various  modifications  and  adjustments).  Lift  and  rolling  moment  data  from  Ref  Teuco  18  and  from  recent 
unpublished  test  results  (197G)  obtained  at  n ASA  (ARL)  aim  supplied  by  Mr.  A.  Piraman  of  the  Navy  (NADC)  will  be 
compared  with  the  T-2C  computations  using  a steady  state  wake  (M=  1),  since  the  testing  was  done  with  the  model 
held  fixed  at  a given  angle  of  attack  (pitch  >nd  pause). 

The  basic  T-2C  configuration  has  a wing  of  aspect  ratio  At  = 5. 07,  taper  ratio  7 = 0 495,  a quarter  chord  sweep 
angle  A - 2.27°,  a wing  root  incidence  angle  1 = 1.7°  with  2.5’ of  washout  at  the  tips,  and  a dihedral  angle  7 = 3°. 

The  airfoil  is  a NACA  64  j A212  section  with  an  a = 0.8  (mod)  camber  line  (flaps  and  ailerons  rigged  3 degrees  up), 
and  is  constant  across  the  span.  The  wing  was  mounted  at  mid- height  to  a fuselage  whose  shajxi  was  approximated 
in  the  computations  by  a circular  cylinder  of  a radius  Rjj  = 0. 119  (b/2).  The  wing  paneling  is  shown  in  Figure  8 in 
the  case  of  N = 14.  Nonlinear  aerodynamic  section  data  used  for  the  T-2C  and  parametric  eomixitations  are  plotted 
in  Figux-es  9 and  10,  respectively.  Curves  labeled  #1,  62  and  #3  in  Figure  9 are  for  a NACA  64jA212  section  at 
Reynolds  number  3 x 10®,  6 x io®  and  > 6 x 10® . Curves  labeled  #11,  #12  and  #13  in  Figure  9 were  adjusted  for  the 
-3°  trailing  edge  rigging  of  the  T-2C  model,  and  are  to  bo  used  ir.  comparing  with  the  T-2C  wind  tunnel  data  . 

Curves  labeled  #4  and  #5  in  Figure  10  are  for  a NACA  64-209  section  at  Reynolds  numbers  3x  10®  an  I 6 xio®, 
respectively,  and  wore  used  in  the  iiaramctric  calculations  together  with  curves  #6-  #8  to  examine  effects  of  the 
steepness  of  the  negative  lift  curve  slope  -b  in  the  post  stall  region.  The  airfoil  section  characteristics  in  Figures  9 
and  10  wore  extrapolated  from  published  NACA  data  (e.g.  Ref  19). 

A comparison  between  the  calculated  and  measured  lift  values  for  the  T-2C  at  zero  and  ten  degrees  yaw  angle  is 
shown  In  Figure  11.  The  tests  wore  conducted  tall  on,  and  corrections  were  made  for  the  estimated  tail  lift 
contribution  as  shown  in  Figure  lib.  The  test  data  are  static  measurements  and  average  out  any  fluctuating  values 
of  Cl-  The  model  was  not  pitched  in  a manner  to  produce  ..ft  hysteresis  in  Re*.  18.  However,  the  1976  test 
results  were  taken  with  Op  increasing  and  then  decreasing  with  time,  and  exhibit  lift  hysteresis  for  ap>  12’ 

(Figure  11a).  Tho  calculations  appear  to  indicate  a hysteresis  loop  which  extends  over  a somewhat  broader  a p hand 
(ll°s  o'p  < 18° ) than  the  data.  This  is  in  accordance  vith  the  special  computational  logic  employed  in  the  method, 
which  as  discussed  previously  may  load  to  the  maxim  lm  allowable  hysteresis. 

On  the  other  hand,  tiie  test  data  from  Ref.  18  do  show  a sudden  rolling  moment  asymmetry  at  zero  yaw  angle  for 
*p  2 12°  (Figure  12).  This  may  bo  an  Indication  of  the  stall  (or  jiartial  stall)  of  one  wing  panel,  aid  occurs  at 
the  lower  limit  of  the  zono  of  lift  hyserosls  shown  in  Figure  11,  The  T-2C  zero  beta  rolling  moment  data  have 
been  plotted  in  Figure  12.  Also  shown  are  computations  made  with  the  current  method,  wherein  a roll  asymmetry 
is  introduced  for  a very  short  period  and  then  removed,  in  order  to  perturb  the  asymmetrical  loadings.  As  seen 
from  Figure  12 , the  resulting  rolling  moment  coefficients  (with  the  roll  asymmetry  removed)  correlate  well  with 
the  test  data. 


4.3  PARAMETRIC  STUDIES 

Parametric  calculations  wore  made  with  the  current  method,  to  determine  effects  of  wing  planform  (aspect  ratio, 
taper  ratio,  sweep  back  angle,  and  twist)  and  of  airfoil  section  characteristics  (steepness  of  negative  lift  slope  beyond 
stall)  on  the  occurrence  of  lift  Hysteresis  and  zero-beta  rolling  moment.  The  purpose  of  the  calculations  was  to  obtain 
trends  aivl  guidelines  which  might  lead  to  the  design  of  safer  aircraft  whi'*h  arc  loss  subject  to  adverse  departure  and 
spin  entry  characteristics  during  high  performance  maneuvers.  More  e..Vnslve  parametric  variations  may  be  found 
in  Reference  1. 

4.3.1  Effect  of  Negative  Lift  Curve  Slope  and  Aspect  Ratio 

Effects  of  the  abruptness  of  tile  negative  lift  curve  slope  beyond  stall  and  of  aspec*  ratio  for  zero  yaw  angle  are  shown 
In  Figures  13  and  14.  Each  plot  represents  a pitch  hysteresis  computation  tin  , thj  stall  with  the  angle  of  attack 
first  Increasing  (denoted  by  circles)  and  then  decreasing  (denoted  by  ti tangles).  Where  no  triangles  appear,  the  points 
are  coincident  with  the  Increasing  Oj,  points.  This  notation  has  been  used  throughout  the  present  section.  Figure  13  is 
for  Al  = 8,  and  sliows  that  the  extent  of  lift  hysteresis  gradually  dec  leases  as  the  steepness  of  the  negative  lift  curve 
slope  diminishes.  Figure  14  shows  that  increasing  aspect  ratio  reduces  the  zone  of  hysteresis  for  a given  negative 
lift  curve  slope.  A similar  set  of  pitch  sweeps  were  made  for  a yaw  angle  9 = 10°.  Lift  hysteresis  characteristics 
similar  to  those  for  9 = 0°  were  obtained.  The  corresponding  variation  of  rolling  moment  coefficient  versus  angle 
of  attack  has  been  plotted  in  Figure  13  for  the  At  = 8 case.  A hysteresis  loop  for  rolling  moment  coefficient,  which 
behaves  with  respect  to  lift  curve  slope  (and  aspect  ratio)  in  a manner  very  similar  to  lift  coefficient,  is  indicated. 

4.3.2  Effects  of  Taper  Ratio  and  Twist 

Effects  of  taper  ratio  t and  twist  °T  on  lift  hysterests  were  obtained  for  the  At  8 case  with  section  lift  curves  #4, 6 
and  7.  Figure  16  shows  affects  of  varying  T from  0.2  to  1.0  on  lift  hysteresis  for  curve  #6.  The  calculations  for  tho 
Intermediate  value  t = 0,495  exhibit  a slightly  greater  tendency  for  lift  hysteresis  (for  all  negative  lift  curve  slopes 
than  do  either  of  the  other  two  t eases.  Tills  may  be  true,  because  the  T = 0.495  taper  ratio  provides  a more  uniform 
spanwlse  distribution  of  section  Cl,  and  hence  causes  the  Initial  stall  to  be  delayed  to  higher  values  of  overall  lift 
coefficient  when  tlie  pitch  rate  Is  positive. 

Figure  17  shows  results  for  a wing  with  -3°  linear  wash  out  at  the  tips  (0  -3°),  an  untwisted  wing  (°Cp  = 0), 

and  a wing  with  positive  linear  twist  (0  £ + 3°).  As  is  apparent  from  Figure  17  twist  has  only  a minor 

influence  on  the  extent  of  lift  hysteresis.  It  Is  recognized  that  the  effects  of  twist,  taper  ratio,  aspect  ratio, 
and  swoop  back  on  stall  hysteresis  are  Interrelated.  The  particular  combination  of  wing  geometric  parameters 
which  provides  the  most  uniform  spanwlse  distribution  of  section  CL  may  also  exhibit  Increased  stall  hysteresis. 
Because  of  the  correspondence  between  the  occurrence  of  stall  hysteresis  and  zero  beta  rolling  and  yawing 
moments  (see  Section  4. 3. 3),  It  Is  expected  that  similar  conclusions  may  be  made  with  regard  to  the  effects  of 
wing  planform  parameters  on  the  zero-beta  moments. 

4.3.3  Zero  Beta  Rolling  (and  Yawing)  Moments 

Comjxitattons  were  made  to  Illustrate  the  occurrence  of  zero-beta  rolling  and  yawing  moments  during  the  pitch 
sequence.  Sample  results  are  shown  In  Figures  18  and  19  for  the  AR  = 8 case  The  pitching  motion  was  initiated 
at  a,,  = 10°  with  the  wing  symmetrical.  The  pitching  motion  was  halted  at  ctp  = 12.4°,  and  an  asymmetry 

= ± 1°  was  ap pi  loci  to  each  wing  panel  and  then  subsequently  removed,  to  simulate  an  aileron  perturbation. 

The  pitching  motion  was  then  resumed,  either  positive  or  negative,  with  the  wing  again  symmetrical.  Figure  18 
shows  the  lift  variation  during  this  process  for  various  lift  curves.  The  corresponding  rolling  moment  variations 
are  shown  in  Figure  19.  The  theory  predicts  the  occurrence  of  zero- beta  rolling  and  yawing  moments  (not  plotted) 
over  nearly  the  same  ap  zone  as  that  for  which  lift  hysteresis  occurs.  Reducing  the  abruptness  of  the  stall  (steep- 
ness of  the  negative  lift  curve  slope)  is  seen  to  ameliorate  the  effect.  Reducing  the  aspect  ratio  from  8 to  5 increased 
t’  e ap  zone  over  which  the  zero-beta  lateral  moments  occurred  (see  Ref.  1). 

4.3.4  Effects  of  Number  of  Elements 

Tho  parametric  calculations  presented  so  far  were  made  with  14  /ortox  elements  across  the  span  (N-14)  and  with 
only  four  rows  of  vortex  elements  in  the  wake  (M^A),  the  fourfh  being  horseshoe  in  shape,  to  conserve  computer 
time.  Although  effects  of  varying  N between  10  and  20,  and  of  M between  1 and  40  were  obtained  in  specific  cases 
(see  Ref.  1),  further  studies  are  still  required  to  establish  the  optimum  values  of  N and  M for  wings  of  arbitr-ary 
planform.  In  addition,  effects  of  N (and  possibly  of  M)  on  the  nature  of  the  -aw-tooth  stalling  pattern  mentioned 
In  Section  3.1.2  should  be  considered. 

4.4  HYSTERESIS  CORRELATION 

An  attempt  was  made  to  correlate  the  computations  of  lift  hysteresis.  One  such  correlation  is  shown  In  Figure 
20.  Here  the  product  ACljj  • Aofjj  has  been  plotted  versus  57. 3b/.T  AR,  where  ACjJlf  is  the  maximui  >'  CL  difference 
In  tho  hysteresis  zone,  and  AaH  is  the  width  of  the  zone.  The  product  ACljj  • AC-H  is  a measure  of  die  area  of  tho 
lift  hysteres.s  loop.  Tho  value  b is  tho  maximum  negative  lift  curve  slope  (por  degree),  and  tho  ratio  57 . 3 b/rr  AR 
represents  die  ratio  of  this  slope  to  tho  slope  dC^/ tiCrf  for  a vdng  with  constant  downwasli  angle  Ojj 
across  th’  span.  Thus,  the  correlation  Includes  2D  and  3D  parameters. 
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It  Is  readily  seen  from  Figure  1 that  multiple  solutions  (symmetric  case)  will  not  occur  unless  b/(<lCj/d  «D)  2 1, 
corresponding  to  57.3  b/rr  At  2 1 In  the  constant  downwash  angle  case.  Thus,  the  parameter  57.3  h/v  At  appears 
reasonable  for  predicting  the  occurrence  of  multiple  asymmetric  as  well  as  of  symmetric  solutions. 

The  correlations  predict  the  occurrence  of  lift  hysteresis  whenever  57.3  bA  At>  0. 18,  although  the  area  of  the 
hysteresis  loop  is  seen  to  be  dependent  on  other  plnnform  characteristics.  Thus,  the  method  predicts  the 
occurrence  of  lift  hysteresis  for  wings  with  negative  lift  curve  slopes  only  approximately  l/5  as  abrupt  as  thought 
necessary  based  on  the  Idealized  constant  downwash  angle  criterion.  This  may  be  due  to  Increased  local  downwash 
angle  over  regions  of  the  wing  with  stalled  or  partially  stalled  flow. 

5.  CONCLUSIONS  AND  RECOMMENDATIONS 

A nonlinear  lifting  line  theory,  with  an  unsteady  wake,  has  been  developed  and  applied  to  the  prediction  of 
forces  and  moments  on  aircraft  undergoing  a pitching  motion  through  the  stall  region.  Tho  procedure  Is  an  outgrowth 
of  the  steady  state,  nonlinear  lifting  line  approaches  In  lief.  2-4,  which  predicted  the  occurrence  of  multiple  solutions 
to  the  lifting  line  equations  under  certain  conditions.  The  present  theory  predicts  lift  hysteresis  and  rolling  and  yawing 
moments,  even  at  zero  yaw  angle,  for  wings  with  a negative  lift  curve  slope  of  sufficient  steepness  subsequent  to  stall. 
It  is  anticipated  that  the  theory  and  computations  may  serve  as  a guide  in  predicting  the  susceptibility  of  various  air- 
craft of  moderate  to  high  aspect  ratio  and  low  sweep  to  adverse  stall  and  departure  cha?'acterlsttcs. 

Specific  conclusions  relating  to  the  computations  and  assumptions  are  summarized  below. 

(i)  The  method  has  been  programmed  for  solution  on  the  CDC  Cyber  70  computer.  Computer  solutions  are 
simple  to  execute  and  reasonably  economical. 

(11)  The  method  compares  well  with  steady  state  T-2C  test  data  (aspect  ratio  5.07),  both  for  lift  and  rolling 
moment.  No  lift  hysteresis  appeared  in  the  data  but  both  test  data  and  theory  showed  the  occurrence 
of  zero-beta  rolling  and  yawing  moments. 

(ill)  The  theory  predicts  lift  hysteresis  and  zero  beto  rolling  and  yawing  moments  when  tho  parameter 

57.3  b/ff  At>  0.18  (-b  is  the  maximum  negative  lift  curve  slope  of  the  two-dimonslonal  airfoil  sections 
comprising  the  wing).  The  severity  of  these  effects  is  found  to  Increase  with  increasing  b and  with 
decreasing  aspect  ratio.  Other  planform  parameters,  such  as  swcepback  angle,  twist  and  taper  ratio 
have  a lesser  Influence  on  those  adverse  stalling  characteristics. 

(iv)  The  converged  solutions  obtained  ai  angles  of  attack  for  which  multiple  roots  exist  are  non  unique  and 
depend  upon  the  starting  solutions  used  In  the  Iteration  procedure. 

(v)  The  Iteration  procedure  employed  a special  logic,  which  used  either  the  converged  solution  from  tho 
previous  time  step  as  the  initial  Iterate  (unstalled)  case,  or  set  the  initial  iterate  for  downwash  angle 
equal  to  zero  over  a wing  panel  (stalled  case).  This  empiricism  eliminates  solutions  with  saw-tooth 
stalling  patterns,  delays  stall  during  pltch-up,  and  postpones  destall  during  pitch  down,  thereby  maximizing 
the  hysteresis  zone.  Consideration  should  bo  given  to  alternative  methods,  possibly  based  on  stability 
theory,  for  selecting  among  the  various  possible  solutions. 

(vl)  The  formulation  does  not  Include  geometric  effects  ot  sweep  and  dihedral  angle  on  the  effective  section 
angle  of  attack.  These  effects  should  bo  Included  to  produce  satisfactory  correlation  with  test  data, 
particularly  for  the  sideslip  case. 

(vll)  Test  data,  which  include  dynamic  effects  relating  to  unsteady  wing  forces,  moments,  load  distributions 
and  stnv.  patterns,  are  required  to  substantiate  the  method  and  provide  a data  base  for  building  an 
improved  formulation. 

(vltl)  An  unsteady,  nonlinear  lifting  surface  theory,  with  two  or  more  spanwtse  lifting  lines,  may  be  required 
for  low  aspect  ra*lo  fighter  applications.  The  expanded  theory  might  also  include  unsteady  effects  on 
chordwise  load  distribution  and  section  stall. 
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Figure  6.  Effect  of  a Step  Change  in  Angle  of  Attack 
on  Lift,  AR= 6 
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Figure  10.  Nonlinear  Airfoil  Section  Lift  Characteristics  Used  for 
Parametric  Calculations. 


Figure  7,  Effect  of  Aspect  Ratio  on  Lift  Following  a Step 
Change  in  Angle  of  Attack. 


Figure  8.  Planform  Geometry  and  Paneling  Used  for  T-2C 
Computations  (N  = 14). 
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Figure  13.  ii Erect  of  Negative  Lift  Cuive  Slop  on  J.ii'i 
Hysteresis,  Aspect  Ratio  8.0. 
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Figure  1 5.  Effect  of  Negative  Lift  Curve  Slope  on  Rolling  Moment 
Hysteresis  at  10°  Sideslip  Angle,  Aspect  Ratio  8.0. 
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Figure  1 7.  Effect  of  Twist  on  Lift  Hysterests,  Aspect  Ratio  8.0 
2D  Lift  Curve  Number  6 from  Figure  10. 
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Figure  16.  Effect  of  Taper  Ratio  on  Lift  ll^tcrcsis,  Aspect  Ratio 
8.0.  Lift  Curve  Number  5 front  Figure  10. 
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Figure  18.  Effect  of  Roll  Perturbation  at  = 1 2.4  Degiecs 
on  Lift  Hysteresis  Aspect  Ratio  8 0. 
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Figure  1 9.  Effect  of  Roll  Perturbation  at  <*_  = 1 2.4  Degrees  on  Zero  Beta  Rolling 
Moment,  Aspect  Ratio  8.0. 
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Figure  20.  Lift  Hysteresis  Correlation. 
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SUMMARY 

Experiments  examining  the  unsteady  growth  of  a separated  region  on  an  airfoil  in  incompressible 
flow  are  employed  to  verify  aspects  of  a semi-empirical  model  which  attempts  to  predict  the  loading  and 
unsteady  flow  effects  associated  with  the  region.  Measurements  of  surface  pressures  downstream  of  an 
oscillating  fence-type  spoiler  confirm  the  existence  of  the  two  essential  features  of  the  model,  namely, 
(1)  a lag  in  the  growth  of  the  separation  zone  due  to  the  unsteady  nature  of  the  flowfield,  and  (2) 
modification  of  the  approximate  "roof-top"  pressure  distribution  associated  with  a separating  and 
reattaching  shear  layer  which  occurs  on  a surface  in  steady  flow.  Also  examined  briefly  are  the  effects 
of  Reynolds  number  variation  and  the  observation  of  secondary  flow  phenomena.  Limitations  of  the  model, 
including  its  inability  to  predict  detailed  spatial  and  temporal  distributions  of  pressure  behavior, 
are  discussed  along  with  reconinendations  for  improvements.  One  recommended  improvement  to  the  model  is 
the  inclusion  of  the  flow  field  mean  vortlcity  distribution. 


SYMBOLS 


a shear  layer  parameter 

b flap/spoiler  mechanical  coupling  parameter 

c airfoil  chord 

ACj,  hinge-moment  coefficient  due  to  spoiler- 

induced  loading 

C pressure  coefficient,  non-dimens lonallzed 

p by  free-stream  dynamic  pressure 

Cpb  pressure  difference  coefficient  associated 

^ with  a roof-top  distribution 

C,,b  unsteady  perturbation  to  Cp(j 

E ratio  of  separated  regior  length  to 

spoiler  height 

hs,n  act'ial  and  non-dimensional  spoiler  height, 

h s hs/(c/2) 

hc,  Ah  non-dimensional  mean  spoiler  height  and 
amplitude 

h0t  non-dimensional  mean  spoiler  height  for 

zero  flap  deflection  in  the  coupled 
configuration 

Ct)C 

k reduced  frequency  parameter,  k = •jjj- 

actual  and  non-dimensional  length  o? 
separated  region,  l s ls/( c/2) 


X0,Af  non-dimensiona!  mean  length  and  amplitude 
p surface  static  pressure 

t time 

U velocity 

x non-dimensional  chordwise  distance 

measured  aft  crom  mid-chord  based  on  half 
chord  length 

xt  non-dimensional  pressure  transducer  loca- 

tion 

fi  flap  deflection  angle 

f3o,A/3  center  and  amplitude  of  flap  osci?.lation 
6 shear-layer  thickness 

8 instantaneous  phase  angle,  8 = to t/2 it 

which  relates  to  spoiler  height  through 
the  formula  h(t)  = h0-Ahcos2jr8  (t) 

U)  angular  frequency  of  oscillation 

Subscripts 

a pressure  elbow  value  on  spoiler  upstroke 

b pressure  elbow  value  on  spoiler  downstroke 

c convective  velocity  value 

o constant,  average  value 

r value  near  the  reattachment  point 

® free-stream  value 


1.  INTRODUCTION 

During  maneuvers  at  high  angles  of  attack,  dynamic  stall  or  other  similar  flow  phenomena  related  to 
a growing  unsteady  separated  region  may  result  in  aerodynamic  loading  which  differs  significantly  from 
that  in  steady  flow.  This  often  causes  departure  from  controlled  flight  or  in  the  very  least  alters 
the  predicted  behavior  of  the  flight  vehicle. 

The  problem  of  dynamic  stall  has  been  recognized  for  some  time,*  with  various  asoects  having  been 
investigated  either  experimentally,2  analytically ,3  or  numerically. ^ An  excellent  survey  of  past 
progress  in  the  general  area  of  separated  flow  may  be  found  in  reference  5.  The  extension  of  some  of 
the  ideas  tor  steady  flow  to  the  problem  or  unsteady  flow  has  only  recently  been  attempted^  but  these 
efforts  are  still  in  their  infancy. 

A useful  approach  to  achieving  an  understanding  of  the  flow  physics  in  such  problems  is  to  conceive 
of  a flow  situation  in  which  the  r.  ion  parameters  (for  example,  separated  region  geometry)  can  be 
somewhat  "controlled"  but  which  exhi  .ts  the  main  features  common  to  all  such  flows.  For  that  reason, 
a separated  region  produced  downstream  of  an  oscillating  fence-type  spoiler  located  at  the  ir.idchord  of 
a synsetric  airfoil  was  examined.  In  addition  to  providing  the  characteristics  discussed  above,  this 
flow  field  is  thought  to  be  somewhat  of  a subson<c  analog  of  shock  induced  separation*  which,  in  the 
unsteady  case,  involves  approximately  normal  shocks  that  traverse  the  surface  of  an  airfoil  and  result 
in  a growing  separation  zone. 
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Previous  wor'.-  by  the  first  author  with  a similar  configuration  led  to  an  experiment  which  was 
performed  at  the  Cranfield  Institute  of  Technology  (C.I.T.),  England.  It  involved  an  oscillating 
spoiler  and  flap  combination  with  which  limit  cycle  behavior  was  observed  when  the  spoiler  and  flap 
were  mcchanii  ally  coupled.®  The  resultant  flow  model  espoused  in  a subsequent  report^  and  in  a recent 
paper'''  contains  two  essential  features  consistent  with  observed  characteristics.  The  first,  involving 
a lag  in  the  growth  of  the  separation  zone,  is  attributed  solely  to  the  unsteady  nature  of  the  flow 
field.  The  second  involved  a modification  to  the  approximate  "roof-top"  type  pressure  distribution 
(Figure  1)  whi  ,h  Is  associated  with  a shear  iayer  that  separates  and  reattaches  on  a surface  in  steady 
flow. 

The  current  effort  seeks  to  further  examine  these  two  features  in  a more  direct  fashion  and  their 
effect  on  the  surface  loading  in  the  region  immediately  adjacent  to  the  separation  "bubble."  the 
experiments  described  below  were  conducted  to  provide  a more  complete  description  of  rhe  details  of 
the  flow  field  behavior  for  comparison  with  elements  of  the  model  of  reference  10. 


2,  MODEL  OF  THE  SEPARATED  REGION 

The  following  is  a suninary  of  important  aspects  of  the  analytical  model  used  to  predict  unsteady 
loading  due  to  spoiler-induced  separation.  The  model  is  based,  in  part,  on  earlier  experimental 
results  which  have  been  reported  in  detail  in  reference  8,  and  in  summary  in  refc-ence  11.  Detailed 
steps  in  its  development  may  be  found  in  references  9 and  10.  The  model  considers  small  perturbations 
to  a separated  region  of  the  so-called  "long  bubble"  type,  due  to  a spoiler  oscillation  of  th-  form 

h “ h-  - Ah  cos  die  where  l-rr^  I « 1. 

0 hQ  ■ 

2,1  The  Lag  in  Bubble  Growth 

The  basic  premise  upon  which  the  model  is  founded  is  that  the  separated  region  in  unsteady  flow  at 
any  instant  retains  the  characteristic  geometric  shape  of  a "bubble"  found  in  steady  flow.  Of  course, 
the  quantitative  aspects  of  the  region  (size,  induced  loading,  etc.)  are  not  assumed  apriori. 

Mass  flow  into  the  separated  region  is  related  to  spoiler  motion  by  the  assumption  that  the  outer 
shear-layer  (i.e.,  portion  of  the  shear-layer  external  to  the  steady-flow  dividing  streamline)  reacts 
in  a quasi-steady  manner  to  transfer  fluid  into  the  bubble.  A significant  additional  assumption,  which 
was  used  by  Trilling'--,  is  that  mass  flux  perturbations  are  propagated  in  a reversed  flow  direction  at 
a characteristic  convective  speed,  Uc.  A relationship  for  instantaneous  nondime ns ionul  length  of  the 
separated  region  was  then  shown  to  be : 

£ (t)  - - A2  cos  (w  t - 0) 

where  the  phase  angle,  0,  could  be  related  tc  the  mean  length,  lQ,  and  A more  general  expres- 

sion, which  is  applicable  to  the  larger  amplitude  cases  of  interest  here  involves  a phase  angle  which 
depends  on  instantaneous  length.  The  equation  for  the  length  then  becomes- 

Vc) 

■f(t)  = lQ  - Af  cos  co[t  - — u — ] 

c 

or 

i(t)  - j&0  - A*  cos[2ff8(t)-*{f  J4(t)]  (1) 


Mean  bubble  length  and  amplitude  may  also  be  related  to  mean  spoiler  height  and  amplitude.  A linear 
relation  is  given  by  the  approximation  of  reference  10,  lQ  » Eh0  and  A l = EAh.  Equation  (1)  shows 
that  the  bubble  lags  its  quasi-steady  length  by  a time  varying  phase  angle  which  depends  cn  reduced 

frequency  and  the  velocity  ratio  r2.  In  the  present  model,  this  velocity  ratio  is  assumed  constant. 

uc 

It  may  be  thought  of  as  relating  a characteristic  bubble  length  (defined,  say,  as  the  distance  between 
the  reattachmcnt  point  and  the  spoiler)  and  the  average  time  it  takes  for  an  element  of  fluid  to  travel 
this  distance  within  the  bubble  interior. 

2.2  Unsteady  Pressure  Distribution 

The  characteristic  shape  of  the  surface  pressure  distribution  adjacent  to  a separated  shear-layer 
which  reattaches  onto  a solid  surface  may  be  approximated  by  the  "roof-top"  distribution  shown  below  in 
Figure  1.  In  this  figure  (and  in  the  model),  a pressure  difference  coefficient  is  employed  as  the 
ordinate.  Its  distribution,  which  inflects  the  difference  between  separated  and  attached  flow  values 
of  pressure,  also  represents  the  difference  in  chordwise  loading  on  the  aft  portion  of  the  airfoil. 

The  region  of  pressure  rise  between  tne  roof-top  value  and  that  near  reattachment  may  involve  an  "over- 
shoot" in  pressure  downstream  of  reattachment  which  is  associated  with  the  effects  of  turbulent  mixing 
and  reattachment. 

In  steady  flow, the  roof-top  value  of  pressure  coeff'cient,  Cp^,  may  be  thought  of  as  a base  pressure. 

It  does  not  change  significantly  with  spoiler  height  for  moderate  to  large  valt  es  of  height.®  As 
spoiler  height  increases,  the  separated  region  length  increases  in  the  downstream  direction.  A long 
region  may  involve  recompression  on  the  surface  with  a point  of  confluence  (not  properly  called 
reattachment)  in  the  wake.  This  type  of  bubble  has  been  discussed  previously.®’’  The  present  model  is 
valid  for  reattachment  on  the  surface  only. 
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Fig.  1 Actual  and  Approximate  Surface 

Pressure  Distributions  in  Steady 
Flow 


Under  the  assumption  of  quasi-steady  behavior 
of  the  outer  shear  layer  and  following  the  develop- 
ment of  Norbury  and  Crabtree, 13  a relationship 
between  3poiler  motion  and  an  assumed  perturbation 
to  the  roof-top  pressure  can  be  written  as: 


Cpk  = - a k Ah  sin  O'  t 

where 


for  an  average  roof-top  pressure  coefficient  of 
Cpb  — - 0.4  (see  references  5 and  10). 


With  an  approximate  value  for  th.  ratio  of  mean  spoiler  height  to  shear-layer  thickness  at  reattach- 
ment taken  from  reference  8 and  the  empirically  derived  value  of  E - 23,  we  have  the  final  result: 

£pb  - - 30k  Ah  sin  out  (2) 

That  is,  pressure  perturbations  are  directly  related  to  the  spoiler  rate  of  motion.  Note  that  the 
value  of  E was  evaluated  from  results  of  the  present  experiment  where,  for  long  bubbles,  E *»  df/dh  in 
steady  flow. 

2.3  Use  of  the  Model  to  Predict  Loading 

Earlier  experiments® >9  involved  the  spoiler  mechanically  coupled  to  a plain  flap-type  control 
surface  so  that  spoiler  height  and  flap  angle,  j3 , were  related  by  the  coupling  equation: 

h(t)  = hQi  + b/3  (t) 

The  complete  system  equation  of  motion  included  mechanical  and  aerodynamic  hinge-moment  terms  in  addi- 
tion to  the  added  effect  of  an  incremental  hinge-moment  coefficient,  ACn(t),  which  is  due  solely  to 
spoiler  induced  unsteady  loads.  The  incremental  quan' < ty,  ACjj,  was  shown  in  reference  9 to  depend  on 
separated  region  length  and  roof-top  pressure  in  the  hollowing  functional  form: 


KEY 


- O- 


AC„(c)  - fj  {Cph(t)3  ig  U(t)}  (3) 

where 

f » ’ CPb0  + ^?b 

and  f2  was  expressed  as  a polynomial  in  i . 

Stability  of  the  coupled,  autonomous  spoiler 
and  flap  system  was  studied  upon  its  release  from 
a flap  angle  which  corresponds  to  an  equilibrium 
condition  in  steady  flow.  Results  are  reported  in 
detail  in  references  9 and  10.  It  was  shown  that 
a range  of  values  of  mean  spoiler  height,  h0l , and 
coupling  parameter,  b,  resulted  in  self-excitation. 
Stable  limit  cycle  behavior  was  predicted  and 
observed. 

The  model  was  shewn  to  be  useful  in  predicting 
not  only  frequency,  but  amplitude  and  center  of 
oscillation  of  the  limit-cycle  with  good  accuracy. 
Figure  2 contains  a typical  map  of  theoretical 
predictions  for  these  parameters. ' ® 


Fig.  2 Predicted  Limit-Cycle  Behavior 
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h = 0.03  - 0.03  cos  2Jr9(t) 
k «=  0.20 


60%  Chord  Data 


87.5%  Chord  Data 
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Fig.  3 Pressure  Histories  Before  and  After 
Ensemble  Averaging 
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3,  DESCRIPTION  OF  TOE  EXPERIMENTAL  EFFORT 

A NACA  0012  airfoil  model  having  a ten  inch  (25.4  cm)  chord  with  an  oscillating  fence-type  spoiler 
protruding  from  one  surface  at  midchord  was  constructed  and  mounted  in  the  2 foot  by  3 foot  subsonic 
wind  tunnel  at  the  U.S.  Air  Force  Academy.  The  model  spanned  the  tunnel  across  the  shorter  dimension. 

It  was  instrumented  with  precision  miniature  pressure  transducers  located  at  nine  chordwise  locations 
aiong  the  centerline.  Six  of  these  were  located  on  the  same  surface  as  the  spoiler  and  downstream  of 
it  (at  52,  60,  70,  80,  87.5,  and  93.5  per  cent  chord).  One  was  located  on  the  airfoil  lower  (opposite 
to  spoiler)  surface  at  92  per  cent  chord.  The  remainder  were  located  on  the  upper  surface  ahead  of  the 
spoiler  (at  25  and  45  per  cent  chord).  Data  from  these  two  transducers  is  not  presented  here.  All 
transducers  were  installed  so  that  their  natural  frequency  of  operation  (upper  limit),  including  duct- 
work, was  never  lower  than  400  Hz 

The  oscillator  apparatus  was  constructed  so  that  spoiler  motion  was  sinusoidal.  Both  mean  height 
and  amplitude  could  be  adjusted  prior  to  the  commencement  of  a run.  Oscillation  frequencies  could  be 
varied  between  zero  and  20  Hz  to  within  0.01  Hz  resolution.  This  corresponds  to  a reduced  frequency 
range  extending  from  0.0  £ k < 1.0  depending  on  the  flow  velocity. 

All  measurements  were  made  with  the  airfoil  angle-of-attack  at  zero  degrees.  The  velocity  was 
varied  from  50  feet  per  second  to  135  feet  per  second  providing  a Reynolds  number  variation  of 
207,000  < R^  560,000  where  Reynolds  number  is  based  on  airfoil  chord  length. 

Transducer  data  were  recorded  on  FM  tape  using  a 7-channel  Philips  Recorder/ Reproducer  with  a 10  kHz 
bandwidth.  Reduction  and  analysis  was  accomplished  using  a Hewlett-Packard  5452B  Fourier  Analyzer/ 
Computer  System. 

Time  varying  mean  pressures  were  obtained  over  a cycle  of  spoiler  oscillation  by  using  an  ensemble 
averaging  technique.  Synchronizing  the  pressure  signal  data  with  a spoiler  position  "trigger,"  data 
were  inputted,  digitized  and  stored  in  the  analyzer.  Subsequent  block  addition  (point-by-point)  and 
normalization  of  the  correlated  data  provided  the  desired  result.-  A sample  of  the  original  input  data 
adjacent  to  the  "average"  is  displayed  in  Figure  3 for  two  transducer  signals. 

Mean  square  values  of  the  pressure  coefficient  fluctuations  were  obtained  with  an  ensemble  averaging 
scheme  similar  to  that  used  for  mean  flow  data.  Noting  that,  in  unsteady  flow, 


where 

P “ P + P* 

and  p is  a time-varying  mean  quantity,  the  square  of  the  pressure  was  computed  and  averaged  along  with 
the  square  of  the  mean  pressure.  The  desired  mean  square  value  was  obtained  after  block  subtraction. 
This  data  is  also  displayed  in  Figure  3. 

Spectral  information  was  also  obtained  using  standard  Hewlett-Packard  FFT  software. 


4.  EXPERIMENTAL  RESULTS 
4.1  General 


Experimental  verification  of  the  e.«  .*  ntial  features  of  the  analytical  model  described  above  was 
attained  through  examination  of  available  mean  surface  pressure  data.  A typical  variation  of  this 
quantity  with  spoiler  height  for  surface  locations  downstream  of  the  spoiler  and  for  steady  flow  is 
displayed  in  Figure  4.  Attached  flow  values  (spoiler  fully  retracted,  h = 0)  of  pressure  coefficient 
were  computed  using  the  NACA  method.  These  data  were  obtained  at  a Reynolds  number  o?  414,000 
(Ura  • 100  ft/sec)  as  was  most  of  the  experimental  data  which  follows. 


Fig.  4 Steady  Flow  Pressure  Variations 
at  Locations  Aft  of  the  Spoiler 


It  is  observed  thet  a region  of  markedly  lower 
pressure  appears  downstream  of  the  spoiler  as  its 
height  is  increased.  This  low  pressure  region  then 
grows  in  the  downstream  direction  as  the  spoiler 
height  continues  to  increase.  No  significant 
pressure  changes  are  observed  in  the  vicinity  of 
the  trailing  edge  for  spoiler  heights  less  than 
0.2  inches  (h  £ 0.04). 

The  above  results  can  be  displayed  in  a 
slightly  different  manner  when  cross-plotted 
against  the  variable  "8,"  a quantity  directly 
related  to  spoiler  height.  Figures  5a,  6a  and  7a 
depict  this  variation  for  case3  where  the  mean 
spoiler  height  and  amplitude  are  the  same  and  equal 
to  0.15  inches,  0.10  inches  and  0.25  inches, 
respectively.  (That  is,  h0  •=  Ah  = 0.03,  0.02  and 

0. 05,  respectively.)  These  cases  all  correspond 
to  situations  where  the  spoiler  is  flush  with  the 
wing  surface  at  its  minimum  height  and  may  be 
taken  as  limiting  cases  of  "quasi-steady"  motion; 

1. e.,  the  reduced  frequency  (k)  may  be  regarded  as 
approaching  zero.  The  symmetry  of  these  waveforms 
with  respect  to  the  spoiler  position  characteristic 
is  quite  evident. 
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h ■*  0.03  - 0.03  cos  2J7  0(d) 


(a)  k = 0.00 


(b)  k = 0.10 


Fig.  5 Pressure  Coefficient  Time  Histories 
for  h " 0.03  - 0.03  cos  27T0 


Figures  5b-d,  corresponding  to  the  first  mean  height  and  amplitude  case  above,  show  pressure 
coefficients  for  the  situation  where  the  spoiler  was  oscillated  sinusoidally  at  reduced  frequencies  of 
0.1,  0.2,  and  0.3,  respectively.  Similar  results  for  other  spoiler  characteristics  appear  in  Figures 
6b  and  7b  but  only  for  values  of  k « 0.2.  The  deviations  and  relative  asynmetrles  of  these  unsteady 
flow  data  from  their  steady  flow  counterparts  are  evident  upon  inspection.  In  particular,  the  effect 
of  frequency  is  evident  in  Figures  5b-d  where  it  can  be  seen  that  suction  values  are  increased  over  the 
quasi-steady  values  on  the  spoiler  upstroke  (i.e.,  for  0 < 0 < .5)  and  decreased  on  the  downstroke 
(for  .5  < 0 < 1.0). 


i 
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h «■  O.Or>  - 0.05  cos  21?  0{t) 


Fig.  9 Chordwise  Pressure  Distributions  During 
a Cycle  for  h = 0.05  - 0.05  cos  2 IT  9 


Chordwise  pressure  coefficient  distributions  of  the  region  downstream  of  the  spoiler  were  constructed 
from  the  above  data  by  emplo>ing  the  variable  8 as  a reference  quantity.  (See  Figures  8 and  9.)  These 
distributions  are  depicted  at  ten  equally  spaced  instants  during  a cycle  of  spoiler  motion.  The 
completed  curves  were  generated  with  the  aid  of  earlier  experimental  observations8  since  data  from  only 
seven  transducers  (including  one  on  the  lower  surface)  were  employed  in  the  present  case.  It  is 
reasonable  and  convenient  to  show  lower  surface  pressures  as  recovering  nearly  linearly  from  the  single 
measured  value  (at  92  per  cent  chord)  to  the  zero  spoiler  height  value  at  midchord.  The  shaded  areas 
represent  regions  of  upward  loading  on  the  surface,  while  the  cross-hrtched  segments  depict  downloading. 

Careful  observation  of  the  above  data  confirms  the  existence  of  the  two  effects  inherent  in  the 
unsteady  flow  model:  (1)  The  lag  in  growth  of  the  low  pressure  region  is  evident  on  both  the  spoiler 

upstroke  and  downstroke  for  all  spoiler  nwan  height  and  amplitude  characteristics.  The  effects  of 
frequency  will  be  discussed  below.  (2)  The  predicted  increase  in  suction  values  within  the  low  pressure 
region  on  the  upstroke  (and  corresponding  decrease  on  the  downstroke)  are  observed  to  be  both  frequency 
and  amplitude  dependent. 

4.2  Characteristic  Growth  Lag 

A quantitative  investigation  of  the  l3g  effect  is  best  accomplished  by  selecting  a significant 
"event"  on  the  time-pressure  graphs  which  corresponds  to  a change  in  surface  loading  due  to  separation. 

A readily  identifiable  "signature"  is  available  in  the  bend  or  "elbow”  as  shown  in  Figure  5a.  At  any 
given  transducer  location,  event  "a"  corresponding  to  the  elbow  on  the  upstroke  can  be  further  identi- 
fied with  the  variable  0a.  On  the  spoiler  downstroke,  the  elbow  "b"  is  similarly  associated  with  the 
parameter,  0b.  For  the  case  of  k = 0.0,  and  a surface  location  of  70  per  cent  chord,  these  values  are 
0 *>  0.230  and  0b  >■  0.770,  as  shown.  The  same  identification  technique  is  employed  in  the  unsteady 

flow  case. 


Figure  10  shows  the  elbow  locations  as  discussed  above  corresponding  to  Figures  5 and  8.  In  these 
cases,  the  lag  is  apparent.  Although  this  information  is  not  depicted  with  spoiler  height  directly,  a 
cross-plot  of  this  nature  would  reveal  a non-linear  behavior  near  the  origin.  This  change  in  character 
may  relate  to  the  existence  of  a so-called  "short  separation  bubble"  discussed  ii  reference  8.  Once 
the  "bubble"  length  has  increased  so  that  h /l  « 1,  the  relationship  between  pressure  elbow  location 
and  spoiler  height  is  approximately  linear.  The  distance  between  the  spoiler  and  a given  transducer 

(given  by  xc  •j)  can  be  combined  with  the  difference  between  the  unsteady  flow  value  of  0 and  the 

corresponding  steady  flow  value  for  events  a and  b (i.e.,  0^  - 9a  and  0b  - 0^)  and  related  to  the  assumed 
convective  lag  velocities,  Ua  and  Ub. 


U 

CO 


2ff<-9a> 

xtk 


2ff<eb-y 

ub  “ xtk 


and 
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h “ 0.03  - 0.03  cos  2JT0(t) 

“ ' ' ' * 

O o.oo 


Fig.  10  Pressure  Elbow  Location  During  a 
Cycle  of  Spoiler  Motion 


v. 


Results  for  the  five  unsteady  cases  considered 
above  are  plotted  versus  ehordwise  location  down- 
stream of  the  spoiler  In  Figure  11.  The  horizontal 
axis  also  corresponds  directly  to  a Reynolds  number 
based  on  the  length  of  the  low  pressure  region  as 
measured  from  the  spoiler  to  the  pressure  elbow. 
Tills  length  has  been  shown  in  referenco  8 to  lie 
downstream  of  the  accual  reattochmeut  point  in  noth 
steady  and  unafency  flow. 

The  significance  of  the  elbow  as  an  indicator 
of  reattachment  (at  least  on  the  spoiler  upstroke) 
is  illustrated  in  Figure  3.  The  mean  square  value 
of  the  pressure  fluctuations  Is  observed  to 
increase  dramatically  as  the  pressure  decrease 
begins,  signifying  the  passage  of  the  outer  shear 
layer  over  the  transducer  in  question.  Peak  mean 
square  fluctuations  occur  at  about  71  per  cent  of 
the  distance  from  spoiler  location  to  the  upstroke 
elbow.  This  result  ia  nearly  identical  with 
earlier  experiments  where  steady  flow  reattachment 
was  observed  to  occur  at  about  77  per  cent  of  the 
distance  from  the  spoiler  to  the  elbow.  Based  on 
flow  visualization  measurements  of  reattachment 
point  location  in  thn  earlier  experiments,®  it  is 
also  reasonable  co  assume  that  reattachment  occurs 
within  che  low  pressure  region  between  the  pressure 
elbow  and  ras  peak. 

Of  greater  significance  is  the  severely 
modified  and,  in  many  cases,  totally  absent  peak 
In  the  rms  fluctuations  on  the  sootier  downstroko. 
This  Interesting  phenomenon  sot.  the  variacicn  of 
those  peaks  with  other  mean  flew  parameters  are. 
due  to  be  Investigated  in  further  experiments. 

The  existence  of  tha  gowtn  rag  has  been 
modeled  through  a postulated  characteristic 
velocity,  Uc,  Figure  31  depicts  the  variation  in 
this  velocity  with  chordv/lse  location.  The  solid 
symbols,  which  refer  to  data  obtained  on  the 
spoiler  upstroke,  reveal  ac  average  value  of  Ua/Uw 
? 0.243  for  lew  pressure  regions  having  a length 
greater  tlian  cen  per  cent  of  the  wing  chord . For 
the  very  short  characteristic  lengths  near  the 
spoiler,  the.  determined  characcerxstic  velocity  is 
much  lower.  This  difference  can  probably  be 
attributed  to  the  varying  influence  of  basic 
physical  mechanises  in  the  formation  of  the  long 
and  short  separation  "bubbles."  It  should  be 
noted  that  measurements  of  the  upstroke  lag  in 
earlier  experiments®  indicated  a value  of  Ua/(J„.  — 
0.322.  Significant  differences  in  geometric  aspect 
ratio  and  associated  three-dimensional  effects  pay 
well  account  for  this  variation. 

Data  obtained  on  the  spoiler  downstroke  indi- 
cate an  average  characteristic  velocity  for  long 
bubbles  of  Db/0<o  0.150,  a value  about  one-half 
ns  great  as  that  obtained  for  the  upstroke,  bower 
values  of  this  quantity  for  the  very  short  struc- 
ture were  also  again  computed.  Possible  explana- 
tions for  this  discrepancy  are  discussed  below. 


Fig.  11  Convective  Velocity  Ratios  on 
Spoiler  Upstroke  and  Downs troke 


4,3  Unsteady  Pressure  Overshoot 

The  second  important  feature  of  the  loading  model  involves  perturbations  to  the  average  ("roof-top') 
pressure  in  che  low  pressure  region.  The  experimental  determination  of  this  characteristic  necessitates 
a comparison  of  unsteady  flow  distributions  with  the  corresponding  distributions  in  the  quasi-steady 
flow  case. 
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The  pressure  field  data  of  Figures  8 and  9 reveal  that  the  "roof-top"  concept  is,  at  best,  an 
approximation  to  the  actual  distribution  in  the  unsteady  situation.  Significant  suction  peaks  are 
observed  to  exist  on  the  spoiler  upstroke.  Therefore,  a comparison  of  the  data  with  the  model  required 
that  the  actual  measured  distributions  be  replaced  with  an  equivalent  average  value  for  the  pressure 
coefficient. 


Fig.  12  Predicted  and  Measured  Values 
of  Pressure  Perturbation 


An  additional  facto>*  in  the  criteria  for 
experimental  data  comparison  involved  the  compen- 
sation for  the  time  lag  discussed  above.  Since 
Bubbles  of  the  same  lengths  were  required  for 
direct  comparison  (the  length  of  the  region  is 
accounted  for  in  the  model),  they  did  not  coincide 
with  identical  values  of  spoiler  height.  For 
example,  Che  equivalent  "roof-top”  pressure  at 
8 = O.aO  (Figure  8c)  was  compared  to  the  pressure 
at  8 ° 0.285  in  the  quasi-steady  case  (Figure  8a). 

Comparison  between  the  five  unsteady  cases  and 
their  quasi-steady  counterparts  yield  results  which 
fall  inside  the  shaded  region  of  Figure  12.  The 
model  postulates  that  these  results  should  fall  on 
a single  sinusoidal  curve  when  compensation  has 
been  made  for  reduced  frequency  and  amplitude  (note 
the  vertical  scale).  No  significant  departures 
from  this  scaling  law  were  observed  for  the 
amplitudes  and  frequencies  investigated.  The 
amplitude  of  the  "theoretical"  curve  shown  in 
Figure  12  was  found  by  substitution  of  empirical 
values  of  the  shear  layer  parameters  into  esuation 
(2). 


4.4  Other  Observations 


Though  limited  in  scope,  measurements  depicting  Reynolds  number  variation  reveal  this  to  be  a 
significant  parameter  over  the  range  of  investigation.  Both  the  bubble  geometry  and  the  magnitude  of 
the  unsteady  pressure  variations  were  found  to  be  dependent  on  Reynolds  number,  at  least  for  the  lowest 
value  observed  (R^  «■  207,000). 

The  earlier  experiments  reported  in  reference  8 were  all  accomplished  at  a relatively  high  range  of 
Reynolds  number,  0.9  x 10°<  Re  < 2 x 103,and  no  significant  Reynolds  number  variation  was  observed. 
Although  the  mid-range  data  (R^  = 414,000)  and  highest  value  data  (Re  = 560,000)  seem  to  be  in  good 
agreement,  the  data  obtained  at  the  low  end  of  the  Reynolds  number  range  indicate  a marked  deviation. 

The  significance  of  these  effects  and  their  relation  to  the  physical  mechanisms  which  drive  bubble 
growth  will  bo  the  subject  of  future  experiments. 

A final  comment  concerns  the  possible  presence  of  a secondary  flow  phenomenon  which  is  observed  in 
the  data  of  Figures  5b-d,  6b  and  7b.  The  transient  "ripple"  in  the  pressure  histories  at  52  and  60 
per  cent  chord  has  been  related  to  a reduced  frequency  of  about  7.15  k for  all  cases  examined.  This 
effect,  which  has  been  determined  to  be  independent  of  cn.nud'«.er  and  ducting  properties,  represents  a 
real  flow  phenomenon  possibly  relating  to  values  of  the  vortit  ity  of  the  "shed  structure"  at  the  spoiler 
tip.  It,  too,  will  be  a subject  of  further  investigation. 


5.  CONCLUSIONS  AIR)  RECOMMENDATIONS 

The  experimental  results  discussed  above  confirm  the  existence  of  both  a lag  in  separated  region 
length  and  an  overshoot  in  steady  flow  pressure  thereby  confirming  the  model’s  essential  features. 
Despite  its  necessary  restriction  to  small  perturbations,  the  model  can  be  extended  to  cases  involving 
large  variations  in  separated  region  geometry  ns  examined  in  this  paper.  This  discussion  would  not, 
however,  be  complete  without  a more  thorough  examination  of  the  model's  limitations  and  possible  areas 
of  improvement. 

It  should  be  recalled  that  the  model  is  inherently  lincar--a  result  achieved  ac  the  expense  of  a 
significant  number  of  'limiting"  assumptions.  The  application  and  determination  of  the  "shear  layer 
parameters"  is,  st  best,  an  empirical  procedure  thus  limiting  the  flexibility  and  broad  generalization 
of  the  model  to  other  configurations  and  flow  regimes.  At  the  same  time,  it  must,  in  all  fairness,  be 
noted  that  the  application  of  these  concepts  was  successful  when  applied  to  the  coupled  spoilor/flap 
system  in  the  prediction  of  system  stability  and  limit  cycle  motion. 

The  most  questionable  aspect  involved  in  the  extension  of  the  model  beyond  its  assumed  limits,  i.e., 
eiMll  perturbations  in  region  geometry,  is  the  accuracy  of  the  flow  field  description  ttse^f.  While 
the  concept  of  a growing  and  shrinking  bubble-like  structure  is  consistent  with  the  assumed  limitations, 
there  is  little  evidence  tr  support  this  picture  in  the  large  perturbation  situation.  Indeed,  if  the 
nus  pressure  measurements  have  been  corvectly  interpreted,  e‘nn  shear  layej  at  reattachroent  makes  contact 
with  and  moves  downstream  on  the  airfoil  surfeco  on  the  spoiler  upstroke  (growing  bubble)  but  exhibits 
no  converse  behavior  on  the  dovmatroke.  The  assumption  of  a shrinking  bubble  on  the  downs troko  is, 
therefore,  not  properly  warranted,  the  fact  that  the  inferred  characteristic  convective  velocities  or. 
the  upstroke  and  downstroke  differ  by  a significant  amount  is  further  confirmation  of  the  observation. 


26-12 


Alt. hough  che  flow  description  cv>v  not  he  accurate  on  the  downs troko , the  measured  pressure  histories 
confirm  (both  qualitatively  and  quantitatively)  tiie  lag  associated  with  cho  mean  llow  pressure  elbow 
which  may  be  expressed  in  the  form 

iij  > 

i(t)  * i - Ai  cos  (cut  - '~r~~  > 
o h 

c 

where  "c  ? Ua,  Ui,  for  the  spoiler  upstroke  ana  downs troke,  respectively . The  length,  i,  must  be 
divorcee  from  the  "bubble  length"  concept,  at  least,  on  the  downs broke , if  the  above  flow  field  descrip- 
tion is  employed. 

The  ob  ious  oversimplification  oi  a "roof-tcip"-shaped  distribution  is  evident  from  an  examination 
of  experimental  pressure  paaks^and  distributions,  the  non-linear  and  non-sinusoidal  behavior  associated 
with  the  equivalent  values  of  is  shown  in  Figure  12  hut  the  primary  difference  between  analysis  and 

experiment  occurs  in  the  phase . The  probable  reason  for  this  discrepancy  relates  to  the  quasi -steady 
arguments  which  led  to  chu  relation  for  Cn.  (equation  Z>. 

‘ts 

It  must  then  be  conceded  chat  the  model  provides  only  an  "average"  description  insotar  as  the  spatial 
variables  are  concerned.  Improvement  on  the  approach  must  be  centered  on  methods  which  are  more  capable 
of  assessing  the  local  details  of  the  flow  characteristics.  A technique  which  entails  a more  representa- 
tive description  ot  the  flow  field  is  appealing.  Instead  of  merely  examining  the  mass  transrer  character- 
istics, a more  significant  parameter  related  directly  to  tits  flow  dynamics  such  as  vorticity  (including 
production,  transfer  and  diffusion)  should  be  incorporated.  An  approach  which  involves  the  shear  layer 
characteristics  as  a consequence  rather  than  an  assumption  may  prove  a more  effective  vehicle  in 
extending  the  loading  predictions  to  a wider  variety  of  configurations  and  flow  regimes. 

A model  which  employs  the  above  concepts  is  currently  being  formulated.  It  docs  not  restrict  itself 
to  the  "bubble"  description  but  is  more  flexible  in  its  treatment  of  Che  flow  field  geometry.  Future 
experiments  directed  at  verification  of  the  nature  and  extent  of  the  vorticitv  field  are  already  In  the 
construction  phase. 

It  should  be  mentioned  that  the  three-dimensional  behavior  which  is  observed  to  exist  in  this  , 
seemingly  two-dimensional  problem  must  be  further  investigated.  Thesu  effects  and  those  of  aspect 
racio  and  wing  sweep  must  be  acre  complete1}1  understood  before  any  attempt  to  extend  the  model  to 
complex  configurations  can  be  entertained. 

As  a final  note,  it  should  fee  emphasized  that  while  numerical  solution  to  the  equations  of  motion 
may  seem  a more  straightforward  method  to  the  solution  of  this  problem,  the  primary  advantage  in 
analytically  modeling  the  flow  field  lies  in  the  resulting  capability  to  readily  extract  the  nature  and 
extent  of  the  dominant  physical  mechanisms.  Tills  is  the  primary  objective  of  the  current  research 
effort. 
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PR2SSI0NS  SUR  UNE  UARENE  DE  PRISE  D'AIR  A LEVRE  MINCE 
FONCTIONNANT  EN  SUBSONIQUE  A DEBIT  REDLTT 

par  Girard  i.ARUELLE  et  Paul  LEVART 

Office  National  (FEtudes  et  di  Ret-herches  Airospatieles  IONERAI 
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RESUME 

Un  montage  d'essais  er.  soufflerie  a 6t6  rialis£  pour  itudier  I'dcoulement  autour  du  bore! 
d'attaque  aigu  d'une  prise  d'air  fonctionnant  en  subsonique  6 dibit  riduit. 

Une  comparaison  des  ^partitions  de  pression  sur  la  carine,  calculGes,  sur  une  configu- 
ration donnie,  pour  le  vol  et  pour  le  montage  en  soufflerie,  montre  que  I'icoulement  local 
est  correctement  simuli  dans  le  cas  d'une  reduction  de  dibit. 

A dibit  riduit,  les  forces  agissant  sur  la  prise  d’air  sont  fonction  du  bulbe  de  dicolle- 
ment  qui  se  forme  sur  la  paroi  externe  de  la  carene. 

La  mithode  utilisie  pour  calculer  I'icoulement  potentiel  a ite  adaptie  pour  prendre  en 
compte  ce  bulbe,  scion  les  paramitres  aui  le  caractirisent. 

Cette  mithode  est  actuellement  limitie  aux  icoulements  subsoniques,  mais  dcit  etre 
divcloppie  pour  des  cas  transsoniques. 

La  ditermination  des  paramitres  caractirisant  le  bulbe  est  recherchie  & partir  des  rigles 
empiriques  itablies  expirimentalement  ; le  risultat  ne  peut  done  etre  itendu  sans  virificatior. 
b des  cas  assez  eloignis  des  conditions  de  I'essai. 

Les  sondages  effectuis  sur  la  paroi  supirieure  de  la  carinc  permettent  par  ailleurs  de 
caractiriser  le  profil  et  I'ipaisseur  de  la  couche  limite  qui  dipendent  du  sillage  du  bulbe, 
lesquels  sont  igalement  diterminis  par  le  calcul. 

Enfin,  des  mesuref  instationnaires  et  un  film  strioscopique  rivelent  le  caractire  insta- 
tionnaire  du  dicollement  de  bord  d'attaque. 


PRESSURES  OVER  A SHARP-EDGED  AIR  INTAKE  FUNCTIONING  IN  SUBSONIC  FLOW 
AT  REDUCED  FLOWRATE 

ABSTRACT 

A wind  tunnel  test  set-up  has  been  designed  for  studying  flew  around  the  cowl 
with  sharp  leading  edge  of  an  air  intake  functioning  at  subsonic  velocity  and  with  a reduced 
fiowr.ite. 

A comparison  of  the  pressure  fields  around  the  intake  lip,  calculated  in  an  approximate 
configuration  for  the  free  flight  and  for  that  particular  set-up,  shows  that  local  flows  are 
correctly  simulated  in  the  case  of  moderately  reduced  flowrates. 

The  forces  acting  on  the  air  intake  casing  are  dependent  upon  a separation  bubble  that 
forms  on  the  external  lip  of  the  intake  when  the  flowrate  is  sufficiently  reduced. 

The  method  used  for  calculating  the  potential  flow  has  been  adapted  to  take  account 
of  this  bubble,  through  parameters  characterizing  it.  This  method  is  presently  limited  to 
subsonic  flows,  but  will  be  developed  for  transonic  flows. 

The  determination  of  these  bubble  parameters  is  sought  from  empirical  rule'  based  on 
test  results  ; thence  these  rules  should  not  be  extended  too  far  beyond  the  actual  *r 
conditions. 

Moreover,  probings  performed  along  the  external  surface  of  the  cowl  make  it  possible 
to  characterize  the  profile  and  thickness  ot  the  boundary  layer,  which  is  dependent  on  the 
bubble  wake,  and  which  is  predicted  by  the  calculation  method. 

Lastly,  fast  response  pressure  measurements  and  a film  of  schlieren  pictures  reveal  the 
unsteady  character  of  the  leading  edge  separation. 
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NOTATIONS. 


SYMBOLIC 

ft  : section  d'un  tube  de  courant 

fit  ■:  section  critique 

Hi,  bc:  facteurs  de  contraction 
Cf  : coefficient  de  frottement 
H : hauteur 

H ■ parametre  de  forme 

H : parametre  de  forme 


Hz  Sc  j St 
H a Sj/k 
coefficient  de  cression  Hp  c 

a, 

nombre  de  Mach 
vecteur  unitaire  normal 
press ion 

pression  dynamiq'ie 
composante  de  la  vitesse  selon  Ox- 
composante  de  la  vitesse  selon  O^j 
nodule  de  la  vitesse 
longueur  de  decollement 
rapport  des  cl  aleurs  specifique3 
epaisseur  de  la  couche  limite 
epaisseur  de  deplacement 
epaisseur  de  quantite  de  mouvement 
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Si  : epaisseur  d'energie 

6 , 6 •:  coefficients  de  debit 

$ : fonction  de  dissipation 

Y '■  fonctiuns  de  courunt 

p ; masse  volunique 

(*,u)  | „ , 

, J svstemea  de  coordonnees 

(M)r  f\/f\ c 

Q~  : direction  de  1'lcoulement  potentiel 
X : force  <le  frottement  par  unite  de  surface 


INDICES. 

0 : infini  amonc  (ou  plar  d' entree  dans  ie 

montage  en  soufflerie) 

4 : plan  de  1'entrSe  d’air 

r / : decollement 

t : limite  extdrieure  de  la  couche  limite 

t : recollement 

1 - INTRODUCTION. 


Los  prises  d' air  d'un  avion  de  transport  super- 
sonique  sont  optimises  pour  la  croisiere  ; elles 
presentent  une  carSne  5 l,3vre  since  qui  percet 
de  mimmiser  la  trainee. 


Pendant  certaines  phases  subsor.iques  du  vol, 
avec  debit  d'air  reduit,  les  lignes  de  courant 
abordent  la  carene  avec  une  forte  incidence  : il 
en  results  ur.  decollement  de  bord  d'attaque,  sur 
la  paroi  externe  de  la  carene,  qui  modi  fie  la 
repartition  des  pressior.s  locales.  En  particulier 
l'effet  de  succior.  est  reduit,  ce  qui  accroit 
la  trainee.  Une  methode  de  calcul  des  efforts 
sur  la  carene,  et  de  l'ecouleraent.  d'entree  obtenu 
dans  ecs  conditions  est  proposes  ;■  elle  est  basee 
sur  des  lois  assez  empiriques  etablies  a partir 
de  resultats  experimental.  A set  effet,  un 
montage  d'essai  qui  permec  de  creer  des  decel- 
ieoents  de  bord  d'attaque  tr$s  proches  de  ceux 
qui  appuraissent  sur  les  prises  d'air  a ete 
realise  dans  la  souff'erie  Si  de  Ciialais-Meudon. 


2  - PRESENTATION  DU  PROBLEME. 


Le  debit  d'air  capte  par  le  moteur  sera  carac- 
terise  par  £ : "coefficient  de  dgbit"  qui 

represente  le  rapDort  de  la  section  du  tube  de 
courant  capte,  a 1' infini  amont  (Ao)  ala  section 
de  1'entree  d'air  (Al)  (fig.l),  Le  domaine  qui 
nous  interesse,  dans  cette  etude,  est  celui  des 
faibles  valeurs  dot  (5  , pour  lequel  le  point 
d' arret  est  citue  sur  la  carene  interne. 


1*1 


Fig.  1 - Definition  du  coefficient  tfe  debit. 


En  fluide  par  fait,  ie  contoumercent  de  lo  levre 
mince  induit  des  vitesses  infiniment  grar.des 
(fig.2),  avec  creation  d'un  effet  de  succion 
local  tres  pronooce . 


Au-dela  du  bord  d'attaque,  se  produit  une  ti'es 
rapide  recompression  externe  qui  ramene  la  p.-es- 
sion  a une  valeur  voisine  de  -jc.  a une  certaine 
distance  a l'oval  du  berd  d'attaque. 


J s/  J s 


rig.  3 - Schema  red. 
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En  fluide  -cel,  un  tel  schema  ne  peut  exister  ; 
un  bulbe  de  dEcollement  se  forme  au  bord  d'at- 
taque(f ig.3) , qui  attenue  l'effet  de  succion  et 
modifie  la  repartition  des  pressions  3ur  la 
carene . 

Actuellement  la  theorie  ne  peut  traiter  ce  cas 
de  decollement,  qui,  a notre  connaissance,  n'a 
encore  fait  l'objet  que  de  recherches  experi- 
mentales  partielles  [l]  ; lea  -echerches  ont 
surtout  preeSdemment  porte  sur  des  cas  voisins 
de  bords  d'attaque  d'ailes  arrondia,  od  la  couche 
limite  laminaire  se  developpe  avant  de  decolle’-, 
pour  former  un  bulbe  court  dans  lequ,  1 la  tran- 
sition se  produit  ; elles  ont  donnfi  ntissance  a 
des  mSthodes  de  prevision  semi-theoriqtes  des 
caractlristiques  du  bulbe,  telles  que  ctlle  qui 
est  presentee  en  [2]  . 

La  methode  proposee,  consiste  a mndeliser  les 
repartitions  de  pression  au  niveau  du  bulbe  de 
decollement  obtenues  experimentalement,  et 
a introduire  cette  modelisation  dans  un  programme 
de  calcul  de  fluide  parfait.  La  reference  [3] 
presente  un  travail  comparable. 

Les  lois  experimentales  ont  ete  obtenues  sur  une 
forme  de  carene  particuliSre  ; elles  ne  peuvent 
etre  generalisees  sans  des  essais  comple- 
mentaires. 


J - MONTAGE  EXPERIMENTAL. 


3.1  - Description  du  montage  - 


Le  montage  experimental  a ete  lealise  pour  la 
soufflerie  S5  de  Chalais-Meudon. 

La  carene  utilisee  reproduit,  a l'echelle  1/7, 
la  forme  r^elle  d’ne  carene  1* avion  superso- 
nique,  et  les  parol  de  lc  veine  on^  ete  definies 
de  faqon  que,  sur  cette  carene,  les  repartitions 
de  pression  soient  tres  voisines  de  celles  qui 
existent  en  vol  : les  parois  epousent  la  forme 
de  lignes  de  courant  proches  de  la  carene  dans 
les  conditions  du  vol  subsonique. 

La  pression  g6neratjice  est  un  peu  ir-.ferieurp  ' 
celle  du  vol  (0,50  bar  au  lieu  d' environ  0,7 
bar),  mais  le  nombrt  de  Reynolds  demeure  signi- 
ficatif,  et  le  montage  doit  par  consequent 
donner  une  reproduction  assez  fidele  des  dccol- 
j.ements  reels  de  boids  d'attaque. 

Le  montage  est  presente  figures  ll  et  5. 

La  hauteur  d'entree  de  la  prisp  d'air  du 

montage  est  de  l*lt,7  mm  ; eelle  de  la  prise  d'air 
reelle,  serait  de  90  cm  environ.  La  largeur 
de  la  veine  est  de  300  mm. 


REGLA6E  DU 


Fig.  4 - Schima  du  montage. 


Fig.  5 - Montage  en  veine. 
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La  faible  valour  du  rapport  de  la  hauteur  d' entree 
Hi  a la  largeur  de  la  veine  perrnet  d' assurer  une 
bonne  bidimensiorm'-lit®  de  l'Seoulement,  ce  qui  a 
®te  verifie  par  des  visualisations  de  l'ecoule- 
aent  parietal.  La  longueur  des  bulbes  Studies, 
dont  la  dimension  peut  atteindre  f*5  mm  , reste 
an  particulier  cor.stante  sur  toute  la  largeur  de 
a veine,  hors  des  couches  limites  lateraies  de 
~ soufflerie. 

La  couohe  Iinite  de  la  puroi  i:.f®riourc  de  la 
veine  es*  eliminee  par  un  piege  en  "Pitot"  place 
juste  en  amont  de  la  partie  evolutive  du  profil. 

La  couche  Unite  qui  se  forme  sur  cette  partie 
evolutive  ect  elle-meme  controlee  par  aspiration, 
dans  la  rSgion  d' entree  de  la  prise  d'air  oil  les 
forts  gradients  que  l'on  obtier.t  a debit  reduit 
prcvoqueraient  un  decollement. 

Cette  aspiration  represente  environ  2%  du  debit 
de  la  prise  ; elle  est  assuree  par  25  range  de- 
cales  de  trous  de  0,8  mm  au  pas  de  2,5  mm. 

L' absence  de  decollement  a etc  vc-rifiee  par  visua- 
lisation parietaie.  Un  essai  preliminaire,  avec 
une  permeability  moindre,  n’avait  pas  permis 
d'eviter  ce  decollement. 

L' uniformity  de  i'eeoulement  amont,  dans  la  veine 
d’er.tree,  a ete  verifies  par  un  sondage  en  pres- 
sions  statique  et  wtale. 

Le  montage  ainsi  defini  perrnet  des  comparisons 
precises  des  resultats  experimentauy  aux  resultats 
de  calcul  : un  ecoulement  regulier  est  assure 
sur  les  parois  de  la  veine  qui  serviro.it  de 
frontieres  au  domaine  de  calcul  en  ecoulement 
potentiel. 

Divers  reglag-s  sont  possibles  : 

- debit  au  piege  3 couche  Iinite 

- debit  d' aspiration 

- dSbit  de  la  prise  d'air  (coefficient  de 
debit  : C 'z  He  l Hi) 

- r ombre  de  Mach  Mo 

3.2  - Squipement  en  mesures  de  pression. 


75  prises  de  pressicr.  parietales  sont  reparties 
sur  la  paroi  superieure  de  la  soufflerie  (l. ), 
sur  la  paroi  inferieure  (3^),  et  sur  la  carene 
(25  sur  la  paroi  exterre  et  3 a l'ir.terieur  de 
la  prise)  ; une  prise  supplement ai re  sert  a la 
mesure  du  debit  piege  controle  par  un  col 
sonique. 

Toutea  ces  prises  sont  placees  ders  le  plan 
median  de  la  veine. 

Deux  peigno?  anovibles,  I'un  en  amont  de  la 
carene  (lO  prises)  1' autre  ontre  la  saroi  supe- 
rieure de  la  veine  et  la  carene  {2k  prises ) 
permettent  de  verifier  1'uniformite  ie  l'Scoule- 
ment  et  l'Stat  des  couches  limites  u-'  dove] op- 
pant  sur  les  parois. 

Une  sonde  mobile  4 deux  branches  pe.vet  d’ explo- 
rer I'eeoulement  penetrant  dans  la  prise  d'air 
et  de  mesurer  le  debit  capte. 


repartitions  de  nombres  de  Mach  relevees  sur  les 
parois  de  la  carene  et  de  la  soufflerie.  Les 
conditions  correspondent  a la  figure  6,  M =0,5 
et  coefficient  de  debit  <f/=  0,6,  sont  telies  qu'il 
n 'y  a pas  formation  de  bulbe  ae  decollement 
sur  la  paroi  exteme  de  la  carene,  { la  vaieur 
'e  e.  1' adaptation  a M =0,5  est  d' environ  0,53) 
La  figure  7 (M^  = 0,5  et°  C‘‘  = 0,3M  met  par 
contre  en  evidence  3a  formation  d‘un  bulbe  de 
decollement  sur  3a  carene,  avec  ur.  plateau  le 
pression  suivi  d'uns  recompression  ; la  longueur 
du  bulbe  est  d’e.nviron  3 cm. 
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Fig.  6 - Repartitions  experimental  Mq  = 0,5,  £'  = 0,6. 


J^MACH 


3.1*  - Ltude  experimentale  du  bulbe  de  decol- 
lement . ” ’ 


3.1*.!  - Analyse  des  pressions  parietales. 


La  figure  8 fournit  quelques  exemples  de  repar- 
titions de  pressions  obtenues  sur  la  paroi 
exteme  de  la  carene  pour  diverses  configura- 
tions d'essai  ( tie,£'). 

La  variation  importante  du  niveau  de  pression 
sur  la  partie  aval  de  la  carene,  a Mo  fixe, 
lorsquc  le  debit  cspir£  par  la  prise  d'air  varie, 
resulte  Svidemment  de  la  limitation  de  la  veine. 

Une  visualisation  par  endeit  gras,  a permis  de 
preciser  en  premiere  approximation  les  points 
de  recollement.  Ces  points  sont  indiques  our  la 
figure  8. 


Sur  la  car3ne,  une  sonde  mobile  dont  la  longueur 
peut  etre  modifiee,  perrnet  de  relever  les 
profils  de  pressions  d'arrSt  dans  le  bulbe  et 
dans  la  couche  Unite  aval. 

Un  capteur  instationnaire  a 6te  install®  a 5 ■ 
du  bord  d'attaque,  sur  la  paroi  superieure  de  la 
carene , 

3.3  - Feoulement  sur  la  carene. 


Ix: s figures  6 et  7 presentent  deux  exemples  de 


Les  repartitions  obtenues  avec  decollement 
( £ 4-  0,l2)  prSsentent ,entre  le  bord  d'attaque 

de  la  carene  (point  de  decollement)  et  le  point 
de  recollement  une  similitude  d' 6 volution, 
avec  une  zone  quasi  isobar§,suivie  d’une  zone 
de  recompression  rapiae  jusqu'au  point  de  recol- 
lenent . 

La  reference  [3]  qui  presente  une  etude  sur  le 
recollement  turbulent  incompressible  indique, 
que  pour  une  couche  limite  initiale  nulle  au 
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point  de  decollement,  ie  rapport  (fa~fyj/<Jj  eat 
voisin  de  0,3.  ' 

L'  application  de  cette  relation  au  eas  dea 
presents  essais  (pour  leaquels  la  pression  de 
decollement  fa  est  la  pression  de  la  zone  quasi 
isotare  dans  le  bulbe)  permet  de  calculer  la 
pression  de  recollement  fa  et  done  de  local iser 
le  point  da  recolltment  t-ur  les  courbes  de 
pression  relevees  experinentalement. 


KP.^ 


Hi  / ■ 0.35  *-*■ 

a * 

if  Hi 

J i I j ■ Point  de 

/ Hi  rtcollimeni  determine  por: 

4_Jj  / + I enduit  gro» 

^ / / >Pr-P4.,0.i 

4*  * 


m0  e 
0,6  —— *■ 

05  ^ 
u'9  0.3A  ■ 

0,31 

9,75  ■»— » 
0.63  0 ,«  »-«■ 
0,35  *-± 


La  figure  9 presente  une  normalisation  des  pres- 
sions  dan3  la  zone  dlcollSe  sous  la  forme 

±z  H - J/JL) 

- fa  ~ V1  xJ 

La  zone  quasi  isobsre  represents  environ  k0%  de 
la  zone  dScoilee  pour  la  carene  consideree. 

3.^.2  - Analyse  des  couches  dissipatives 

Dea  profils  de  vites3e  a l'interieur  du  bulbe 
deduits  de  mesures  de  pression  d' arret  sont 
presentes,  figures  10  et  11  pour  deux  reglages 


rig.  8 — Pressions  relevies  sur  la  carene. 


On  constate,  figure  8 un  accord  relativement  bon 
entre  les  positions  air  si  determinees  et  lea 
positions  fournies  par  les  essais  de  visualisa- 
tion par  enduit  visqueux,  l'Scart  etsnt  d'environ 
5 mm,  sauf  pour  la  configuration  M = 0,63  et 
£ = 0,35  oil  il  atteint  15  mm.  DanS  ce  dernier 
cas  apparaissent  des  chocs  instables,  en 
lambda,  se  dSplaqnnt  d)§kfaqon  alSatoire  et 
l'emploi,  aussi  bien  de  la  relation  pr6c£dente 
que  de  la  technique  de  visualisation, n' est  plus 
justifie . 


Fig.  10- 


a)  Profils  de  vitesse  „ . 

Mq  — 0,5,  £ 

bl  tpaisseurs  caracteristiques 


Fig.  9 - Normalisation  des  pressions  pariitaies. 
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La  partie  ir.ferieure  des  profils  de  vitasse, 
dans  la  zone  de  courant  de  retour,  n'est  pas 
dfifinie  : l'exploration  en  pression  d' arret  n'a 
ete  effcctuee  que  selon  la  direction  de  1 'ecoule- 
ment externe. 


Sur  ces  memes  planches  sont  presentees  les 
evolutions  des  grandeurs  caracteristiques  : St 
epaisseur  de  deplacement,  S,  epaisseur  de  quantite 
de  mouvement  et  $ epaisseur  de  la  couche  dis- 
ipative . 


La  figure  12  prSsente  Involution  en  fonction  de 
l'abscisse  X sur  In  carene  du  parametre  de 
forme  H • au  voisinage  du  recollement  pour 

quelques  cas  etudies  en  soufflerie.  Sur  cette 
meme  planche  sont  rappelees  les  positions  des 
points  de  recollement.  On  y constate  que  le  recol 
lement  s'effectue  pour  un  parametre  de  forme 
voisin  de  3. 


On  constate,  figure  13, que  les  diverses  courbes 
d' evolution  de  H se  regroupent  en  amont  du 
point  de  recolleoeut,  si  l'on  porte  H en  fonc- 
tion de  X/X-t.  ; en  fait,  pour  l'etablissement  de 
cette  planche  13,  les  valeurc  de  X*.  ont  ete 
assimil?es  aux  valeurs  de  X pour  lesquelles  H 
est  6gal  a >3  (figure  12). 


3.5  - Instationnarite  du  phenomene. 

Une  mesure  de  pression  instationnaire  a ete  ef- 
fectuee  sur  la  paroi  superieure  de  la  carene, 
au  voisinage  du  bord  d'uttaque.  La  planche  14 
presente  le  spectre  de  pression  releve  pour  une 
configuration  d'essai  od  se  produit  un  decol- 
lement  important  ( Mt  i 0, 5 ■ £ - 0,3  i) 

Le  pic  qui  apparait  a une  frequence  de  380  Hz 
environ  correspond  a la  frequence  propre  du 
montage  et  non  a un  phenomene  aerodynamique , 
comme  le  montre  l'enregistrement  de  la  reponse 
du  capteur  dont  1' orifice  a ete  obture  ,qui 
presente  lui  aussi  ce  pic  de  380  Hz.  Des  fluc- 
tuations sont  detecties  entre  100  Hz  et  300  Hz. 
Au-deld  et  jusqu'd  20000  Hz  (limite  de  la  gamme 
de  frequences  etudiee)  aucune  frequence  privi- 
legiee  n'est  mise  en  evidence. 

Le  phenomene  est  done  pulsatoire,  mais  aucune 
frequence  n'est  preponderante  et  le  niveau  reste 
tres  faible. 

Un  film  de  visualisation  strioscopique  a grande 
vitesse  (1000  images/seconde)  de  ces  decollements 
a egalement  ete  realise. 


»t  - METJiODE  DE  CALCUL. 


4.1  - Ecoulement  sans  decollecent . 


4.1.1  - Hypotheses  et  pose  des  equations. 


On  considere  un  fluide  parfait,  en  ecoulement 
bidimensionnel  plan  compressible  et  isoenerge- 
tique,  permanent,  uniforme  a l'infini  amont  »t 
sans  discontir.uites.  L'ecouleaent  est  done 
isentropique  et  irrotationnel. 

On  introduit  la  fohetion  de  courant  ^ definie 
par,  j>jLL  z 'ZVfdy  , f’lf'  s ~'DKf//-'dx, 
qui,  compte  tenu  de  1' equation  de  conservation 
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<le  In  masse  c/nr  - 0,  v£rifie 

^ f r^r  (A) 

' s'exprime  a parti r de  p et  des  der  Ivies  de 

\LS  » 

pllhxJ  IQj/J  (b) 

et  par  l’expression 

IJdi  LJ.  tf.L(d . ll  jj 
£ [ 1 l t IJ  (c) 

obtenue  d partir  de  I 'Equation  d' Euler 

</A-,  K/Kt  <?gt  de  -fi'/f1  ’ * constante. 

? 

Le  problcme  se  raadne  done  au  calcul  de  la 
fonction  y/ 

8.1.2  - Conditions  aux  limitea, 

Ecoulement  en  atmosphere  infinie. 

Le  domaine  de  calcul  (fig. 15)  est  siaplement 
limits  a la  partie  inferieure,  par  la  rampe 
de  compression.  A l'infini,  l'ecoulemsnt  est 
unifome,  de  vitesse  V.  , sauf  & l ' aval , a 
1'intlrieur  de  la  prise  d'air,  suppesee  pro- 
longee  indefiniment,  ou  la  vitesse  K s'cbtient 
facilement  a partir  du  coefficient  de  debit  <5 
par  la  relation  g o Hi  HlL  £(rfj 

H*  Zjfft) 

Pour  le  calcul  nuaerique.  il  faut  prSciser  lea 
vaieurs  de  la  fonction  r*  sur  les  contours  du 
domaine  j la  reference  V'  = 0 etant  imposee  sur 
la  rampe, de  compression,  V7  s'Scrit,  a l'infini 
amont,  ’t*.  a . 6ur  la  xigne  de  courant 
li&itant  le  tubs'  de  courant  captg  P a la 


valeur  Vi.  A K //.  qu'elle  garde  sur  to 
• A 1 infini  aval,  r s'ecrira  : 


toute  la 


V - vi  * PLJk 

..  . . H*  - Ha. 


a l'interieur  de  la  prise 


et  ^ (Me  - H*)]  a.  l'exterieur. 

Pour  la  frontiere  v=  + oo , il  est  necessaire 
d‘ assurer  la  contirmite  de  la  fonction  V (*■,<]) 

lorsque  *-  varie  de  - oo  & + oo  , 

I.a  faction  -f,  />./.»  , T.  tintf/kv/* ) 

i-eponn  bion  a cette  Condition.  <7  V > I 

Pour  simplifier  le  calcul  numerique,  on  remplace, 
P°uf  jJ  - 00  , cette  condition  de  Dirichlet 

par  la  condition  de  Neumann  equivalente 
qui  exnrime  l'unifonnite  de  la  vitesse  a l'infini. 
(fig. 16). 

Ecoulement  en  soufflerie. 

Le  domaine  de  calcul  est  presente  sur  la 
figure^  17 . On  fait  1 'hypo these  que  dans  les  plans 
d' entree  et  de  sortie,  les  ecoulements  sont 
uniformes,  ce  qui  permet  d'y  exprimer  xes  fonc- 
tions  “ sous  forme  lineaire. 

On  choi sit  comme  reference  ^ - 0 sur  pa  paroi 
inferieure  de  la  soufflerie,  Y prend  alors  la 
valeur  Vi  - fi.  K He.  sur  la  paroi  superieure,  et 
la  valeur  yt  P.I/iH*  * V'o  sur  la  carene.  Ho 
representant  la  hauteur  du  tube  de  courant  pene- 
trant dans  1' entree  d'air.  (fig.18) 


76  — Conditions  aux  If  mites 
(atmosphere  Itllmltie). 
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4.1,3  - Methode  de  resolution. 

Le  principe  du  calcul  consiste  a resoudre 
l'equation  A^  . A?  par  iterations  sucoes jives, en 
considSrant  coinne  une  donnee  dont  la  valeur  est 
calcul^e,  a cheque  pas  d' iteration,  a partir  des 
resultats  de  1' iteration  precedei.te. 


inverse,  la  forme  correspondante  de  la  fron- 
tiere  de  deplacement  ue  la  carene. 

- Les  valeurs  correctes  de  Xt  et  sont  finale- 
ment  determinees  par  la  prise  en  compte  de 
conditions  de  compatibility  au  point  de  recol- 
lement . 


AprSs  discretisation,  l'equation  A est  resolue  par 
la  methode  de  Gauss-Seidel,  avec  introduction 
d'un  parametre  de  surrelaxation  assurant  la 
convergence . 

Lors  de  la  premiere  iteration,  on  suppose  f-  f<> 
et  on  est  raoene  a l'equation  de  Laplace  A Y n O 
r etant  alors  definie  en  chaque  noeud  du  raail- 
lage,  on  en  deduit  les  derivees  et 

en  chacun  de  ces  points, 

L'equation  (B)  permet  alors  d'obtenir  la  vitesse 
V~  , puis  l'equation  (C)  donne  la  masse  volu- 
mique  p . Le  deuxieme  membre  de  l'equation  (A), 
(l/ grtd  V jtad f>  est  ensuite  calcule  e:i 
chaque  noeud  du  maillage,  et  on  procede  a une 
seconde  iteration. 

En  pratique,  do  5 a 10  iterations  sont  neces- 
saires. 

On  trouvera,  en  annexe,  des  details  complemen- 
taires  sur  la  mise  en  oeuvre  de  cette  methode, 

4.2  - Calcul  de  l'ecoulement,  en  presence  d'un 


La  methode  de  calcul  approche  utilise©  s' inspire 
de  celle  qui  est  presentee  [ 3 ]. 


Ces  trois  points  vont  maintenant  etre  succes- 
sivement  precises  : 

4.2.1  - Model^sat  ion  du  bulbe  de  decollement. 

Les  courbes  ci-dessous (fig.19 J devolution  de  la 
pression  et  du  parametre  de  forme  H dans  le 
bulbe  ont  ete  deduits  des  figures  9 et  13. 


0 0,4  t 


- on  utilise  une  modelisation  du  bulbe  de  decol- 
lement dependant  de  2 paramdtres  : la  longueur 
du  decollement  Xt  et  la  pression  de  la  zone 
isobarc  /1/  ; i m couple  de  valeurs  ( X«-(  yW  ) 
correspond  done  unc.  distribution  de  pression 
connue  sur  la  carene , dans  le  decollement  ; 

- A partir  de  cette  distribution  donnee  de  pros- 
sion  sur  la  carene,  on  calcule  par  une  methode 


Fig.  19  - Modflisation  du  bulbe  de  decollement. 


4.2.2  - Methode  de  ealeu)  inverse. 

Supposons  done  que  la  distribution  de  pression  p 
est  donnee  sur  la  paroi  de  la  carene,  dans  le 
cas  d'un  bulbe  de  decollement.  Nous  feror.s 
l'hypothese  que  le  gradient  de  pression 
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normal  ii  la  paroi  est  suffisamment  faible,  dans 
ia  zone  decollSe  pour  que  la  distribution  de 
pression  donnee  soit  aussi  celle  qui  existe  u la 
frontiere  du  bulbe. 

II  est  possible,  en  utilisont  ces  donnees,  de 
representer  le  bulbe  par  une  injection  et  une 
aspiration  de  fluide,  a travers  la  carene  •: 
'3Y//t)n  - p V.  or.  - Jj!-p)  CvtH 

Les  lipiies  de  courant  de  l'ecoulement  potentiel 
fictif  a l'interieur  du  bulbe  etant  peu  inclin6es 
sur  la  carene,  Cos  <*  est  voisin  de  1 et  dYfif 
La  donnee  de" p'foumit  done  VdJQn  en  premiere 
approximat ion  ( f ig.20  ) . 


f-c’.if  dans  le  bulbe 


Fig.  20  - ScMmatisation  du  bulbe 


L’ integration  de  l'equation  A (§  L.l)  est 
effcctuee,  en  modifiant  les  conditions  aux 
limit.es,  pour  tenir  compte  de  cette  donnee  de 
Vf/tln  sur  la  carene  AB,  (et  de  IP*  fu  = 't'r 
au-dela  de  B).  Ce  calcul  foumit.  une  premiere 
approximation  de  la  forme  du  bulbe,  AMB,  sur 
laquelle  en  general,  la  distribution  de  pression 
est  differente  de  celle  qui  a ete  donnee.  [ k ] 


’ dL.  . tj  & (*) 

tf (i> 

I i)±U . dj  dn  = l(H  tt-tf)  (t ) 

^ Jf  dH  Jx-  <57  t 


ou  H est  le  parametre  de  forme  Sj  /^j.  et  <j>  la 
fonction  de  dissipation  / X 

' f>^J  ) 

Au  point  de  recollement  od  H est  voisin  de  3, 
la  reference  [3]  indique  que  (f~0,01/H~  /,Cr  et 
cfil/JP - 0 . Par  ailleurs  en  ce  point  le  frot- 

tement  est  nul,  le  systeme  ecrit  ci-dessus 
conduit  a 

lifli ) - Jim  I - o on  ui 

(condition  1) 

Cette  relation  de£init  inversement  l'epaisseur 
de  deplacement  et  , au  recollement, si  l'on 
connait  le  gradient  de  vitesse  locale. 

Pr.  associant  les  equations  (b)  et  (d)  on  defi- 
nit  la  pente  locale  de  la  frontiere  de  depla- 
cement , au  recollement . 

(t*&)  , / dTt  I . ( £*  Mf  t(P*l)  If tf  ) 

^ l dx.  )i  \ H Jk.  H 

L'experience  nous  fournit  le  rapport 
ce  qui  conduit  a : clfX/Xg,) 

(tjO-L*  - f.sr  • o,o$J  (•> 

(condition  2) 


Des  iterations  successives  peuvent  alors  etre 
faites,  en  romplacant  la  carene  reelle  AB,  par 
la  frontiere  AMB  determinee  S 1' iteration  prece- 
dente.  Le  calcul  aura  converge  et  dcnnS  la 
forme  correcte  du  bulbe  lorsque  la  distribution 
dc  pression  imposee  sera  bien  retrouvee. 

La  figure  21  presente  les  divers  lignes  de 
courant  ooteuues  au  cours  de  L calculs  iteratifs. 


U . 2 . - Methode  pratique  de  calcul. 

La  distribution  de  pression  sur  la  carene,  neces- 
saire  pour  le  calcul  inverse,  est  determinee  de 
la  faijon  suivante  : 

- on  se  donne  un  couple  de  valeurs  (Xr,  pd),ce  qui 
definit  completement  devolution  de  la  pres- 
sion dans  le  bulbe  (courbe  1,  fig. 22). 


h.2.3  - Conditions  au  point  de  recollement. 

On  dispose  pour  le  calcul  de  la  couche  dissipa- 
tive de  trois  Equations  differentielles  globales 
de  continuite,  de  quantity  de  mouvement  et 
d'energie  cin€tique  : 


- on  raccorde  cette  courbe,  a celle  des  pressions 
calculees  en  probleme  direct,  sans  tenir  compte 
de  la  presence  du  bulbe  de  decollement  (courbd  2); 
comme  on  le  verifiers  par  la  suite  la  partie 
e”nl  do  cette  courbe  est  en  effet  tres  voisine 
de  la  distribution  experimentale. 


rig.  22  - Calcul  inverse : conditions  aux  limites. 
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Le  calcul  inverse  donne  la  frontiere  de  depla- 
cement,  et  la  distribution  des  vitesses  sur 
cette  frontiere,  et  en  porticulier,  en  , 

On  V et  JV/ Jz, 

Le  problerae  est  resolu,  et  la  distribution  de 
pression  consideree  ci-dessus  est  bien  la 
distribution  des  pressions  s*  excrqant  sur  la 
carene  si  St,  , v et  dV/ax-  verifient  les 
conditions  (l)  et  (2)  au  point  de  recollement. 


On  procede  de  la  fcu;on  suivantn  : pour  diverses 
valeurs  de  Xz  on  recherche  la  valeur  a donner 
a la  pression  f-d  pour  que  la  condition  n°  1 
soit  satisfaite;  la  solution  recherchee  est  cons- 
titute par  celui  de3  couples  ( cedents 
qui  verifie  la  condition  n°  2. 


On  peut  ensuite,  connaissant  les  caracteristiques 
de  la  couche  limite  au  point  de  recollement, 
calculer  son  evolution  ulterieure  sur  la  carene 
et  reprendre  le  calcul  general  sur  la  carene 
modifiee^pour  tenir  compte  de  l'effet  de  depla- 
cenent  de  la  couche  lir.ite. 


Une  ltgere  discontinuity  du  nombre  de  Mach  est  re- 
levee sur  la  paroi  inferieure  de  la  veine  au 
niveau  du  piege  a couche  limite.  ( x.  y -IZ  c-m)  ; 
mais  cette  perturbation  reste  tres  locale  et 
limitee. 


5 - COMP ARAI SONS  CALCUL-EXPERIENCE. 


5.1  - Calcul  sans  prise  en  compte  du  bulbe  de 
decollement. 


Trois  comparaisons  calcul-experience  vor.t  etre 
presentees  ; elles  illustrent  les  possibilites 
et  les  limites  du  programme  utilise,  dans  la 
version  ou  le  bulbe  de  decollement  n'est  pas 
pris  er  compte. 

n.  - 0,5  <f  0,6  (fy  z$) 

Ce  cas  correspond  a 1* adaptation  de  la  carene 
pour  M.  = 0,5.  La  ligne  de  courant  aborde  la 
carene  avec  vne  direction  voisine  de  la  pente 
nxjyenne  du  bord  d'atttque  ; les  deviations  de 
part  et  d' autre  du  bord  d' a"  taque  sont  minimes. 

Dsns  ce  cas  i!  n'y  a pas  de  decollement,  et  les 
resultats  obtenus  par  le  calcul  sont  tres  proches 
des  releves  acquis  en  soufflerie. 


n o 0,61  £-.0,35  (Fif  Zf) 

Cette  figure  presente  les  resultats  exp^nmentaux 
qui  mettent  en  evidence  une  survitesse  largement 
supersonique  sur  la  carene.  Ce  cas  n'est  done  pas 
justiciable,  a priori,  de  la  methode  de  calcul 
utilisee  ; cependant,  le  calcul  a converge  car, 
en  fluide  parfait  (et  sans  prise  en  compte  du 
bulbe  de  decollement  et  de  l'epaisseur  de  depla- 
cement des  couches  limites),  l'ecoulement.  rests 
subcritique.  Ces  resultats  de  calcul  ont  Ste 
reportes  sur  la  figure  25  qui  met  bien  en  evidence 
l’ecart  avec  les  valeurs  experimentales . 

On  p“ut  noter  que  le  maillage  trop  lache  , utilise 
pour  le  calcul  en  fluide  parfait  ne  permet  pas 
de  reettre  en  evidence  la  survitesse  de  bord 
d'attaque.  Fans  ce  cas  particulier,  le  calcul 
avec  un  maillage  plus  sorre  s'arrete  des  1’ ap- 
parition d'une  vitesse  supersonique  dans  la 
region  du  bord  d'attaque. 


0> 

Calcul  Fluide  parfoil 

♦■y^iipcruncc 

01 

MACH 

Cartnt:  /Profit  »up«ri*vr 
Profit  mftricur 

-HrC  13 

!!  “] 

Souffltr*  * . lPoroi  inltriturt 
*~Paroi  *up«ne«r« 

^ ^ Carina 

Poroi  mftritvr* 

■ 11 

D W 10  ^ 

Fig.  23  — Evolution  du  nombre  de  Mach  (M0  - 0,5,  V - 0,6 ) 

Mo  O.f  ef  -- 

0,3 d (Fi  Ztf 

Le  debit  capte  par  la  prise  d'air  est  reduit 
par  rapport  au  premier  cas  ; il  y a contoumement 
du  bord  d'  ittaque  et  decollement  sur  la  partie 
exteme  de  la  carene. 

Le  calcul  est  en  bon  accord  avec  les  resultats 
experimental,  sauf  naturellement  sur  la  paroi 
superieure  de  la  carene,  au  niveau  du  bord  d'at- 
taque ; la  survitesse  reelle,  induite  par  le 
decollement,  n'est  pas  indiquee  par  le  calcul  en 
fluide  parfait,  qui  donne  seulement  un  pic  de 
survitesse  tres  localise.  Commc  on  l'a  indique 
prec6demment,  1' accord  est  encore  acceptable 
entre  calcul  et  experience,  sur  la  partie  aval 
de  la  carene  exteme. 


5.2  - Calcul  complet  avec  bulbe  de  decollement 


Un  exemple  de  comparaison  calcul-experience  a etc 
effectue  pour  la  configuration  ( Me  = 0,5 
£'  - 0,31). 

Pour  le  calcul,  plusieurs  valeurs  du  parametre 
X*  ont  St6  essayees,  comprises  entre  22  et  66  mm. 
Pour  les  deux  valeurs  extremes,  aucune  valeur 
de  la  pression  de  la  zone  quasi-isobare  prf  ne 
permet  de  verifier  la  premiere  condition. 

Pour  )(*■  ~ 38,  bb  et  50  mm,  la  condition  (2) 
est  verifiee  pour  deux  valeurs  de  -f'll ; 
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l'ensemble  des  deux  conditions  ( </  ) et  ( Z.  ) 
n'est  v6rifi£  que  pour  Xt.-^  mm  et  une  seule 
valeur  dc  Pd. 


Le  caractere  instationnaire  du  decollement  de 
bord  d' attaque  a enfin  etc  precise,  dans  un  cas 
partioulier . 


La  figure  26  montre  un  asset  bon  accord  entre 
les  repartitions  de  vitesse  obtenues  experi- 

mentalement  et  par  ie  calcul.  ANNEXE 


Calcnl  en  atmosphere  illimitee 


de 


et 

variables* 


Pour  le  calcul  en  atmosphere  illimitee,  on  opere 
une  contraction  du  domaine  d' integration  infini 
sur  un  domaine  fini,  par  exemple  - 1 6.  ^ < + 4 
0 4 y 4 1,  en  faisant  les  changements 

Ks<?(f' /Js/frK  .. 

Pour  conserver  une  bonne  precision  de  definition 
dans  la  region  des  levres  de  la  carene  ( et 
u voisins  de  zero),  on  recherchera  des  fone- 
£ions  i:  of ^ J et  ^ z af Y ) belles  que 


Pour  travailler  numeriquement  sur  des  grandeurs 
finies,  on  remplacera  la  fonction  V''  par  la 


fonction  definie  par 


fit  J ; 


Dans  la  zone  quasi-isobare,  au  voisinage  du 
bord  d' attaque,  le  niveau  de  pression  est 
retrouve  a environ  3 % pres. 

6 - CONCLUSION. , 

L' etude  du  contourne nent  d'un  bord  d' attaque 
aigu  d'une  carene  a ete  abordee  et  les  resultats 
actuellement  disponibles  viennent  d'etre 
presents. 


La  condition  aux  limites 

ecrite  precedemment  entraine^ PX/iPy/  - & .la- 
condition  aux  limites  §.  afficher  sur  le  contour 

du  domaine  contracts  y = 1 est  ( ) * 

'l£l  *(2*  J * [M 

'Dy  Jjzi  I 'dj  )#*•>  \ djlf’1 


apparait  sous  la  forme  indeterminee  O , *o 

II  faut  done  veiller  a choisir  un  changement  de 


Sur  le  plan  experimental,  un  montage  d'essai  en 
courant  plan  a ete  mis  au  point  dans  la  souf- 
flerie  S5  de  Chalais-Meudon . II  permet  de 
reproduire  de  fa$on  assez  realiste  les 
p'nenomenes  qui  prennent  naissance,  en  subsonique, 
sur  une  carene  a leire  mince  , d'un  avion  super- 
sonique,  lorsque  le  moteur  ne  deman de  qu'un 
debit  reduit. 

Les  dispositions  prises  assurent  une  bidimon- 
sionnalite  satisfaisunte  de  l'ecoulement  et  un 
bon  controle  des  couches-limites  de  la  veine 
d'essai. 

Un  programme  de  calcul,  en  ecoulement  subcri- 
tique, a ete  adapte  au  cas  etudie  experimenta- 
lement  ; la  conparaison  des  resultats  de  calcul 
aux  valeurs  experimentales  est  tres  satisfai- 
sante  lorsqu'il  n'y  a pas  de  decollement. 


variabxe 
pour  y 


e , ¥ ' /f/V  ’ tel  que 


reste  fini 


Cela. 
od 


a a ete  obtenu,  en  prenant  la  fonction Sz u. 
lc  est  un  facteur  de  contraction  vcisin  de  ' 
1'unite,  qui  permet  de  dilater  plus  ou  moins  la 
region  de  la  carene. 

Avec  cetto  fonction,  est  nul  pour  J = 1, 

quel  que  soit  > 

Pour  le  changement  de  variable  x - ^ ) nous 

avons  choisi  une  fonction  voisine  t; 

(od  ac  est  egalemenT  un  facteur  de  contraction). 


Dans  le  cas  de  la  configuration  essaySe  en  souf- 
flerie,  le  programme  de  calcul  permet  aussi  des 
changements  d’Schelle  dans  la  region  du  bord 
d' attaque  de  la  carene  de  faqon  a ameliorer  la 
precision . 


La  determination  de  lois  semi-empiriques  pour 
caracteriser  le  developpeaent  d'un  bulbe  de 
bord  d' attaque  aigu  a Ste  realisSe  pour  une 
definition  de  carene  particulidre. 

L' introduction  de  ces  lois  dans  un  programme  de 
calcul  d' ecoulement  de  fluide  parfait  permet  de 
restituer  le  profil  de  vitesse  sur  la  carene  ; 
ce  qui  foumit  les  pressions  sur  le  bord  d'at- 
taque  a moins  de  5%  pres . 

L' etude  des  limites  d' application  des  lois 
retenues  et  1' utilisation  des  methodes  de  calculs 
supercritiques  restent  a entreprendre  pour  gen6- 
raliser  les  resultats  obtenus. 


Ecoulement  a la  paroi 


Les  noeuds  du  maillage  utilise  pour  le  calcul 
numSrique  ne  permettent  pas  la  description 
exacte  des  parois  de  la  carene  ou  de  la  souf- 
flerie  . Les  grandeurs  yt-,  f>,  M*  , tr-  sur  les 
parois  doivent  etre  obtenues  par  extrapolation 
a partir  des  valeurs  caloulees  aux  trois  noeuds 
voisins  du  maillage.  Ceci  explique  que,  si  les 
vitesses  calculees  dans  le  champ  exterieur 
doivent  toujours  etre  subsoniques,  il  arrive  que 
des  vitesses  supersoniques  soient  trouvees  sur 
la  carene , par  exemple. 
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ROUND  TABLE  DISCUSSION 


Mr  Bore.  Good  afternoon  ladic>  and  gentlemen.  We  reassemble  for  the  final  session  of  the  symposium  First.  I will 
remark  that  keene"-cyed  members  of  the  audience  might  have  noticed  that  this  table  is  n it  very  round  so  you  will  disc  ern 
then,  that  the  idea  of  a round  table  discussion  is  not  to  sit  at  a geometrically  described  table,  but  m fact  to  involve  the 
members  of  the  audience  That  is  the  whole  idea.  We  are  not  up  here  as  a brains  trust,  we  are  here  only  to  try  to  direct 
you.  thoughts  and  your  contributions  from  the  audience  to  the  aim  of  the  symposium  The  whole  idea  of  this 
symposium  was  to  help  aircraft  designers  to  get  a bit  further  advanced  in  their  methods  of  load  predictions  So  we  have 
on  this  occasion  had  a very  much  engineering-  and  aircraft-oriented  program  Let  us  be  reminded  then,  that  all  the  way 
through  our  discussions,  what  we  have  to  do  is  to  underline  the  conclusions  that  have  been  presented  by  the  authors  and 
to  formulate  in  our  minds  in  what  duection  any  further  work  should  go. 

As  far  as  the  procedure  is  concerned,  I have  four  of  the  five  session  chairmen  here.  The  session  chairmen  will  be 
asked  to  present  some  brief  thoughts  about  what  they  saw  of  their  sessions.  They  will  do  this  in  turn  As  soon  as  one 
session  chairman  has  presented  hts  thoughts,  we  will  then  immediately  go  to  the  audience  and  ask  for  their  contributions 
What  we  are  hoping  for  here  i»  that  the  authors  and  the  people  who  haven’t  spoken  yet  will  be  the  main  contributors  to 
this  discussion. 

First,  i will  call  on  Mr  Coursimault.  who  was  chairman  of  the  first  session,  to  say  what  he  thought  that  session 
brought  out 


Mr  Cjursimault:  Thank  you,  Mr  Chairman.  From  the  first  session,  I would  like  to  make  two  brief  comments  about  two 
points  I noticed.  Obviously,  one  of  the  main  problems  which  arose  from  this  meeting  was  about  our  lack  of  under- 
standing, our  lack  of  capability  to  compute  separated  flows.  From  one  of  the  papers,  namely  the  paper  about  aero- 
dynamics of  wings  with  spoilers,  I noticed  that,  although  the  flo-"'  around  the  profile  in  the  two-dimensional  case  cannot 
be  computed  because  we  do  not  have  any  theory  abmit  separated  Hows,  we  can  use  empirical  measu'ements  of  tne  two- 
dimensional  case  in  a three-dimensional  theory,  pio-ided  that  the  characteristics  of  the  airfoils  with  angle  of  attack,  for 
instance,  are  still  linear.  We  can  successfully  use  linear  theory  to  predict  the  behavior  of  the  profile  n the  three- 
dimensional  case.  That  is  one  of  the  points  which  arose  from  this  paper.  A second  point  I would  like  to  bring  up  is  abou‘ 
! two  other  papers;  one  about  the  load  prediction  on  the  slat.,  of  the  F28  airliner,  and  the  paper  about  the  sectional  loads 

f technique.  These  two  papers  dealt  with  trying  to  avoid  the  lse  of  very  comph ..  pressure  models.  They  tried  to  avoid 

also  the  expenses  and  difficulties  connected  with  high  Reynolds  numbers.  The  paper  about  the  sectional  loads  technique 
seems  to  me  very  promising  and  successful  in  avoiding  the  use  of  very  complex  pressure  models  with  a great  number  of 
pressure  measurements,  but  it  seems  to  me  that  this  kind  of  technique  must  be  used  with  great  care.  That  was  pointed 
out  by  the  authors,  particularly  the  effects  of  the  gaps  between  the  different  parts  of  the  models,  the  effects  of  possible 
internal  flows.  I think  that  this  kind  of  technique  must  be  used  \ ith  jrcat  care  in  order  to  lead  to  correct  results. 
Probably  with  some  cross-checks  between  this  kind  of  technique  and  more  conventional  techniques,  it  is  possible  to 
achieve  good  results.  I he  paper  about  prediction  of  loads  on  slats  on  the  F?8  airliner  seems  to  me  a very  good  example 
of  how  we  can  avoid  the  use  of  expensive  models  to  make  tests  at  high  Reynolds  numbers.  The  use  of  the  two- 
dimensional  mode!  made  possible  tests  at  relatively  high  Reynolds  numbers,  and  of  course,  higher  than  what  could  be 
done  on  the  three-dimensional  model.  It  proved  to  be  successful  in  that  case,  but  probabl}  in  other  cases,  the  three- 
dimensional  effects  would  be  very  important  if,  for  instance,  the  sweep  angle  of  the  aircraft  had  been  higher.  This 
technique  is  probably  limited  in  that  respect.  Also,  I noticed  the  importance  of  the  transonic  conditions  to  predict  the 
loads  on  the  leading  edge.  The  authors  show  that  when  the  shock  sweeps  the  slot  between  the  leading  edge  and  the  main 
part  of  the  profile,  this  significantly  affects  the  loads  and  the  slats.  That  is  an  important  point  to  mention. 


Mr  Parkinson:  1 would  like  to  thank  Mr  Coursimault  for  his  remarks  about  our  work  on  spoilers.  I would  like  aiso  to 
point  out  that  even  for  the  two-dimensional  case,  we  can  predict  the  loading  within  one  unknown  parameter,  the  base 
pressure  coefficient,  provided  that  it  is  a low  speed  problem  and  that  the  flow  is  completely  separated,  that  the  flow 
doesn’t  reattach,  as  in  the  example  Mr  Lang  was  talking  about  this  morning. 


Mr  Staudacher:  I should  like  to  make  some  comments  cn  the  paper  presented  by  Ewald  and  Franz.  Part  of  this  work 
: is  done  in  a working  group  which  is  instituted  by  the  Gennan  Ministry  of  Defense  and  is  called  wings  with  controlled 

j separation.  I am  a member  of  this  party,  and  to  your  first  comment,  there  are  different  types  of  models  used,  especially 

' concerning  the  strake  development.  There  is  a force  model,  only  taking  6 component  force  data;  there  is  a partial  load 

\ or  sectional  load  model  (VFW);  and  there  are  pressure  distribution  models.  1 can  confirm  for  VFW  that  the  method 

f works.  Perhaps  another  comment  is  that  there  was  a question  of  Dr  Hummel  concerning  Figure  15.  Figure  15  is  correct 

j in  the  paper  and  is  correct  here.  It  was  an  error  because  the  load  is  only  taken  in  this  case  on  the  body,  not  on  the  wing, 

-•  too,  which  was  not  clearly  defined  by  Mr  Ewald.  it  is  true  with  the  strake  on  that  the  load  on  the  body  behind  the 

( strake  is  lower. 
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Mr  Coursimault:  I would  like  to  make  additional  comment  about  this  technique,  if  you  want  to  test  configurations  at  ex- 
tremely high  angle  of  attack,  heavily  loaded  models,  the  difficulties  of  this  technique  are  still  greater  You  have  extreme 
differences  in  pressure  between  different  parts  of  the  fuselage.  In  this  ease  you  have  to  be  extremely  careful  to  fill  the  gaps. 


Mr  Staudacher:  Those  tests  were  done  up  to  angle  of  attack  of  30°.  I think  the  loads  are  high  enough  to  say  that  one 
can  do  it  in  this  way. 


Mr  Coursimault:  Do  you  think  that  eventually,  if  the  gaps  are  not  correctly  filled,  you  don’t  measure  the  loads  exactly9 
Could  you  imagine  that  you  have  an  influence  of  the  air  leakage  on  the  external  flow,  the  influence  of  internal  flow  on 
external  flows?  For  example,  a change  of  conditions  in  which  separation  occurs. 

Mr  Staudacher:  You  are  speaking  of  leakage? 


Mr  Coursimault:  Yes.  leakage  ...  If  the  gaps  between  the  different  parts  of  the  model  are  not  correctly  filled,  you  could 
have  some  kind  of  blowing  of  the  external  flow  by  the  internal  parasitic  flow. 


Mr  Benepe:  1 would  like  to  comment  on  that  same  paper,  the  sectional  load  technique.  It  could  be  a very  valuable  diag- 
nostic tool,  not  just  for  air  loads,  out  for  discerning  what  kind  of  flow  field  you  actually  have  1 would  like  to  see  the 
work  extended,  as  was  mentioned,  to  the  case  of  significant  combinations  of  angles  of  attack  and  sideslip.  That  is  where 
real  problems  occur.  One  can  predict  what  the  pressure  distribution  due  to  the  vortex  flow  is.  One  can  predict  the  lift, 
but  cannot  predict  what  occurs  in  sideslip.  The  sectional  loads  model  may  have  a lot  of  benefits  in  that  respect 


Dr  Schmidt:  I would  like  to  make  a comment  on  this  technique  also  I think  we  should  be  a little  bit  careful.  Actually, 
from  experiments  we  would  like  to  get  an  insight  in  the  physics.  ( would  say  it  is  very  hard  to  get  physics  from  total 
forces.  So  to  really  understand  problems,  1 thmk  we  need  pressure  distributions  and  pressure  measurements.  All  those 
techniques  can  only  be  for  basic  first  test-  on  different  configurations,  to  get  an  idea  about  the  range  of  configurations 
which  seem  to  be  good  or  net.  Finally,  nothing  can  really  give  the  physics  except  the  pressure  measurements. 


Dr  Hemsch:  In  that  light  I would  like  to  add  another  set  of  measurements.  Very  recently,  we  conducted  some  tests  at 
NASA  Langley,  in  connection  with  spin  entry,  for  the.  Office  of  Naval  Research.  We  were  considering  a configuration 
with  a main  wing  on  a fuselage  with  and  without  strakes.  We  obtained  flow  field  information  as  well  as  loads.  We  found 
some  startling  things  as  a result  of  taking  flow  field  data  over  the  main  wing  with  ‘he  strake  and  without  the  strake.  The 
strake  organized  the  flow,  created  large  axial  velocities  that  were  just  not  there  at  all  when  the  main  wing  was  stalled,  and 
so  on.  Therefore,  I agree  with  the  previous  speakers.  1 like  the  sectional  load  technique  for  initial  insight  as  to  where 
difficulties  are,  because  it  is  fast,  and  one  doesn’t  have  enormous  amounts  of  data  to  sort  out.  Then  one  can  go  to  pres- 
sure distribution  measurements.  I also  think  that  the  flow  field  data  are  exceptional  in  that  respect.  The  near  field  with 
vortices  present  is  very  complex.  In  fact  the  speaker  who  was  dealing  with  the  close-coupled  canard  configurations 
demonstrated  that,  without  flow  field  information,  he  would  not  have  been  able  to  come  up  with  an  analytical  model. 

So  please  get  flow  field  data,  too. 


Mr  Staudacher:  I would  like  to  make  a comment  on  what  Dr  Schmidt  has  said.  1 think  the  question  is  not  partial  load 
(or  sectional  loads)  or  pressure  distributions,  but  sectional  loads  and  pressure  distributions. 


Mr  Bore:  We  will  now  move  on  to  Site  second  session  which  was  really  concerned  with  two  separate  topics.  We  will 
discuss  these  separately.  The  first  of  these  topics  was  concerned  with  external  stores,  on  which  there  were  really  about 
two  and  one-half  papers.  One  was  the  account  by  Rudnicki  and  Waggoner  of  their  semi-cmpirical  correlation  technique 
for  predicting  external  stores,  an  account  of  a massive  program  of  testing  and  correlation,  which  has  to  be  an  important 
way  of  approaching  the  topic  because  in  many  ways,  maximum  loads  on  things  as  complicated  as  stores,  are  not  very 
amenable  to  theoretical  calculation,  for  the  reason  that  there  are  boundary  layer  separations  and  extremely  complicated 
shapes  and  a lot  of  excrescences  often  in  the  store  region.  But,  for  all  that,  the  paper  by  Ahmed  on  the  prediction  of 
external  store  and  tip-tank  loads  showed  a very  brave  attempt  at  computing  these  things  by  theoretical  methods.  So  far, 
naturally,  such  a technique  won’t  be  adaptable  to  all  the  complexities  of  store  load  predictions,  but  nevertheless,  going 
hand-in-hand  with  experimental  measurements,  it  has  to  be  regarded  as  an  important  contribution  to  methods  of  under- 
standing how  these  loads  vary.  I’ll  turn  it  over  to  the  audience  now  for  further  discussion  on  store  loads. 


Dr  Hemsch:  1 would  like  to  mention  a computer  program  that  was  developed  by  Nielsen  Engineering  for  the  Air  Force 
Flight  Dynamics  Laboratory  for  prediction  of  store  loads  at  subsonic  speeds  below  the  critical  speed.  An  analytical 
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program  was  developed  in  conjunction  with  a muuive  test  program,  and  we  found  after  applying  the  program  to  a number 
ol  configurations,  that  we  can  do  very  well  for  a variety  of  stores,  and  we  have  no  probkv.s  with  changing  the  configura- 
tion. changing  Mach  numbers,  or  changing  the  parent  aircraft  I would  like  to  add  also  that  we  are  in  the  middle  of 
continuing  the  program  into  the  supersonic  speed  range  in  conjunction  again  with  an  experimental  program  i don’t  have 
the  references  here,  and  I can't  give  them  to  the  audience,  but  if  anybody  wants  to  contact  me,  I can  give  them  the 
references. 

Mr  Bore.  It  is  also  appropriate  to  me.  tion  th.-t  there  is,  as  many  of  us  know,  an  AGARD  working  group  compiling  a 
report  on  aerodynamic  effects  of  external  stores,  in  which  the  Nielsen  method  and  the  Rudnicki  method,  and  now  I have 
no  doubt,  the  Ahmed  method  as  well,  will  all  be  discussed  This  report  is  due  to  go  to  the  printers  by  next  March  and 
should  be  available  to  those  people  who  have  the  right  security  classifications.  It  will  be  an  AGARD  Advisory  Report 

Mr  Bobbitt.  The  theoretical  work  related  to  the  prediction  of  store  loads  started  in  the  early  1950’s.  During  the  next 
decade,  several  methods  were  formulated  for  the  prediction  of  store  loads  at  subsonic  speeds.  The  work  has  continued 
over  the  years  though  probably  at  a reduced  pace  These  methods,  similar  to  the  second  paper  shown  today,  do  have  a 
capability  of  giving  fair-to-good  predictions  of  the  forces  and  moments,  as  well  as  the  loads  on  a variety  of  store  confi- 
gurations. I think  that  if  one  is  going  to  do  an  empirical  job,  such  as  represented  by  the  first  paper  yesterday,  that  would 
be  the  place  to  start.  The  incorporation  of  empirical  factors  into  one  of  the  theoretical  techniques  is  what’s  required  to 
come  up  with  a good  overall  engineering  design  method. 


Mr  Slooff:  We  did  some  work  on  store  interference  about  three  or  four  years  ago  which  followed  a line  somewhere  in 
between  the  completely  empirical  approach  and  the  fuliy  theoretical  approach  as  presented  by  Dr  Ahmed.  We  split  up  in 
a rather  formal  way,  the  total  forces  on  the  store  into  forces  on  the  store  in  isolation  and  interference  forces  The  forces 
on  the  store  alone  were  obtained  from  wind  tunnel  tests  and  thus  included  viscous  effects  The  interference  forces  were 
determined  by  means  of  a method  very  similar  to  the  one  used  by  Dr  Ahmed.  We  calculated  the  average  induced  flow 
angularity  at  the  position  of  the  store  and  also  the  forces  on  the  store  due  to  the  non-uniformity  of  the  flow  field 
Combining  those  forces  we  got  good  results  as  far  as,  e.g.,  store  trajectory  predictions,  were  concerned.  I think  it  is  really 
a must  for  any  store  load  prediction  method  to  have  the  viscous  effects  on  the  store  loads  in,  and  I do  net  very  well 
understand  the  extremely  good  correlation  that  Dr  Ahmed  obtained  by  using  potential  flow  theory  only,  but  maybe  he 
can  comment  on  that. 


Dr  Ahmed:  My  comments  to  the  remarks  of  Mr  Slooff  are  that  the  ARA  results  which  1 have  shown  depict  forces  and 
moments  of  the  store  assembly.  No  details  were  available  about  pressure  distribution  measurements  on  these  models, 
and  1 do  not  think  this  has  been  done  at  ARA  in  England 

If  one  looks  at  the  theoretical  and  experimental  pressure  distributions  which  we  have  obtained  at  DFVLR/Germany 
(Figures  4 and  5),  the  discrepancy  due  to  viscous  effects  is  noticeable  in  the  corners,  at  the  store  aft  end,  and  at  all  critical 
places  where  the  body  curvature  changes  rapidly. 

1 do  not  think  it  is  a chance  that  our  theoretical  results  for  ARA  model  agree  well  with  experiment  The  ARA  store 
is  a sle\der  body  of  revolution  so  that  the  viscous  effects  remain  fairly  small.  It  is  not  that  the  viscous  effects  are  absent, 
but  their  effect  on  total  forces  remains  for  most  configurations  and  attached  flow,  small.  The  results  may  not  be  as  good 
if  store  configurations  with  a number  of  excrescences,  winglets  and  fins  are  considered. 

In  the  printed  version  of  my  paper  a comparison  of  theoretical  and  ARA  experimental  results  for  moments  acting 
on  store  assembly  components  is  picsentcd  (Fig.  15).  The  effects  of  viscosity  come  out  cleatly  in  this  illustration,  their 
magnitude  depending  upon  whether  the  component  is  a smooth  body  such  as  the  store  or  provided  with  sharp  leading 
edge  such  as  the  fins.  The  agreement,  especially  in  the  case  of  the  fins  is  not  so  good,  because  by  the  slightest  incidence 
one  can  expect  flow  separation  at  the  fin  leading  edge. 


Mr  Bore:  What  this  may  mean  is  that  perhaps  the  near  future  should  see  a good  deal  more  comparison  and  interlacing 
of  theoretical  and  empirical  methods,  so  that  both  methods  might  be  reinforced. 

We  will  move  on  now  to  the  second  group  of  topics  in  the  second  session.  These  were  concerned  with  vortex  inter- 
actions, largely,  although  Mr  Kloosgave  us  a comparison  of  various  aerodynamic  loads  compared  with  flight  test  results, 
which  is  useful  information.  The  three  remaining  papers  were  quite  closely  related;  all  concerned  with  the  effects  of 
vortices  from  canards,  from  leading  edge  extensions  or  strakes,  and  the  very  brave  work  on  calculating  the  vortex  jet  wing 
interaction  by  viscous  numerical  analysis.  One  thing  that  came  out  in  the  earlier  discussion,  was  that  the  canard  vortex 
that  was  talked  about  by  Mr  Hale,  burst  early,  and  this  appeared  to  be  a different  phenomenon  from  what  1 understood 
to  be  the  case  on  the  Viggcn.  It  occurred  to  me  that  maybe  the  vortex  from  the  canard  helps  to  organize  the  vortex 
on  the  main  wing,  whether  or  not  it  is  burst.  Let’s  hear  from  the  audience  on  that. 
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Dr  Scruggs:  I think  in  regard  to  the  que..th  u . ■!  bursting,  it  was  i lear  at  the  tune  of  that  paper,  althouglit  we  couldn’t 
continue  discussion,  that  one  has  to  consider  what  one’s  definition  of  bursting  is  It  may  simply  be  a confusion  in  terms 
here  Many  of  us  regard  bursting  as  the  situation  when  the  axial  flow  component  of  velocity  in  the  vortex  in  fact  goes  to 
zero  or  reverses  at  any  point  in  the  vortex  What  is  observed  by  Mr  Hale  with  his  bubble  machine,  if  you  will,  is  a very 
sudden  and  large  increase  m apparent  diameter  of  this  vortical  flow  field.  I am  not  sure  whether  we  can  see  with  the 
bubbles,  that  there  is  in  fact  axially  reversed  flow.  Certainly,  with  me  bubbles  you  mil  see  large-scale  turbulence  but 
what  this  means  in  terms  of  the  mean  flow  m the  vortex  is  quite  another  matter  One's  eyes  can  in  fact  get  one  in  trouble 
in  situations  like  this  with  flow  visualization. 


Mr  Dixon.  I would  like  to  add  a comment  to  that  Within  the  last  year  we  have  conducted  tests  at  Lockheed  Georgia 
Company  with  a canard  configuration  with  spanwisc  blowing  on  the  canard  We  know  very  well  that  the  canard  does  not 
have  the  vortex  bursting,  and  we  hav  ■ gotten  very  favoiable  interaction  results.  This  is  a ' ery  large-scale  test  that  we 
conducted.  They  are  there  end  I wanted  to  make  that  comment 


Prof.  Young.  It  struck  me,  as  has  been  mentioned  earlier,  that  in  the  use  of  the  word  bursting  there  may  be  a degree  of 
c infusion  between  whit  different  people  mean.  When  we  talk  of  bursting  of  a v/mg-tip  vortex,  wj  genrally  have  a picture 
or  a vortex  which  initially  for  quite  a distance  is  apparently  very  stable  and  does  not  diffuse  very  rapidly.  Then  at  some 
stage,  it  begins  to  go  wavy , usually  under  the  influence  of  the  other  vortex,  and  in  the  process,  a marked  instability  of  the 
vortex  as  a whole  develops  and  then  it  blows  up  fairly  suddenly.  However,  it  seems  to  me  that  what  happens  with  regard 
to  vortices  from  canards  and  slender  wings  is  probably  somewhat  different.  I think  tlnu  die  re  is  evidence  to  show  that 
the  typical  wing-tip  vortex  is  basically  not  turbulent,  even  though  it  may  spring  from  a flow  winch  is  initially  turbulent, 
fhe  turbulence  is  very  rapidly  damped  out  m the  strongly  swirling  flow  inside  the  vortex.  The  diffusion  of  the  vortex 
as  a whole  is  more  nearly  that  of  a laminar  flow  than  a turbulem  flow.  If  you  calculate  the  late  of  diffusion  as  Squire 
did  many  years  jgo,  you  find  that  it  is  in  practice  an  order  of  magnitude  less  than  anything  you  might  predict  if  you 
assume  that  turbulent  diffusion  is  taking  place.  So  evidence  suggests  that  the  final  instability  process  is  then  essentially 
of  the  vortex  distorting  and  interacting  with  itself  or  with  the  other  vortex.  On  the  other  hand,  the  kind  of  vortex  flow 
fiom  a canard,  strake  01  junction  passing  over  a wing  that  we  were  talking  about  yesterday , could  well  be  one  where  the 
vortex  is  being  continuously  fed  with  turbulent  flow  from  the  wing  surface,  because  it  is  passing  over  the  wing  surface, 
and  it  is  fed  with  flow  from  the  edge  where  it  originated.  This  continual  injection  of  turbulent  flow  into  the  vortex 
causes  it  to  diffuse  much  more  rapidly  than  it  would  otherwise  do.  It  does  not  really  burst,  it  just  spreads  a lot  more 
rapidly  than  in  the  case  of  the  wing  tip  vortex,  i would  guess  that  it  can  then  preserve  some  kind  of  dentitv  for  quite  a 
long  way  behind  the  wing,  onee  it  survives  in  a clear  fashion  back  to  the  trailing  edge. 


Mr  White:  In  answer  to  the  direct  question  that  you  raised,  Mr  Bore,  even  if  the  vortex  is  burst,  it  does  in  fact  still 
organize  the  flow  over  the  surface  of  the  wing.  Leaving  aside  for  the  moment  the  aspect  of  whether  the  vortex  bursts  or 
does  not  burst,  the  primary  effect  of  the  canard  vortex  on  the  flow  field  on  the  main  wing  is  that  of  its  induced  effect. 

If  one  considers  the  relative  locations  of  the  canard  vortex  to  the  mam  wing,  it  is  probably  at  a distance  gre  'ter  than  the 
core  diameter  of  the  vortex,  regardless  of  core  size.  In  that  type  of  a condition,  the  induced  effect  of  the  canard  vortex 
on  the  mam  wing  is  controlled  by  the  Biot-Savart  law.  If  we  assume  that  the  canard  vortex  itself  conserves  vorticity  for 
the  time  period  we  are  talking  about,  then  whether  or  not  the  vortex  is  “burst”  or  not  “burst”,  it  will  have  the  same 
induced  effect  on  the  flow  field  of  the  main  wing,  which  would  tend  to  organize  it  the  same  way  whether  it  was  a small 
core  diameter  or  a large  core  diameter. 


Prof.  Hummel:  I would  like  to  point  out  that  there  exist  a lot  of  experimental  investigations  on  the  physics  of  vortex 
bursting.  I agree  with  Prof  Young  that  the  vortex  sheet  rolling  up  from  the  leading-edge  is  not  significantly  disturbed  by 
vortex  bursting.  The  vortex  sheet  exists  also  downstream  of  the  vortex  bursting  position.  The  abrupt  changes  of  the  flow 
field  take  place  at  the  center  of  the  vortex  core  which  is  the  region  within  the  rolled  up  vortex  sheet  The  retardation  of 
the  flow  starts  at  the  vortex  axis  and  spreads  downstream  over  the  whole  vortex  core  within  the  conical  vortex  sheet. 


Mr  Benepe:  Several  years  ago  there  was  published  in  Great  Britain,  a series  of  visual  flow  studies  on  some  waverider 
wings  which  had  slightly  rounded  pianforms.  I have  forgotten  the  particular  name  that  was  given  to  the  planforms,  but 
one  of  them  had  a very  peculiar  characteristic  with  regard  to  the  formation  of  the  vortex.  It  was  a turbulent  vortex 
almost  immediately  from  the  apex,  which  turned  out  to  be  very  stable  and  provided  very  large  components  of  vortex 
lift.  Apparently  the  phenomenon  was  similar  to  what  is  being  seen  on  the  canard  of  the  particular  configuration  we  are 
talking  about.  Whether  or  not  a burst  vortex  exists  in  the  sense  of  the  mathematics  of  the  problem,  or  whether  or  not 
a burst  turbulent  vortex  exists  in  the  sense  of  the  physics  as  to  what  happens  downstream,  this  turbulent  vortex  may  be 
as  usefui  or  perhaps  more  useful  and  more  stable  than  is  the  usual  leading  edge  vortex. 


Mr  Kloos:  I would  like  to  confnm  a few  points  of  view  expressed  here.  We  at  Saab-Scania  have  observed,  that,  before 
a real  vortex  burst  occurs,  there  is  a thickening  of  the  core.  We  have,  in  instances  where  the  canard  was  some  distance 
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froir  the  main  wing,  observ-.  d the  fact  that  a thickening  of  the  core  over  or  behind  the  canard  can  occur  When  the 
vortex  enters  the  iow  pressure  field  over  the  main  wing,  tile  core  thins  out  again  and  the  vortex  remains  stable.  We 
consider  therefore  at  Saab-Scania  the  term  “vortex  burst"  somewhat  misleading  because  it  isn't  something  that  happens 
all  of  a sudden  on  a well  oiganized  vortex,  but  things  are  happening  in  the  core  as  Prof.  Hummel  also  says,  i.c  . it  thickens 
and  vou  can  in  certain  cases  halt  this  process. 


Prof.  Hununel.  Some  early  experiments  have  shown  that  a pressure  rise  along  the  vortex  core  creates  vortex  bursting 
whereas  a pre  .sure  drop  avoids  vortex  bursting.  The  same  result  has  been  found  by  Mr  Kloos  on  canard  configurations 

Finally.  I would  like  to  express,  that  the  bursting  phenomenon  occurring  in  the  center  of  a vortex  seems  to  me  to 
be  the  link  b-tween  a three-dimensional  type  flow  separation  with  a certain  preferred  flow  direction  in  the  separated 
region  and  .1  two-dimensional  type  flow  separation  in  which  no  flow  direction  is  preferred  In  the  vortex  flow  over  a 
slender  delta  wing  a regular  three-dimensional  separation  takes  place  upstream  of  the  burst  position  and  downstream  of 
it  the  character  of  the  flow  turns  over  to  a two-dimensional  type  flow  separation 


Mr  Bore.  What  we  have  concluded  is  that  we  have  now  got  the  makings  of  a strong  attack  on  calculating  „nd  measuring 
the  important  flow  field  effects  of  vortices.  We  will  move  on  now  to  Session  3,  which  v/ill  be  introduced  by  Dr  Zonars. 


Dr  Zonars.  Session  3 was  very  informative  and  timely  in  that  it  enabled  us  to  link  the  fluid  dynamicist’s  work  with  air- 
e.*jrt  fiying  today.  The  theories  appear  to  be  advancing  with  deliberate  speed  and  commensurate  with  man’s  abilities  to 
properly  assume  the  correct  parameters  and  solve  the  associated  equations  of  motion.  We  have  seen  this  trend  in  the  well 
established  theories  of  Drs  Pandolphi,  Thiede,  Headman  and  Gregorio.  It  is  evident  that  the  development  of  vortical 
theories  is  dominating  the  scene  because  of  the  very  powerful  lifting  mechanism  involved  In  the  excellent  paper  given  by 
Mrs  Manro.  1 detected  a vortex  bursting  or  instability  at  the  trailing  edge  at  1 2°  angle-ol . ua«.k.  This  problem  needs  to 
be  addressed  in  terms  of  the  stability  parameters  that  provide  a continuation  of  the  lift.  (.  ur  experiences  with  the  vortex 
de  elnpment  and  its  instabilities,  both  from  wind  tunnel  tests  and  confirming  flight  tests,  have  indicated  that  airplanes, 
paiti^ularly  the  highly  maneuvering  types,  do  have  siaeshp.  Nevertheless,  if  an  aircraft  with  a swept  wing  is  flying  at  a 
sideslip  angle,  we  find  that  the  vortex  from  the  forward  wing  will  break  down  first,  wh-Tcas  the  highly  swept  trailing 
wing  will  have  a longer  lived  vortex  stability  We  have  seen  these  vortices  burst  when  the  wing  was  into  the  stream  (a 
lower  sweep  characteristic)  and  cause  a traumatic  maneuver.  The  air  literally  engulfed  and  went  over  the  top  of  the 
vertical  tail,  destroying  the  directional  stability.  There  have  been  endless  problems,  confirmed  by  both  ground  and  flight 
tests,  in  trying  to  direct  the  aircraft  as  the  pilot  intends.  1 also  wart  to  commend  Miss  Landium  for  her  outstanding 
paper.  It  was  an  honest  assessment  of  our  abilities  to  calculate  the  flow  fields  and  the  loadings  If  structural  designers 
were  present,  they  would  feel  a bit  appjdiensivc  about  our  ability  to  compute  the  compressive  side  of  the  flow  field. 

These,  techniques  can  be  improved,  however,  and  Miss  Landrum  indicated  logical  ways  in  which  the  improvements  could 
be  undertaken.  The  experimental  data  and  the  theories  we  have  seen  during  this  session  (from  a user  standpoint  and  from 
our  involvement  with  the  flight  article  itself)  indicate  a great  disparity  betw.  an  what  we  have  to  work  with  and  what  we 
are  experiencing  in  flight.  We  see  a lot  of  high  angle-of-attack  data  both  from  a purposely  deflected  control  surface  stand- 
point where  the  pilot  is  maneuvering  and  from  other  unknown  sources.  We  have  seen  asymmetrical  forces,  both  in  the 
rolling  arid  the  yawing  motions,  which  have  a tendency  under  ccitain  conditions  to  transfer  the  moments  to  the  pitch 
axis.  It  merely  indicates  that  today  we  have  a serious  lack  of  theory  regarding  the  dynamics  ot  motion  with  regard  to 
the  aircraft.  We  have  seen  eases,  such  as  described  in  Mr  Bcnepc’s  paper,  where  a dynamic  increase  in  lift  can  result  from 
the  motion  involved.  We  have  also  seen  cases  where  the  pilot  has  pulled  up  directly,  wings  level,  at  a very  slight  rate  of 
increase  (approximately  3°  per  second;,  anu  reached  a high  angle-of-attack.  Because  the  asymmetrical  forces  were  such 
that  the  yawing  moment  was  to  the  left  and  the  rolling  moment  to  the  right  (even  though  in  a wings  level  maneuver), 
the  aircraft  would  lose  energy,  fall  through  straight,  and  recover.  When  the  rate  was  increased  to  8 or  9°  per  second,  the 
story  changed  drastically  to  a very  strong  departure  (nose  slice).  The  aircraft  subsequently  went  into  a spin,  and  then 
had  to  be  recovered.  There  are  cases  where  this  dynamic  condition  occurred  at  an  angle-of-attack  less  than  the  one 
which  we  have  observed  in  slow  motion.  We  must  not  lull  ourselves  into  a false  sense  of  security,  feeling  that,  because 
we  do  the  maneuver  faster,  we  are  going  to  be  safer.  There  are  dynamics  (time  dependencies  associated  with  the  develop- 
ment of  the  flow  field)  that  differ  from  side-to-side  on  an  aircraft.  These  dynamics  are  presently  unknown  and  are 
causing  difficulties.  What  wc  currently  need  are  parametric  studies  between  the  theoreticians  and  the  experimentalists 
to  help  describe  the  sensitivities  of  the  influencing  factors,  such  as  the  configuration,  the  strakes  proposed  on  highly 
maneuvering  aircraft,  sweep,  aspect  ratio,  leading  edge  biuntness,  sharpness,  and  the  moments  of  inertia  of  the  aircraft 
Besides  needing  this  type  of  data  to  assess  the  flight  characteristics,  we  must  have  an  active  means  (such  as  over-the-wing 
blowing)  by  which  wc  can  recover  the  aircraft  from  such  awkward  positions.  The  canard  system  also  appears  to  be 
attractive  once  we  can  power  it  to  play  an  active  role  in  recovery.  We  have  seen  engines  continue  to  run  at  90°  angle-of- 
attack.  Perhaps  we  can  harness  that  type  of  system  to  help  u>  recover  when  the  dynamic  pressure  has  gone  to  zero. 

One  particular  area  that  we  need  to  develop  (*»$  referred  to  by  D Levinsky)  is  dynamic  methods  by  which  we  can  assess 
the  high  angle-of-attack  dynamic  flight  mcd«  V have  a good  background  from  the  standpoint  of  the  high  pitch  rates 
obtained  in  our  hypersonic  shock  tunnels  7:..s  tn  thod  of  assessing  model  angle-of-attack  at  a very  rapid  rate  needs  to 
be  developed  so  that  we  can,  in  turn,  assess  e r -’•aihetrics  involved.  We  must  discover  what  these  limiting  maneuvering 
attitudes  are  as  a function  of  configuration  <iiH  of  course,  develop  the  methodology  that  accompanies  it.  The  problem 
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is  so  complex  .it  this  time  th.it  probably  the  experimenta!  techniques  will  dominate  and  suggest  guidelines  as  to  how  we 
develop  the  thcotics. 


Dr  Memsch  You  really  outlined  a lot  of  work  1 want  to  make  a comment  about  one  of  the  first  things  that  you  said, 
i e . that  you  noticed  that  vortex  bursting  was  accelerated  on  the  windward  fin  when  t was  sideslipping  and  delayed  on 
the  leeward  fill  I think  that  ean  be  explained  in  terms  of  a wing  that  is  not  sideslipping,  if  you  think  about  the  leading 
edge  sweep  The  windward  fin  has  now  got  a lower  leading  edge  sweep,  and  therefore,  a lower  strength  vortex. 


Dr  Zonars:  That  is  absolutely  correct 


Dr  Hemsch  1 noticed  this  very  recently,  when  I was  writing  up  a final  report  on  missile  aerodynamics.  I found  that  if 
1 took  two  opposing  fins  at  a particular  angle  of  attack  with  roll,  so  that  one  was  a windward  fin  and  one  was  a leeward 
f.n.  that  i would  have  exactly  the  same  situation  that  you  arc  discussing  I also  found  something  that  was  very  interesting 
with  respect  to  the  external  vortex  coining  back  over  the  wing  and  organi/.ing  the  flow  in  a situation  for  which  die  fins 
should  have  been  stalled  (the  Much  number  was  subsonic)  I found  that  the  fuselage  vortices,  or  body  vortices,  appeared 
to  be  organizing  tile  flow,  even  though  the  body  vortices  on  a missile  are  very  large,  and  I was  getting  25  to  .15  percent 
greater  lift  on  the  fins  than  I could  have  gotten  from  a wing-alone  vtirve.  1 thought  that  was  very  interesting  and  closely 
coupled,  no  pun  intended,  with  the  strake-wing  type  of  configuration. 

Dr  Zonars:  This  type  of  flow  is  a very  complex  phenomenon,  particularly  when  body  characteristics  dominate  the 
departure  characteristics  We  have  found  from  model  tests  in  the  Langley  Research  Facility  that  a large  variety  of  wings 
could  be  installed  without  changing  the  departure  characteristics  The  flow  is  a function  of  body  parameters  and  how 
they  are  integrated  with  the  strake  system.  For  that  reason.  I would  encourage  Mr  Atraghji  to  investigate  simple 
geometries  of  a body  of  revolution  to  determine  the  interrelation  between  tune  dependent  effects  and  pitch  rates  We 
note  that  the  same  type  of  asymmetries  are  applicable  to  missiles. 


Dr  Hemsch.  I mentioned  an  ONR  contract  As  part  of  the  work  for  ONR  we  are  now  looking  into  voitex  shedding  from 
iioncireuiur  slender  bodies  under  conditions  of  sideslip  and  angle  of  attack.  I think  that  this  work  is  going  to  shed  a great 
deal  of  light  on  the  phenomena  you  are  talking  about 


Prof.  Hummel.  I am  wondering  about  Dr  Zonars  comment  on  wings  with  angle  of  sideslip  and  with  vortex  bursting 
Dr  Redeker  and  1 have  published  a paper  in  1967  in  which  we  have  investigated  the  unsymmetncal  vortex  bursting  and 
the  corresponding  effects  on  the  rolling  moment  of  wings  having  different  aspect  ratios.  In  this  paper  you  will  find 
dugrams  in  which  the  sme  combinations  of  incidence  and  sideslip  are  indicated  and  m which  the  sudden  changes  of  aero- 
dynamic characteristic  s due  to  an  unsyinmetrical  burst  condition  are  shown.  I will  give  you  the  reference  * 


Dr  Zonars.  I appreciate  your  comments.  I would  also  like  to  mention  that  we  have  taken  much  wind  tunnel  test  data 
and  the  associated  dynamic  derivatives  that  are  needed  for  asses ang  them  on  simulators  We  were  unable  to  duplicate  the 
departure  characteristics  in  our  simulator,  however,  even  though  we  used  input  data  from  both  ground  and  flight  tests  and 
had  pilots  in  the  ioop.  We  were  only  able  to  repeat  these  eharacteristics  in  flight  in  a few  isolated  eases. 


Dr  Ericsson.  I would  like  to  amplify  what  Dr  Zo..ars  said  in  the  introduction,  i e.,  the  dynamic  effect  on  the  vortex  and 
the  vortex  hurst.  In  work  that  was  done  in  Britain,  it  was  shown  that  on  the  gothic  wing  where  tile  leading  edge  sweep 
increases  towards  the  trailing  edge,  /ortex  burst  is  delayed.  There  is  also  more  vortex-induced  load  on  the  rear  hall  of 
the  wing  than  for  a delta  wing  This  is  because  changes  in  the  “tightness”  of  the  vortex  shedding  are  delayed  also  The 
quasi-steady  equivalent  to  this  increase  of  L.h.  sweep  towards  the  T F is  the  “downwind”  side  of  a yawing  delta  wing 
The  yaw  rate  will  increase  the  effective  sweep  of  the  backward  moving  wing-half  and  decrease  it  on  the  forward  moving 
half.  This  affects  the  location  of  hurst  (and  also  the  vortex  induced  loads  on  'he  ; /.<>  wing  halfs)  with  associated  large 
effects  on  the  lateral  stability,  in  regard  to  the  stability  m pifih  it  he.,  been  she-  vu  by  Lcrnbourne  that  if  one  cambers 
the  delta  wing,  i.e.,  increase , the  local  angle  of  attack  towards  the  trailing  edge,  the  voi  tex  burst  is  delayed  On  the  other 
hand,  if  one  bends  the  apex  up,  i.e.,  gives  the  delta  wing  negative  camber,  the  vortex  burst  is  promoted  and  occurs  very 
early,  near  tile  apex.  This  is  the  quasi-steady  equivalent  to  a pitching  wing.  One  ean,  of  course,  expect  especially 
dramatic  effects  v.  hen  considering  the  dynamic  cross-coupling  between  yaw.  pitch,  and  roil  degrees  of  freedom,  as  has 
been  pointed  out  by  Orlik-Ruckcinann. 


* D.HuimncI,  G.Rcdcker.  "Ubet  den  Linfiuss  dcs  Aufplatzens  dcr  Wirbel  auf  die  acrodynainisclicn  Beiwcrtc  von  Dcltafliigcln  nut  klemcm 
Oitcnvcrh&ltnis  bcim  Schiebeflug.  Jahrbuch  1967  dcr  WG1  R,  232-240. 


RTD-7 


Mr  Bobbitt.  Because  of  the  limited  time  available  for  the  paper  of  M.L.Manro  dealing  with  the  arrow  wings,  die  didn’t 
go  into  the  loads  data  for  control  surfaces,  particularly  trailing  edge  control  surfaces  There  were  several  phenomena 
observed  that  are  worth  bringing  to  your  attention,  because  they  have  been  largely  ignored  here  m the  other  presenta- 
tions. One  was  the  lack  of  effectiveness  of  the  outboard  control  surface  underneath  the  leading  edge  vortex  The  other 
was  the  inboard  control  surface,  which  was  generally  effective,  but  did  have  the  type  of  separation  in  the  vicinity  of  the 
lunge  line  tb  '.  one  sees  on  eontrol  surfaces  for  wings  of  moderate  sweep  We  tried  in  the  course  of  the  study  to  make  a 
prediction  of  the  separated-flow  effect  but  u was  not  very  successful.  There  was  a paper  given  earlier  by  Mr  Thiedc  who 
mentioned  in  presenting  Ins  technique  for  calculating  separated  flows  the  possible  application  of  his  me. hod  to  separation 
at  control  surface  hinges.  I think  both  ot  these  problem  areas  are  in  really  shabby  shape  in  terms  of  being  able  to  predict 
the  control  effectiveness.  We  really  need  to  do  a lot  of  work  to  obtain  reliable  predictive  technique  . 


Dr  Zonars.  In  the  case  discussed  by  M.E.Manro,  1 detected  the  burst  or  at  least  the  beginning  of  an  instability  at  the 
trailing  edge  We  have  seen  surface  pressure  distributions  very  similar  to  what  she  outlined.  I would  strongly  recommend 
to  her  that  a trail  of  smoke  be  put  into  the  vortex,  if  resources  permit.  This  approach  provides  a very  dramatic  means 
by  which  one  may  observe  what  is  happemng.  At  low  angle-of-attack,  the  vortex  looks  just  like  a thread  As  the  angle- 
of-attack  increases,  it  opens  up  and  becomes  very  large,  ft  would  also  be  very  appropriate  to  observe  the  instability 
further  downstream  or  in  the  trailing  edge  region  usiiig  the  smoke  trace  method. 


Major  Lang.  I was  especially  intrigued  by  some  rental ks  by  Mr  Atraghji  on  the  high  angle  of  attack,  asymmetrical  vortex 
shedding,  and  Ins  mention  of  the  fact  that  very  small  protruberances  play  an  important  part  I would  like  to  generalize 
and  talk  about  the  leading  edge  vortex  phenomenon  on  airplane  wings.  We  all  know  the  importance  of  spanwise  blowing 
and  the  shape  of  the  leading  edge.  It  seems  to  me  we  are  on  a threshold,  with  the  potential,  that  by  use  of  very  small 
control  surfaces  (perhaps  canard  type)  or  spanwise  blowing,  that  could  be  automated,  we  arc  maybe  capable  of  con- 
trolling a lot  of  these  phenomena  that  induce  high  loads  and  cause  things  like  nose  slice,  wing  rock,  departure,  etc  This 
also  appears  related  to  dynamic  stall.  I think  the  threshold  is  a very  important  one.  I speak  in  terms  of  the  possibility 
that,  in  the  future,  wo  can  have  airplanes  that  manoeuvre  readily  in  what  we  now  consider  that  dark,  forbiddmg  area  of 
stall.  This  has  great  payoff  and  potential,  and  1 think  we  have  scratched  the  surface  recently  and  should  continue  to  dig 
for  the  answers. 


Mr  Atraghji:  I wou.d  like  to  add  briefly  to  the  last  remark  by  Major  Lang.  I have  often  read,  in  various  newspaper 
articles  on  captured  Soviet  aircraft,  that  your  adversaries  planes  are  "dirty".  Dirty  in  the  sense  that  the  surface  finish  is 
rough,  rivet  heads  are  left  showing,  skin  panels  are  overlapping,  etc. ...  a practice  which,  on  this  side,  would  be  consi- 
dered as  a sloppy  design. 

Howe  'er,  in  watching  the  Soviets  play  hockey  I get  a different  impression.  Far  from  being  sloppy,  one  realizes  very 
early  on  in  the  game,  from  the  moves  made  by  their  various  players,  that  they  are  invariably  deliberate  Because  I have 
a tendency  to  judge  a nation’s  characteristics  by  the  manner  in  which  its  sportsmen  and  sportswomen  conduct  themselves, 
and  the  Russians  arc  no  exception,  1 suspect  that  their  deliberate  approach  in  hockey  is  being  applied  in  other  walks  of 
life  also,  like  engineering,  design  and  manufacture.  1 am  wondering,  therefore,  if  those  dirty  protruberances  are  in  fact 
intentional. 

Those  who  are  sports  minded  among  you  would  know  that  Team  Canada  is  beginning  to  win  more  often  in  matches 
against  the  Russians  not  because  we  are  playing  better  hockey  now  than  they  used  to,  but  because  the  Canadians  have 
learned  to  prevent  the  Soviets  from  organizing  into  a strategy  before  it  becomes  too  powerful  to  overcome. 

Have  the  Russians  already  discovered  that  such  seemingly  parasitic  protruberances  do  in  fact  have  their  usefulness? 
Namely,  in  disrupting  the  organized  vortex  pattern  1 talked  about  earlier  in  my  paper,  when  the  effects  on  other  parts 
of  the  structure  of  the  aircraft  from  such  a pattern  become  detrimental. 

Of  course,  I cannot  speak  with  certainty  on  this  matter,  since  the  available  information  is  rather  limited  I merely 
wish  to  make  the  plea  that  this  alternative  explanation  to  a ‘dirty’  aircraft  be  given  some  consideration  instead  of  simply 
dismissing  the  product  as  yet  another  example  of  poor  design  by  the  other  side. 


Mr  Bore:  I think  that  we  must  move  on  from  that  topic,  although  I am  afraid  the  discussion  centered  very  largely  on  the 
first  three-quarters  of  that  session.  Has  anyone  got  comments  on  the  interesting  mathematical  paper  from  Dr  Medan  on 
aerodynamic  loads  near  cranks  and  apexes?  We  had  a compliment  on  that  from  Mr  Slooff.  Is  there  any  more  to  add  on 
that?  That  stands  as  one  complimented  paper.  There  was  one  more,  a brave  vortex  lattice  approach  for  computing 
overall  forces;  this  time,  getting  around  to  including  jet  efflux  effects  from  Luechi  and  Schmidt.  Any  comments  on 
that?  As  there  are  none  we  will  move  on  to  Session  4.  Dr  McCroskey  chaired  part  of  that. 


Dr  McLroskcy:  1 can  t make  many  comments  on  the  ones  of  yesterday  afternoon,  as  1 was  occupied  elsewhere.  But  this 
morning,  we  have  seen  a presentation  on  some  semi-empirical  modelling  of  dynamic  stall,  a paper  addressing  the  hysteresis 


RTD-8 


t 


ol  the  lift  and  moment  curves  on  airfoils  and  wings  going  into  stall  and  back  out  again,  the  oseiPatmg  spoiler,  and  finally 
the  leading  edge  bubble  on  a cowl.  There  is  a eeilain  eommonality  m these  problems  In  a more  general  sense  there  is 
also  a commonality  with  the  problems  diseased  yesterday,  since  the  fluctuating  loads  veiy  often  involve  separated  flows 
Most  of  the  papers  this  morning  dealt  in  some  sense  with  separated  regions  that  ean  be  considered  bubbles,  that  is,  with 
frce-shcar  layers  which  may  or  may  not  reattach  The  reattachment  characteristics  of  this  separating  /.one  are  as  impor- 
tant. if  not  more  so.  than  the  initial  separation,  and  certainly  the  reattaehment  is  very  difficult  to  predict 

For  the  leading  edge  bubble,  whether  it  is  on  an  oscillating  airfoil  or  wing,  whether  it  is  the  mechanism  for  the 
abrupt  leading  edge  stall  that  gives  the  large  amount  of  hysteresis  that  was  shown  in  Dr  Levuiski’s  paper,  or  whether  it 
occurs  on  a cowl,  it  is  not  very  difficult  to  predict  where  the  bubble  starts  Usually  the  flow  is  laminar  at  that  point 
Then  the  How  undergoes  some  sort  of  transition,  and  the  real  trick  is  to  model  semi-empirically  or  make  any  sensible 
calculations  of  how  this  turbulent  free-siiear  layer  will  reattach  This  remains  virtually  an  unsolved  problem,  even  in 
incompressible  flow.  I do  not  believe  that  compressibility  effects  are  very  important  n the  viscous  flow,  but  the  potential 
flow  field  outside,  which  is  strongly  coupled  with  these  viscous  shear  layirs.  is  highly  susceptible  to  compressibility 
effects.  Therefore,  one  has  to  include  in  any  rational  analysis  some  media  .isin  for  allowing  either  high  subsonic,  tran- 
sonic. or  supersonic  potential  flow.  There  are  Reynolds  number  effects  as  well 

To  analyze  these  kinds  of  problems,  one  is  going  to  have  to  develop  some  sort  of  viscous-mviseid  interaction  models 
that  take  into  account  turbulent  shear  layers,  and  that  is  a formidable  challenge  1 the  meantime,  we  expect  further 
refinements  along  the  lines  ot  the  semi-empirical  modelling,  which  makes  very  genercs  use  of  wind  tunnel  data  Of 
course,  this  has  been  a good  technique  for  many  years  will  continue  that  way.  but  we  will  need  better  fundamental 
understanding.  I womd  like  to  offer  me  suggestion  that  there  may  be  a role  to  be  played  by  carefully  conducted  and 
i arefully  scrutinized  Naviei-Stokes  solutions  obtained  With  modern  computational  capabilities,  even  though  you  could 
not  expect  to  get  brilliant  engineering  solutions  or  something  that  is  truly  representative  of  the  actual  Reynolds  numbers 
you  want  to  study  These  would  probably  be  only  for  laminar  flows  at  this  point,  or  maybe  with  some  simple  turbulence 
modelling.  One  might  use  such  solutions  as  <•  guide  toward  developing  more  simplified  approximate  analyses  or  to  better 
correlate  the  data  in  the  semi-empirical  methods. 

It  will  be  important  in  the  future  to  make  systematic  studies  of  the  mfli.  .nee  of  compressibil.ty  on  some  of  these 
sepaiated  regions,  such  as  the  leading  edge  bubbles.  When  the  flow  is  incompressible,  we  are  beginning  to  get  a pretty 
good  understanding  of  how  it  develops,  such  as  the  oscillating  airfoil  to  v>  Inch  Dr  Ericsson  was  referring.  But  w!  en  you 
examine  tins  leading  edge  vortex  shedding  phenomenon  at  compressible  Mach  numbers,  as  the  Mach  number  increases, 
there  is  some  tendency  for  the  shock-induced  separation  to  interfere  wit.i  the  vortex  development  But  we  do  not  know 
much  about  that,  what  really  happens,  so  there  is  a need  for  more  detailed  experiments  along  these  lines. 


Mr  Dixon.  I hadn't  noticed  many  comments  about  the  rate  of  vortieity  being  shed  from  the1  leading  edge  which  forms 
this  bubble.  I thuk  it  is  rather  obvious  that  the  leading  edge  vortex  from  a dynamically  stalled  wing,  or  a steady  -state 
vortex  that  is  being  controlled  by  some  means,  that  the  strength  of  the  vortex  is  a function  of  the  rate  of  vortieity  being 
shed  from  the  leading  edge,  which  is  in  turn  a function  of  the  potential  flow  where  the  angle  of  attack  of  a wing  or  airfoil 
at  that  station  and  the  vortex  strength  is  also  a function  of  the  position  it  has  assumed,  so  that  m any  dynamic  flow  it 
appears  this  should  be  taken  into  account.  The  vortieity  shed  is  a function  of  time  and  also  its  position  is  a fund. on  of 
time. 


Prof.  Young.  In  your  remarks,  Dr  MeCroskey,  you  said  that  we  had  practically  no  information  about  the  reattaehment 
process.  I think  that  it  is  true  that  we  haven’t  got  the  whole  story  yet,  but  there  is  some  work  that  has  been  done  on 
this.  There  was  a paper  by  Horton  (ARC  CP  1073)  some  years  ago.  where  he  developed  his  theory  of  the  reattaehment 
process,  which  seemed  to  line  up  pretty  well  with  experiment.  Inevitably,  as  we  are  dealing  with  turbulent  entrainment, 
any  theory  must  be  semi-empirieal.  We  have  yet  to  arrive  at  the  stage  where  we  understand  enough  about  turbulence  to 
be  able  to  have  complete  theories  of  it  But.  the  point  that  might  be  of  interest  here  is  that  as  long  as  the  bubble  is  short 
the  effect  of  sweep  on  bubbles  we  find  is  relatively  small  as  far  as  the  flow  noimal  to  the  bubble  is  concerned.  You  can 
predict  its  characteristics  from  two-dimensional  data  just  considering  the  flow  normal  to  the  bubble,  including  the  condi- 
tion under  which  the  bubble  will  suddenly  become  long  or  burst.  The  main  difference  due  to  sweep,  however,  is  that 
there  is  a very  strong  spanwise  flow  along  the  bubble,  because  a bubble  in  three-dimensions  is  no  longer  a closed  volume 
It  is  entraining  flow  from  the  main  stream,  and  that  flow  must  eventually  go  along  the  bubble.  You  can  get  velocities  of 
flow  in  a bubble  in  the  spanwise  direction  of  the  same  order  as  the  main  stream  velocity.  These  velocities  ean  therefore 
be  high  and  no  doubt  they  account  for  the  considerable  effect  on  the  pressure  distribution  underneath  the  bubble  There 
is  therefore  work  going  on,  but  I agree  that  there  is  a lot  more  work  to  be  done. 


Dr  MeCroskey:  My  choice  of  words  was  probably  not  correct,  as  it  appears  that  I indicated  that  not  much  work  had 
been  done.  I realize  that  there  has  been  Horton’s  work  on  the  bubbles,  there  are  a i.embei  of  other  investigations  that 
have  been  done,  and  still  other  work  is  in  progress.  On  this  question  of  the  bubbles.  1 recently  tried  to  take  all  the  analyses 
that  are  available  in  the  literature  and  apply  them  systematically  to  the  same  prob  .•  5.  I got  quite  a wide  range  of  results, 
even  though  each  method  had  orginally  compared  favorably  with  some  limited  set  of  experimental  data.  1 think  the 
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methods  are  hotter  m agreement  for  the  relatively  uninteresting  ease  of  when  the  reattachment  occurs,  than  in  the  more 
significant  ease  of  when  it  fails  to  occur,  that  is  to  say,  nubble  bursting  When  I considered  several  two-dimensional 
airfoils  that  arc  supposed  to  stall  by  the  mechanism  of  leading  edge  bubble  bursting,  I found  little  correlation  belv  eon  the 
predictions  of  bubble-bursting  incidence  as  a function  of  Reynolds  number  an  1 the  experimentally-observed  s»  illing 
angles.  Also,  there  was  a very  wide  discrepancy  among  the  different  predictions  A lot  of  work  has  been  done  and  we 
understand  many  of  the  general  features  of  the  leading  edge  bubbles  But  quantitatively,  it  really  remains  an  unsolved 
problem. even  in  two-dimensions  for  incompressible  flow. 


Mr  Bcnepc:  With  regard  to  the  effect  of  compressibility  on  the  leading  edge  spilled  vortex  phenomenon,  I recently  had 
oceassion  to  go  back  and  look  at  data  on  blast  wave  effects,  and  it  is  interesting  to  observe.  fi'.un  the  limited  amount  of 
data  that  does  exirt  that  there  >■.,  an  apparent  compressibility  effect  in  which  the  spilling  of  the  leading  edge  vortex  is 
indeed  very  much  disturbed  by  the  presence  of  a shock  wave  on  an  airfoil.  The  \ cry  I igh  pressure  rise  obtained  at  sub- 
cnlicai  speeds  disappears.  1 suspect  that  we  will  find  that  to  be  true  for  the  cases  that  you  people  have  been  looking  at 


Mr  McKeeney:  We  he-'"  p-nn-uiar  interest  in  the-  assessment  of  the  unsteady  Row  on  aircraft  motion,  particularly  the 
wing  rock.  I have  a question  for  the  audience  here,  and  that  is,  could  anyone  identify  areas  in  the  unsteady  dynamic 
Row  areas  where  full-scale  flight  tests  might  be  of  benefit,  something  we  can  look  at? 


Mr  Bore:  In  the  UK  some  work  is  being  considered  on  both  wind  tunnel  model  and  flight  work  in  the  wing  rock,  i c , 
the  low  incidence  wing  rock,  and  also  into  the  high  incidence  almost  fully  stalled  wing  rock  situation  which  arises  as  a 
sort  of  dutch-roll  coupling  phenomenon.  1 would  doubt  that  the  UK  will  cover  the  whole  field,  and  some  American 
contributions  in  that  same  field  would  be  welcome. 


Mr  Coe:  In  connection  with  tile  wing  rock  phenomenon  at  Ames  Research  Center,  we  have  recently  completed  wind 
tunnel  tests  of  a fighter-type  eonfiguiation  that  was  mounted  on  a sting  with  bearings  so  it  could  roll  freely  with  only 
tiie  restraint  of  a torsion  bar  spring  which  passed  through  the  center  of  the  sting  A variable  damper  was  also  installed  in 
the  system  to  guard  against  a diverging  oscillation.  There  were  pressure  transducers  installed  on  the  model  that  will 
allow  us  to  make  sort"  deduction  of  the  motion  dependence  of  the  local  pressures  associated  with  the  problem  of  wing 
roc/c.  The  configuration  was  selected  because  some  flight  data  are  available  which  will  allow  correlations  to  be  made 
between  th>-  wind  tunnel  and  flight  data  in  the  future.  It  is  premature  to  say  anything  of  tie-  results  of  the  investigation, 
other  than  that  the  model  did  oscillate  freely,  both  at  intermediate  and  at  very  high  angles  of  attack.  These  tests  were 
just  recently  completed  and  tl  e-e  data  are  new  being  analyzed.  Hopefully,  in  the  near  future,  the  results  wifi  yield 
useful  information  on  the  problem  of  wing  rock. 


Mr  Bore:  Now  we  will  move  on  to  the  remaining  half  of  Session  4.  The  session  chairman  is  not  with  us  That  contained 
one  naper  by  Mr  Benepe  on  a whole  range  of  aircraft  manoeuvres  and  dynamic  phenomena,  which  reallv  we  have  been 
discussing  in  relation  to  the  other  topics  to  a good  extent.  Also,  there  were  three  papers  on  different  approaches  to 
buffet  prediction.  One  of  these  used  conventional  wind  tunnel  models  in  order  to  correct  the  wind  tunnel  behaviour  to 
flight  behavior,  and  it  looked  quite  promising.  Another  one  was  a computational  method  and  the  third  even  more 
mathematical.  One  might  remark,  that  as  far  as  fighters  arc  concerned,  it  isn’t  buffet  onset  that  is  usually  the  worry,,  it 
is  usually  the  prediction  of  moderate  or  even  severe  buffet.- which  is  much  more  to  the  point  as  an  aircraft  limitation. 
From  this  point  ot  view  then,  essentially  any  computational  method  has  to  include  some  account  of  the  separated  flow 
regime.  This  was  attempted  in  the  Redeker  and  Proksch  method,  it  is  a welcome  attempt.  Any  comments  from  the 
audience  on  those? 


Mr  Benepe:  1 would  like  to  remark  on  buffet  predictions.  1 have  been  involved  with  many  approaches,  from  very  simple- 
minded  ones  which  were  similar  to  Mr  Bore’s  first  attempts  1 2 or  14  years  ago,  to  very  complicated  ones  where  we  arc- 
trying  to  predict  what  will  occur  over  the  entire  structure.  As  far  as  a project  is  concerned,  it  is  not  a matter  ot  predicting 
how  much  buffet  intensity  is  going  to  occur,  but  whether  or  not  you  can  get  rid  of  it.  The  real  aim  that  we  have  is  to 
determine  what  the  physics  of  the  phenomena  are,  not  necessarily  to  compute  a solution,  but  to  minimize  the  problem. 
We  have  accomplished  that  goal  for  a specific  configuration.  1 would  not  generalize  and  say  that  the  approach  is  going 
to  work  for  all  configurations,  because  I am  sure  tnat  won’t  hap-ven.  The  approach  that  Mr  Butler  is  taking  looks  very 
fruitful.  Computationally  you  can  estimate  what  the  mode!  is  going  to  do  ahead  of  time  in  terms  of  its  vibration  modes. 
If  you  know  enough  about  the  airplane  structural  arrangement  at  that  point  in  time,  then  you  ought  to  be  able  to 
estimate  what  the  airplane  vibration  modes  are.  If  the  model  doesn’t  vibrate  in  modes  similar  to  those  of  the  airplane, 
then  there  is  no  point  in  taking  the  measurements,  because  you  are  not  going  to  get  anything  significant  You  have  to 
have  dynamic  modelling  <n  that  sense.  I do  not  say  that  you  have  to  have  a completely  dynamically  similar  aeroelastic 
model  in  older  to  get  useful  project  information  We  used  a technique  very  similar  to  that  which  Mr  Butler  is  using,  to 
arrive  at  a configuration  which  was  significantly  better  with  regard  to  buffet  than  all  tile  others  we  had  looked  at.  While 
wc  do  have  a need  to  get  at  the  entire  problem  from  the  standpoint  of  aerodynamic  loadings,  the  fatigue  life  of  the  air- 
plane, etc.,  vve  also  have  another  need,  and  that  is  to  arrive  at  configurations  during  development  which  are  worthwhile 
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Dr  Zonars:  I certainly  want  to  commend  the  authors  of  that  particular  sesstor  on  transient  and  fluctuating  loads  In 
Mr  Benepe's  example.  I am  sure  that  there  was  a lot  of  configuration  iteration  before  the  buffet  characteristics  were 
suppressed  I think  his  paper  was  outstanding  :n  telling  us  what  the  flight  problems  are.  We  must  improve  the  correlation 
of  our  ground  test  and  analysis  methods  in  order  to  be  able  to  predict  what  will  happen  to  an  aircraft  in  maneuvering 
flight.  What  we  desperately  need  is  configuration  sensitive  iterations,  similar  to  Dr  Median's  cranks  and  configuration 
inputs  in  a sense,  it  >s  like  doing  configuration  studies  in  the  same  vein  as  described  in  the  old  NACA  airfoil  series  that 
would  define  sensitivity  for  high  angle-of-attuek.  etc. 


Mr  Bore:  We  have  come  to  the  end  of  our  allotted  time  for  this  round  table  discussion.  It  has  been  filled  with  a great 
deal  of  constructive  comments  '.rom  the  audience,  which  was  exactly  what  it  was  meant  to  do  Looking  back,  it  seems 
to  me  that  we  have  had  a session  that  has  been  very  much  directed  to  the  problems  of  real  aircraft  with  all  their  com- 
lexittes.  all  their  separated  flows.  From  the  point  of  view  of  aircraft  designers,  this  musi  be  regarded  as  a very  relevant 
and  practical  symposium. 

It  is  now  my  lot  to  thank  all  the  people  who  are  concerned  in  bringing  about  this  symposium  and  making  it  work 
As  far  as  the  organization  at  this  end  of  the  chain  of  communications  is  concerned,  the  administrative  tasks  were  shared 
between  Mr  Uoya  Jones  and  Dr  MeCroskey.  As  far  as  I can  see.  the  whole  affair  has  run  on  rails  and  not  quite  the 
early  days  of  BART-type  rails.  Everything  has  moved  extremely  slickly . and  there  have  been  no  slip-ups  whatsoever 
They  can  rest  happy.  Of  course,  there  have  been  the  efforts  of  Mike  Fischer,  the  Fluid  Dynamics  Pane!  Executive  and 
the  Secretary,  Ann  Marie,  who  has  been  looking  aftei  all  manner  of  aspects  of  organization  behind  the  scenes.  Of  course, 
we  must  never  forget  the  other  behind-the-scenes  workers  here,  the  projectionists  and  the  sound  technicians  Not  too 
much  seen  here,  although  1 suppose  a bit  heard,  I have  to  thank  very  much  the  Program  Committee,  who  assisted  me  in 
trying  to  And  authors  for  papers  and  choosing  which  ones  to  have.  They  have  done  a fine  job,  but  of  course  that  fine 
job  would  be  utterly  impossible  without  the  essential  contr'butors.  tns  authors.  As  far  as  I can  see.  they  have  done  some 
really  strong  work.  Finally,  not  least,  the  participants  from  flic  floor  without  whom  the  .vhole  exercise  would  have  been 
quite  pointless.  Thank  you  all  very  much  for  your  attendance  and  your  very  cons'ructive  participation  For  the  final 
remarks,  I would  now  like  to  ask  the  Chairman  of  the  Fluid  Dynamics  Panel,  Mr  J.P  Hartzuiker.  to  wind  up  the  final 
proceedings. 


Mr  Hartzuiker:  1 would  like  to  say  just  a few  words.  Mr  Bore,  in  thanking  everybody  who  cooperated  in  the  success  of 
this  meeting,  more  or  less  deliberately  left  out  one.  person,  i.e..  the  Chairman  of  the  Program  Committee.  Mr  Bore  himself. 
From  my  own  experience,  I know  that,  in  preparing  a meeting  which  is  to  be  successful,  you  have  to  out  in  a lot  of  time 
m preparing  the  call  for  papers,  in  reviewing  the  abstracts,  in  selecting  the  authors  and  guiding  the  whole  meeting  through 
a successful  two  and  o.te-half  days.  I would  like  to  thank  Mr  Bore  for  everything  he  did  to  make  tins  meeting  so  success- 
ful. With  that  I would  like  to  call  this  symposium  closed 
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Interactions;  Calculation,  Quasi-Steady  Loads;  and  Transient  or  Fluctuating  Loads.  Following 
the  last  session,  a Round  Table  Discussion  was  conducted,  led  by  session  Chairmen,  in  which  all 
participants  were  invited  to  comment. 
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external  stores,  and  in  particular  those  loads  that  re-  external  stores,  and  in  particular  those  loads  that  re- 
present difficult  design  and  operating  problems.  Em-  present  difficult  design  and  operating  problems.  Em- 
phasis was  on  theoretical  and  semi-empirical  methods  pliasis  was  on  theoretical  and  semi-empincai  methods 

for  determining  the  level  and  distribution  of  the  ex-  for  determining  the  level  and  distribution  of  the  ex- 
pected loading,  and  on  assessing  and  evaluating  the  peeted  loading,  and  on  assessing  and  evaluating  the 
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